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INTRODUCTION 


This  doc;anent  contains  reproductions  of  technical  papers  on  some 
of  the  most  recent  research  results  on  aircraft  loads,  flutter,  and 
structures  frcm  the  NACA  laboratories.  These  papers  were  presented  by 
members  of  the  staff  of  the  NACA  laboratories  at  the  NACA  Conference 
held  at  the  Langley  Aeronautical  laboratory  ^fe.rch  2-4,  1955-  The 
primary  purpose  of  this  conference  was  to  convey  to  contractors  of 
the  military  services  and  others  concerned  with  the  design  of  aircraft 
these  recent  research  results  and  to  provide  those  attending  an  oppor- 
tiinity  to  discuss  the  resiilts. 

!Die  papers  in  this  doc^Iment  are  in  the  sane  form  in  which  they 
were  presented  at  the  conference  in  order  to  facilitate  their  prcm5)t 
distribution,  ilie  original  presentation  and  this  record  are  considered 
as  ccanplementary  to,  rather  than  as  substitutes  for,  the  Committee's 
more  con^jlete  and  formal  reports.  Accordingly,  if  information  fran 
this  document  is  utilized  it  is  requested  that  this  document  not  be 
listed  as  a reference. 

A list  of  the  conferees  is  included. 
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RECENT  STABILITy  AND  AERODHHAMIC  PROBLEMS  AND  THEIR 
IMPLICATIONS  AS  TO  LOAD  ESTIMATION 


By  Charles  H.  Zimmerman 
Langley  Aeronautical  Laboratory 


SUMMARY 


Certain  trends  in  the  design  of  modem  fighter  aircraft  tend  to 
produce  stability  deficiencies  which  may  result  in  large  inadvertent 
stmctural  loads.  The  deficiencies  becoming  increasingly  important  are: 
(a)  loss  of  directional  stability  at  high  angles  of  attack,  (b)  loss  of 
directional  stability  at  high  Mach  numbers,  and,  probably  most  important, 
(c)  a tendency  to  perform  whirling  divergences  in  angle  of  attack  and/or 
sideslip  from  rolling  maneuvers. 

It  is  emphasized  that  the  aerodynamic  loads  which  will  be  imposed 
on  a modem  fighter  airplane  cannot  be  predicted  without  a careful  and 
complete  study  of  both  its  quasi-static  and  its  dynamic  stability  char- 
ftcteristics,  including  time-history  analyses  of  rolling  maneuvers  using 
five  degrees  of  freedom.  Deficiencies  (a)  and  (b)  are  aerodynamic  and 
can  be  remedied  by  configuration  changes  based  on  wind-tunnel  investi- 
gations. Deficiency  (c)  is  a dynamic  phenomenon  which  requires  a great 
deal  more  study  and  may  impose  limitations  on  rolling  velocities  or 
necessitate  the  use  of  automatic  stabilization  during  rolling  maneuvers. 


INTROroCTION 


Recent  flight  experiences  with  research  and  service  airplanes  have 
emphasized  the  absolute  necessity  for  careful  and  complete  consideration 
of  the  stability  characteristics  when  estimating  loads.  For  example,  as 
shown  in  figure  1,  a research  airplane  went  from  >*at  was  intended  to  be 
a normal  aileron  roll  into  what  the  pilot  referred  to  as  a "hairy"  maneu- 
ver in  which  it  reached  large  angles  of  attack  and  sideslip  and  developed 
normal  accelerations  of  +7g  and  -6.7g  and  a transverse  acceleration  of  2g, 
ill  the  space  of  about  2 seconds.  As  would  be  expected,  a large  num- 
ber of  items  on  the  airplane  were  stressed  to  large  percentages  of  their 
ultimate  loads . 

Some  of  the  stability  deficiencies  which  result  in  advertent  high 
loads  have  been  present  for  some  time.  The  problem  of  pitch-up  has  been 
discussed  previously  and  the  causes  of  pitch-up  and  methods  for  its 
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alleviation  are  well  known  (refs.  1 to  7)*  These  include  use  of  a low 
horizontal  tail,  wing  fences,  drodfed  le'dding-edge  extensions,  and 
leading -edge  slats. 

The  fact  that  poorly  damped  airplanes  suffer  relatively  large 
loadings  in  turhtilent  air  has  heen  discussed  in  various  published  papers 
(refs.  8 to  10).  At  present,  there  are  three  other  types  of  stability 
deficiencies  which  are  assuming  increasing  importance  from  a loads  view- 
point. These  deficiencies  are  as  follows: 

(1)  Loss  of  directional  stability  at  high  angles  of  attack 

(2)  Loss  of  directional  stability  at  high  Mach  numbers 

(3)  Tendency  to  perform  whirling  divergences  from  maneuvers 

involving  high  rolling  velocities. 

These  will  discussed  in  order. 


SYMBOLS 


b 


(^p)req'd 


'RES 


wing  span,  ft 

lift  coefficient 

partial  derivative  of  yawing-moment  coefficient  with 
respect  to  sideslip,  per  radian 

partial  derivative  of  yawing-moment  coefficient  required 
to  avoid  resonance  in  yaw,  per  radian 

partial  derivative  of  yawing-moment  coefficient  corre- 
sponding to  resonance  in  yaw,  per  radian 

p 

moment  of  inertia  atout  X-axis,  slug-ft 

p 

moment  of  inertia  about  Y-axis,  slvig-ft 

p 

moment  of  inertia  about  Z-axis,  slug-ft 


M 


radius  of  gyration  about  Z-axis,  ft 


Mach  number 
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partial  derivative  of  yawing  mcanent  with  respect  to 
sideslip,  ft-lb/radian 

rolling  velocity  for  resonance  in  yaw,  radians/sec 

wing  area,  sq  ft 

flight  velocity,  fps 

weight,  lb 

angle  of  attack,  deg 

angle  of  sideslip,  deg 

density  of  air,  slugs/cu  ft 


DISCUSSION 


Modem  filter  configurations  tend  to  have  large,  long  fuselages 
and  low-aspect-ratio  wings.  They  require  large  angles  of  attack  to 
develop  large  lift  coefficients.  Figure  2 illustrates  a stability  defi- 
ciency idiich  is  likely  to  occiar  with  such  a configuration.  With  the 
original  tail,  the  static  directional  stability  fell  to  zero  well  before 
maximuni  lift  because  of  the  induced  flow  field  of  the  fuselage-wing 
arrangement  at  high  angles  of  attack.  An  airplane  having  such  a loss 
in  directional  stability  will  tend  to  diverge  in  sideslip  with  a resulting 
high  tail  load  if  the  divergence  should  take  place  at  large  values  of 
dynamic  pressure.  This  has  been  demonstrated  by  the  X-5  airplane  and  was 
discussed  in  reference  11.  For  the  configuration  of  figure  2 a larger 
vertical  tail  greatly  increased  the  static  stability  and  correspondingly 
lessened  the  likelihood  of  divergences  in  sideslip. 


The  second  stability  deficiency  arising  from  aerodynamics  which  is 
currently  an  increasing  problem  is  shown  in  figure  5-  This  figure  is  a 
plot  of  some  data  on  the  X-IA  from  the  Langley  9-inch  supersonic  tvmnel 
which  illustrates  a typical  tendency  for  airplanes  to  lose  static  direc- 
tional stability  with  increasing  Mach  number  at  supersonic  speeds.  Vio- 
lent maneuvers  have  been  experienced  with  the  X-IA  airplane  in  this  Mach 
mmiber  range.  This  loss  in  stability  is  due  to  loss  in  tail  effectiveness 
with  Mach  number.  Notice,  however,  that  the  tail  is  still  capable  of 
developing  high  loads  in  sideslip  even  though  its  effectiveness  has  been 
reduced  enough  to  destroy  the  directional  stability  of  the  airplane.  A 
supersonic  airplane  recently  suffered  a structural  failure  because  of 
directional  divergence  at  a Mach  number  of  1.5  for  \diich  a similar  loss 
^ with  Mach  number  was  probably  primarily  responsible. 

p 


The  third  major  stability  deficiency  which  is  going  to  he  of  great 
concern  to  the  structural  designer  is  a dynamic  problem  and  was  predicted 
by  Phillips  in  reference  12.  This  type  of  instability  is  encountered  in 
rolling  maneuvers.  Essentially,  it  tends  to  occirr  when  the  rate  of  roll 
approaches  the  natural  circiilar  frequency  in  pitch  or  yaw  on  an  aircraft 
having  its  weight  concentrated  in  the  fuselage.  The  resonance  between 
rolling  and  pitching,  or  yawing,  causes  what  is  perhaps  best  described 
as  a whirling  motion  in  which  the  fuselage  attempts  to  set  itself  at 
right  angles  to  the  flight  path.  Large  angles  of  sideslip  and/or  angles 
of  attack  are  generated.  It  was  this  type  of  maneuver  which  gave  rise 
to  the  extreme  loadings  on  the  research  airplane  mentioned  earlier. 

In  order  to  understand  why  modem  high-performance  airplanes  are 
prone  to  such  motions,  compare  a modern  fighter  with  a 1935  fighter 
(fig.  4).  The  modem  fighter  has  the  same  span  but  is  nearly  twice  as 
long.  It  has  about  three  times  the  wing  loading.  It  flies  at  twice  the 
altitude.  The  radius  of  gyration  in  yaw  is  two-thirds  larger.  Its 
weight  is  concentrated  in  the  fuselage.  It  will  be  shown  that  these 
factors  combine  in  a way  which  indicates  that  the  modem  airplane  will 
tend  to  be  much  more  prone  to  become  uncontrollable  in  rolling  motions 
than  the  1935  airplane. 

The  analysis  in  reference  12  indicated  that  the  value  of  rolling 
velocity  at  which  resonance  with  the  natural  frequency  in  yaw  occiirred 
could  be  given  by 


(1) 


Nondimensionalizing  and  rearranging  this  expression  gives  the  directional 
stability  required  to  avoid  resonance  in  yaw  as 
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A similar  expression  can  be  developed  for  resonance  in  pitch  but  will 
not  be  presented  since  the  points  of  interest  are  illustrated  by  the 
yawing  equation.  Notice  that  the  value  of  Cu,.  required  depends  on  the 

p 

square  of  the  rolling  velocity,  a wing-loading  inertia  parameter,  ariH  a 
gyroscopic  inertia  coupling  par'ameter. 


In  figure  5 is  presented  the  variation  of  the  gyroscopic  inertia 
coupling  parameter  for  fighter  and  research  airplanes  studied  in  the 
Langley  15-foot  and  20-foot  free-spinning  tunnels  over  the  20-year  period 
from  1955  to  1955-  This  parameter  stayed  substantially  constant  at  a 
value  of  approximately  O.5  from  I955  to  19^5  but  has  risen  to  a mean 
value  of  0.7  at  the  present  time.  This  increase  tends  to  increase  the 
directional  stability  required  to  avoid  resonance. 

Figure  6 gives  the  variation  of  the  mass  inertia  parameter  over  that 
same  period.  This  parameter  has  been  normalized  at  the  value  in  1935. 
Notice  that  its  value  in  1955  Las  fallen  to  about  one -sixteenth  its  value 
in  1955 • This  decrease  corresponds  to  a large  increase  in  the  required 
directional  stability. 


Now  it  can  be  seen  how  the  value  of  corresponding  to  resonance 

in  yaw  ^Qng^  pb/2V  = O.O9  has  varied  over  the  20-year  period 
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(fig.  7).  This  value  from  1955  to  19^5  was  about  O.OOOI5,  considerably 
less  than  the  typical  value  of  O.OOO5  to  0.001  used  in  World  War  II  air- 
planes. Beginning  with  the  advent  of  jet  engines,  the  value  of  f Cjxo) 

V P/RES 

has  risen  rapidly  since  19^5  until  the  value  of  f Cn  ^ in  the  typical 

\ P/RES 


fighter  airplane  of  1955  is  of  the  order  of  O.OO6,  i<-0  times  the  value  in 
the  World  War  II  airplane  and  considerably  larger  than  the  typical  range 
of  values  of  > 0.001  to  0.002,  provided  for  these  airplanes. 


The  analysis  of  the  trend  of  directional  stability  required  pre- 
sented in  figvire  J was  based  on  the  assumption  that  the  reduced  rolling 
velocity  pb/2V  remained  constant  at  a value  of  O.09.  This  is  not  true, 
however,  for  transonic  and  supersonic  speeds.  Figure  8 indicates  the 
variation  of  pb/2V  with  Mach  number.  In  general,  the  ability  of  lat- 
eral controls  to  produce  pb/2V  falls  off  with  increases  in  Mach  number 
at  transonic  and  supersonic  speeds  somewhat  as  Indicated  by  the  "typical" 
cirrve.  This  is  an  alleviating  effect  upon  the  trend  toward  increasing 
troubles  with  divergent  \diirls.  Equation  (2)  indicates  that  fCn-') 

V P/RES 

2 

decreases  as  (pb/2V)  . It  may  be  necessary  for  the  designer  to  take 
steps  to  insure  that  the  specified  rolling  velocities  cannot  be  exceeded 
in  order  to  avoid  unnecessary  troubles  with  whirling  divergences. 


REAC  studies  have  indicated  that,  although  the  analysis  of  refer- 
ence 12  gives  an  excellent  picture  of  the  nature  of  this  phenomenon  and 
is  an  excellent  indicator  that  a dangerous  condition  exists,  it  does  not 
take  sufficient  factors  into  account  to  permit  it  to  he  used  as  criterion 
of  the  amoixnt  of  sideslip  to  he  expected  in  a rolling  maneuver.  In  the 
light  of  present  knowledge,  it  appears  that  the  sideslip  response  to 
rolling  excitation  is  of  the  nature  of  a frequency-response  curve  in  which 
hoth  the  amplification  factor  and  the  forcing  function  are  dependent  on 
such  things  as  the  timing,  rate,  and  magnitude  of  control  applications, 
the  angle  between  the  airplane  principal  ajcis  and  the  zero-lift  line,  the 
initial  angle  of  attack,  and  the  aerodynamic  characteristics  of  the  con- 
figuration. The  main  point  that  has  emerged  is  that,  in  order  to  predict 
the  angle  of  sideslip  or  angle  of  attack  which  will  he  generated  in  rapid 
rolling  motions  of  modem  fighters,  it  is  necessary  to  make  a careful  and 
thorough  study  of  possible  maneuvers  by  means  of  a simulator  or  analog 
computer,  using  five  degrees  of  freedom  including  the  nonlinear  inertia 
terms  and  the  engine  gyroscopic  couples.  The  aerodynamic  characteristics 
of  the  conf igiiration  must  he  carefully  represented  and  factors  such  as 
the  pitching  moment  due  to  ailerons  when  sideslipping,  for  example,  must 
in  general  he  included.  Cross -coupling  effects  may  he  very  important. 

For  example,  a large  increase  in  damping  of  the  pitching  motion,  such  as 
might  he  achieved  by  artificial  means,  was  indicated  to  he  very  effective 
in  reducing  the  sideslip  angle. 


CONCLUDING  REMAEKS 


It  should  he  emphasized  that  the  aerodynamic  loads  which  will  he 
imposed  on  a modem  fighter  airplane  cannot  he  predicted  without  a care- 
ful and  complete  study  of  hoth  its  quasi-static  and  its  dynamic  stability 
characteristics.  The  well-known  problems  of  pitch-up  and  poor  damping 
of  oscillations  in  turbulent  air  have  been  present  for  some  time.  Three 
more  must  he  added  - divergence  in  sideslip  at  high  angles  of  attack, 
divergence  in  sideslip  at  high  Mach  numbers,  and,  probably  most  difficult 
of  all,  a tendency  for  modern  fighters  to  enter  a whirling  divergence 
from  rolling  maneuvers.  The  first  two  of  these  are  aerodynamic  defi- 
ciencies which  can  he  remedied  by  conf  iguration  changes  based  on  wind- 
tunnel  investigations.  The  third  is  a dynamic  condition  which  requires 
a great  deal  more  study  and  may  impose  limitations  on  rolling  velocities 
or  necessitate  the  use  of  automatic  stabilization  during  rolling  maneuvers. 
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AERODYNAMIC  ANGLES  IN  AILERON  ROLL 
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Figure  1 


ANGLE-OF-ATTACK  EFFECT  ON  DIRECTIONAL  STABILITY 
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INERTIA  COUPLING  PARAMETER 


WING-LOADING  AND  INERTIA  PARAMETER 
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Figure  7 


ROLLING  VELOCITY 


Figure  8 


• • 

• • 
• • 
• • 


••  • •••  •• 

• • • • 

• • ••  • • 

• • • • 

• •••  •• 


FLIGHT  EXPERIENCE  OF  INERTIA  COUPLING 


IN  ROLLING  MANEUVERS 


Ry  Joseph  Weil,  Ordway  B.  Gates,  Jr.,  Richard  D.  Banner, 

and  Albert  E.  Kuhl 


NACA  High-Speed  Flight  Station 
and 


Langley  Aeronautical  Laboratory 


SUMMARY 


Violent  coupled  lateral-longitudinal  motions  have  been  encountered 
in  flight  on  two  airplanes  during  abrupt  aileron  rolls  at  relatively 
high  speed.  During  these  motions,  various  structurail  design  loads  and 
load  factors  were  either  exceeded  or  approached.  It  was  demonstrated 
on  one  airplane  that  the  motions  can  be  approximated  reasonably  well  by 
using  a five-degree-of -freedom  analysis. 


From  flight  tests  of  the  swept-wing  airplane  at  relatively  high 
altitude,  it  was  foimd  that  the  severity  of  the  divergent  tendency 
increased  with  roll  velocity  and  was  sensitive  to  roll  direction  and 
stabilizer  input.  Calculated  results  indicated  that  considerably  more 
critical  conditions  from  the  loads  standpoint  can  be  expected  at  lower 
altitudes  when  the  roll  is  initiated  from  a pull-up  condition. 


Perhaps  one  of  the  fundamental  reasons  for  the  occurrence  of  the 
large  motions  on  both  airplanes  was  the  presence  of  Insufficient  direc- 
tional stability.  Doubling  the  directional  stability  level  of  the  swept- 
wing  airplane  resulted  in  substantially  improved  flight  characteristics; 
but  calculations  indicated  that,  if  the  tail  size  is  increased  beyond  a 
certain  point,  considerably  higher  tail  loads  and  larger  peak  normal 
accelerations  can  be  obtained  than  with  a tail  affording  a somevdiat  lower 
level  of  stability. 


At  present,  analytical  investigations  are  under  way  to  enable  a 
better  understanding  of  the  overall  problem  of  coupled  lateral— longitudinal 
motions  in  rolling  maneuvers.  It  is  not  yet  known  whether  a practical 
design  approach  exists  that  would  produce  desirable  characteristics  for 
a large  range  of  flight  conditions  without  the  sacrifice  of  performance 
or  the  resort  to  artificial  stabilization.  It  is  also  true  that  coupling 
can  have  a large  effect  on  the  predicted  loads,  even  for  configiarations 
that  have  satisfactory  handling  qualities;  therefore,  the  coupling  of  the 
lateral  and  longitudinal  degrees  of  freedom  should  be  considered  for  load 
evaluations  of  rolling  maneuv«^^H|a|g^|j|^h-speed  airplanes. 
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IKTKODUCTION 


There  is  a deterioration  in  the  static  directional  stability  of 
many  contemporary  designs  at  the  higher  angles  of  attack  and  sideslip, 
and  also  with  increase  in  supersonic  Mach  mmiber , that  can  and  have 
produced  violent  motions  in  flight. 

Recently  at  the  NACA  High-Speed  Flight  Station,  some  rather  violent 
coupled  lateral-longitudinal  motions  have  been  experienced  during  abrupt 
aileron  rolls  on  several  airplanes  in  which  a level  of  directional  sta- 
bility was  present  that  would  probably  have  been  deemed  acceptable  for 
previous  airplanes.  Because  this  flight  experience  should  be  of  con- 
siderable general  interest  to  the  loads  engineer,  inasmuch  as  it  obvi- 
ously affects  the  determination  of  design  loads,  it  is  believed  timely 
to  review  briefly  the  problem  and  indicate  some  of  the  factors  affecting 
its  severity. 


SYMBOLS 


A 

an 

Cnp 

Hp 

it 

Lv 

M 

i’max 

t 

a 


Sr 


aspept  ratio 
normal  acceleration 
transverse  acceleration 
directional  stability  parameter 
pressTire  altitude 

moments  of  inertia  about  X-^  and  Z-axes^  respectively 

stabilizer  deflection 

shear  load  on  vertical  tall,  radians /sec 

Mach  number 
maximum  roll  velocity 

time,  sec 

angle  of  attack,  deg 
angle  of  sideslip,  deg 
total  aileron  deflection 

rudder  deflection 


angle  of  sweep  measured  at  0.25  chord,  deg 
angle  of  sweep  measured  from  O.75  chord,  deg 


incremental  bank  angle 

DISCUSSION 

The  basic  outlines  of  the  two  airplanes  discussed  in  this  paper  are 
shown  in  figure  1.  One  airplane  had  ^5*^  sweepbackj  the  other  was  essen- 
tially unswept.  It  can  be  seen  from  the  moment-of -inertia  ratios  that 
these  airplanes  were  rather  heavily  loaded  along  the  fuselage,  and  such 
inertia  characteristics  can  appreciably  lower  the  roll  rate  at  which 
large  coupled  motions  might  be  encountered  as  indicated  in  reference  1. 

The  results  of  a time  history  of  an  abrupt  two-thirds  aileron  roll 
to  the  left  made  on  the  swept-wing  airplane  from  level  flight  at  a Mach 
number  of  O.7O  and  altitude  of  52,000  feet  are  presented  in  figures  2 
and  5.  Soon  after  the  aileron-control  input,  there  is  a steady  decrease 
in  angle  of  attack  and  development  of  negative  (adverse)  sideslip.  (See 
fig.  2.)  Between  5 and  4 seconds,  the  rates  of  divergence  in  angles  of 
attack  and  sideslip  increased  markedly  and  the  maneuver  became  uncon- 
trollable. Recovery  was  made  when  the  controls  were  brought  close  to 
their  initial  settings.  During  the  motion,  a left  sideslip  ftng-|f.  of  26° 
was  recorded  and  angles  of  attack  much  larger  than  — 16°  were  attained 
followed  by  12P  at  recovery. 

In  order  to  determine  the  mechanism  of  this  type  of  coupled  lateral- 
longitudinal  motion  (including  the  effects  of  changes  in  the  various 
derivatives) , a five-degree-of -freedom  analysis  was  made  using  an  analogue 
compTiter.  It  is  seen  that  the  basic  character  of  the  motion  is  predicted 
fairly  well.  In  order  to  illustrate  the  powerful  effect  of  the  coiqpllng 
between  the  longitudinal  and  lateral  modes  of  the  motion,  the  sideslip 
estimated  by  the  usual  three -degree-of -freedom  lateral  equations  and  the 
angle  of  attack  estimated  by  a two-degree-of -freedom  analysis  are  also 
included.  Although  the  initial  sideslip  motion  is  seen  to  be  the  same 
for  the  two  methods,  the  three -degree -of -freedom  method  reaches  a peak 
of  only  about  p = -5°*  The  angle -of -attack  comparison  is  even  more 
revealing  in  that  the  stabilizer  input  of  the  pilot  would  have  resulted 
in  a large  positive  angle -of -attack  change  from  a purely  longltvidinal 
analysis  as  opposed  to  the  negative  divergence  shown  by  flight  and  the 
more  refined  analysis.  The  complexity  of  the  problem  can  be  further 
illustrated  by  the  fact  that  calculations  indicated  that  the  indirect 
effect  of  the  stabilizer  input  actually  aggravated  the  sideslip  and 
angle-of-attack  divergence  appreciably. 


A normal  acceleration  of  was  recorded  and  about  50  percent 

of  the  design  vertical-tail  load  attained.  (See  fig.  3*)  The  low 
dynamic  pressure  at  which  the  maneuver  was  made  saved  the  airplane  from 
possible  structural  damage. 

The  question  naturally  arises  whether  such  violent  behavior  could 
be  expected  at  higher  dynamic  pressure  where,  from  the  loads  standpoint, 
more  critical  conditions  might  be  reached.  An  analogue  computer  has 
been  used  to  study  this  question.  Figinre  ^4-  summarizes  the  results  of 
many  of  these  calculations  presenting  the  maximum  estimated  vertical- 
tail  shear  load  as  a function  of  the  maximum  rolling  velocity  attained 
in  360°  left  rolls.  The  dashed  line  represents  data  for  a condition 
similar  to  that  shown  in  figures  2 and  3 - an  altitude  of  32,000  feet 
and  an  initial  1 g condition.  The  solid  lines  show  results  for  rolls 
made  at  10,000  feet  from  initial  conditions  of  1 g and  2.5g.  It  was 
found  from  the  calculations  that  1 g rolls  made  at  the  lower  altitxide 
so  greatly  reduced  the  sideslip  angles  that,  even  if  the  2.5  fold  increase 
in  dynamic  pressure  is  considered,  the  tail  loads  for  the  most  rapid  rolls 
never  approach  the  loads  attainable  at  the  higher  altitijde  at  somewhat 
lower  rolling  velocities.  When  the  rolls  were  made  at  10,000  feet  from 
an  initial  2.5g  pull-up  condition,  however  (the  initial  angle  of  attack 
being  maintained  at  the  higher  altitude  level) , much  larger  tail  loads 
were  estimated  at  high  roll  velocities  than  for  the  higher  altitude 
condition. 


In  order  to  study  the  effect  of  increasing  the  directional  stability 
on  the  rolling  characteristics,  flight  tests  were  made  with  two  enl^ged 
vertical  tails.  Figure  5 shows  a sketch  of  the  small  and  enlarged  tal  s. 
Also  shown  is  the  variation  of  Cnp  with  Mach  number  measured  in  flight. 

The  largest  tail  (tail  C)  roughly  doubled  the  directional  stability  of 
the  small  tail  through  most  of  the  Mach  number  range. 

The  effect  of  increasing  tail  size  on  the  characteristics  in  abrupt- 
left  rudder-fixed  aileron  rolls  at  an  average  Mach  number  of  O.7O  and 
altitude  of  about  31,000  feet  are  shown  in  figure  6.  Presented  are  the 
maximimi  change  in  sideslip  angle  and  the  maximm  change  in  angle  of  ^ 
attack  at  the  first  peak  plotted  against  the  maxim-urn  roll  rate  attained 
in  a maneuver.  The  first  roll  made  for  this  flight  condition  (usi^ 
tail  A)  resulted  in  the  violent  maneuver  previously  discussed  and  is 
approximately  located  in  figure  6 by  the  circle.  The  remainder  of  the 
data  obtained  with  tail  A was  restricted  to  small  aileron  deflections 
and  bank  angles  of  the  order  of  ^1-5°  to  6o°.  The  data  for  the  l^ger 
tails  represent  360°  rolls.  If  a calculated  curve  for  360°  rolls  with 
tail  A is  used  (as  a guide  in  lieu  of  flight  data),  it  is  seen  from  e 
sideslip  data  that  increasing  the  tail  size  delayed  somewhat  the  roll 
velocity  at  which  ^ increases  much  more  rapidly  with  finrther  increase 
in  roll  rate.  Also,  for  the  largest  tail  there  appears  to  be  a substan 
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decrease  in  the  divergent  tendency  at  high  roll  rates.  The  five-degree- 
of-freedom  calcxilations  show  good  agreement  for  the  tail  A data  at  small 
hank  angles  and  illustrate  the  large  effect  of  the  duration  of  the  maneu- 
ver on  the  characteristics  at  higher  roll  velocities. 


From  the  lower  portion  of  figure  6,  it  can  he  seen  that  the  initial 
negative  change  in  angle  of  attack  was  relatively  small  for  the  larger 
tails,  never  approaching  the  divergent  tendencies  of  the  original  maneuver. 
It  should  he  mentioned,  however,  that  the  positive  change  in  angle  of 
attack  in  recovery  was  often  somewhat  larger  than  the  first  peak  with 
tail  C. 


The  results  of  figure  6 indicate  that  doubling  the  level  of  the 
directional  stability  greatly  improved  the  overall  characteristics,  and 
one  might  wonder  how  further  large  Increases  in  the  size  of  the  vertical 
tail  would  affect  the  results.  Figure  7 presents  the  results  of  time 
histories  calculated  for  directional  stability  levels  of  0.(X)lCjjp, 

0.002Cnp,  and  0.004Cnp  per  degree  for  a roll  velocity  of  about 

-3-0  radians/sec.  The  sideslip  data  show  the  large  reduction  in  p 
when  Cnp  is  increased  from  0.001  to  0.002.  When  s is  again  dotibled, 

however,  the  sideslip  angle  developed  is  only  slightly  reduced  and  the 
maximum  tail  load  would  be  much  larger  because  of  the  increased  tail  area 
required. 

It  should  also  be  noted  that,  although  the  initial  angle-of-attack 
change  is  practicably  nil  for  the  largest  tail,  the  peak  positive  angle 
on  recovery  is  almost  as  large  as  that  with  the  smallest  tail.  (See 
fig-  ?•) 

The  results  of  figure  7 indicate  the  possibility  of  an  optimum  tail 
size  from  the  loads  standpoint  for  a given  flight  condition  and  further 
illustrate  the  complexity  of  the  overall  problem. 

The  effect  of  Mach  number  and  roll  direction  on  the  maximum  sideslip 
angle  developed  in  flight  in  abrupt  5^0°  rolls  is  presented  in  figure  8 
for  the  largest  tail  (tall  C) . In  order  to  clarify  the  comparison,  Zip 
is  plotted  for  left  rolls  shown  by  solid  lines  and  for  right  rolls 

shown  by  dashed  lines.  It  is  seen  that  "adverse"  sideslip  is  present  in 
the  subsonic  maneuvers  and  "favorable"  sideslip  at  M = 1.25-  A very 
interesting  point  is  the  much  greater  sideslip  attained  in  the  left  rolls 
than  in  corresponding  right  rolls  at  the  higher  roll  velocities.  This 
roll-direction  effect  is  directly  attributable  to  engine  gyroscopic 
effects  and  is  in  general  agreement  with  calculated  results.  At  M = 1.25, 
the  right  ro3JLs  developed  slightly  greater  maximtam  sideslip  angles  than 
left  rolls.  Although  there  was  no  adverse  pilot  comment  on  the  supersonic 
rolls,  the  sideslip  angle  attained  of  almost  8^  exceeded  the  temporary 
limit  by  1°. 


The  time  history  of  an  abrupt  aileron  roll  made  at  a Mach  number 
of  1.05  on  the  unswept  airplane  at  an  altitude  of  50,000  feet  is  shown 
in  figures  9 and  10.  The  level  of  directional  stability  for  this  maneuver 
was  about  Cnp  = O.OO58  per  degree.  In  this  maneuver,  favorable  side- 
slip builds  up  rapidly  with  rolling  velocity;  however,  no  large  change 
in  a occurs  until  a sideslip  angle  of  almost  20°  is  reached  (t  = 4 sec- 
onds) at  which  time  the  angle  of  attack  abruptly  decreases  to  -15° • 

(See  fig.  9.)  The  pilot  applied  considerable  ijp-stabilizer  control  to 
stop  the  pitch-down  tendency  and  this  possibly  contributed  somewhat  to 
the  19°  angle  of  attack  reached  when  the  airplane  pitched  up.  Vfhen  the 
rolling  motion  stopped,  the  airplane  quickly  recovered. 

The  violence  of  this  maneuver  can  best  be  appreciated  from  the  fact 
that  the  load  factor  reached  -6.7g  at  t = 4.5  seconds  and  then  reached 
7.0g  less  than  1/2  second  later.  (See  fig.  10.)  A lateral  acceleration 
of  -2g,  pitching  accelerations  as  high  as  8 radians/sec^,  and  a vertical- 
tall  shear  load  approximately  56  percent  of  design  were  also  measured. 

As  in  the  case  of  the  violent  maneuver  experienced  with  the  swept - 
wing  airplane,  one  of  the  fimdamental  causes  of  this  maneuver  on  the 
unswept  airplane  is  believed  to  be  a deficiency  in  directional  stability 
in  conjunction  with  mass  distributed  primarily  along  the  fuselage.  The 
statement  concerning  the  lack  of  directional  stability  might  seem  con- 
tradictory inasmuch  as  the  value  of  Cn^  for  this  airplane  was  about 

three  to  four  times  the  value  for  the  swept -wing  airplane  with  the  small 
tall.  However,  the  value  of  the  derivative  Cn^  can  be  misleading 

because  of  relatively  small  wing  size.  When  the  two  airplanes  are  com- 
pared by  using  the  more  rational  lateral  period,  for  example,  the  unswept 
airplane  has  a directional  stiffness  approximating  the  original  swept- 
wlng  airplane. 


CONCLUDING  REMAEKS 


In  conclusion,  it  has  been  shown  that  violent  coupled  lateral- 
longitudinal  motions  have  been  encountered  in  flight  on  two  airplanes 
during  abrupt  aileron  rolls  at  relatively  high  speed.  During  these 
motions,  varioijs  structural  design  loads  and  load  factors  were  either 
exceeded  or  approached.  It  was  demonstrated  on  one  airplane  that  the 
motions  can  be  approximated  reasonably  well  by  using  a five-degree -of - 
freedom  analysis. 

From  flight  tests  of  the  swept -wing  airplane  at  relatively  high 
altltijde,  it  was  found  that  the  severity  of  the  divergent  tendency 
increased  with  roll  velocity  and  was  sensitive  to  roll  direction  and 
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stabilizer  input.  Calculated  results  indicated  that  considerably  more 
*■  critical  conditions  from  the  ^ads*  s%Midpoint  can  be  expected  at  lower 

altitudes  when  the  roll  is  initiated  from  a pull-up  condition. 

Perhaps  one  of  the  fxmdamental  reasons  for  the  occurrence  of  the 

* large  motions  on  both  airplanes  was  the  presence  of  insufficient  direc- 
tional stability.  Doubling  the  directional  stability  level  of  the  swept- 
wing  airplane  resulted  in  substantially  improved  flight  characteristics; 
but  calculations  Indicated  that,  if  the  tail  size  is  increased  beyond  a 
certain  point,  considerably  higher  tail  loads  and  larger  peak  normal 
accelerations  can  be  obtained  than  with  a tail  affording  a somewhat  lower 
level  of  stability. 

At  present,  analyticeJ.  investigations  are  xinder  way  to  enable  a 
better  understanding  of  the  overall  problem  of  coupled  lateral-longitudinal 
motions  in  rolling  maneuvers.  It  is  not  yet  known  whether  a practical 
design  approach  exists  that  would  produce  desirable  characteristics  for 
a large  range  of  flight  conditions  without  the  sacrifice  of  performance 
or  the  resort  to  artificial  stabilization.  It  is  also  true  that  coiipling 
can  have  a large  effect  on  the  predicted  loads,  even  for  configurations 
that  have  satisfactory  handling  qualities;  therefore,  the  coupling  of  the 
lateral  and  longitudinal  degrees  of  freedom  should  be  considered  for  load 

• evaluations  of  rolling  maneuvers  on  most  high-speed  airplanes. 
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A STUDY  OF  MEANS  FOR  RATIONALIZING  AIRPLANE  DESIOS  LOADS 


By  John  P.  Mayer  and  Harold  A.  Hamer 
Langley  Aeronautical  Laboratory 


The  NACA  has  been  making  a study  of  means  for  rationalizing  the 
design  loads  of  airplanes  based  on  mission  requirements.  The  study, 
which  utilizes  statistical  methods,  is  in  its  initial  stages  but  it  is 
believed  that  some  of  the  preliminary  ideas  may  be  of  some  interest  at 
this  time. 

This  study  has  been  based  on  the  premise  that  an  airpleme  should  be 
designed  for  the  mission  or  missions  for  which  it  is  to  be  used.  Con- 
ceivably, in  the  future  it  may  be  desirable  to  design  for  more  specific 
missions  which  will  be  governed  by  the  range  of  the  detection  apparatus, 
the  armament,  and  the  type  of  directing  devices.  It  may  then  be  found 
necessary  to  do  something  a little  different  from  in  the  past. 

Of  course,  all  statistical  measurements  which  are  used  must,  of 
necessity,  be  based  on  operational  airplanes  which  by  some  staijdards 
are  obsolete  idien  they  become  operational.  The  airplanes  for  idiich 
statistical  data  are  now  available  are  all  subsonic  or  low-supersonic 
airplanes  which  are  reasonably  stable  airqjlanes.  The  results  for  air- 
planes such  as  referred  to  in  the  previous  papers  by  Charles  H.  7.iTnmf>Tman 
and  by  Joseph  Weil,  Ordway  B.  Gates,  Jr.,  Richard  D.  Banner,  and  Albert  E. 
Kuhl  could  be  considerably  different  if  they  were  flown  operationally  with 
such  stability  deficiencies.  In  the  following  discussion,  therefore,  it 
will  be  assumed  that  the  stability  deficiencies  will  have  been  corrected 
or  the  airplanes  restricted  such  that  they  will  be  able  to  perform  their 
design  mission  without  encountering  any  vincontro liable  motions. 

Table  I lists  some  of  the  missions  and  operations  for  \diich  a 
fighter -type  airplane  might  be  used.  In  the  group  above  the  double 
are  the  missions  for  which  the  airplane  might  be  designed,  and  in  the 
group  below  the  double  line  are  other  operations  for  which  the  airplane 
will  be  used  but  which  may  be  of  secondary  importance  to  the  missions. 
Several  missions  or  uses  are  indicated  in  the  first  two  columns,  and  of 
course  there  are  other  missions  that  could  be  added  to  the  list.  In  the 
third  column  are  listed  percentages  of  the  total  flight  time  vhich  might 
be  spent  in  each  activity.  For  each  of  these  uses  of  the  airplane,  there 
wDtild  be  an  associated  probability  function  such  as  shown  in  the  fourth 
column.  In  this  column,  probability  functions  for  the  airplane  uses  are 
indicated  as  average  flight  time  required  to  exceed  a given  load  factor. 
The  probability  curves  for  the  part  of  the  table  above  the  double  Unp 
are  dictated  by  the  mission  requirements,  whereas  the  probability  curves 
for  the  lower  part  of  the  table  or  nonmission  operations  appear  to  depend 
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mostly  on  the  pilot’s  ability  to  observe  a placard  load-factor  restric- 
tion. These  component  curves  are  then  combined  according  to  the  per- 
centage of  flight  time  spent  in  missions  or  in  other  operations  to  obtain 
a resultant  probability  c\jrve. 

It  appears  that  the  probability  curves  for  the  individual  missions 
may  be  calculated  in  some  cases.  The  first  work  of  this  type  was  done 
by  Bronn  of  the  SAAB  of  Sweden.  In  figure  1 a simple  mission  is  indi- 
cated for  wliich  probability  ciirves  have  been  calculated.  In  this  case, 
it  is  assimed  that  a Mach  number  2 piloted  Interceptor  is  to  intercept 
a Mach  number  1 bomber  which  is  approaching  the  target  at  an  altitude 
of  60,000  feet.  The  bomber  is  detected  by  groimd  radar  stations.  Prob- 
ability curves  are  then  calculated  or  estimated  for  the  various  phases 
of  the  mission  such  as  the  take-off,  climb,  cruise,  turn  on  to  target, 
attack,  breakaway,  and  landing.  The  possibilities  of  a miss  on  the  first 
attack  and  subsequent  attacks  are  also  included  in  the  calculations 
although  not  Indicated  in  this  figure.  The  tiurn  on  to  the  target  is 
assumed  to  be  directed  from  the  ground  control  stations.  The  probabxlity 
function  for  this  turn  is  related  to  the  ability  and  probability  of  the 
gro\md  radar  installation  to  direct  the  interceptor  to  the  optimum  posi- 
tion for  attack. 

The  method  of  calculating  the  probability  functions  for  a simplified 
version  of  the  attack  phase  of  the  mission  is  indicated  in  figure  2.  The 
interceptor  is  located  at  the  position  indicated  at  the  beginning  of  the 
attack  phase.  The  lines  denoting  various  loads  represent  possible  loca- 
tions of  the  bomber  at  the  beginning  of  the  attack.  For  example,  if  the 
bomber  were  located  anywhere  along  the  line  labeled  2g  at  the  beginning 
of  the  attack,  the  interceptor  would  have  to  make  at  least  a 2g  turn  for 
a successful  interception;  if  the  bomber  were  located  anywhere  along  the 
line  labeled  ^4-g,  the  Interceptor  would  have  to  make  at  least  a 4g  turn, 
and  so  forth.  The  dashed-line  circle  represents  the  Interceptor’s  initial 
airborne  radar  range,  which  in  this  case  was  assvimed  to  be  20  miles.  The 
concentric  solid-line  circles  are  lines  of  constant  probability  which 
are  a function  of  the  ability  of  the  ground  control  to  position  the 
Interceptor  in  the  optimum  location  for  a successful  attack.  For  example, 
the  bcmber  will  be  located  within  the  area  enclosed  by  the  circle  labeled 
10^  in  10  percent  of  the  cases,  the  bomber  will  be  located  within  the 
area  enclosed  by  the  circle  labeled  50^  in  50  percent  of  the  cases,  and 
so  forth.  The  probability  of  the  interceptor  exceeding  a given  load^ 
factor  is  then  determined  by  the  volume  of  the  probability  distribution 
falling  outside  of  a given  load-factor  line.  Of  course,  this  is  a 
simplified  version  of  the  attack  phase  of  the  mission,  but  it  is  presented 
in  order  to  i3J-ustrate  the  use  of  the  mission  concept  to  determine  the 
loads  which  might  be  imposed.  It  is  not  Intended  to  be  an  actual  inter- 
ception problem. 
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The  probability  curve  obtained  in  this  manner  is  shown  in  figure  3. 

The  probability  curve  for  the  attack  phase  is  shown  an  the  average  flight 
time  required  to  exceed  a given  load  factor.  The  probability  curves  for 
the  other  phases  of  the  mission  are  also  calculated  or  estimated.  A few 
of  these  are  shown,  such  as  the  take-off,  turn  on  to  target,  and  the  giast 
ejqjectancy.  These  individual  probability  curves  are  then  combined  to  form 
the  total  mission  probability  curve  which  is  shown  as  the  heavy  3J.ne. 

For  the  other  uses  of  the  airplane  such  as  shown  in  the  lower  part 
of  table  I,  it  has  been  indicated  from  experience  with  present-day  air- 
planes that  the  load  experience  other  than  the  specialized  mission  may 
be  approximated  by  one  probability  function  which  is  proportional  to 
the  airplane  service  limit  load  factor.  This  is  shown  in  figure  4. 

In  figure  h,  the  ratio  of  the  time  to  exceed  a given  load  factor 
to  the  time  to  exceed  1 g in  maneuvers  is  shown  plotted  against  the  ratio 
of  incremental  load  factor  to  incremental  service  limit  load  factor.  The 
data  shown  represent  about  20,000  hours  of  total  flight  time  in  training 
and  combat.  It  may  be  seen  that,  although  there  is  considerable  scatter, 
the  data  may  be  represented  by  one  line  and  the  curve  shown  appears  to 
fit  the  data  for  airplanes  with  limit  load  factors  as  low  as  2.8  and  as 
high  as  7*5  3t  load  factors  up  to  the  service  limit  load  factor. 

It  is  indicated  that  this  tentative  standard  ciirve  may  be  represented 
by  an  equation  of  the  type  shown  in  figure  4.  It  can  be  shown  from  sta- 
tistical theory  that  such  an  equation  represents  the  distribution  of  the 
larger  peak  load  factors  if  it  could  be  assumed  that  the  maneuvering  load 
factors  were  of  a random  nature  and  symmetrical  about  1 g.  It  may  be 
noted  that  the  load-distribution  ciarve  is  determined  only  by  the 
term  Wq/T  and  the  term  c;  %/T  represents  the  average  number  of  large 

load-factor  peaks  per  hour  and  a represents  the  root-mean-square  value 
of  the  load-factor  ratio.  For  present  operational  U.  S.  Air  Force  fighters 
in  training  and  in  combat,  the  value  of  Nq/T  varies  between  10  and 
25  peaks  per  hoiir  and  the  value  of  a is  roughly  0.3*  Of  course,  indi- 
vidual maneuvers  are  not  of  a random  nature;  however,  when  many  maneuvers 
are  considered  together  it  appears  that  they  may  approach  the  concept  of 
a random  process. 

If,  now,  it  is  assumed  that  the  mission  probability  curve  may  be 
calculated  and  that  the  probability  curve  for  other  airplane  operations 
can  be  given  as  shown  in  figure  4,  the  two  types  of  probability  curves 
may  be  combined  to  form  the  resultant  curve.  If  it  is  assumed,  for 
example,  that  the  airplane  will  spend  20  percent  of  its  flight  time  in 
the  specialized  liigh-altltude  interception  mission  described  previously 
and  80  percent  of  its  flight  time  in  other  operational  uses,  the  limit 
load  factor  could  be  selected  in  the  manner  indicated  in  figure  5* 
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On  the  left  side  of  figure  5 is  shown  the  probability  curve  for 
the  specialized  high-altitude  interception  mission  in  terms  of  flight 
time  required  to  exceed  a given  load  factor.  On  the  right  side  of  fig- 
ure 5,  the  standard  maneuver  cinrve  for  the  other  operational  uses  is 
shown  as  a function  of  limit  load  factor.  The  curve  shown  is  given  for 
an  aasumed  value  of  the  average  number  of  load-factor  peaJcs  per  how 
which  may  be  estimated  on  the  basis  of  past  experience. 

By  assigning  various  values  of  the  limit  load  factor  to  the  upper 
curve,  a series  of  probability  curves  are  obtained  as  shown  at  the  bottom 
on  the  right  side  of  figure  5*  At  this  point  the  limit  load  factor  to 
select  is  not  known;  however,  it  is  known  that  the  airplane  with  the 
longest  life  at  the  least  expense  in  weight  is  wanted.  Therefore,  if 
the  mission  curve  is  combined  with  each  of  the  curves  representing  dif- 
ferent limit  load  factors  on  the  basis  of  20  percent  of  the  flight  time 
spent  performing  the  mission  and  80  percent  spent  in  nonmlssion  opera- 
tions, a series  of  res\iltant  probability  curves,  one  for  each  limit  load 
selected,  would  be  obtained.  The  flight  time  required  to  exceed  limit 
load  factor  for  each  of  the  resultant  ciirves  would  vary  for  the  different 
cases. 

In  figure  6 the  standard  (or  nonmission)  curve  based  on  limit  load 
factor  has  been  combined  with  the  mission  ciorve  in  the  manner  indicated 
above.  Each  bar  represents  an  airplane  having  a given  limit  load  factor 
and  capable  of  performing  the  high-altitude  interception  mission  previously 
mentioned.  The  height  of  each  bar  represents  the  flight  time  required  to 
exceed  the  particular  limit  load  factor  for  each  case.  For  example,  the 
height  of  the  bar  labeled  2g  represents  the  time  to  exceed  2g  and  the 
height  of  the  bar  labeled  8g  represents  the  time  to  exceed  8g,  both  of 
which  are  designed  for  the  high-altitude  mission  previously  discussed. 

From  figure  6 the  limit  load  factor  for  the  most  suitable  high- 
altitude  interceptor  may  be  selected.  The  airplane  to  select  for  the 
mission,  therefore,  would  be  the  one  which  has  the  longest  time  to  reach 
limit  load  factor  but  at  the  lowest  practical  limit  load  factor.  In 
this  hypothetical  case,  it  would  appear  that  an  airplane  with  a limit 
load  factor  of  kg  would  be  sufficient  since  it  can  be  seen  that  little 
is  gained  in  the  time  to  reach  limit  load  factor  by  selecting  a higher 
strength  airplane.  It  might  be  added  that  if  the  percentage  of  flight 
time  spent  in  the  mission  was  as  low  as  1 percent  or  even  0.1  percent, 
approximately  the  same  limit  load  factor  woiild  be  selected  for  this  case. 

At  this  time  it  shoixld  be  pointed  out  that  these  results  do  not 
indicate  that  every  high-altitude  interceptor  should  be  a 4g  airplane. 

The  results  shown  here  are  a result  of  the  particular  conditions  assumed 
for  the  simplified  mission.  The  results  obtained  in  other  cases  could 
be  different  from  those  shown  here,  depending  on  the  radar  ranges,  speed 
ratios,  and  altitudes  chosen. 


* 


If,  on  the  other  hand,  the  airplane  were  to  be  designed  for  both 
high-  and  low-altitude  missions,  the  results  could  be  considerably  dif- 
ferent. For  exan5)le,  the  right  side  of  figure  6 indicates  the  results 
for  a cane  where  20  percent  of  the  airplane  flight  time  was  spent  in 
performing  the  high-altitude  interception,  1 percent  in  a different  low- 
altitude  interception  such  as  dive-bcmbing,  and  79  percent  in  other 
operations.  In  this  case,  the  high-altitiide-mission  probability  curve, 
the  low-altit\ide  probability  curve,  and  the  standard  ciirve  are  combined 
as  before.  It  may  be  seen  for  this  particular  case  that  the  low- 
altitude  mission  dictated  the  design  limit  load  factor  even  though  the 
airplane  was  assumed  to  be  used  in  this  mission  only  1 percent  of  the 
time,  and  it  is  indicated  that  an  8g  airplane  would  be  selected  as  the 
airplane  which  woiild  have  a long  time  to  reach  limit  load  factor  at  the 
lowest  practical  limit  load  factor.  Low-altitude  missions  would  not 
always  affect  the  results  in  this  manner,  however,  for  it  is  possible 
that  the  probability  functions  for  some  low-altitude  missions  might  not 
Involve  the  probability  of  high  load  factors,  as  was  the  case  in  this 
illustration. 

Therefore,  after  selecting  the  limit  load  factor  on  this  basis,  the 
time-to-exceed  curves  for  the  mission  are  combined  with  the  standard 
tlme-to-exceed  curve  for  the  airplane  selected  (in  this  case  it  would 
be  a 4g  aiiTplaiiie)  "to  form  the  resultant  curve,  shown  in  figure  7*  Here 
the  probability  curve  for  the  high-altitude  mission  is  shown  with  the 
standard  curve  for  a 4g  airplane.  These  curves  are  then  combined 
according  to  the  percentages  of  flight  time  spent  in  each  activity  to 
form  the  resultant  curve  which  is  shown  on  the  right  side  of  figure  7* 

The  peak  at  the  lower  load  factors  is  caused  by  gusts. 

Althovigh  the  possibilities  of  calculating  probability  curves  for 
specific  missions  and  the  conbination  of  these  specific  probability 
curves  with  more  general  curves  to  predict  the  overall  load  experience 
have  been  mentioned  only  in  regard  to  positive  symmetrical  wing  loads, 
there  exists  the  possibility  of  extending  the  reasoning  to  bther  loads 
such  as  negative  wing  loads  and  horizontal-  and  vertical-tail  loads, 
although  more  factors  will  enter  into  the  problem  and  tend  to  cong)licate 
the  situation. 

It  is  reali25ed  that  in  all  the  preceding  discussion  many  questions 
still  exist  and  will  have  to  be  dealt  with  by  either  analytical  studies 
or  the  analysis  of  statistical  data.  For  example,  there  are  questions 
as  to  the  validity  and  accuracy  of  the  calculations  of  probability  func- 
tions for  a given  mission.  Such  calculations  could  probably  be  made  for 
many  missions;  however,  for  some  missions,  the  probability  finction  may 
reqtiire  correlation  with  previous  experience.  One  of  the  major  questions 
concerns  the  determination  of  the  percentage  of  flight  time  spent  in  per- 
forming each  mission.  This  could  be  of  importance  if  a large  percentage 
of  the  flight  time  is  spent  in  many  specific  missions  such  as  indicated 
in  table  I. 
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Also  there  are  questions  concerning  the  use  of  a universal  standard 
curve  based  on  limit  load  factors  for  all  the  other  airplane  uses.  It 
is  believed  that,  on  the  basis  of  present  knowledge,  such  a curve  may  be 
adeqiiate  up  to  the  limit  load  factor.  This  curve,  of  course,  will  have 
to  be  revised  gradually  as  the  airplane  characteristics  change  in  future 
years.  One  of  the  important  questions  concerning  this  curve  is  the 
determination  of  the  average  number  of  load-factor  peaks  per  hour.  This 
number  varies  for  different  airplane  types  and  uses  and  m\ist  be  estimated 
from  statistical  data  on  past  airplanes. 


From  the  results  of  this  study,  the  concept  of  stipulating  the  design 
loads  on  the  basis  of  mission  requirements  appears  to  be  feasible;  how- 
ever, statistical  data  will  be  needed  in  establishing  the  effect  of 
missions  on  the  load  experience  and  the  amount  of  time  spent  in  each 
activity. 

The  work  on  this  approach  to  the  problem  of  design  loads  at  the 
NACA  is,  as  mentioned  before,  in  a beginning  stage,  and  the  results 
that  have  been  shown  here  have  been  presented  to  indicate  a few  of  the 
possibilities  of  using  statistical  methods  for  correlation  with  design 
load  requirements. 
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HIGH-ALTITUDE  MISSION,  ATTACK  PHASE 


Figure  2 


BREAKDOWN  OF  MISSION  LOADS 


Figure  3 


LOAD  EXPERIENCE 
PRESENT  OPERATIONAL  AIRPLANES 


Figure  4 


Figure  5 


SELECTION  OF  LIMIT  LOAD  FACTOR 
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Figure  6 


DETERMINATION  OF  TOTAL  LOAD  EXPERIENCE 
FOR  HIGH  - ALTITUDE  INTERCEPTOR 
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LOAD  DISaKLBUnONS  ON  WINGS  AND  WING-BODY  COMBINATIONS 
AT  EEGS  ANGLES  OF  ATTACK  AND  SUPERSONIC  SPEEDS 
By  Elliott  D.  Katzen  and  William  C.  Pitts 
Ames  Aeronautical  Laboratory 

INTRODUCTION 


Maximum  loads  on  present-day  airplanes  have  generally  been  reached 
at  high  speed  and  high  dynamic  pressures  at  relatively  low  altitudes 
and  low  angles  of  attack.  For  aircraft  which  are  required  to  maneuver 
rapidly  at  extreme  altitudes,  maxinnmi  loads  are  reached  at  hi gh  angles 
of  attack.  For  the  Mach  numbers  considered  in  present  designs,  loads 
Information  is  necessary  for  both  flight  conditions.  To  provide  the 
required  information,  extensive  research  programs  have  been  undertaken 
(ref.  1,  2,  and  3)  • In  figure  1,  the  scope  of  the  investigations  is 
outlined.  Data  were  obtained  through  the  Mach  number  range  from  1.45 
to  5«36,  which  covers  the  current  range  in  design  for  airplanes  «nil 
missiles.  The  angle -of -attack  range  of  the  tests  was  0°  to  45°.  THp 
wing  sweepback  angles  varied  from  0°  to  85°.  In  addition  to  wings 
alone,  wing-body  ccnbinations  were  also  studied. 

The  data  obtained  illustrate  many  nonlinear  effects  which  make 
accurate  prediction  of  loads  difficult.  These  nonlinear  effects  on 
loads  are  usually,  but  not  always,  alleviating.  They  occ\rr  at  low,  as 
well  as  at  high,  angles  of  attack.  The  purpose  of  the  present  paper  is 
to  summarize  these  nonlinear  effects  and  to  indicate  where  departures 
from  linearity  and  linear -theory  predictions  become  lnq)ortant. 


RESULTS  AND  DISCUSSION 
Wings 


Departures  from  the  predictions  of  linear  theory,  for  a thin  wing, 
depend  on  sweep  angle,  Mach  number,  and  angle  of  attack.  For  moderate 
sweep,  moderate  siq)eraonic  Mach  nunibers,  and  low  angles  of  attack, 
linear  theory  is  expected  to  give  adequate  answers.  An  exanple  of  such 
a case  will  be  presented;  then,  typical  nonlinear  effects  of  variations 
in  these  test  parameters  will  be  Illustrated. 


An  exanple  of  a case  in  which  linear  theory  is  applicable  is  shown 
in  figure  2.  The  delta  wing  has  an  aspect  ratio  of  4,  corresponding  to 
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a sweeptack  angle  of  45°.  The  wing  section  is  5-percent  thick  and  has  a 
trailing  edge  of  50“?^^^®^"^  blimtness.  The  Mach  ntmiber  is  1.45 
Reynolds  number,  based  on  the  wing  mean  aerodynamic  chord,  is  2.1  x 10  . 
At  5°  angle  of  attack  it  is  seen  that  agreement  between  theory  and 
experiment  is  good.  It  is  best  at  the  inboard  stations , toward  the 
leading  edge,  and  deteriorates  somewhat  toward  the  trailing  edge  and  at 
the  outboard  stations.  Curiously,  even  at  20°  angle  of  attack  where 
linear  theory  is  not  expected  to  be  applicable,  the  agreement  is  still 
good  at  the  Inboard  stations.  At  the  75-percent-semispan  station  the 
effects  of  separation  and  shock  waves  on  the  wing  are  large  and  are  not 
accotinted  for  theoretically.  The  predicted  tip  loads  are  higher  than  the 
experimental  values  so  that  wing  bending  mcments,  predicted  on  the  basis 
of  linear  theory,  would  be  conservative. 

As  the  wing  aspect  ratio  is  reduced,  or  the  leading-edge  sweep 
Increased,  viscosity  and  separation  affect  a larger  part  of  the  wing. 
These  results  are  exemplified  (fig.  5)  ^ delta  wing  having  a very  low 

aspect  ratio.  The  wing  semiapex  angle  is  5°^  corresponding  to  an  aspect 
ratio  of  about  l/3.  The  wing  section  is  a 1-percent-thick  wedge  with  a 
trailing  edge  of  100-percent  bluntness.  The  Mach  number  is  1.9  and  the 

Reynolds  number,  based  on  the  mean  aerodynamic  chord,  is  about  1 x 10 
In  figure  3,  tpper-  and  lower-surface  lifting  pressures  are  presented 
for  the  local  semispan  at  the  78-parcent-root-chord  station.  In  addition 
to  the  experimental  data  at  3°  and  6°  angle  of  attack,  linear  theory  is 
shown,  and  also  a vortex  theory  (ref.  4)  developed  by  Brown  and  Michael. 
The  vortex-theory  curve  pertains  to  3°  angle  of  attack.  The  theory  was 
developed  by  using  a vortex  model  as  shown,  except  that,  for  simplicity 
in  the  calculations,  the  spiral  sheet  was  replaced  by  a concentrated 
vortex  and  a flat  feeding  sheet  of  vorticity.  On  the  upper  surface,  at 
3°  angle  of  attack,  the  experimental  data  exhibit  a region  of  increased 
suction,  compared  to  linear  theory,  at  about  75  percent  of  the  semispan. 
'Phe  increased  suction  causes  the  total  wing  load,  as  predicted  by  linear 
theory,  to  be  too  low,  or  unconservative.  At  6°  angle  of  attack  the 
suction  peak  moves  inboard.  The  vortex  theory  also  shows  a suction  peak 
at  3°  "the  magnitude  and  position  are  not  prcperly  estimated.  The 
theory  does  predict  inboard  movement  of  the  suction  peak  with  increased 
angle  of  attack.  Thus,  qualitatively  but  not  qioantitatively , the  esti- 
mated effects  are  in  agreement  with  the  experimental  results  for  this 
wing  which  has  a very  low  aspect  ratio.  For  quantitative  prediction,  it 
appears  that  the  simple  vortex  model  must  be  modified. 


As  the  Mach  number  and  aspect  ratio  are  increased  the  important  non- 
linear effects  are  no  longer  caused  by  viscosity  and  separation.  Instead, 
there  are  nonlinearities  from  compression  and  expansion.  An  example  of 
these  effects  is  shown  in  figure  4.  The  Mach  number  is  increased  to  3.3^ 
the  aspect  ratio  to  4.  The  wing  is  the  same  as  that  for  which  data 
were  presented  in  figure  2 for  a Mach  number  of  1.45.  section  is 

5-percent  thick  and  has  a trailing  edge  of  50“Ps^cent  bluntness.  The 


Reynolds  nuniber  is  2.1  x 10^.  The  lifting-pressxire  coefficients  axe 
plotted  along  the  chord  for  the  various  spanwise  stations.  The  linear 
theory  indicates  uniform  loading  for  that  part  of  the  wing  forward  of 
the  Mach  wave  from  the  apex,  with  decreased  loading  behind  the  Mach  wave. 
Con5)arison  of  the  experimental  data  a.nd  linear  theory  shows  large  system- 
atic differences,  even  at  3°  angle  of  attack.  The  predicted  loading  is 
too  low  at  the  leading  edge  and  too  high  at  the  trailing  edge,  so  that 
the  wing  torsional  loads  would  not  he  estimated  properly. 

For  that  part  of  the  wing  forward  of  the  influence  of  the  apex,  a 
nonlinear  solution  can  he  obtained  hy  extension  of  the  shock-expansion 
method  to  three  dimensions.  This  has  been  done  hy  Vincenti  and  Fisher 
at  the  Ames  Aeronautical  Laboratory  (ref.  5)  • figure  5,  theoretical 
curves  obtained  by  this  method  for  the  wing  at  0°  and  3°  angle  of  attack 
are  shown.  Linear  theory,  and  the  experimental  data  for  that  part  of  the 
wing  forward  of  the  influence  of  the  apex,  are  also  shown.  The  s\irf ace- 
pressure  coefficients  (due  to  wing  thickness)  at  0°  and  the  lifting  pres- 
sures at  3°  are  presented  as  functions  of  percentage  distance  along  the 
local  chord.  The  experimental  data  from  the  varioiis  spanwise  stations 
have,  at  given  chordwise  positions,  approximately  the  same  value  of 
surface-pressure  and  lifting-pressure  coefficients,  !This  means  that  the 
flow  is  essentially  conical  with  respect  to  the  tip;  that  is,  the  pres- 
sures are  constant  along  rays  from  this  point.  This  is  to  be  expected, 
as  the  wing  is  a cone  with  respect  to  the  tip;  the  geometry  can  be 
described  by  directions  from  this  point  since  there  is  no  characteristic 
length  in  the  problem.  For  the  press\u*es  due  to  wing  thickness  at  0® 
angle  of  attack  the  differences  between  the  linear  theory  and  the  three- 
dimensional  shock-expansion  theory  are  not  large  and  there  is  good 
a^eement  with  experiment.  For  the  lifting  pressures  at  3°  angle  of 
attack,  however,  it  is  seen  that  the  variation  of  lifting  pressxire  n.1  nng 
the  chord  is  estimated  more  accurately  hy  the  three-dimensional  shock- 
expansion  theory.  This  theory  is  applicable  to  shock  detachment,  which 
occurs  at  about  15°  angle  of  attack  for  this  wing  and  Mach  number,  Tha 
differences  between  pressures  given  hy  three-dimensional  shock-expansion 
theory  and  those  predicted  hy  the  more  familiar  two-dimensional  theory, 
for  streamwise  sections,  are  small  for  the  present  case.  For  example, 
at  10*^  smgle  of  attack,  the  largest  differences  (lO  percent  to  I5  percent) 
occur  on  the  lower  surface.  On  the  ipper  surface  the  differences  between 
the  two  theories  are  negligible  at  this  Mach  number  of  3.36.  For  lower 
Mach  nuinbers  or  more  highly  swept  wings,  the  differences  are  larger.  The 
differences  ere  decreased  as  the  Mach  number  normal  to  the  landing  edge 
is  increased. 

The  nonlinearity  in  load  distribution  between  the  upper  and  lower 
surfaces  of  the  wing  at  a Mach  number  of  3*56  sxid  at  high  angles  of 
attack  is  illustrated  in  figure  6.  The  wing  is  at  20°  angle  of  attack 
where  the  bow  wave  is  detached  from  the  leading  edge  of  the  wing.  At 
this  angle  of  attack,  the  i;pper -surface  pressure  coefficients  are 
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approaching  a vacvnim.  The  variation  in  lower-surface  pressures  along 

the  chord  resembles  that  given  by  two-dimensional  shock-expansion  theory^  # 

for  streaniwise  sections,  or  Newtonian  theoryj  but,  as  would  be  expected, 

the  magnitudes  are  not  given  properly.  As  the  angle  of  attack  is 

increased  beyond  20°,  the  upper -surface  pressures  approach  a vacuum 

more  closely.  At  45°  angle  of  attack,  a 90-percent  vacuum  was  reached. 


Wing-Body  Combinations 

For  the  wing-body  combinations,  there  are  additional  nonlinear 
effects  restilting  from  interference.  These  nonlinearities  axe  evaluated 
by  comparison  of  high-angle  experimental  data  with  low-angle  data  or 
with  existing  slender -body  or  linear  theories'  (ref.  6) . For  exanple, 
the  result  of  body  interference  on  wing-load  distribution  at  angles  of 
attack  is  shown  in  figure  7»  wing  is  the  same  aspect-ratio-4  wing 

studied  previously.  The  ratio  of  body  radius  to  wing  semispan  is  0.2 
and  the  Mach  number  is  3»56.  The  nondimens ional  span  loading,  as  a 
fvinction  of  the  percentage  distance  along  the  wing  semispan,  is  given 
for  6°  and  20°  angle  of  attack.  The  normal-force  coefficients,  from 
the  integrated  span  loadings,  axe  shown  for  the  angle -of -attack  range. 

At  6°  angle  of  attack,  the  loading  for  the  wing  in  the  presence  of  the 
body  is  increased  by  the  body  upwash  over  that  for  the  wing  alone.  It 
wo\ild  be  unconservative  to  estimate  the  loads  on  the  wing  of  the  canbi- 
nation  by  using  wing -alone  data  and  Ignoring  the  interference.  The 
integrated  increase  in  loading  on  the  wing,  as  shown  by  the  normal -force 
coefficient,  is  given  accurately  at  6°  by  the  theory.  At  20°  angle  of 
attack,  however,  the  loading  of  the  wing  in  the  presence  of  the  body  is 
only  slightly  increased  over  that  of  the  wing  alone.  This  is  also  the 
case  for  the  normal -force  coefficient  above  about  10°  angle  of  attack. 

The  estimated  wing  bending  moments  would  be  conservative  if  the  slender- 
body  interference  factor  were  used  at  high  angles  of  attack. 

The  results  of  the  interference  of  the  body  on  wing-load  distribution 
at  angles  of  incidence  - that  is,  incidence  relative  to  the  body  - are 
illustrated  in  figure  8,  Nondimens  ional  span  loading  with  the  wing  at  6° 
20°  incidence  and  the  body  at  0°  angle  of  attack  is  shown  and  the 
normal-force  coefficients  for  the  incidence  angles  from  0°  to  40°  axe 
also  presented.  The  span  loadings  for  the  wing  alone  axe  not  greatly 
different  from  those  of  the  wing  in  the  presence  of  the  body.  The  inter- 
ference (the  difference  between  the  span  loading  for  the  wing  aJ-one  and 
that  for  the  wing  of  the  combination)  is  less  at  6°  incidence  than  at  6° 
angle  of  attack.  This  is  especially  so  for  the  span  loading  on  the  out- 
board part  of  the  wing.  Near  the  root,  at  6°  and  20°  incidence  angles, 
the  loading  on  the  wing  of  the  combination  is  reduced  frcm  that  of  the 
wing  alone  because  the  body  is  not  a perfect  reflection  plane,  due  to 
its  cuxvatvire.  The  normal  force  on  the  wing  of  the  combination  is 
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predicted  vith  good  accuracy  throughout  the  incidence  range  from  0° 
to  to®  by  applying  a small  interference  factor  from  slender-body  theory 
(ref.  6)  to  the  eacperimental  wing -alone  results. 


The  effect  of  tbe  presence  of  the  wing  on  body  loading  at  angles 
of  attack  is  shown  in  figure  9»  The  local  body  loading  along  the  body 
length  at  6°  and  20°  angle  of  attack  and  the  normal-force  coefficients 
as  a fvmction  of  angle  of  attack  are  presented.  At  both  angles  of  attack 
the  loading  on  the  afterbody  of  the  body  alone  is  given  with  fair  accu- 
racy by  the  viscous-crossflow  method  (see,  for  exanple,  ref.  7),  At  6° 
angle  of  attack  the  loading  carried  over  from  the  wing  is  increased  in 
the  region  near  the  wing  and  decreases  toward  the  base  of  the  body. 

At  20°  angle  of  attack  the  presence  of  the  wing  is  felt  forward  of  the 
wing  through  the  boundary  layer  on  the  body.  In  this  forward  region 
the  loading  starts  to  increase  slightly.  Near  the  wing  the  loading  is 
increased  rapidly.  Behind  the  wing,  the  interference  loading  over  the 
afterbody  does  not  decrease  toward  the  body  base.  This  is  a different 
result  than  at  6°  angle  of  attack,  or  at  high  angles  of  attack  at  lower 
svpersonic  Mach  numbers  (see,  for  exanple,  ref.  8).  The  integrated 
increase  in  normal  force  on  the  body,  due  to  the  wing,  is  predicted  with 
good  accuracy  at  high  angles  of  attack  even  though  the  bending  moments 
on  the  rear  of  the  body,  predicted  by  extrapolating  from  low-angle  pres- 
sure data,  would  be  unconservative. 

The  interference  load  distribution  on  the  body  with  the  wing  at 
angles  of  incidence  is  Illustrated  in  figure  10.  The  body  is  at  0°  a33gle 
of  attack  so  that  the  loading  on  the  body  alone  is  zero.  The  local 
loading  along  the  body  length  for  the  body  in  the  presence  of  the  wing 
at  6°  and  20°  incidence  angles  and  the  normal-force  coefficients  of  the 
body  as  a function  of  incidence  angles  from  0°  to  itO°  are  presented.  At 
6°  incidence  the  loading  on  the  body  Increases  in  the  region  of  the  wing 
and  decreases  toward  the  base  in  much  the  same  manner  as  the  loading  at 
an  angle  of  attack.  At  20°  incidence,  however,  the  positive  pressures 
from  the  lower  surface  of  the  wing  are  felt  on  the  top  of  the  body  near 
the  raised,  or  unported,  wing  leading  edge.  The  result  is  a downward, 
or  negative,  loading  on  the  body.  Further  downstream,  the  body  loading 
becomes  positive,  decreasing  toward  the  base  of  the  body.  The  bending 
moments  on  the  body  at  high  angles  of  wing  incidence  covild  not  be  pre- 
dicted by  extrapolating  low-angle  data. 


The  effect  on  the  agreement  between  theory  and  e3q)eriment  of  the 
negative  loading  is  also  shown  for  normal -force  coefficients.  At  low 
incidence  angles,  the  predicted  normal  force  is  in  good  agreement  with 
experiment.  Above  about  10°  the  predicted  total  loads  for  the  body  are 
far  above  experiment.  For  wings  of  rectangular  plan  form  having  larger 
chords  relative  to  the  body  than  the  present  wing,  the  negative  and 
positive  body  loadings  were  equal  at  large  incidence  angles  so  that  the 
resultant  was  a coiple;  zero  normal  force  and  large  local  bending  moments. 


CONCLUDING  EMAKKS 


Coniparisons  of  the  predicted  and  experimental  loadings  on  wings  and 
wing-hody  combinations  have  been  presented,  from  which  the  following  sum- 
marizing remarks  can  be  made; 

1.  On  very  highly  swept  delta  wings  at  moderate  supersonic  Mach 
numbers,  viscosity  and  separation  must  be  considered,  even  at  low  angles 
of  attack,  for  accurate  prediction  of  load  distribution.  For  wings  with 
less  sweepback,  but  at  higher  Mach  numbers,  nonlinear  effects  of  com- 
pression and  expansion  must  be  considered  at  all  angles  of  attack. 

2.  For  the  wing -body  combinations,  there-  were  additional  nonlinear 
effects  resulting  from  Interference.  At  large  angles  of  attack  the 
effective  body  vpwash  was  reduced  so  that  the  wing  performed  essentially 
as  a wing  alone.  At  large  angles  of  wing  incidence,  importing  of  the 
wing  created  a body  loading  which  was  highly  nonlinear. 
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TEST  PARAMETERS 

M»l.45, 1.9,  2.46,  3.36;  a=0*T0  45' 

A»0* 


A ' I A»2  A*3 


A • 45“  58“  63“  67“  75*  80"  85" 

A » 4 2.5  2 1.7  1.1  .7  .35 


0.2,  0.4  ; INCIDENCE  • ± 45" 


Figure  1 


COMPARISON  OF  LINEAR  THEORY  AND  EXPERIMENT 
ON  WING- LOAD  DISTRIBUTION 

DELTA  WING-.  A=4,  5"/o  THICK,  50%  BLUNT,  M=l.45 
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COMPARISON  OF  THEORY  AND  EXPERIMENT 
FOR  PRESSURES 

DELTA  wing:  A=0.35,  I % THICK,  100%  BLUNT,  M = 1.9 


COMPARISON  OF  LINEAR  THEORY  AND  EXPERIMENT 
ON  WING-LOAD  DISTRIBUTION 
DELTA  wing;  A=4,  a = 3",  5%  THICK.  50%  BLUNT,  M'3.36 
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WING  PRESSURES  FORWARD  OF  INFLUENCE  OF  APEX 

DELTA  WING;  A = 4,  5%  THICK,  50  % BLUNT.  M = 3.36 


3-DIMENSIONAL  3-  DIMENSIONAL 


PERCENT  CHORD 


Figure  5 

HIGH-ANGLE  LOAD  DISTRIBUTION 

DELTA  WING:  A=4,  0 = 20®,  5% THICK,  50®/o  BLUNT,  M = 3.36 


Figure  6 
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INTERFERENCE  ON  WING-LOAD  DISTRIBUTION 
AT  ANGLES  OF  ATTACK 


M-3.36 


g=6" 


THEORY-^ 


Figure  7 


INTERFERENCE  ON  WING-LOAD  DISTRIBUTION 
AT  ANGLES  OF  INCIDENCE 
M = 3.36 
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Figure  8 
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INTERFERENCE  ON  BODY-LOAD  DISTRIBUTION 
AT  ANGLES  OF  ATTACK 
M = 3.36 


Figiare  9 


INTERFERENCE  ON  BODY-LOAD  DISTRIBUTION 

AT  INCIDENCE 
M=3.36 


Figure  10 
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LOADS  ON  THin  WINGS  AT  TRANSONIC  SPEEDS 
By  Don  D.  Davis,  Jr.,  and  Gerald  Hieser 
Langley  Aeronautical  Laboratory 


SLUyMARY 


Experimental  loads  data  at  transonic  speeds  are  reviewed  in  an 
attempt  to  sort  out  the  effects  of  several  configuration  variables  on 
the  overall  wing  loads,  and  to  establish  the  relative  importance  of  these 
variables. 

All  plan  forms  show  a large  rearward  shift  of  the  center  of  pres- 
sure in  the  transonic  speed  range,  but  the  Mach  number  at  which  this 
shift  begins  is  found  to  be  a function  of  such  factors  as  taper  ratio, 
thickness  ratio,  sweep  angle,  and  the  shape  of  the  body.  The  center 
of  pressure  also  tends  to  shift  outboard  in  the  transonic  speed  range, 
but  this  shift  is  found  to  be  much  larger  for  swept  wings  of  medium  taper 
than  for  highly  tapered  swept  wings  or  for  unswept  or  delta  wings. 

Wing  loads  measured  in  flight  on  the  D-558-II  airplane,  which  has 
a wing  thickness  ratio  of  about  O.O9,  are  similar  to  those  measured  on 
a o-percent-thick  wing  of  similar  sweep  and  aspect  ratio,  except  that 
the  transition  from  subsonic  to  supersonic  loading  characteristics  begins 
at  a lower  Mach  number  for  the  thicker  wing.  This  similarity  Indicates 
the  possibility  of  applying  these  flight-test  results  in  the  struct\rral 
design  of  thinner  wings. 


INTRODUCTION 


Studies  of  aerodimamic  loading  at  transonic  speeds  (for  example, 
ref . 1)  have  revealed  that  a change  in  wing  thickness  ratio  from  a large 
value  such  as  O.O9  to  a smaller  value  such  as  O.O6  often  results  in  large 
changes  in  wing  loading  characteristics.  Several  research  programs  have 
been  conducted  at  the  NACA  for  the  purpose  of  determining  the  effects  of 
configuration  changes  on  the  aerodynamic  loading  of  thin  wings  (6  percent 
thick  and  less)  at  transonic  speeds.  The  purpose  of  this  paper  is  to 
summarize  this  information  in  a manner  that  will  aid  in  the  evaluation  of 
the  relative  importance  of  the  variables  that  affect  wing  loads.  For  the 
most  part,  the  location  of  the  center  of  loading  on  the  wing  will  be  used 
as  an  indicator  of  the  overall  wing  loads. 
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SYMBOLS 


A 

L 

c 

c 

Cav 

i 

M 

P 

t/c 

x/c 

^cp 

y 

^cp 

Cme 

a 

% 

A 

A 


aspect  ratio 

span 

chord 

mean  aerodynamic  chord 
average  chord 
incidence  angle 
Mach  number 
pressure  coefficient 
thickness  ratio 

distance  along  wing  chords  measured  from  leading  edge^ 
fraction  of  chord 

chordwise  location  of  center  of  pressure 
lateral  distance 

spanwise  location  of  center  of  pressure  measured  from  wing-- 
body  jLincture 

exposed-wing  bending-moment  coefficient 

exposed-wing  pitching -moment  coefficient 

exposed-wing  normal-force  coefficient 

angle  of  attack 
nose  droop  angle 

sweepback  angle  (subscripts  .25>  *50  specify  reference 

chord  line) 

taper  ratio 
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Subscripts: 

e exposed  ving 

LE  leading  edge 

Test  designations  (used  in  fig.  l)l 

F flight  (including  pressure  measurements) 

P vind-tunnel  pressure 

WB  wind-tunnel  wing  halance 


T 


DISCUSSION 


Seme  of  "the  wlng-Dody  combinations  and  airplanes  for  \rtiich  wing 
loads  data  are  available  are  represented  in  figure  1 (refs.  2 to  11). 

The  symbol  P in  the  figure  signifies  wind-tunnel  pressure  tests,  and 
the  symbol  F refers  to  flight  tests  during  which  pressures  were  also 
measured.  For  the  remainder  of  the  configurations,  data  have  been 
obtained  frean  wing  balances  as  signified  by  the  symbol  WB.  The  a^vail- 
able  pressure  data  have  made  it  possible  to  study  in  some  detail  the 
changes  in  wing  loading  that  occur  in  the  region  of  transition  from  sub- 
sonic to  supersonic  speeds . However,  very  little  detailed  pressure 
information  is  included  in  this  paper. 

In  figure  2,  chordwise  and  spanwise  center-of -pressure  locations 
obtained  from  the  data  of  reference  7 are  plotted  as  a fimction  of  Mach 
number  at  a normal-force  coefficient  of  0.5  for  two  wings  differing  only 
in  thickness  ratio.  Note  that  the  data  in  this  and  a1 1 ensiling  figures 
are  reduced  on  the  basis  of  exposed-wing  geometry  as  indicated  by  the 
subscript  e.  The  unusually  rearward  position  of  the  wings  on  the 
research  body  shown  in  figure  2 probably  has  no  major  effect  on  the  wing 
loads . 

The  large  rearward  movement  of  the  center  of  pressure  between  Mach 
numbers  of  about  0.8  and  0.95  is  due  to  the  reaurward  travel  of  the  wing 
shock  (fig.  2).  This  shock  reaches  the  trailing  edge  at  a Mach  number 
of  about  0.95  at  which  speed  the  flow  over  the  upper  surface  of  the  wing 
is  almost  entirely  supersonic,  and  further  increases  in  Mach  number  up 
to  1.2  result  in  only  small  additional  movement  of  the  center  of  pressure. 
For  these  thin  straight  wings,  the  lateral  position  of  the  center  of  pres- 
sure is  affected  little  by  the  variation  of  Mach  number.  Reducing  the 
thickness  ratio  from  0.06  to  0.0^4-  results  in  only  a smal  1 shift  of  the 
center  of  pressure  - rearward  and  outboard  - and  thus  in  only  a rttipiI  1 


change  in  the  loads.  This  trend  exists  throughout  the  normal-force  range 
helow  the  stall.  Unpublished  data  from  a different  wing,  for  which  chord- 
wise  pressure  distributions  were  obtained  at  two  spanwise  stations,  show 
that  reducing  the  thickness  ratio  from  0.04  to  0.02  has  an  even  smaller 
effect  on  the  chordwise  center  of  pressure  than  shown  here. 

Plots  of  the  center  of  pressure  for  three  wings  with  about  55° 
sweep  - a wind-tunnel  model  (ref.  7)  the  F86-A  (ref.  12)  and 
D-558-11  (ref.  8)  airplanes  - are  shown  in  figure  5*  Note  that  the  cen- 
ter of  pressiire  for  the  F-86a  airplane  shows  a rather  severe  forward  and 
inboard  movement  in  the  transonic  speed  range  which  results  from  a loss 
of  lift  at  the  tip  of  the  wing.  This  characteristic  has  been  described 
in  the  past  as  being  typical  of  thick  wings,  because  it  was  found  that, 
when  the  thickness  ratio  was  reduced  sufficiently,  the  forward  and 
inboard  movement  of  center  of  pressure  was  eliminated.  The  data  for 
the  D-558-II  research  airplane  show  that  the  center  of  pressure  moves 
rearward  and  outboard  as  the  speed  is  increased  in  the  transonic  range, 
a characteristic  which  has  been  described  as  typical  of  thin  swept  wings. 
In  this  particular  case,  however,  the  wide  difference  in  the  behavior  of 
center  of  pressure  between  the  F-86a  and  D-558-II  airplanes  cannot  be 
explained  on  the  basis  of  wing  thickness  because  the  thickness  ratios 
average  about  0.09  for  both  airplanes.  The  differences  in  sweep  and  taper 
ratio  are  also  small,  but  there  is  a significant  change  in  aspect  ratio 
from  3.6  for  the  D-558-II  to  ^4-.8  for  the  F-86A.  Increasing  the  aspect 
ratio  thus  is  seen  to  have  an  effect  similar  to  that  of  increasing  the 
thickness  ratio,  in  that  eventually  a point  is  reached  where  further 
increases  result  in  a loss  in  lift  at  the  wing  tips  at  transonic  speeds 
with  a resultant  inboard  and  forward  movement  of  the  center  of  pressure. 
The  solid  lines  in  figure  3 indicate  the  center  of  pressure  of  the 
6-percent-thick  wind-tunnel  model.  The  only  significant  difference 
between  these  curves  and  those  for  the  D-558-II  airplane  is  a delay  in 
the  Mach  number  at  which  the  rearward  and  outboard  movement  of  the  center 
of  pressure  begins.  This  delay  is  due  to  the  decreased  thickness  ratio 
of  the  wind-tunnel  model  which  reduces  the  induced  velocities  over  the 
wing.  It  is  apparent  from  the  comparison  in  figure  3 that  the  flight 
data  from  the  D-558-II  airplane  can  be  used  with  some  confidence  in 
estimating  the  loads  on  much  thinner  wings  of  about  the  same  plan  fom, 
whereas  the  F-86A  data  are  likely  to  give  misleading  results  if  applied 
to  thin  wings. 


In  connection  with  the  data  of  figure  2,  it  was  noted  that  the  center- 
of-pressure  movement  at  supersonic  speeds  was  relatively  small  for  unswept 
wings.  A similar  trend  is  shown  in  figoure  5 for  swept  wings.  The 
data  not  only  verify  this  trend  but  also  show  that  it  extends  to  the  limit 
of  the  test  data  at  a Mach  number  of  1.5-  The  spanwise  center  of  P’^es- 
sure  for  the  6— percent— thick  wing  has  been  calculated  at  M — 1.2,  1.2  , 
and  1.5  by  linearized  theory.  The  results  are  plotted  as  the  diamond 
points  and  show  good  agreement  between  the  theory  and  experiment.  With 


decreasing  supersonic  Mach  number,  the  linearized  theory  predicts  a 
sizeable  inboard  shift  of  the  center  of  loading  beginning  at  the  point 
where  the  Mach  lines  become  parallel  to  the  wing  trailing  edge  - the  so- 
called  subsonic  trailing-edge  case.  Experimentally,  this  shift  is  found 
to  occur  at  subsonic  rather  than  low  supersonic  speeds.  If  the  calcu- 
lations are  started  at  the  lowest  Mach  number  for  which  the  supersonic 
trailing-edge  theory  is  applicable,  and  the  resulting  cvorves  are  simply 
extrapolated  back  to  M = 1,  the  spanwise  center  of  load  for  swept  wings 
will  be  predicted  with  better  accuracy  than  by  using  the  theory  for  sub- 
sonic trailing  edges. 

The  advantages  of  thin  wings  for  high-speed  flight  have  been  clearly 
established  from  a performance  standpoint.  However,  the  choice  of  plan 
form  depends  to  some  extent  on  the  intended  mission  of  the  airplane  and 
therefore  unswept,  swept,  and  delta  wings  are  all  under  consideration. 

The  chordwise  and  spanwise  center  of  pressiire  is  shown  in  figure  4 as  a 
function  of  Mach  number  for  one  of  the  unswept  wings  shown  previously 
and  also  for  a swept  (ref.  7)  and  a delta  wing  (unpublished  data)  at  a 
value  of  CfT  of  0.5*  The  wings  utilized  here  are  representative  of 

the  three  types  of  plan  form,  but  are  not  necessaxily  optimum  from  a 
performance  standpoint.  Only  the  unswept  and  swept  wings  have  the  same 
aspect  ratio,  taper  ratio,  and  thickness  ratio.  Although  the  thickness 
ratio  of  the  delta  wing  is  considerably  lower  than  that  of  the  other  two 
wings,  the  differences  shown  here  are  primarily  due  to  the  change  in 
plan  form.  Comparing  the  chordwise  center-of -pressure  location  for  the 
unswept  and  swept  wings  reveals  that  sweep  has  resulted  in  an  increase 
in  the  Mach  number  at  which  the  rearward  shift  of  the  center  of  pressure 
begins;  but,  at  a Mach  number  of  1.2,  the  center  of  pressure  of  the  two 
wings  is  in  nearly  the  same  chordwise  location.  The  lateral  center  of 
pressure  for  the  swept  wing  shows  an  outboard  movement  of  about  7 percent 
of  the  exposed  semispan,  as  Mach  n\miber  is  increased  from  subsonic  to 
supersonic  speeds.  For  the  delta  wing,  the  chordwise  center  of  pressure 
is  considerably  farther  rearward  than  for  the  other  wings.  However, 
because  of  the  change  in  plan  form  the  mean  aerodynamic  chord  for  the 
delta  wing  is  farther  inboard  and  considerably  longer  than  for  the  other 
two  wings,  although  the  wing  areas  are  the  same.  As  a result,  the  rear- 
ward center-of -pressure  movement  with  increasing  Mach  number  for  the 
delta  wing  is  larger,  relative  to  that  for  the  other  two  wings,  than 
might  appear  from  the  data  of  figure  4.  The  spanwise  center  of  pressure 
for  the  delta  wing  is  located  farther  inboard  than  that  for  the  other 
two  wings  and,  like  the  unswept  wing,  it  shows  a much  smaller  movement 
through  the  transition  from  subsonic  to  supersonic  flow  than  does  the 
spanwise  center  of  pressure  of  the  swept  wing. 

The  variation  of  the  chordwise  and  spanwise  center-of-pressure 
locations  with  wing  normal-force  coefficient  for  the  same  three  wings 
of  figure  4 is  shown  in  figure  5.  At  a Mach  number  of  0.8,  the  chordwise 


6 


• • 
• • 
• • 
• • 
• • 


• • • • 
• • 

• • • 
• • 


• •• 

• • 
• ♦ 

• • 

• •• 


• • 
• • 


center  of  pressure  for  the  unswept  wing  shows  a large  rearward  movement 
in  the  upper  range  of  CV  . and  is  accompanied  hy  an  outboard  movement. 

For  the  swept  and  delta  wings^  the  inboard  and  forward  movement  of  cen- 
ter of  pressure  that  begins  at  normal-force  coefficients  of  0.5  to  0.8 
is  associated  with  tip  stalling.  This  characteristic  is  undesirable  from 
a longitudinal- stability  standpoint  and  modifications  incorporated  to 
improve  the  stability  generally  delay  the  beginning  of  this  center-of- 
pressure  shift  to  higher  normal-force  coefficients.  At  a Mach  number 
of  1.2^  for  the  unswept  and  delta  wings^  the  chordwise  position  of  the 

center  of  pressure  shows  very  little  movement  with  increasing  CV 

e 

within  the  range  of  the  data.  The  center  of  pressure  of  the  swept  wing 
again  shows  a forward  movement  at  high  values  of  Ctvt  . The  spanwise 

center  of  pressure  for  the  unswept  wing  is  nearly  constant  at  M = 1.2^ 
whereas  the  swept  and  delta  wings  e3<p)erience  an  inboard  movement  of  the 
center  of  pressure  that  is  similar  to  that  shown  at  M = 0.8^  although 
it  is  less  severe.  At  a Mach  number  of  1.2^  the  spanwise  center  of  pres- 
sure of  the  swept  wing  is  outboard  of  that  for  the  unswept  wing  through- 
out most  of  the  range  of  ^ result  the  root  bending  moments  for 

the  swept  wing  will  be  higher^  in  general^  than  those  for  the  unswept 
wing.  For  example,  in  a maneuver  at  Ctt  =0.4-  and  M = 1.2^  the  root 

bending  moment  for  the  swept  wing  would  be  about  17  percent  higher  than 
for  the  unswept  wing. 

Structural  considerations  lead  to  a desire  for  rather  highly  tapered 
wings.  Center-of -pressure  locations  for  two  swept  wings  identical  except 
for  taper  ratio  were  obtained  from  reference  6 and  are  presented  in 
figure  6.  In  comparing  wings  of  different  taper  ratio,  it  is  important 
to  recognize  that  the  mean  aerodynamic  chord  of  the  more  highly  tapered 
wing  is  located  farther  inboard  and  is  also  longer.  There  is  one  chord 
on  the  wing,  however,  that  is  unaffected  by  a change  in  taper  ratio; 
namely,  the  average  chord  of  the  complete  wing.  Consequently,  the 
average  chord  has  been  selected  as  a basis  for  this  comparison,  and  on 
this  basis  the  change  in  taper  ratio  from  0.6  to  0.3  is  found  to  have 
very  little  effect  on  the  center-of -pressure  location  at  subsonic  and 
supersonic  speeds.  The  transition  in  the  transonic  speed  range,  however, 
begins  at  a lower  Mach  mmber  for  the  more  highly  tapered  wing. 

Some  unpublished  data  on  an  even  more  highly  tapered  wing  (A  = 0.15) 
showed  an  outboard  movement  in  the  spanwise  center  of  loading  of  less 
than  2 percent  of  the  exposed  semispan  at  transonic  speeds  as  compared 
to  about  7 percent  for  the  wings  shown  in  figure  6.  The  bending -moment 
characteristics  of  a very  highly  tapered  wing  thus  seem  to  approach 
those  of  a delta  wing,  and  the  moment  increase  at  transonic  speeds  is 
smaller  than  for  the  wings  shown  in  figure  6.  This  is,  of  course,  a 


favoralDle  effect  as  for  as  the  wing  loads  are  concerned.  The  wing  with 
a taper  ratio  of  0.15  the  same  sweep  and  aspect  ratio  as  the  wings 
shown  in  figure  6,  hut  it  was  specifically  designed  for  efficient  flight 
at  transonic  speeds  and  has  camber  and  thinner  airfoil  sections.  The 
division  of  load  between  the  wing  and  the  body  and  the  spanwise  distri- 
bution of  load  for  this  wing  are  shown  in  subsequent  papers  by  Thomas  C. 
Kelly  and  John  L.  Crigler. 

At  the  present  time,  contoured  bodies  are  being  considered  in  the 
design  of  transonic  and  supersonic  airplanes.  In  figure  7 is  shown  the 
effect  of  body  indentation  on  the  center-of-pressure  location  for  a wing 
of  aspect  ratio  2.67  (unpublished  data).  The  change  in  body  shape  is 
seen  to  result  in  a somewhat  rearward  and  inboard  movement  of  the  center 
of  pressure  throughout  the  speed  range.  Tests  of  other  wings  have  shown 
that  the  effect  of  body  contouring  on  wing  loads  is  less  for  wings  of 
higher  aspect  ratio  (ref.  6).  This  is  to  be  expected  because  the  effect 
of  the  body  shape  on  the  wing  pressiires  is  confined  largely  to  the  region 
of  the  wing  near  the  body  (ref.  15)* 

Another  factor  that  has  received  increased  attention  recently  is 
the  use  of  leading -edge  camber  on  the  wings  of  high-speed  airplanes.  In 
order  to  discuss  the  effects  of  such  camber  on  the  aerodynamic  loads,  it 
is  necessary  to  inspect  chordwise  pressure  distributions.  Pressures  at 
the  28-percent-semispan  station  are  shown  in  figrore  8 for  an  unsvept  wing 
with  the  leading  edge  undrooped  (ref.  10)  and  drooped  6^  and  10^  along 
the  17-per cent- chord  line,  at  angles  of  attack  of  about  5^  and  13°.  Pres- 
sures for  the  drooped  cases  were  obtained  from  unpublished  data.  The 
results  shown  in  this  figure  are  typical  of  those  at  other  spanwise  sta- 
tions. As  the  leading  edge  is  drooped  to  progressively  higher  angles  at 
an  angle  of  attack  of  about  5^^  the  suction  above  the  leading  edge  is 
reduced  at  Mach  mmibers  of  both  0.8  and  1.0.  Thus,  the  loads  on  the  mech- 
anism that  are  required  to  droop  the  leading  edge  are  highest  at  the 
breakaway  point,  and  they  can  be  estimated  from  pressure  distributions  on 
the  undrooped  wing. 

At  a Mach  nimiber  of  0.8  and  an  angle  of  attack  of  about  5°,  increasing 
the  droop  results  in  a rearward  movement  of  the  wing  shock,  but  behind  this 
shock  the  droop  has  little  effect  on  the  wing  loads  (fig.  8).  As  the  angle 
of  attack  is  increased,  the  loads  on  the  iindrooped  nose  increase  until  the 
flow  separates,  at  which  point  the  loads  are  considerably  reduced.  At  an 
angle  of  attack  of  about  15^  and  a Mach  number  of  0.8,  the  flow  is  ccan- 
pletely  separated  at  the  leading  edge  for  the  0°  and  o droop  cases,  but 
there  is  still  a negative  pressure  peak  at  10°  of  droop.  At  about  the 
same  angle  of  attack  and  a Mach  number  of  1.0,  there  is  still  a smal  1 
reduction  in  the  leading-edge  load  as  the  droop  is  increased.  Note  that 
the  trailing-edge  loads  are  not  affected  by  droop  at  either  Mach  number. 


Unpublished  results  from  chordwise  loadings  for  a 45°  swept  wing 
with  a drooped  leading  edge  show  trends  similar  to  the  unswept-wing  data 
of  figure  8. 

An  indication  of  the  effect  of  leading-edge  droop  on  the  total  wing 
loads  is  given  in  figure  9 which  shows  the  pitching-moment  and  root- 
bending-moment coefficients  for  a swept  wing  with  and  without  droop,  and 
the  root -bending -moment  coefficient  for  the  unswept  wing  with  and  without 
droop.  The  moments,  rather  than  the  center  of  pressure,  are  plotted  in 
this  figure  because  it  is  felt  that  they  may  give  a somewhat  clearer 
picture  of  the  effect  of  droop.  The  bending  moment  at  a constant 

is  essentially  ixnaffected  by  the  camber  for  both  the  swept  and  unswept 
wings,  within  the  range  of  the  data.  Application  of  camber  to  the  swept 
wing  causes  a negative  increment  in  the  pitching-moment  coefficient  that 
is  nearly  constant  up  to  a normal-force  coefficient  of  0.4. 

Camber  effects  are  of  particular  interest  in  the  case  of  delta  wings. 
Although  no  data  can  be  presented  at  this  time,  tests  are  being  made  on 
a delta  wing  with  conical  leading -edge  camber. 

The  effect  of  a change  in  wing  incidence  from  0°  to  4°  on  the 
pitching-moment  and  root -bending-moment  coefficients  for  a swept  wing 
is  presented  in  figure  10  at  a Mach  nimiber  of  1.0  (unpublished  data). 

The  effect  of  this  incidence  change  on  the  loads  is  only  a small  propor- 
tion of  the  maximum  loads.  Incidence  causes  an  essentially  constant 
increment  in  the  pitching  and  bending  moments  throiagh  a large  part  of 
the  normal -force  range.  Thus,  the  principle  of  superposition  of  a basic 
loading  due  to  Incidence  and  an  additional  loading  due  to  angle  of  attack 
is  apparently  valid  at  sonic  speed  as  well  as  at  subsonic  speed. 


CONCLUDING  REMABKS 


This  discussion  of  experimental  loads  data  at  transonic  speeds  has 
been  an  attempt  to  sort  out  the  effects  of  several  configuration  vari- 
ables on  the  overall  wing  loads,  and  to  establish  the  relative  impor- 
tance of  these  variables. 

All  plan  forms  show  a large  rearward  shift  of  the  center  of  pres- 
sure in  the  transonic  speed  range,  but  the  Mach  number  at  which  this 
shift  begins  is  found  to  be  a fimction  of  such  factors  as  taper  ratio, 
thickness  ratio,  sweep  angle,  and  the  shape  of  the  body.  The  center  of 
pressure  also  tends  to  shift  outboard  in  the  transonic  speed  range,  but 
this  shift  is  found  to  be  much  larger  for  swept  wings  of  medium  taper 
than  for  highly  tapered  swept  wings  or  for  unswept  or  delta  wings. 
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Wing  loads  measured  in  flight  on  the  D-558-H  airplane,  which  has 
a wing  thickness  ratio  of  about  O.O9,  are  similar  to  those  measured  on 
a 6-percent-thick  wing  of  similar  sweep  and  aspect  ratio,  except  that 
the  transition  from  subsonic  to  supersonic  loading  characteristics  begins 
at  a lower  Mach  number  for  the  thicker  wing.  This  similarity  indicates 
the  possibility  of  applying  these  flight -test  res\ilts  in  the  structural 
design  of  thinner  wings. 
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EFFECT  OF  PLAN  FORM  ON  CENTER  OF  PRESSURE 
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EFFECT  OF  BODY  INDENTATION  ON  CENTER  OF  PRESSURE 
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EFFECT  OF  BODY  INDEimTION  ON  BODY  LOADS  AND  THE 
DIVISION  OF  LOADS  AT  G3?ANS0NIC  SPEEDS 
:^y  Thcmas  C.  Kelly 
Langley  Aeronautical  Laboratory 


IN!I5?ODUCTION 


One  of  the  problems  associated  with  the  structural  design  of  air- 
planes is  the  estimation  of  the  load  division  between  con5)onents  of 
various  configurations.  Simplified  theoretical  methods  are  available 
(refs,  1 and  2)  which  permit  the  load  division  to  be  estimated  readily 
at  subsonic,  transonic,  and  supersonic  speeds  for  wing-body  anH  wing- 
body-tail  combinations  having  wings  with  rectangular,  trapezoidal,  and 
delta  plan  forms.  Unfortunately,  the  sinplified  methods  do  not  apply  for 
wings  having  sweptback  trailing  edges.  In  addition  to  the  theoretical 
methods,  experimental  data  which  indicate  the  effects  of  many  variables 
on  the  division  of  loads  (refs.  5 to  6,  for  exanple)  are  available. 

Because  of  the  recent  emphasis  placed  ui>on  body  contouring  as  a 
means  for  reducing  drag  at  transonic  and  supersonic  speeds  (see  refs.  7 
and  8),  it  beccmes  important  to  determine  the  effects  that  these  modi- 
fications may  have  upon  wing  and  body  loads  and  the  division  of  loads . 

The  previous  paper  by  Don  D.  Davis,  Jr.,  and  Gerald  Hieser  has  indicated 
the  effects  of  body  indentation  on  the  wing  center -of -pressm*e  locations. 
The  purpose  of  the  present  paper  is  to  present  division -of -load  infor- 
mation for  three  wing-body  combinations  having  wings  with  trapezoidal, 
swept,  and  delta  plan  forms  and  to  show  for  each  plan  form  the  effect  of 
body  indentation  on  the  load  division. 


DISCUSSION 


Figure  1 illustrates  the  combinations  which  are  considered.  Thp 
solid  and  dashed  lines  shown  in  the  vicinity  of  the  wing  root  represent 
outlines  of  the  basic  and  indented  bodies.  Both  force  tests  and  pressure 
distribution  tests  at  transonic  speeds  have  been  made  for  the  trapezoidal- 
and  swept-wing  combinations.  Complete-model  force  tests  and  measurements 
of  the  wing  forces  in  the  presence  of  the  body  have  been  obtained  for  the 
delta -wing  configuration  and  for  a group  of  other  swept  and  unswept  wings. 
Some  of  these  data  are  available  (ref.  9)* 
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Figure  2 shows  the  effect  of  body  indentation  on  the  division  of 
loads  for  the  trapezoidal  wing -body  combinations.  The  wing  had  an  unswept 
three-quarter  chord  line^  an  aspect  ratio  of  2.6l^  and  a ratio  of  maximum 
body  diameter  to  wing  span  of  0.179-  Results  are  shown  as  the  ratio  of 
body  normal -force  coefficient  wing-body  normal -force  coeffi- 

cient fCiT^  plotted  against  wing-body  normal-force  coefficient.  In  all 

cases,  the  body  normal -force  coefficients  were  measured  in  the  presence 
of  the  wing.  This  ratio  represents  simply  the  percentage  of  the  total 
load  carried  by  the  body  of  the  combination.  Results  are  shown  at  Mach 
numbers  of  0.80  and  1.12  for  the  basic  and  indented  configurations.  The 

quantity  1 - where  is  the  exposed  wing  area  and  S,  the  total 

wing  area,  represents  the  percentage  of  the  total  wing  area  which  is 
blanketed  by  the  body.  Theoretical  values,  which  are  shown  in  figure  2, 
were  obtained  for  the  basic -body  configuration  by  using  Nielson's  method 
(ref.  1). 


At  a Mach  number  of  0.80,  the  experimental  and  theoretical  results 
show  excellent  agreement  at  low  normal-force  coefficients  where  the 
theoretical  method  applies.  At  normal -force  coefficients  above  about  0.50 
for  the  basic -body  combination,  the  body  loads  begin  to  increase  noticeably 
from  the  original  value  of  about  21  percent.  This  increase  in  body  load 
is  a result  of  the  loss  in  wing  lift  associated  with  separation.  A similar 
increase  in  body  load  occurs  for  the  indented -body  configuration  which  is 
carrying  about  5 percent  less  load  at  this  Mach  n\miber  as  a result  of  the 

Se 

increase  In  exposed  wing  area.  Although  the  area  ratio  1 — g-  gives  a 

poor  approximation  of  the  portion  of  the  total  load  carried  by  the  body, 
the  difference  in  the  basic-  and  indented -body  loads  shown  by  this  ratio 
(about  3 percent)  are  in  good  agreement  with  the  experimental  differences 
(approximately  4 percent) . 

At  a Mach  number  of  1.12,  the  percent  load  carried  by  the  body  has 
increased  somewhat  aind  there  is  only  a slight  indication  of  an  increase 
in  body  load  associated  with  wing  separation  at  the  hipest  total  normal- 
force  coefficients.  Here  again,  the  theory  is  in  excellent  agreement 
with  the  experimental  results  for  the  basic -body  combination,  and  the 
experimental  Increment  in  the  percent  loads  carried  by  the  basic  and 
indented  bodies  is  close  to  the  increment  shown  by  the  area  ratios. 

In  figure  3,  division-of-load  data  are  presented  in  the  same  manner 
for  the  swept-wing  combination.  The  wing,  which  was  cambered,  had  45° 
sweepback  of  the  quarter  chord,  an  aspect  ratio  of  4,  and  a ratio  of  body 
diameter  to  wing  span  of  0.115.  The  percent  load  carried  by  the  basic 
body  at  a Mach  number  of  0.80  is  low,  on  the  order  of  11  to  12  percent 
at  low  normal-force  coefflcientsj  again,  the  data  indicate  an  increase  in 
body  loads  at  the  higher  normal -force  coefficients.  The  low  values  of 


body  loads  woiild  be  expected  when  the  ratio  of  the  body  maximum  diameter 
to  wing  span  of  0.115  is  considered)  the  value  of  this  parameter  gives  a 
good  approximation  of  the  body  load  for  this  particular  configuration. 

As  was  shown  in  the  case  of  the  trapezoidal  wing,  the  experimental  incre- 
ment between  the  percent  body  loads  for  the  basic  and  indented  configu- 


rations is  close  to  the  increment  shown  by  the  ratios  of  1 


for  the 


two  configurations. 


Similar  results  are  seen  at  a Mach  number  of  1.12,  the  only  apparent 
difference  in  the  two  Mach  numbers  being  a delay  in  wing  separation  indi- 
cated by  the  fairly  rapid  increase  in  body  loads  at  M = 0.80  at  the 
hi^er  normal-force  coefficients  and  a tendency  for  the  body  loads  to 
maintain  a straight-line  variation  at  the  higher  Mach  number. 


Results  are  shown  in  figure  h for  the  delta-plan-form  combinations 
that  had  a wing  with  a 60°  sweptback  leading  edge,  an  aspect  ratio  of  2.51, 
and  a ratio  of  body  diameter  to  span  of  0.206.  For  this  case,  the  Mach 
numbers  are  0.80  and  1.2.  Because  of  strain-gage  balance  limitations, 
the  data  are  restricted  to  a low  normal -force-coefficient  range  and  are 
presented  as  a matter  of  interest. 


At  a Mach  number  of  0.80,  agreanent  of  the  experimental  and  theoretical 
basic-body  load  percentages  is  fair,  the  experimental  value  being  about 
19  percent  and  the  theoretical,  2h  percent.  At  the  higher  Mach  number,  the 
load  carried  by  the  body  has  increased  to  approximately  25  percent  and  the 
agreement  in  theory  and  experiment  is  good  for  the  basic-body  configuration. 

For  these  basic  and  indented  combinations,  the  change  in  the  load 
division  resulting  from  Indentation  was  much  greater  than  the  change  in 
the  ratios  based  on  exposed  wing  area. 


The  preceding  figures  have  indicated  the  division  of  loads  for  the 
various  configurations.  Figures  5 6 have  been  prepared  in  order  to 

show  the  effect  of  indentation  on  the  body  loads  themselves.  Results  are 
shown  as  the  variation  of  body  pressure  coefficient  P with  percent  body 
length  x/L  for  the  ^5°  swept  wing-body  configurations.  Data  are  shown 
at  an  angle  of  attack  of  8°  and  at  Mach  numbers  of  O.8O  and  1.12  for  the 
basic  body  in  the  presence  of  the  wing  (shown  by  the  solid  line),  the 
indented  body  in  the  presence  of  the  wing  (shown  by  the  dashed  line),  and 
for  the  basic  body  alone  (shown  by  the  long  and  short  dashes).  These 
pressure  distributions  were  obtained  from  orifice  rows  which  extended  along 
the  top  and  bottom  of  the  body  at  the  plane  of  symmetry  as  shown  in  the 
sketch.  For  purposes  of  orientation,  the  location  of  the  wing  on  the  bodies 
is  shown,  and  pressvtre  coefficients  corresponding  to  a Mach  number  of  1.0 
are  shown  as  Phonic. 
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At  both  Mach  numbers  and  for  both  upper  and  lower  orifice  rows,  the 
effects  of  indentation  on  the  body  pressures  are  similar.  These  effects 
are  an  initial  acceleration  of  the  flow  at  the  start  of  the  indentation 
followed  by  a fairly  abrupt  deceleration  and  finally  a second  acceleration 
at  the  rearward  part  of  the  indentation.  Peak  pressures  over  the  upper 
surface  are  sli^tly  reduced  at  a Mach  number  of  0.80j  at  a Mach  nvm- 
ber  of  1.12,  these  peeik  pressures  are  almost  unchanged. 


CONCLUSIONS 


These  results  have  indicated  that  agreement  in  theoretical  and  exper- 
imental values  of  load  division  for  the  basic -body  configurations  was 
excellent  for  the  trapezoidal  plan  form  and  fair  to  good  for  the  delta- 
wing configuration.  Although  the  simplified  theoretical  methods  do  not 
apply  for  the  swept-wing  case,  the  ratio  of  maximum  body  diameter  to  wing 
span  gave  a good  estimate  of  the  load  division  for  this  particiilar 
combination. 

For  the  trapezoidal-  and  swept-wing  combinations,  the  ratios  based 
upon  the  change  in  e^qjosed  wing  area  provided  a good  approximation  of 
the  change  in  load  division  resulting  from  indentation.  For  the  delta- 
wing  combinations,  the  change  in  the  load  division  was  much  greater  than 
the  change  in  the  area  ratios. 

The  main  effects  of  Indentation  on  body  pressures  appear  in  the 
form  of  local  accelerations  and  decelerations  of  the  flow  in  the  vicinity 
of  the  indentation. 
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DETAILS  OF  THE  WING- BODY  COMBINATIONS 


A = 0”  (0.75 C) 
A»2.6I 

X = 0.2II 

D/b  = 0.179 

section: 

2%  THICK  CIRC. 

ARC;(t/c)|viAX 

AT  0.5C 


A = 45*  (0.25C)  A = 60*  (L.E 
A = 4 A = 2.31 

X = 0.15  X = 0 

D/b  =0113  D/b  = 0.206 

section;  section; 

ROOT,  N AC  A 64  A 206;  NACA  65A003 
0.5  b/2  TO  TIP, 

NACA  64A203 


Figure  1 


EFFECT  OF  INDENTATION  ON  DIVISION  OF  LOADS 

TRAPEZOIDAL  WING 


D/b  = 0.179 


INDENTED 


M=0  80 


THEORY- 

~1 L_ 

A ^ 8 


1.2  0 


M = I.I2 


.4  .8 


Figure  2 


Y 


• • 


e 9 

• m 


•••  • « » 


• • 


• • 


• • 


• • 


• • 


• • 


• • 


• • 


EFFECT  OF  INDENTATION  ON  DIVISION  OF  LOADS 
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Figure  3 


EFFECT  OF  INDENTATION  ON  DIVISION  OF  LOADS 
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EFFECT  OF  INDENTATION  ON  BODY  PRESSURES 
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SOME  RESULTS  FROM  LOAD  AMD  DEFLECTION  MEASUREMENTS 
ON  THE  BOEING  B-^T  AIRPLANE 
By  Paul  W.  Harper  and  Alton  P.  Mayo 
Langley  Aeronautical  Laboratory 


In  one  phase  of  a recently  completed  flight-test  program  on  the 
Boeing  B-47  airplane,  strain-gage  measiirements  of  shear,  moment,  and 
torque  and  photographic  measurements  of  wing  deflection  were  obtained 
at  a number  of  stations  along  the  span. 

Aside  from  obtaining  specific  data  on  the  effects  of  aeroelasticity 
on  wing  loading,  one  of  the  primary  aims  of  the  program  was  to  check 
current  methods  of  computing  span  loading  for  swept  flexible  wings. 

The  strain-gage  and  deflection  measurements  are  related  to  each 
other  and  to  the  span  loading  by  successive  integration  utilizing  the 
wing- stiffness  characteristics.  The  two  types  of  measured  quantities 
were  obtained  independently  and,  therefore,  permitted  indei>endent  corre- 
lations with  theoretical  span  loadings,  as  well  as  correlation  with  each 
other.  Thus,  methods  of  computing  and  utilizing  the  wing-stiffness 
characteristics  could  be  checked  directly  without  recourse  to  the  span- 
load theory. 

Analysis  of  the  strain-gage  data  is  currently  in  progress,  and 
analysis  of  the  wing-deflection  measurements  for  symmetrical  loading 
conditions  has  recently  been  published  (ref.  1). 

Some  of  the  restilts  thus  far  obtained  are  presented  in  the  following 
figures. 

Figure  1 illustrates  the  wing  plan  form  and  shows  positions  of 
strainr*gage  and  target-deflection  stations.  Center  lines  are  drawn  on 
the  wing  at  the  front-  and  reair-spar  locations. 

Optigraph-target  light  positions  are  given  by  the  circular  symbols. 
Targets  were  mounted  on  both  spars  at  four  stations  on  the  left  wing. 
Targets  were  duplicated  on  the  right  wing  at  the  two  outboard  stations. 
The  deflection  of  these  targets  was  recorded  by  an  optigraph  camera 
installed  within  a canopy  above  the  fuselage.  Note  that  targets  are 
alined  streamwise  so  as  to  indicate  directly  the  net  strearawise  twist 
due  both  to  the  bending  deflection  along  the  beam  (or  elastic  axis) 
to  twist  about  the  elastic  axis. 
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Strain-gage  bridges  were  mounted  on  both  spars  at  four  span  sta- 
tions on  the  left  wing  (see  fig.  l)  and  at  the  root  of  the  right  wing. 

The  gages  were  calibrated  in  a manner  similar  to  that  described  in  ref- 
erence 2 to  give  the  net  or  structural  shear  load  acting  outboard  of 
each  gage  station  and  the  moment  and  torque  associated  with  this  load. 

Note  that  the  two  inboard  gage  stations  would  respond  to  wing  plus 
(inboard)  nacelle  loads. 

Time  histories  of  the  air  loads  and  moments  were  obtained  by  com- 
bining the  structixral  loads  with  the  inertia  loads  at  various  instants 
of  time  during  a maneuver.  Because  of  the  motion  or  flapping  of  the 
wings  it  was  necessary  to  measure  vertical  accelerations  at  a number  of 
span  positions  in  order  to  obtain  the  inertia  loading. 

In  analyzing  these  time  histories  it  was  desired  to  evaluate  the 
effect  of  each  of  the  various  pertinent  flight  parameters  on  the  wing 
loading.  Ideally,  this  would  be  accomplished  by  varying  but  one  param- 
eter at  a time;  but  this  procedure,  as  is  generally  known,  is  rarely 
feasible  in  fli^t  testing. 

In  a roller-coaster  maneuver,  for  example,  the  speed  could  usually 
be  held  relatively  constant,  but  changes  in  wing  load  did  occur  because 
of  the  effects  of  other  parameters  in  addition  to  the  load  factor.  Some 
of  these  parameters  were  wing  flapping,  pitching  velocity  arid  accelera- 
tion, and  aileron  movement.  It  was  necessary,  therefore,  to  resort  to 
a least-squares  procedure  wherein  the  measured  load  (or  deflection)  at  a 
particular  wing  station  was  simultaneously  related  to  each  of  the 
variables. 

This  procedure  utilized  equations  of  the  form  shown  in  figure  2. 

At  the  top  is  shown  an  equation  for  deflection  at  any  target.  At  the 
bottom  are  shown  equations,  of  identical  form,  for  aerodynamic  shear, 
bending  moment,  and  torque  at  any  station.  In  these  equations  the 
quantities  in  brackets  (not  matrix  notation)  are  the  unknown  coefficients, 
whereas  the  remaining  portions  are  derived  from  measiired  quantities. 

Consider  the  shear  equation,  for  example.  The  measured  shear  load 
at  a particular  station  is  assumed  to  consist  of  a contribution  from  the 
basic  or  zero-lift  loading  given  by  the  Sq  term;  a fraction  Ag  of  the 
total  wing-fuselage  additional  loading  given  by  the  second  term  where 
n is  the  load  factor,  W is  the  gross  weight,  and  lyp  is  the  tall 
load  - also  obtained  with  strain  gages;  a contribution  due  to  airplane 
pitching  acceleration  given  by  the  *0  term;  and  similar  terms  for  each 
pertinent  parameter  which  changed  during  the  maneuver.  Foior  to  seven 
terms  were  usually  required. 
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A set  of  simultaxieous  shear  equations  was  formed  by  using  simulta- 
neous values  of  the  shear,  nW  - Lt,  and  0 obtained  at  each  of  from 
20  to  50  different  instants  of  time  selected  during  a maneuver.  When 
normalized  and  solved,  the  As  coefficient,  for  exajiq)le,  gave  the  frac- 
tion of  the  total  wing— fuselage  additional  load  which  was  carried  on  the 
wing  area  outboard  of  a particular  gage  station.  From  a similar  solu- 
tion for  bending  moment  at  this  particular  station,  the  Am  coefficient 
gave  the  bending  moment  associated  with  this  fraction  of  load,  the 
ratio  of  Am  to  As  gave  the  spanwise  distance  to  the  center  of  the 
load.  The  strearawise  distance  to  the  load  center  could  likewise  be 
obtained  from  the  A coefficient  in  the  torque -equation  solution.  The 
Ad  coefficient  in  the  deflection  equation  gave  the  deflection  due  to 
both  the  additional  air  loading  and  that  part  of  the  inertia  loading 
which  was  caused  by  this  additional  loading. 

In  connection  with  the  coefficients  in  the  brackets,  it  should  be 
emphasized  that  the  A coefficient  in  the  shear  equation,  for  example, 
gave  the  change  in  shear  which  would  appear  at  a particular  gage  station 
if  only  the  nW  - Iflp  term  were  to  change  while  each  of  the  other  terms 
remained  constant.  A parallel  reasoning  applies  to  the  coefficients 
for  each  of  the  other  parameters. 

2®l^^ions  of  this  type  were  obtained  for  deflection,  aerodynamic 
shear,  moment,  and  torque  at  each  station  for  each  of  a number  of  maneu- 
vers performed  at  various  altitudes,  Mach  numbers,  and  weight  conditions. 
Some  of  the  results  obtained  for  the  additional  loading,  that  is,  results 
based  on  the  A coefficients,  are  presented  in  the  subsequent  figures. 
These  results  are  presented  and  referred  to  as  deflection  per  g or  load 
per  g. 

In  figure  3 some  wing-deflection  results  are  plotted  against  the 
dynamic  pressure  q.  These  deflections  are  presented  on  an  incremental 
or  per  g basis  for  a gross  weight  of  126,000  pounds  and  for  a constant 
altitude  of  30^000  feet  so  that  the  Mach  number  also  changes  with  the 
dynamic  pressure . 

Deflections  are  shown  for  four  stations  on  the  left  wing  and  begin 
at  the  top  for  the  tip  station.  The  solid-line  curves  and  square  sym- 
bols denote  the  theoretical  and  experimental  rear-spar  deflections, 
the  broken-line  curves  and  the  circular  symbols  denote  front-spar 
deflections. 

In  order  to  obtain  the  calc-ulated  deflections,  theoretical  span 
loadings  were  computed  by  the  method  of  reference  3,  which  includes 
(among  others)  consideration  of  the  effects  of  fuselage  interference, 
compressibility,  and  wing  deformation.  The  deflections  were  then  derived 


from  these  loadings  by  means  of  influence  coefficients.  In  this  con- 
nection it  might  be  mentioned  that  influence  coefficients  calculated 
for  this  wing  structure  agreed  very  closely  with  those  obtained  experi- 
mentally by  applying  point  loads  at  a number  of  positions  on  the  wing. 

The  calculated  curves  give  li  to  2 Inches  greater  deflection  than 

the  experimental  values;  but  since  foiir  Integrations  are  required  to 
convert  a loading  curve  to  a deflection  curve,  the  two  curves  may  be 
considered  to  be  in  good  agreement. 

The  difference  between  front-  and  rear-spar  deflection  in  figure  5 
indicates  negative  per  g changes  in  local  streamwise  twist.  The  deflec- 
tions per  g become  smaller  as  q increases  and  denote  a reduction  in 
tip  loading  or  inboard  shift  of  the  additional  load  center . Consid- 
erably higher  deflections  would  be  obtained  for  higher  gross -weight  con- 
ditions, and  the  values  would  show  a correspondingly  greater  change  with 
q than  do  these  values. 

The  magnitude  of  this  indicated  load  shift  is  shown  by  some  center- 
of -pressure  results  in  figure  4.  These  results  apply  to  the  additional 
load  acting  outboard  of  the  root  gage  station.  In  the  upper  part  of  the 
figure  the  spanwise  distance  to  the  air-load  center  from  the  gage  station 
is  given  in  percent  of  the  portion  of  span  outboard  of  the  gage  station. 

At  the  bottom  of  the  figure  is  shown  the  streamwise  location  with  respect 
to  the  mean  aerodynamic  chord  of  the  wing  area  outboard  of  the  gage  sta- 
tion. The  circular  symbols  denote  left-wing  values  and  the  square  sym- 
bols, ri^t-wing  values.  The  calculated  variation  is  given  by  the  sloping 
lines  and  applies  roughly  to  the  range  of  Mach  number  and  gross  weight 
covered  by  the  test  values. 

The  values  plotted  are  for  random  Mach  mmibers  and  gross  weights 
and,  although  an  Insufficient  amount  of  data  have  been  analyzed  to 
isolate  the  effects  of  these  variables,  the  relative  lack  of  scatter 
would  indicate  a rather  small  overall  effect. 

The  shift  of  the  center  of  pressure  with  increasing  q is  seen  to 
be  inboard  (parallel  to  the  quarter-chord  line,  incidentally)  and  for- 
ward in  a destabilizing  direction,  and  also  substantially  in  agreement 
with  that  calculated.  The  magnitude  of  this  shift  is  perhaps  more  impor- 
tant from  the  viewpoint  of  stability  or  tail  loads  than  in  connection 
with  wing  design.  Over  the  maximum  operating  q range  of  the 
which  is  larger  than  that  shown  here,  this  load  shift  would  amount  to 
about  a 15-percent  change  in  root  moment  for  a given  constant  shear  load. 

The  actual  location  of  these  centers  of  pressiire  on  the  wing  plane 
can  be  seen  from  figure  5*  All  the  center -of -pressure  values  obtained 
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for  the  root  gage  station  fall  within  the  envelope  drawn  at  the  inter- 
section of  the  quarter -chord  line  and  the  mean  aerodynamic  chord. 

Results  obtained  for  the  other  three  gage  stations  are  also  shown  here. 
For  exau5)le,  the  center-of -pressure  values  obtained  for  the  load  acting 
outboard  of  the  gage  station  nearest  the  wing  tip  all  fall  within  the 
area  of  the  small  envelope  drawn  near  the  wing  tip,  those  for  the  wing 
area  outboard  from  the  mldsemispan  station  fall  within  the  next  envelope, 
and  for  the  station  near  the  nacelle  the  values  fall  within  the  third 
envelope  from  the  tip. 


The  small  vertical  arrows  indicate  calculated  center-of -pres sure 
locations  for  a rigid-wing  loading.  The  experimental  values  for  the 
root  station  are  seen  to  fall  inboard  from  the  rigid-wing  position, 
whereas  those  for  the  outer  stations  are  just  about  on  the  rigid-wing 
positions  and  do  not  chan^  by  more  than  about  1 percent  of  the  semi- 
span.  Examination  of  a nunber  of  calculated  flexible -wing  span  loadings 
for  various  values  of  q has  shown  essentially  this  same  pattern.  These 
results  were  obtained  for  a range  of  Mach  number  up  to  0.8l  but  for  gross 
weight  and  q ranges  much  below  the  maximum  ranges  for  this  airplane. 
Nevertheless,  the  rather  small  area  covered  by  each  envelope  would  indi- 
cate that  these  paxameters  have  - relatively  speaking  - a snia  1 1 overall 
effect. 


It  will  be  remembered  that  wing-plus -nacelle  loads  were  meastired 
at  the  two  inboard  stations.  Qualitatively  speaking,  if  loads  and 
moments  on  the  nacelle  were  subtracted  out  to  obtain  wing-alone  loads, 
then  the  center -of -pressure  envelope  obtained  for  the  gage  station  near 
the  large  nacelle  would  be  shifted  toward  the  quarter-chord  line,  and 
that  for  the  root  station  would  not  change  very  much. 

Although  a detailed  discussion  of  nacelle  loads  is  not  within  the 
scope  of  this  paper,  it  may  be  said  that  wind-tunnel  results  do  indi- 
cate a rather  large  local  interference  effect  because  of  the  nacelle 
presence,  but  this  effect  is  found  primarily  in  the  basic  loading  rather 
than  in  the  wing  lift-curve  slopes  or  additional  loading,  except  in  the 
high  or  nonlinear  Cu  range.  Although  data  for  power-off  conditions 

were  not  obtained  from  the  tests,  the  effect  of  thrust  on  the  additional 
loading  is  likewise  considered  to  be  smaJd. 

In  figures  6 to  9,  results  from  a theoretical  span  loading  are  com- 
pared with  both  the  strain-gage  and  the  deflection  results  obtained  from 
a specific  flight  maneuver.  For  these  comparisons  the  theoretical  span 
loading  was  converted  by  successive  integration  to  span  curves  of  shear, 
moment,  torque,  and  wing  deflection. 


m 


In  figure  6 the  comparison  is  shown  for  the  spanwlse  distribution 
of  aerodynamic  shear  for  a 1 g incremental  load  at  a Mach  number  of  0.66, 


a dynamic  pressure  of  244  pounds  per  square  foot,  and  a gross  wei^t  of 
112,000  pounds.  In  figure  7 are  shown  the  associated  bending-moment 
and  torque  distributions.  In  these  two  figures  the  solid  theoretical 
curves  apply  to  the  actual  flexible-wing  case.  The  broken-line  curves 
for  the  rigid-wing  case  have  been  added  to  indicate  the  order  of  magni- 
tude of  the  change  due  to  wing  deformation  for  this  flight  condition. 

The  symbols  designate  the  experimental  values  for  four  span  stations. 
Although  the  experimental  values  were  obtained  for  a particular  maneuver 
performed  at  the  specified  conditions,  values  from  other  maneuvers  made 
in  this  approximate  q range  but  for  somewhat  different  valued  of  Mach 
nximber  and  weight  fall  also  within  the  areas  of  the  symbols. 

It  is  evident  that  the  theory  adequately  predicts  the  load  distri- 
bution for  this  case.  Other  comparisons  of  this  type  are  contemplated 
for  various  other  symmetrical  and  unsymmetrical  loadings. 

The  wing  deflections  obtained  for  this  maneuver  are  shown  in  fig- 
ure 8,  where  spar  deflections  in  inches  for  the  1 g loading  are  plotted 
along  the  semi  span. 

The  rear-spar  deflections  are  shown  theoretically  by  the  upper 
curve  and  experimentally  by  the  square  symbols  at  the  foxir  span  sta- 
tions. The  front-spar  deflections  are  shown  by  the  bottom  curve  and 
by  the  circular  symbols . The  calculated  deflections  may  be  seen  to 
average  about  an  inch  higher  along  the  span,  but  the  agreement  here  also 
may  be  considered  good. 

In  any  event,  changes  in  wing-load  distribution  are  produced  by  the 
difference  between  front-  and  rear-spar  deflections  in  figure  8 rather 
than  by  the  deflections  themselves.  The  net  effect  of  this  'difference 
deflection"  on  the  wing  angle -of -attack  distribution  is  shown  in  figure  9* 

In  figvire  9 the  local  streamwise  angle  of  attack  in  degrees  is 
plotted  along  the  semispan.  The  solid  curve  is  the  calculated  distri- 
bution which  for  the  theoretical  case  will  produce  a 1 g Increment  in 
load  and  is  associated  with  the  deflections  given  in  figure  8.  The 
local  angle -of -at tack  change  caused  by  the  wing  deformation  is  essen- 
tially the  difference  between  the  solid  curve  and  the  horizontal  broken 
line  which  is  drawn  at  the  level  of  the  root  angle  of  attack.  The 
experimental  values  are  also  those  associated  with  the  deflections 
given  in  figure  8. 

The  previously  mentioned  figures  have  roughly  outlined  the  cxirrent 
status  of  one  phase  of  the  flight  investigation.  Within  the  limitations 
of  the  results  thus  far  obtained  it  would  appear  that  current  methods  of 
predicting  the  flexible-wing  aerodynamic  load  may  be  used  with  confidence 
in  the  subsonic  Mach  number  range. 
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EQUATION  FORM  FOR  LEAST- SQUARES  SOLUTIONS 
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Figure  2 


EFFECT  OF  DYNAMIC  PRESSURE  ON  WING  DEFLECTION 
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EFFECT  OF  DYNAMIC  PRESSURE  ON  AIR-LOAD  CENTER 
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LOCATION  OF  AIR -LOAD  CENTERS 


Figure  5 


DISTRIBUTION  OF  AERODYNAMIC  SHEAR 
M=0.66;  q«244  LB/SQ  FT;W=II2,000  LB 
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DISTRIBUTION  OF  MOMENT  AND  TORQUE 
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Figure  7 


DISTRIBUTION  OF  WING  SPAR  DEFLECTION 
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CCMPAMSON  OF  CALCUIATED  AND  EXPERIMENTAL  SPAN-LOAD 
DISTRIBUTIONS  ON  WINGS  UP  TO  M = 1.0 
By  John  L.  Crigler 
Langley  Aeronautical  Laboratory 

INTRODUCTION 


The  problem  of  span  loading  always  arouses  considerable  interest  in 
calcTilation  methods^  in  particular,  the  distribution  (or  shape)  of  the 
span  loading  is  of  interest.  The  object  of  this  paper  is  to  investigate 
to  'fdiat  degree  such  distributions  can  be  calculated  by  linear  theory 
particularly  in  the  speed  ranges  approaching  sonic  conditions.  In  thi s 
study,  the  calculated  span-load  distributions  are  ccanpared  with  experi- 
mentally measured  distributions  obtained  on  wings  discussed  in  reference  1 
■vdiich  are  thin  wings  designed  to  operate  effectively  in  this  speed  range.  * 


METHOD 


A number  of  methods  have  been  developed  for  predicting  the  span 
loading  on  arbitraiy  wings,  but  most  of  these  methods  are  based  on  incom- 
pressible flow  and  have  been  extended  to  the  compressible  case  by  use  of 
the  Gothert  rule,  which  males  use  of  affine  transformations  that  involve 

the  Mach  number  relation  i At  M = 1,  these  transfomnations  cease 

to  be  affine,  and,  therefore,  this  method  breaks  down. 

The  method  used  in  making  calculations  for  the  present  stiidy  is  sim- 
ilo^  to  that  used  by  Falkner  (ref,  2)  for  the  inccmpressible  case,  except 
that  the  present  method  directly  relates  the  downwash  velocity  to  the  left 
on  the  wing  in  a compressible  mediiam  for  any  Mach  number.  The  expression 
is  exact  on  the  basis  of  linearized  theory  but  does  not  takf»  into  account 
flow  separation  or  shock  waves.  The  method  may  be  explained  briefly  as 
follows; 

Figure  1 shows  a wing  diagram,  and  the  eqiaation  relating  a known  local 
downwash  velocity  w to  an  unknown  local  lift  L of  the  wing  is  as 
follows: 


w(Xa.ya)  =1^JJ L(^>yn)K(xa  - - ya,M)dXn  dy^  (l) 

S 


where 


L(Xn,yn)  = ifb^  - yn^ 


cot  |(ao^o  + ao^iy^  + ao^2yn^  + • • •)  + 


sin  e(ai^o  + %iyn  + ^l,2yn^  + • • • ) + 


sin  20(a2^o  + a^^^y^  + a2^2yn^  +...)■ 


(2) 


and 


cos  9 = 

c 


(3) 


The  fiHiction  K appearing  in  this  integral  represents  the  known  downvash 
at  any  point  ^ ^ pressure  doublet  at  any  other  point 

This  expression,  which  is  derived  in  reference  5,  is  found  to  be  a simple 
fxmction  of  the  distances  ^ Xg^  - ( ^n  " ^a)^  Mach  number  M. 

For  arbitrary  wings  it  does  not  appear  possible  to  obtain  exact  solutions 
to  this  integral  equation,  so  that  approximate  methods  must  be  resorted 
to  in  order  to  obtain  solutions.  The  method  employed  is  to  assume  that 
the  lift  L can  be  expressed  in  the  form  of  a series  of  terms  as  shown 
in  equation  (2).  This  series  has  often  been  used  to  obtain  a solution 
for  the  incompressible  case  and,  as  shown  here,  is  for  subsonic  flow. 

The  significant  features  of  this  series  are  that  it  involves  the  elliptic 

type  of  loading,  implied  by  the  term  wing 

semispan  and  yjj^  is  the  lateral  position  on  the  semispan,  but  the  ellip- 
tic loading  is  modified  by  other  terms  involving  y^.  The  cot  ^ term 

Implies  a singiolarity  of  ^ type  at  the  leading  edge,  and  all  of  the 

trigonometric  terms  imply  that  the  loading  goes  continuously  to  zero  at 
the  trailing  edge.  This  type  of  loading  is  assumed  only  for  the  subsonic 
case.  Other  types  of  load  distribution  are  required  for  other  flow 
regimes.  For  example,  for  the  sonic  case  the  leading-edge  singularity  is 
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still  required  "but  tbe  loading  need  not  necessarily  go  continuously  to 
zero  at  the  trailing  edge.  In  general  the  Integration  involving  the 
product  of  this  series  and  the  function  K cannot  he  carried  out  in 
closed  form.  These  integrations  can  he  performed  hy  approximate  or 
numerical  procedures,  however,  as  accurately  as  one  may  desire;  that  is, 
for  any  preassigned  values  of  (x^,ya)*  ^ “tlie  downwash  velocity  w^Xg^,yg^ 

is  assumed  to  he  known,  it  may  he  seen  that  after  the  integrations  are 
performed,  the  equations  for  w^Xg^,yg^^  are  obtained  in  terms  of  the 

unknown  coefficients  a appearing  in  the  lift  distribution.  Thus,  hy 
assuming  the  downwash  to  he  known  at  an  appropriate  number  of  points,  a 
system  of  linear  algebraic  equations  is  obtained  from  which  the  valixes 
of  a can  he  determined.  The  a's  now  depend  not  only  on  plan  form 
and  aspect  ratio  hut  also  implicitly  on  the  Mach  number  and  on  the  form 
of  the  series  chosen  to  represent  the  lift.  Thus,  a simple  transformation 
cannot  he  expected  to  give  results  for  one  Mach  number  from  that  for 
another.  Unfortunately,  separate  and  complete  calculations  must  he  made 
for  each  plan  form,  aspect  ratio,  and  Mach  nxmiber. 


In  the  present  work  the  body  is  assumed  to  he  represented  hy  an 
infinite  cylinder  and  the  treatment  is  similar  to  that  proposed  in 
reference  4. 


KESULTS 


Results  of  calculations  showing  the  effect  of  the  body  are  first 
presented,  and  then  calciilated  results  on  the  wing-body  configuration  are 
compared  with  experimentally  measured  results.  Figure  2 shows  a compar- 
ison of  the  calculated  spanwise  lift  distribution  of  the  wing  alone  with 
that  of  the  same  wing  in  ccmhination  with  a body  for  incompressible 
flow  (m  = 0).  The  wing  parameters  and  the  wing -body  configurations  are 
shown  in  the  figure.  The  only  significant  effect  of  the  body  is  to 
reduce  the  loading  on  the  wing  adjacent  to  the  body.  The  loadings  on 
the  more  important  outboard  sections  are  not  significantly  affected. 

In  all  remaining  calciolations  the  effect  of  the  body  is  Included.  For 
these  ceJ-culations  the  wing  is  assimied  to  have  a fixed  geometry;  that 
is,  no  deflection  or  bending  under  load,  which  is  inherently  included 
to  seme  extent  in  the  experimental  results,  has  been  considered.  How- 
ever, the  effects  of  the  wing  deflections  have  been  evaluated  for  these 
wings  and  in  all  cases  the  effects  were  found  to  be  small. 

Figure  5 shows  a comparison  of  the  calculated  and  experimentally 
measured  spanwise  loading  plotted  against  the  wing  semi  span  for  several 
subsonic  Mach  numbers  and  for  Mach  number  1.0,  for  the  same  configuration 
as  shown  in  figure  2.  These  data  are  for  an  angle  of  attack  of  4.0°. 

The  spanwise  distribution  of  lift  or  shape  of  the  loading  on  which  the 


wing  shear  and  bending  moments  depend  are  generally  in  good  agreement. 

It  may  be  noted  that,  for  M = 1.0,  there  is  a drop  in  lift  adjacent  to 
the  body  and  also  an  increase  near  the  tip  which  results  in  a change  in 
shape  of  the  loading  cvirve;  that  is,  a shift  of  lateral  center  of  pressure 
shown  in  the  experimental  results  is  not  found  in  the  calculated  results. 

Figure  4 shows  results  for  the  same  wing  as  in  figure  5 except  that 
in  this  case  the  wing  had  a twist  of  4.0°  from  the  fuselage  boimdary  to 
the  wing  tip.  The  agreement  of  theory  and  experiment  for  the  wing  with 
twist  is  somewhat  better  than  that  shown  in  figure  5 foi"  "the  wing  without 
twist,  and  the  same  trends  with  Mach  number  are  noted.  It  thus  appears 
that  the  effects  on  span  loading  of  twist  due  to  wing  deflections  can 
be  predicted  by  theory  at  these  Mach  numbers. 

Figure  5 shows  calculated  and  experimental  spanwise  loading  coef- 
ficients for  another  45°  sweptback  wing,  the  significant  changes  in  this 
wing  being  that  it  is  more  highly  tapered  and  the  wing  sections  are  cam- 
bered. The  wing  parameters  are  shown  in  the  figure.  This  wing  is  one 
of  the  most  effective  wings  tested  in  reference  1 for  use  in  the  tran- 
sonic speed  range.  For  this  wing  the  favorable  center-of -pres sure  char- 
acteristics at  transonic  speeds  were  mentioned  in  reference  1.  The  curves 
at  the  bottom  of  this  figure  for  Mach  numbers  of  0.8  and  approximately  1.0 
show  the  loading  at  an  angle  of  attack  of  0°  and  give  the  effect  of 
camber.  The  curves  at  the  top  of  the  figure  show  the  loading  for  an 
angle  of  attack  of  approximately  4°.  This  wing  was  not  tested  experi- 
mentally at  M = 1.0  but  the  general  shape  at  M = O.98  for  angles  of 
attack  of  both  0°  and  4°  is  still  in  close  agreement  with  the  calculated 
results  at  M = 1.0. 

In  many  cases  the  distribution  of  the  spanwise  loading  is  of  pri- 
mary importance  and  the  ciirves  in  figure  5 have  been  normalized  for  eqml 
lift  on  figure  6 for  Mach  numbers  of  0.8  and  approximately  1.0.  When 
made  on  the  basis  of  the  same  total  loadiog,  the  load  distribution  for 
this  wing  even  at  M = 1.0  is  still  in  good  agreement.  It  thus  appears 
that  the  effects  on  span  loading  of  camber  as  well  as  twist  for  these 
high-speed  wings  can  be  calculated  with  reasonable  accuracy  up  to  sonic 
speeds.  This  result  is  of  interest  for  the  determination  of  aeroelastic 
effects  as  well  as  design  camber  and  twist  in  the  wing. 


CONCnJDING  REMARKS 


From  the  limited  number  of  cases  that  have  been  calculated,  it  may 
be  concluded  that  the  magnitude  and  the  distribution  of  spanwise  loading 
calculated  for  these  thinner  wings  are  in  good  agreement  with  experiment 
up  to  a Mach  number  of  0.95>  and  for  the  highly  tapered  wing  the  agreement 
of  the  calculated  spanwise  load  distribution  with  the  experimental  dis- 
tribution is  still  good  up  to  a Mach  number  of  approximately  1.0. 
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Figure  1 


CALCULATED  SB\NWISE  LOAD  DISTRIBUTION  OF  SWEPTBACK  WING 

a = 4.0'  , M=0 
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Figure  2 


COMPARISON  OF  CALCULATED  AND  EXPERIMENTAL  SRWMWISE 
LOADING  OF  45"  SWEPTBACK  WING 
a = 4.0*  TWIST  =0* 


COMPARISON  OF  CALCULATED  AND  EXPERIMENTAL  SPANWISE  LOADING 
OF  45"  SWEPT  WING 
a«4.0";  TWIST=4.0* 


Figure  k 
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COMPARISON  OF  CALCULATED 
LOADING  Of  45* 


AND  EXPERIMENTAL  SPANWISE 
SWEPTBACK  WING 


Figure  5 


COMPARISON  OF  CALCULATED  AND  EXPERIMENTAL  SPANWISE 
LOADING  OF  45°  SWEPTBACK  WING 


Figure  6 
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LOADS  ON  EXTERNAL  STORES  AT  TRANSONIC  AND 
SUPERSONIC  SPEEDS 
By  Lawrence  D.  Guy 


Langley  Aeronaut!  ceil  Laboratory 
SIM4ARY 


Results  of  recent  wlnd-t;mnel  investigations  of  the  loads  on  external 
stores  at  transonic  and  supersonic  speeds  have  shown  that  the  most  criti- 
cal. store  loading  appeetrs  to  be  that  due  to  the  store  side  force,  both 
because  of  its  magnitude  and  because  the  force  acts  in  the  direction  of 
the  least  structviraQ.  strength  of  the  pylon. 


The  magnitude  of  the  side  forces  is  determined  principally  by  angle 
of  attack,  store  position,  and  Mach  number.  Angle  of  attack  and  store 
positions  are  inextricably  related  since  the  rate  of  change  of  side  force 
with  angle  of  attack,  which  can  be  very  large,  is  primarily  a function  of 
position.  Also,  at  moderate  angles  of  attack,  the  rate  of  increase  of 
side-force  coefficient  with  angle  of  attack  for  a given  store  position  is 
essentially  constant  with  Mach  number.  The  effects  of  Mach  number  are 
shown  principally  in  the  values  of  the  coefficient  at  small  angles  of 
attack.  These  values  are  ’strongly  influenced  by  loceil  flow  angularities 
and  the  changes  in  flow  behavior  that  occur  at  transonic  and  supersonic 
speeds. 


INTRODUCTION 


In  providing  for  the  use  of  external  stores  on  high-speed  aircraft 
the  designer  is  faced  with  the  problem  of  determining  what  factors  exert 
the  greatest  influence  on  the  development  of  critical  store  loading  con- 
ditions and  how  the  character  of  the  loading  conditions  varies  as  the  speed 
is  increased  from  subsonic  to  supersonic  Mach  nmbers. 

Theoretical  treatment  of  the  problems  is  difficult  because  of  the 
complexity  of  the  flow  field  about  an  aircraft-store  configuration.  The 
initial  approach,  therefore,  has  of  necessity  been  experimental.  Ihitil 
recently  such  experimenteil  results  have  been,  for  the  most  part,  for 
specific  design  problems  or  for  a limited  range  of  variables  such  as 
angle  of  attack  and  Mach  number. 
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The  purpose  of  this  paper  is  to  show  the  relative  importance  of  some 
of  the  factors  which  influence  the  development  of  critical  loading  condi- 
tions on  external  stores.  Principally,  the  effects  of  angle  of  attack, 
Mach  number , and  to  some  extent  store  position  for  various  wing  plan  forms 
will  be  examined  in  the  speed  range  from  subsonic  to  supersonic  Mach  num- 
bers near  2.0. 

The  greater  part  of  the  data  to  be  presented  in  this  paper  were 
obtained  in  the  Langley  9-  hy  12-lnch  blowdown  tunnel.  Some  results 
obtained  in  flight  tests  will,  however,  be  presented. 


SYMBOLS 


store  side-force  coefficient.  Store  side  force 

store  yawing -moment  coefficient  referred  to  0.4lg, 

Store  yawing  moment 
qSgZg 

q free -stream  dynamic  pressiire 

Sg  maximum  frontal  area  of  external  store 

Zg  closed  length  of  store 

c mean  aerodynamic  chord  of  wing 

c local  wing  chord 

A aspect  ratio  of  wing 

b/2  semispan  of  model 

A taper  ratio  of  wing 

Aq  sweepback  of  wing  quarter-chord  line 

k 

3 angle  of  sideslip  for  complete  airplane  measured  with  respect 

to  free  stream,  or  angle  of  skew  of  external  store  measured 
with  respect  to  model  plane  of  symmetry  as  shown  in  figure  5 
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angle  of  attack  measured  vith  respect  to  free  stream 
Mach  number 


RESULTS  AND  DISCUSSION 


Figure  1 shows  the  geometry  of  the  wing  models  and  the  store  loca- 
tions for  which  experimental  data  have  been  obtained  at  Mach  numbers 
from  0.7  to  1.96.  The  Reynolds  number  based  on  store  length  was  about 

2.2  X 10^.  The  store  was  tested  at  each  of  two  spanwise  positions  on 
both  the  unswept  and  sweptback  wings  and  two  chordwLse  positions  on  the 
60°  delta  wing.  Only  the  more  significant  results  of  these  tests  have 
been  selected  for  presentation. 

The  semispan  wing  models  were  cantilevered  from  a five-ccmponent 
strain -gage  balance  set  flush  with  the  tiinnel  wall.  The  store,  which 
had  a Douglas  store  shape  and  a fineness  ratio  of  8.6  based  on  the  closed 
length,  was  cut  off  at  80  percent  of  its  length  to  permit  installation  of 
an  internal  sting-supported  balance.  As  shown  by  the  cross-sectional 
views  in  figxire  1,  the  pylons  or  struts  were  attached  to  the  wings  and 
separated  from  the  store  by  an  extremely  small  gap  which  is  exaggerated 
in  the  figure.  This  gap  was  maintained  constant  while  the  angle  of  attack 
of  the  store  and  wing  varied  from  -3°  to  12°.  Four  conponents  of  the 
forces  and  moments  on  the  store  were  measured  simultaneously  with  meas- 
urements of  the  loads  on  the  wing.  Only  the  store  loads,  however,  will 
be  discussed  in  this  paper. 

Examination  of  the  data  indicated  that  the  most  severe  problems  were 
associated  with  side-force  loads.  Figiire  2 illustrates  the  build-up  of 
the  side  forces  with  angle  of  attack  and  with  Mach  number.  The  examples 
chosen  represent  practical  store  locations  on  each  of  two  wings  and  illus- 
trate the  size  of  the  forces  that  may  very  well  be  encountered.  The  side 
forces  and  yawing  moments  have  been  scaled  up  from  the  measured  data  to 
correspond  to  a 400-gallon  store  at  sui  altitude  of  40,000  feet.  Loads 
eure  shown  at  angles  of  attack  of  0°  and  10°. 

It  shovild  be  pointed  out  that  an  angle  of  attack  of  10°  at  M = 2.0 
represents  a 5^g  maneuver  condition  with  a wing  loading  of  75  pounds  per 

square  foot.  Such  an  acceleration  is  less  than  that  which  may  be  required 
of  a fighter -type  aircraft. 

Figure  2 shows  that  in  either  example  very  large  side  forces  are 
incurred  at  an  angle  of  attack  of  10°  and  supersonic  Mach  nmbers.  The 
magnitude  of  these  forces  presents  a very  serious  problem  since  the 
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direction  of  the  force  is  in  the  direction  of  the  least  structural 
strength  of  the  pylon. 

The  importance  of  yawing  moments  in  establishing  critical  loads  is 
not  clear  cut  since  the  support  stresses  involved  may  be  pretty  much  a 
function  of  the  geometry  of  the  configuration.  It  is  worth  noting,  how- 
ever, that  for  the  largest  yawing  moments  (which  occurred  at  an  angle  of 
attack  of  10°  for  the  store  in  the  presence  of  the  delta  wing)  the  center 
of  pressure  is  three-tenths  of  the  store  length  behind  the  store  nose. 

The  normal  forces,  which  are  not  shown,  show  only  smad.1  variation 
with  either  angle  of  attack  or  Mach  number  and  even  at  supersonic  speeds 
are  considerably  less  than  the  weight  of  the  full  fuel  tank.  It  appears 
that  the  inertia  forces  in  maneuvering  flight  will  considerably  outweigh 
the  aerodynamic  normal  forces.  In  any  event,  providing  structure  for 
their  support  is  much  less  difficult  than  in  the  case  of  the  side  forces. 

Beca^Ise  of  their  magnitude  and  direction,  the  side  forces  will  be 
treated  exclusively  in  the  balance  of  this  paper. 

Figure  5 shows  the  variation  with  angle  of  attack  of  store  side- 
force  coefficient  based  on  store  frontal  area.  Data  are  shown  at  Mach 
numbers  of  0.75,  and  1.62  for  each  of  two  store  locations  in  the 

presence  of  the  unswept,  sweptback,  and  delta  wing. 

This  figure  shows  very  large  increases  in  the  outward  side 
force  with  increasing  angle  of  attack  for  stores  in  the  presence  of 
all  three  wing  plan  forms.  At  moderate  angles  of  attack,  the  c\irves  are 
linear  and  for  a given  store  position  the  slopes  of  the  curves  show 
remarkably  small  effects  of  Mach  number  even  at  transonic  speeds.  The 
effect  of  Mach  number  is  shown  principally  at  small  angles  of  attack  by 
the  intercept  variation.  Note,  for  example,  that,  for  the  stores  in  the 
presence  of  the  sweptback  wing,  the  value  of  the  intercept  increases 
between  Mach  numbers  0.75  1.05  then  is  negative  at  Mach  num- 

ber 1.62.  Also,  at  small  angles  of  attack,  nonlinearities  are  evident 
in  many  of  the  curves . The  most  pronounced  nonlinearity  is  shown  in 
the  curves  for  the  delta-wing  stores . The  nonlinearities  and  values  of 
the  coefficient  at  small  angles  of  attack  are  strongly  influenced  by 
local  flow  angularities  and  by  changes  in  flow  behavior  that  occvir  at 
transonic  and  supersonic  speeds . Details  of  the  effect  of  flow  angular- 
ities and  the  interferences  of  the  wing  flow  field  on  store  loads  at  sub- 
sonic speeds  are  given  in  reference  1.  The  nonlinear  nature  of  the  curves 
at  low  angles  indicates  considerable  care  must  be  exercised  in  using  data 
obtained  at  low  angles  of  attack  to  predict  the  side  forces  at  higher 
angles  of  attack. 

Large  effects  of  store  position  on  the  side  forces  at  moderate  angles 
of  attack  are  shown.  In  the  case  of  th^imswept  wing,  moving  the  store 
outboard  greatly  increases  va^J(^BHBIP®Bl^fficient  at  angle  of  attack 
for  all  Mach  numbers.  This  is  because  the  relieving  effect  of  the  wing 
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tips  on  the  pressure  field  xmder  a ving  in  a lifting  condition  inclines 
the  flow  in  the  direction  of  the  tips.  The  lateral  component  of  the 
inclined  flow  increases  in  velocity  as  the  tip  is  approached  and^  conse- 
quently^ lateral  forces  osw^hiiqcts  near  the  tips  will  be  greater  than  on 
objects  near  the  plane  of  symmetry.  ^ In  fact,  data  presented  at  Mach  num- 
bers up  to  0.9  in  reference  2 have  indicated  that  side  forces  on  a store 
at  95  percent  of  the  semispan  may  be  twice  as  great  as  those  indicated 
here . 


Moving  the  store  outboard  on  the  sweptback  wing  shows  the  same  gen- 
eral trends  as  for  the  unswept  wing  although  the  effects  of  spanwise 
position  are  somewhat  obscured  by  the  change  in  chordwise  position  rela- 
tive to  the  wing  itself  . 

Chordwise  effects  can  be  quite  large  as  is  shown  for  the  delta  wing. 
For  stores  located  some  distance  below  the  wing  without  pylons  or  sup- 
porting structure,  the  side  forces  on  stores  in  the  forward  position  are 
considerably  less.  This  indicates  that  there  are  powerful  effects  of 
blocking  the  laterally  inclined  flow  between  the  store  and  wing  surface 
just  back  of  the  wing  leading  edge. 

It  is  interesting  to  note  (see  fig.  5)  that  although  moving  the 
store  inboard  reduces  the  rate  of  buildup  of  side  force  with  angle  of 
attack,  the  install  ation  drag  of  the  store  is  increased.  Reference  5 
has  shown  that  the  most  favorable  drag  characteristics  at  supersonic 
speeds  were  obtained  with  the  store  located  near  the  wing  tip.  However, 
of  the  two  store  positions  shown  for  the  delta  wing,  the  store  at 
the  rearward  position  showed  the  smallest  installation  drag  (ref.  4)  and 
also,  as  figure  5 shows,  the  smallest  side-force  loads  at  angle  of  attack. 

More  complete  treatment  of  the  effects  of  store  position  on  store 
loads  at  supersonic  speeds  is  given  in  reference  5* 

The  data  presented  so  far  have  shown  important  effects  of  angle  of 
attack,  store  position,  and  Mach  number  on  store  side  forces.  Details  of 
the  store  installation  and  supports,  however,  are  also  important. 

The  store  installations  considered  so  far  have  been  for  stores 
located  immediately  adjacent  to  the  wing  lower  surface.  Figure  k shows 
data  for  three  configurations:  a short  pylon,  a long  pylon,  and  a con- 

dition with  no  pylon.  Side -force  and  yawing -moment  coefficients  (based 
on  the  store  frontal  area  and  store  closed  length)  for  the  store  in  the 
presence  of  the  sweptback  wing  are  plotted  against  angle  of  attack  for 
three  Mach  niimbers:  0.75^  1.4l,  and  I.96.  For  the  store  adjacent  to 

both  the  short  pylon  and  the  long  pylon,  very  little  difference  in  the 
ciirves  was  found  except  at  Mach  mmibers  near  1.4.  Similarly,  in  refer- 
ence 2,  at  Mach  numbers  up  to  0.9>  increases  in  pylon  length  for  stores 
as  much  as  1.6  diameters  below  the  ving  had  only  minor  effects  on  the 


side -force  variation  with  angle  of  attack.  Figure  4 shows  that  removing 
the  pylon,  however,  greatly  reduced  the  rate  of  increase  of  side-force 
coefficient  with  angle  of  attack  throughout  the  entire  Mach  number  range . 
Similar  effects  of  extending  the  pylon  length  and  of  removing  it  alto- 
gether have  been  found  for  the  store  at  0.80b/2  on  the  unswept  wing.  It 
appears  that  there  is  a big  aerodynamic  effect  on  store  side  forces  due 
to  the  pylon.  The  reasons  for  such  a large  effect  are  only  partially 
understood  and  further  investigation  is  necessary  to  clarify  the  problem. 

One  way  of  reducing  the  side -force  loads  on  a store  for  a given 
angle  of  attack  would  be  to  skew  the  store  relative  to  the  wing  plane  of 
symmetry.  The  results  of  this  approach  are  shown  in  figure  5-  Here  side- 
force  coefficient  is  plotted  against  angle  of  attack  for  three  Mach  num- 
bers for  the  store  in  the  presence  of  the  sweptback  wing.  Data  are  shown 
for  0^  and  5^  angle  of  skew  (as  is  defined  in  the  upper  left-hand  corner 
of  fig.  5).  As  might  be  expected,  skewing  the  store  5^,  nose  inboard, 
resulted  in  a displacement  of  the  curves  at  all  Mach  numbers  but  had  no 
appreciable  effect  on  the  rate  of  increase  of  side -force  coefficient  with 
angle  of  attack. 

It  may  be  noted  that  between  Mach  mambers  of  1.4l  and  I.96  consider- 
able displacement  of  the  curves  is  shown  for  both  the  skewed  and  unskewed 
store.  The  reasons  for  this  large  change  with  Mach  number  are  not  fully 
understood,  although  a third  of  the  displacement  can  be  accounted  for 
by  the  effects  of  the  shock  wave  from  the  nose  of  the  fuselage  (which 
was  considerably  foreshortened  in  this  particular  model).  Incidentally, 
this  variation  has  been  confirmed  by  repeat  tests.  Although  such  varia- 
tion may  cause  some  difficulty,  it  still  appears  that  side  forces  at  a 
given  angle  of  attack  may  be  reduced  over  a large  range  of  Mach  niombers 
by  skewing  the  store . 

So  far,  only  the  effects  on  side  forces  of  angle  changes  in  the 
pitching  plane  have  been  considered.  The  more  direct  effects  of  side- 
slip angle  when  the  complete  aircraft  as  well  as  the  store  is  yawed  are 
also  of  interest.  Figure  6 shows  some  information  on  these  effects  that 
were  obtained  in  flight  tests  of  an  F-86  airplane.  The  store,  which  had 
a fineness  ratio  of  5^  is  shown  in  the  upper  part  of  this  figure.  The 
coefficients  were  obtained  by  integration  of  the  pressure  distributions 
on  both  store  and  pylon  and  are  based  on  the  store  frontal  area.  The 
data  shown  for  zero  sideslip  angle  are  given  in  reference  6 whereas  the 
other  results  are  unpublished. 

Side-force  coefficient  is  plotted  against  angle  of  attack  on  the 
left-hand  plot  of  figiire  6 and  against  sideslip  angle  on  the  right-hand 
plot  for  a Mach  number  of  approximately  0.6.  It  can  be  seen  that  the 
rate  change  due  to  angle  of  attack  and  angle  of  sideslip  are  about 
the  same  at  10^  angle  of  attack  and  4^  angle  of  sideslip,  respectively. 

It  is  well  to  remember  that  the  increase  in  side  force  with  angle  of 
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attack  becomes  larger  as  the  store  is  moved  outboard.  The  increase  with 
sideslip  angle,  however,  may  become  laxger  as  the  store  is  moved  inboard 
since  the  fuselage  interference  can  considerably  increase  the  loading 
d\ie  to  sideslip  angle . 

It  is  worth  mentioning  that  in  these  flight  tests  the  effects  of 
yawing,  pitching,  and  rolling  velocities  on  the  aerodynamic  store  loads 
were  determined.  These  effects,  however,  were  Rmai  i relative  to  the 
effects  of  the  changes  shown  for  angles  of  attack  and  sideslip. 

The  side  forces  on  the  pylon  at  both  angle  of  attack  and  sideslip 
are  much  smaller  than  for  the  store.  However,  considering  the  size  of 
the  pylon  relative  to  the  store , they  indicate  that  the  forces  on  a 
laxger  pylon  may  be  quite  substantial. 


CONCLUDING  REMAKECS 


The  results  that  have  been  presented  have  indicated  the  following 
conclusions : 

« The  most  critical  loading  on  external  stores  at  transonic  and  super- 

sonic speeds  appears  to  be  that  due  to  the  store  side  force,  both  because 
of  its  magnitude  and  because  the  force  acts  in  the  direction  of  the  least 
structural  strength  of  the  pylon. 

♦ 

The  magnitude  of  the  side  forces  is  determined  principally  by  angle 
of  attack,  store  position,  and  Mach  number.  Angle  of  attack  and  store 
positions  are  inextricably  related  since  the  rate  of  change  of  side  force 
with  angle  of  attack,  which  can  be  very  large,  is  primarily  a function  of 
position.  Also,  at  moderate  angles  of  attack,  the  rate  of  increase  of 
side-force  coefficient  with  angle  of  attack  for  a given  store  position  is 
essentially  constant  with  Mach  number.  The  effects  of  Mach  nxmiber  are 
shown  principally  in  the  values  of  the  coefficient  at  smai  i angles  of 
attack.  These  values  are  strongly  influenced  by  local  flow  angulsurltles 
and  the  changes  in  flow  behavior  that  occur  at  transonic  and  si:5)ersonic 
speeds . 
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WING -BODY  CONFIGURATIONS  AND  STORE  LOCATIONS 


SIDE-FORCE  AND  YAWING-MOMENT  VARIATIONS 
WITH  MACH  NO. 
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EFFECTS  OF  WING-FUSELAGE  FLOW  FTET.T)S  ON  MISSILE 
LOADS  AT  SUBSONIC  SPEEDS 


By  William  J.  Alford,  Jr. 
Langley  Aeronautical  Laboratory 


STMMARY 


The  flow-field  characteristics  around  a swept-wing  airplane  model  at 
low  subsonic  speed  are  described,  and  the  loads  induced  on  a typical  mis- 
sile model  while  operating  within  these  flow  fields  are  presented.  In 
addition,  theoretical  flow  fields  are  con5)ared  with  ejcperiment  and  are 
used  in  first-order  estimations  of  the  resulting  induced  missile  loads. 


INTRODUCTION 


The  loading  problems  associated  with  the  external  storage  of  tanks, 
bombs,  nacelles,  and  missiles  have  become  increasingly  serious  with 
increase  in  airspeed,  and  knowledge  of  these  loads  is  desirable  in  the 
design  of  the  store -supporting  members.  A study  of  available  data  from 
wind-tunnel  tests  (refs.  1 to  5)»  in  conjunction  with  theory  (refs.  4 
and  5),  has  indicated  that  these  loads  are  primarily  due  to  the  nonuni- 
form flow  field  generated  by  the  airplane. 

The  purpose  of  this  paper  is  to  describe  these  flow  fields  at  low 
subsonic  speeds  and  to  indicate  the  magnitude  of  missile  loads  that  may 
result  because  of  the  nature  of  these  flow  fields.  In  addition,  compari- 
sons of  theoretical  flow  fields  with  experiment  eure  presented.  These 
flow  fields,  both  theoretical  and  experimental,  are  used  in  first-order 
estimations  of  the  res^iLting  missile  loads. 
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angle  of  attack,  deg 

local  angle  of  attack  between  xy-plane  and  local  flow  direc- 
tion, a - €,  deg  (see  ref.  1) 

angle  of  downwash,  deg 


angle  of  sideslip,  deg 


local  aiigle  of  sideslip  between  xz -plane  and  local  flow  direc 
tion,  P + cr,  deg  (see  ref.  1) 

angle  of  sidewash,  deg  (see  ref.  1) 

angle  of  sweepback,  deg 

Mach  nxmber 

aspect  ratio 

taper  ratio 

local  wing  chord,  ft 

longitudinal  distance,  ft 

lateral  distance,  ft 

vertical  distance,  ft 

free -stream  velocity,  ft/sec 

free-stream  dynamic  pressure , lb/ sq.  ft 
local  dynamic  pressure,  Ib/sq.  ft 

missile  length,  ft 
wing  span,  ft 

longitudinal  location  of  chordwise  vortices  (fig.  8),  ft 

circulation 

chordwise  vortex  index 

spanwise  vortex  index 

longitudinal  perturbation  velocity  parallel  to  free-stream 
direction  (fig.  8),  ft /sec 

perturbation  velocity  normal  to  spanwise  line  of  constant 
sweep,  ft /sec 


5 


Subscripts ; 

c/4  at  quarter  chord 

c/2  at  midchord 

CG  missile  center-of -gravity  position 


TEST  COMFIGURATIONS 


Presented  in  figure  1 eu'e  configurations  used  in  investigations,  made 
at  low  speed  in  the  Langley  JOO  MPH  7~  10-foot  tunnel,  in  which  flow- 
field  surveys  were  made  using  the  survey  rake  shown  in  the  center  of  the 
figure.  This  rake  consisted  of  six  probes,  each  of  which  was  instrumented 
to  measure  local  pitch  and  sideslip  angularities  emd  dynamic  pressure. 
These  siorveys  were  Tnadp  under  the  fuselage  and  at  each  one-qviarter  semi- 
span  location  of  the  swept-wing— fuselage  combination  and  at  the  one -half 
semispan  location  of  the  imswept-wing— fuselage  combination.  The  range  of 
vertical,  spanwlse,  and  chordwise  position  investigated  is  indicated  by 
the  dots,  which  represent  the  leading  edge  of  the  survey  rake. 

Static  force  and  moment  measurements  were  obtained  on  a typical  mis- 
sile model,  shown  in  the  center  of  figure  2,  for  vario\is  locations  within 
the  wing -fuselage  flow  fields.  The  range  of  missile  center-of -gravity 
location  investigated  are  shown  by  symbols  at  the  data  points. 

The  results  of  these  investigations  indicated  that  the  induced  longi- 
tudinal characteristics  were,  in  general,  qualitatively  similar  for  both 
the  swept  and  unswept  configurations,  whereas  the  induced  lateral  charac- 
teristics were  considerably  more  seriously  affected  for  the  swept-wing 
configuration.  In  view  of  this  result,  the  discussion  deals  hereinafter 
with  the  swept  configuration. 


MEASURED  FLCW  FIELDS 


In  defining  a flow  field,  or  velocity  distribution,  it  is  necessary 
to  know  both  the  direction  and  magnitude  of  the  local  velocity  vectors. 
For  convenience,  the  flow  directions  are  expressed  as  vertical  and  lat- 
eral inclinations  and  the  magnitudes  are  expressed  as  dynamic  pressure. 


The  local  angles  of  attack  as  r^asured  about  the  one -half  semispan 
location  of  the  swept-wing— fviselage  combination  are  presented  in  figure  5- 
The  conditions  depicted,  which  are  for  an  angle  of  attack  of  8°  and  zero 
sideslip,  are  equivalent  to  the  6g  service  load  limit  of  a typical  fighter 


airplane  for  a velocity  of  450  mph  at  an  altitude  of  20,000  feet.  These 
data  are  presented  in  contour  form;  that  is,  as  lines  of  constant  angu- 
larity for  the  physical  space  surrovindlng  the  airfoil  profile.  The  mis- 
sile outline  is  superimposed  on  the  contours  to  show  its  size  relative  to 
the  local  wing  chord  and  to  indicate  the  angularity  gradients  to  which 
it  is  subjected.  Regions  where  the  local  angles  sire  greater  than  8°  indi-  • 

cate  an  upflow  and  regions  where  these  angles  are  less  than  8°  are  indica- 
tive of  downflow.  The  angiilarity  variation  along  the  center  line  of  the 
missile,  which  in  this  case  was  I5  percent  of  the  local  wing  chord  below 
the  wing  chord  plane,  are  presented  in  the  lower  portion  of  figure  3> 

Two  missile  center-of -gravity  locations  are  shown  to  indicate  both  the 
angxzlarity  magnitudes  and  the  angularity  gradient  that  exist  along  the 
missile  center  line . For  the  chordwise  range  indicated,  the  local  angles 
of  attack  vary  from  5°  to  12°,  a gradient  of  7°  along  the  missile  center 
line  extended. 

Presented  in  figure  4,  for  the  same  vertical  pleine,  are  the  local 
sideslip  angles.  It  should  be  noted  that  the  pertiorbation  velocities 
which  generate  these  lateral  angularities  are  in  a plane  normal  to  the 
plane  of  the  figure . The  local  sideslip  angles  below  the  wing  chord 
plane  represent  an  outflow  direction  (toward  the  wing  tip),  and  the 
angles  above  the  chord  plane  indicate  an  inflow  (toward  the  plane  of 
symmetry).  The  sideslip  angles  that  exist  along  the  missile  center  line  • 

are  presented  in  the  lower  graph  end  Indicate  a gradient  of  6°  along  the 
center  line  extended.  Comparison  of  these  sideslip  gradients  with  angle- 
of -attack  gradients  of  figure  5 shows  that  they  are  of  the  same  magnitude 
and  could  be  considerably  more  important  since  the  supporting  pylon  would 
have  its  least  structural  strength  in  the  lateral  direction. 

The  local  dynamic  pressures  referenced  to  free-stream  conditions  are 
presented  in  figure  5*  The  effects  of  the  induced  longitudinal  velocities 
are  as  would  be  expected,  since  the  dynamic  pressures  are  increased  above 
and  decreased  below  the  wing  chord  pleme.  Sizeable  gradients  are  again  in 
evidence  over  the  length  of  the  missile  center  line  extended.  These  data 
also  indicate  that,  for  positive  angles  of  attack,  the  dynamic  press\ire 
can  effect  load  reductions  but,  for  negative  angles  of  attack,  would  cause 
large  load  increases. 


MEASURED  MISSILE  LOADS 


The  preceding  discussion  has  attempted  to  define  and  illustrate  the 
flow  phenomenon  existing  around  the  airpleuae.  Having  shown  that  the  mis- 
sile is  forced  to  operate  in  regions  of  adverse  flow,  it  would  be  desir- 
able to  correlate  the  flow  characteristics  with  the  loads  induced  on  the 
missile . 


The  toted,  missile  normal  forces,  in  pounds,  for  a free -stream  dynamic 
pressure  of  445  pounds  per  square  foot  are  presented  in  figure  6.  These 
data  were  obtained  by  assuming  a full-scale  missile  to  be  stored  externally 
on  a typical  fighter  airplane  at  a velocity  of  450  mph  at  an  altitude  of 
20,000  feet.  The  effects  of  compressibility  are  absent  since  the  missile 
loads  data  were  obtained  at  low  speed.  The  normal -force  load  center,  in 
percent  of  the  missile  length  from  the  missile  nose,  is  also  presented. 
These  parameters  are  given  for  various  locations  of  the  missile  center  of 
sravlty  in  fractions  of  the  local  wing  chord,  relative  to  the  leading  edge 
of  the  locad.  wing  chord.  For  comparison,  the  Isolated  missile  character- 
istics, at  an  identical  attitude,  are  shown  by  the  dashed  lines.  The  two 
missile  center-of -gravity  locations  (fig.  6)  indicated  by  the  solid  sym- 
bols are  identical  to  those  shown  in  the  lower  graph  of  figure  5.  It 
should  be  noted  that  the  total  normal  forces  are  a result  of  an  integra- 
tion of  the  angularities  (fig.  5)  and  dynamic  pressures  (fig.  5)  over  the 
length  of  the  missile.  Considering  the  rearward  location  of  the  missile 
center  of  gravity  (x/c  « 0.45),  the  missile  is  seen  to  be  operating  in  a 
region  of  reduced  angularity  and  consequently  experiences  a reduced  normal 
force  when  compared  to  the  isolated  missile . Further  examination  shows 
that  the  tail  is  operating  in  a slightly  higher  angular  region  t.hn.n  the 
missile  wing  (fig.  5)  and  consequently  the  load  center  is  drawn  arft.  When 
the  missile  center  of  gravity  is  in  the  forward  position  (x/c  -O.75), 
the  missile  is  experiencing  higher  angiaarities  (fig.  5)  and  the  res\ilting 
normal  forces  are  considerably  increased  (fig.  6).  For  the  range  of  mis- 
sile center-of -gravity  location  investigated,  the  normal  forces  are  ini- 
tially decreased  approximately  30  percent  and  later  increased  about  50  per- 
cent with  a total  load-center  travel  of  approximately  10  percent  of  the 
missile  length. 

Presented  in  figure  7 are  the  total  missile  side  forces  and  side- 
force  load  centers  as  a function  of  missile  center -of -gravity  location. 
Recalling  that  the  airplane -missile  combination  is  at  zero  sideslip,  the 
comparable  isolated-missile  characteristics  would  be  zero.  In  order  to 
show  the  relative  magnitude  of  these  side  loads,  the  isolated-missile 
characteristics  at  6°  sideslip  are  shown  as  the  dashed  lines.  Once  again 
the  solid  symbols  represent  the  missile  center -of -gravity  locations  shown 
in  the  lower  graph  of  figure  4.  Since  the  missile  was  below  the  wing,  the 
local  sideslip  angles  are  in  an  outward  direction  (fig.  4)  and  cause  neg- 
ative side  forces  (force  directed  toward  the  wing  tip,  fig.  7).  The  side 
loads  and  load  centers  are  as  would  be  expected  since,  when  the  missile 
wings  are  in  the  highest  singular  region  (fig.  4,  x/c  as  0.50),  the  load 
center  moves  forwsird  (fig.  7)  and  when  the  tail  (x/c  as  -O.75)  is  in  the 
highest  axigular  region  the  load  center  moves  rearward  with  a total  load- 
center  travel  of  50  percent  missile  length  for  the  chordwise  range  indi- 
cated. The  region  of  greatest  side  load  is  encountered  when  the  missile 
wings  are  in  the  highest  angular  region. 


THEORETICAL  FLOW  FIELDS 


Once  a problem  has  been  defined  and  shown  to  exist,  it  then  becomes 
desirable  to  have,  or  to  formulate,  procedures  by  which  the  individual 
components  of  the  system  can  be  studied. 

In  the  present  instance,  the  chief  difficulty  appears  to  be  in  the 
severe  angular  gradients  that  are  generated  by  the  airpleme.  The  mathe- 
matical models  used  to  calculate  these  flow  fields  assumed  a simulated 
lifting  surface  (fig.  8),  the  appropriate  airfoil -section  singularity 
distribution  (by  method  of  reference  6),  and  simple  sweep  theory  (fig.  8). 
The  simulated  lifting  surface,  shown  in  figure  8,  approximated  both  the 
spanwise  and  chordwise  distributions  of  vorticity  by  discrete  horseshoe 
vortices.  The  spanwise  vorticity  distribution  was  represented  by  10  horse- 
shoe vortices  and  the  chordwise  distribution  was  represented  by  four  vor- 
tices of  equal  strength,  the  chordwise  locations  of  which  were  determined 
from  the  familiar  two-dimensional  circulation  distribution  shown  in  fig- 
ure 8.  The  nonlifting  (thickness)  effects  were  determined  from  the 
soiirce-sink  distribution  that  satisfied  the  two-dimensional  airfoil- 
section  boundary  conditions  (ref.  6)  and  were  corrected  by  simple  sweep 
theory  (fig.  8)  to  account  for  wing  sweep. 

Typical  results  of  these  calculations  compared  with  experiment  are 
presented  in  figures  9 £Ln<i  10.  Figure  9 presents  the  local  angles  of 
attack  and  figure  10  presents  the  local  angles  of  sideslip  for  the  one- 

half  semispan  location  = 0-5^  "tke  swept -wing— fviselage  combination. 

The  experimental  data  are  shown  as  the  symbols  and  the  theory  is  shown 
as  the  solid-line  curves.  As  is  seen,  the  agreement  is  poor  for  a = -8°. 
This  disagreement  is  presumed  to  be  due  to  the  fact  that  the  flow  on  the 
suction  side  of  the  airfoil  assumes  characteristics  that  are  nonpotential. 
The  agreement  is  good  between  theory  and  experiment  (figs.  9 10) 

a = 0°  and  for  all  positive  angles  of  attack  up  to  a = 24°,  where  theory 
then  overestimates  the  local  angles  of  attack.  This  is  rather  sxirprising 
from  consideration  of  the  nonpotential  nature  of  the  flow  on  the  suction 
side  of  the  wing  svirface.  Calciilations  made  for  the  three-quarter  semi- 
span  location  have  shown  that  theoretical  values  obtained  by  using  the 
theoretical  span-load  distribution  overestimate  the  e^q>erimental  values. 


ESTIMATED  MISSILE  LOADS 


With  the  flow-field  characteristics  known,  the  next  step  is  to  use 
them,  in  conjunction  with  the  missile  component  characteristics,  to  esti- 
mate the  airplane  Induced  missile  loads.  This  estimate  has  been  made  and 
figures  11  and  12  present  sample  comparisons  of  theory  and  experiment. 
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Presented  in  figxore  11  are  the  estimated  normal  forces  eind  normal- 
force  load  centers.  Experimental  loads  are  again  represented  by  the  sym- 
bols. The  estimation  obtained  by  using  the  experimental  flow  fields  is 
shown  as  the  solid  ciirves  and  the  estimation  by  using  the  theoretical 
flow  fields  is  shown  as  the  dashed  c\irves.  Good  agreement  in  estimating 
the  normal  forces  is  obtained  by  both  estimates  over  the  rear  portion  of 
the  chord,  with  evidence  that  theory  gives  values  too  low  ahead  of  the 
leading  edge.  The  load  centers  are  also  seen  to  be  well  predicted. 


In  the  case  of  the  estimated  side  forces  (fig.  12)  both  estimates 
are  low,  although  the  side-force  load  centers  are  well  predicted.  The 
reason  for  the  lack  of  agreement  for  the  side  forces  is  not  completely 
understood . 


The  data  that  have  been  presented  were  obtained  at  low  speed  in 
order  to  jjermit  convenient  examination  of  the  nature  of  the  complex  flow 
that  exists  around  airplanes.  The  use  of  a missile  as  the  store  configu- 
ration was  for  illustrative  purposes,  and  the  approach  utilized  should  be 
equally  "valid  for  other  external  stores,  although  such  application  has 
not,  at  present,  been  adequately  demonstrated. 

The  results  of  a brief  theoretical  study  have  indicated  that  the 
effects  of  compressibility,  for  subcritical  Mach  numbers,  are  to  generate 
larger  flow  distortions  and  consequently  larger  induced  missile  loads, 
although  the  flow  structure  remains  similar  to  that  of  an  incompressible 
nature . 


CONCLUDING  REMARKS 


In  summary,  these  results  have  shown  that  the  flow  fields  in  regions 
beneath  the  one-half  semispan  location  of  a swept-wing  airplane  model  can 
be  calculated.  These  flow  fields  can  then  be  used  in  first-order  estima- 
tions of  the  loads  experienced  by  a missile  while  operating  in  these  flow 
fields. 
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FLOW-FIELD- SURVEY  CONFIGURATIONS 
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Figure  1 


MISSILE- LOADS  CONFIGURATIONS 
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Figure  2 


PREDICTION  OF  LONGITUDINAL  ANGULARITIES 
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Figure  9 


PREDICTION  OF  LATERAL  ANGULARITIES 
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Figure  10 


ESTIMATED  NORMAL  FORCES 
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Figure  11 


ESTIMATED  SIDE  FORCES 
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Figure  12 


SOME  EITECTS  OF  CONFIGURATION  VARIABLES  ON  STORE 


LOADS  AT  SUPERSONIC  SPEEDS 
By  Norman  F.  Smith  and  Harry  W.  Carlson 
Langley  Aeronautical  laboratory 


SUMMARY 


A large  volume  of  data  from  several  recent  stores -research 
programs  has  been  examined  and  analyzed  and  is  sampled  and  illixstrated 
in  this  paper.  Comprehensive  coverage  of  the  in5>ortant  configuration 
variables,  obtained  by  measurements  of  separate  forces  and  moments  on 
stores  in  a large  ntiiriber  of  positions,  is  shown  to  give  an  improved 
understanding  of  the  factors  affecting  store  loads. 


INTRODUCTION 


The  many  store  and  nacelle  investigations  which  have  been  performed 
to  date  have  demonstrated  the  large  and  important  performance  and  load 
problems  that  can  be  incurred.  Although  these  investigations  have 
yielded  valuable  information  for  the  specific  configurations  tested, 
they  contributed  little  toward  obtaining  a basic  understanding  of  this 
interference  phencanenon,  particularly  at  supersonic  speeds.  This  is 
true  because  of  the  large  number  of  configuration  variables  which 
affect  store  loads.  It  is  the  purpose  of  this  paper  to  discuss  and 
evaluate  the  effects  of  some  configuration  variables  on  store  loads  at 
supersonic  speeds. 

In  view  of  the  fact  that  a very  wide  range  of  store  locations  are 
in  use  or  under  consideration  today,  any  treatanent  of  the  store  problem 
must  cover  a large  number  of  store  positions.  A recent  wind-tunnel 
investigation,  which  will  be  the  principal  source  of  the  data  presented 
in  this  paper,  acccsi5)lishes  this  and,  in  addition,  treats  a number  of 
the  configuration  variables  involved.  Figure  1 shows  the  models  and 
test  "grid"  for  this  investigation  in  the  Langley  4-  by  4-foot  super- 
sonic pressixre  tunnel  at  supersonic  speeds.  The  model  store  was 
separately  sting  svipported  on  a strain-gage  balance  which  measured  six 
components.  The  half -model  of  fuselage,  wing,  or  wing-fuselage  combi- 
nation was  mounted  on  a four-component  balance  in  the  tunnel  boundary- 
layer  bypass  plate.  The  test  grid  throu^  which  the  store  was  moved 
involved  8 fore-and-aft  positions  and  11  spanwise  positions  for  a total 
of  88  store  positions  at  each  of  several  store  vertical  heists.  Not 
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all  these  test  positions  represent  practical  store  positions,  of  course, 
but  were  included  in  order  to  make  possible  interference  mapping  of  the 
entire  area,  with  an  eye  toward  an  improved  understanding  of  the  source 
and  distribution  of  the  interferences.  The  angles  of  attack  of  only  the 
wing  and  fuselage  were  varied  up  to  4°,  the  store  remaining  at  0°  through- 
out. Several  store  shapes  and  sizes  and  several  wing  and  fuselage  con- 
figurations were  investigated.  (The  delta  wing  is  shown  by  dashed  lines 
ill  fig-  1.)  All  the  data  from  the  langley  4-  by  4-foot  supersonic 
prcssuTG  "tunnGl  arc  for  a sforo  ‘tos'bGd.  in  1^116  alDscncG  of  a pylon. 

With  this  equipment  rather  extensive  work  has  been  done;  although 
much  has  been  learned,  there  are  many  questions  yet  unanswered, 
particularly  with  regard  to  store  loads.  The  data  presented  are  the 
first  results  obtained  with  this  technique  and  are  useful  in  themselves 
as  well  as  forming  a guide  for  future  work.  A large  volume  of  data  has 
been  examined  and  analyzed  and  will  be  s angled  and  illustrated  in  this 
paper.  Store  side  force  is  used  extensively  becaixse  it  has  been  shown 
to  be  generally  the  in5>ortant  load  from  the  standpoint  of  pylon  or 
support  design.  The  other  loads  will  be  found  in  NACA  reports  on  this 
work  (for  example,  refs.  1 and  2). 


RESULTS  AND  DISCUSSION 


Figure  2 shows  the  store  side  force  in  the  presence  of  the  wing- 
fuselage  combination  at  an  angle  of  attack  of  0^  at  M = 1.6.  Force 
data  from  about  50  store  positions  were  used  to  make  this  contour  map. 
The  lines  show  positions  of  the  store  midpoint  for  constant  values  of 
store  side-force  coefficient.  For  the  store  position  shown,  for 
exaa^le,  the  value  of  Cy  is  0.04.  The  shaded  areas  signify  regions 
in  which  the  store  side  force  (for  the  store  shown)  is  negative  or 
toward  the  tip,  whereas  the  unshaded  areas  signify  regions  in  which  the 
store  side  force  is  positive  or  toward  the  root.  Note  that  the  store 
side-force  coefficient  changes  rapidly  from  -0.08  to  0.12  in  a fairly 
short  region  of  usable  store  positions  and  that  the  values  change  from 
peak  maximiam  to  zero  or  less  in  less  than  one  wing -chord  length.  The 
value  of  Cy  of  0.12  corresponds  to  the  side  force  developed  by  the 
isolated  store  at  4^  of  yaw.  Note  that  the  side-force  values  shown  are 
for  the  store  only;  these  data  are  for  conditions  with  no  pylon  present 
except  when  specifically  stated. 

One  of  the  first  things  to  be  considered  in  the  problem  of  sorting 
out  the  important  variables  and  understanding  their  influence  is  the 
matter  of  the  relative  contribution  of  the  configuration  components 
themselves.  The  results  of  some  of  the  configuration  breakdown  tests 
are  shown  in  figure  5.  In  this  figure,  the  store  side  force  and  store 
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normal  force  are  plotted  for  an  intoard,  a midspan,  and  an  outboard 
station  in  the  presence  of  the  wing  and  wlng-fiiselage  combination.  'THp 
squares  in  the  upper  plots  are  llie  same  data  included  in  the  contour  plot 
of  figure  2.  It  can  be  seen  from  the  Cy  curves  for  the  inboard  sta- 
tion that  the  contribution  of  both  fuselage  and  wing  to  store  side  force 
in  this  position  is  important,  mutual  interference  probably  fiorther  con- 
fusing the  effects.  For  the  outboard  station,  the  inflvyence  of  the 
fuselage  (as  shown  by  the  difference  between  the  curves)  has  diminished 
but  is  still  felt.  In  the  case  of  normal  force  (lower  half  of  fig.  5), 
the  influence  of  the  fuselage  appears  to  be  relatively  unin5)ortant  for 
all  store  positions  because  the  store  lift  in  the  presence  of  the  wing- 
fuselage  combination  is  almost  exactly  equal  to  the  store  lift  in  the 
presence  of  the  wing  alone . Data  similar  to  these  covering  the  other 
forces  and  moments  are  presented  in  references  1 and  2. 


It  mi^t  be  pointed  out  in  passing  that  the  magnitudes  of  the 
variations  in  Cy  and  Cjj  shown  here  are  comparable  with  those  measured 
for  the  other  forces  and  moments  (the  store  drag,  yawing  moment,  anH 
pitching  moment).  This  condition  applies  to  all  the  configurations  but, 
since  these  effects  are  not  fully  understood,  it  is  not  known  whether 
this  result  is  general. 

In  order  to  determine  the  more  in5)ortant  variables  involved  in  the 
store-loads  problem,  it  is  necessary  to  eliminate  scxne  of  the  less 
in5>ortant  ones.  One  of  these  is  vertical  displacement  between  wing 
and  store.  Shown  in  figure  4 is  a plot  of  store  side  force  against 
store  longitudinal  positicm  x for  three  spanwise  stations : inboard, 

midspan,  and  tip.  Hie  data  with  the  circle  symbols  is  for  a large 
space  between  wing  and  store  and  corresponds  to  the  data  previously 
shown  in  the  contour  plot  (fig.  2)  . The  effect  of  decreasing  the 
vertical  height  is  to  increase  the  magnitude  of  the  side-force  varia- 
tions, especially  in  the  inboard  position.  Outboard,  the  effect  of 
vertical  hei^t  is  smaller,  and  the  character  of  the  curves  is  essen- 
tially the  same.  The  overall  effect  of  vertical  hei^t  is  thus  shown 
to  be  small  within  the  range  tested. 

Another  minor  variable,  the  effect  of  store  size  on  side  force,  is 
shown  in  figure  5-  Although  the  character  of  the  Cy  curves  tends  to 
be  similar,  some  shifting  is  in  evidence  and  very  much  larger  valixes  of 
maximum  side-force  coefficient  were  measured  for  the  small  store  than 
for  the  large  store.  Hiis  phenomenon  is  explained  by  the  fact  that  the 
small  store  can  beccane  more  completely  submerged  in  a region  in  which 
side  force  is  generated  (because  of  a pressure  gradient  or  flow  deviation 
or  both)  in  one  direction,  either  inward  or  outward.  The  large  store,  on 
the  other  hand,  tends  to  extend  through  several  such  regions  so  that  a 
lower  peak  value  of  side-force  coefficient  results. 


It  is  significant  to  note  that  the  slope  of  the  curve  of  side -force 
coefficient  with  angle  of  attack  (lower  curves  of  fig.  5)  is  not 

appreciably  affected  by  store  size.  This  phenomenon  is  not  fully  under- 
stood^ and  it  is  not  known  whether  this  result  applies  outside  the  range 
of  sizes  tested  in  this  investigation. 

From  the  data  shown  in  figure  2 and  similar  data  for  a = 2^  and  4°, 
the  slope  of  side  force  with  angle  of  attack  has  been  obtained  and  is 
shown  in  contour -map  form  in  figure  6.  It  can  be  seen  that  the  slopes 
vary  greatly  with  store  location  and  that  for  some  store  locations  the 
slopes  are  so  great  that  very  high  loads  may  be  encountered  at  high 
angles  of  attack  for  these  locations.  The  store  side-force  coeffi- 
cient Cy  increases  toward  the  wing  tip  as  would  be  expected  from  the 

fact  that  the  sidewash  increases  as  the  tip  is  approached  and  as  the 
lift  is  increased.  Large  changes  in  Cy^  can  also  be  experienced  in 

moving  the  store  from  the  leading  edge  of  the  wing  to  the  trailing  edge 
of  the  wing  near  the  midspan.  These  data  were  taken  by  changing  the 
wing-fuselage  angle  of  attack,  as  mentioned  earlier.  The  fact  that  the 
store  remained  at  a = 0^  affects  the  store  normal  force  but  not  to 
any  appreciable  extent  the  store  side  force.  The  effect  of  the  small 
change  in  vertical  displacement  between  wing  and  store  which  occurs  when 
the  wing-fuselage  angle  of  attack  is  changed  is,  as  has  been  shown  pre- 
viously, small  and  unimportant  compared  with  the  effects  now  being 
considered. 

This  Cy  contour  map  was  prepared  from  data  limited  to  an  angle 
of  attack  of  4^.  For  many  conditions,  angles  considerably  higher  are 
of  interest  and  may,  as  suggested  by  the  data  shown  here,  be  a design 
or  limiting  condition  for  store  loads.  Some  data  from  an  investigation 
in  the  Langley  9-  by  12-inch  blowdown  tunnel  involving  similar  tests  of 
two  store  positions  up  to  higher  angles  of  attack  provide  some  infonna- 
tion  on  this  point.  Figure  7 shows  the  variation  of  Cy  with  a for 
a store  at  midspan  position  up  to  an  angle  of  attack  of  12^.  Shown  for 
comparison  are  curves  taken  from  the  mapped  data  of  figures  2 and  6 for 
a con^jarable  (midspan)  store  position  and  two  others  - one  inboard  and 
the  other  near  the  wing  tip.  It  will  be  noted  from  the  configuration 
sketches  labeling  the  curves  that  conf igioration  differences  exist.  The 
configuration  on  which  the  high  angle -of -attack  data  were  obtained 
involves  a smaller  store,  a shorter  fuselage  nose,  and  a lower  wing 
taper.  The  effects  of  these  differences  are  measurable  but,  as  was 
shown  previously  for  the  case  of  store  size  and  the  effect  of  the  fuse- 
lage, are  not  important  for  the  comparisons  made  here.  The  side-force 
data  chosen  from  some  of  the  mapped  data  shown  previously  for  a compa- 
rable store  location  agree  well  with  the  data  from  the  blowdown  tunnel. 
This  agreement  lends  credence  to  the  extrapolation  of  the  mapped  data 
to  reasonably  high  angles  of  attack.  The  curves  shown  for  the  inboard 


and  tip,  however,  are  greatly  different  and  show  the  important  effect 
of  store  position  on  the  maximum  side-force  loads  which  he  en- 
coiintered.  In  the  absence  of  Sftet^ia'te  mapped  data  at  higjier  angles  of 
attack,  it  appears  that  the  data  available  for  a limited  number  of 
store  positions  frcm  the  langley  9-  by  12-inch  blowdown  tunnel  might 
he  used  as  a guide  for  judicous  extrapolation  of  the  mapped  data  as 
shown  in  figure  6. 

Turning  now  to  the  effects  of  another  variable,  the  wing  plan  form, 
figure  8 shows  a contour  map  of  Cy^  for  the  delta  wing  for  comparison 

with  the  same  data  for  the  swept  wing  (fig.  6).  The  highest  values  are 
obtained  at  the  tip,  as  in  the  case  of  the  swept  wing,  but  the  chordwise 
variation  of  Cy^  is  essentially  zero  in  the  case  of  the  delta  wing,  in 

contrast  with  the  considerable  variation  shown  for  the  swept  wing. 

These  data,  like  the  swept-wing  data  shown  previously,  are  limited 
to  an  angle  of  attack  of  4°.  Again,  these  data  can  be  correlated  with 
the  blowdown  tunnel  data  on  a similar  delta-wing  configuration.  Fig- 
ure 9 shows  the  variation  of  Cy  with  a for  this  configuration  (shown 
shaded)  to  a = 12°.  Shown  for  comparison  is  a curve  for  the  same 
store  position  from  the  mapped  data  for  the  delta-wing  configuration 
tested  in  the  langley  4-  by  ^4— foot  supersonic  pressure  tunnel.  These 
data  agree  well  as  to  general  slope  and  values  of  side  force  indicated 
up  to  12°.  Also  shown  in  figiire  9 are  curves  frcm  the  mapped  data  for 
a store  at  an  inboard  position  and  at  a tip  position.  Again,  as  in  the 
case  of  the  swept  wing,  the  effect  of  store  position  is  shown  to  be 
in5)ortant.  Extrapolation  of  the  mapped  data  to  higher  angles  of  attack, 
using  the  data  from  the  langley  9-  by  12-inch  blowdown  tunnel  as  a guide, 
also  appears  to  be  feasible  in  the  case  of  the  delta  wing. 

The  foregoing  data  involve  only  the  load  on  the  store  and  do  not 
consider  either  the  load  on  the  pylon  itself  or  the  effect  of  the  pylon 
on  the  store  loads.  Unfortunately,  little  or  no  data  exist  at  present 
on  pylon  loads.  Some  information  is  available,  however,  on  the  effect 
of  a pylon  on  store  loads.  Figure  10  shows  the  data  from  the  langley 
9-  by  12-inch  blowdown  tunnel  for  the.  variation  of  store  side  force 
with  angle  of  attack,  the  space  between  store  and  wing  being  open  and 
this  space  being  filled  with  an  unswept  support  pylon  (as  shown  in  the 
sketch  in  fig.  lO)  . The  pylon  is  attached  to  the  wing  but  does  not 
touch  the  store.  It  can  be  seen  that  the  large  store  side  force  which 
is  produced  as  the  angle  of  attack  is  increased  is  more  tbaii  doubled 
when  the  pylon  is  present.  Since  these  large  loads  added  to  the  unknown 
but  undoubtedly  large  load  on  the  pylon  are  somewhat  terrifying,  it  is 
of  interest  to  speculate  a bit  as  to  whether  these  limited  data  are 
showing  a general  situation. 
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Since  the  store  in  this  position  is  experiencing  a hi^  side  load, 
it  is  prohahle  that  the  pylon  is  also  in  a region  of  high  side  load. 

The  pylon-store  combination  can  be  considered  to  be  ccmparable  to  a 
wing- tip-store  configuration  mider  lifting  conditions.  It  has  been 
shown  that  at  angle  of  attack  a tip  store  experiences  an  interference 
lift  because  of  the  presence  of  the  wing  which  is  dependent  on  the 
angle  of  attack  and  on  the  wing  plan  form  and  may  be  influenced  by  other 
factors.  Location  of  the  pylon  in  a region  of  lower  side  loads  could  be 
ej^ected  to  reduce  the  loads  Induced  on  the  store  and  on  the  pylon.  A 
change  in  pylon  plan  fonn  could  also  be  esipected  to  affect  these  loads. 


From  an  examination  of  this  and  other  limited  data  by  using  the 
above  assumptions,  it  is  believed  that  the  increment  in  side  force  due 
to  the  pylon  shown  in  figxire  10  is  an  extreme  case.  Further  research 
is  needed  on  the  effect  of  pylons  and  on  pylon  loads  themselves. 


All  the  previous  figures  have  pertained  to  store  or  nacelle  con- 
figurations having  no  tall  fins . The  effect  of  tail  fins  on  a large 
store  is  shown  in  figure  11.  In  figure  11,  the  side  force  Cy  and  the 
slope  of  side  force  with  angle  of  attack  Cy^  are  plotted  against  store 
chordwise  position  x for  three  spanwise  positions.  The  Cy  curves 
for  stores  with  and  without  fins  undulate  in  similar  fashion,  but  the 
peak  value  (both  positive  and  negative)  of  Cy  attained  is  larger  for 
the  finned  store  in  all  cases.  The  actual  value  of  Cy  for  any  one 
store  position  may  be  either  higher  or  lower.  These  effects  are  the 
result  of  the  presence  Of  the  fins  in  regions  of  strong  crossflow  or 
pressure  gradients. 

Figure  11  appears  to  indicate  that  the  regions  of  inward  and  out- 
ward force  which  exist  are  strong  and  relatively  sharply  defined.  It 
is  apparent  that  the  effect  of  adding  fins  to  a store  can  be  known  only 
if  specific  test  data  are  available  or  if  very  detailed  information  on 
the  flow  field  is  available. 


The  data  presented  herein  are  consequently  being  analyzed  with  the 
aim  of  providing  an  improved  understanding  of  the  flow  field.  A useful 
pictiore  of  the  flow  field  has  been  formulated  in  the  case  of  drag,  where 
simple  buoyancy  concepts  were  found  to  explain  the  drag  interference 
between  components  (ref.  l) . The  buoyancy  concept  was  found  inadequate 
in  dealing  with  other  forces,  however,  because  flow  singularity  is 
important,  if  not  predominant,  in  the  production  of  these  forces.  Other 
approaches  are  being  attempted,  based  upon  the  large  amount  of  mapped 
force  data  available. 
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CONCLUDING  REMAEKS 


Tn  recent  research,  sufficient  covereige  of  important  variables  has 
been  inclvided  to  give  an  ing)roved  understanding  of  the  factors  affecting 
store  loads.  For  a given  wing  plan  form,  store  position  and  configura- 
tion angle  of  attack  have  been  shown  to  be  the  two  most  inportant  param- 
eters in  the  evaluation  of  store  side  force,  and  these  two  items  are  so 
intertwined  as  to  require  cetreful  consideration  of  both.  Die  effects 
of  other  variables  such  as  store  size,  vertical  displacement,  and  fins 
have  been  illustrated. 

Tbf»  effect  of  a supporting  pylon  has  been  shown  to  be  large  and 
important,  althou^  the  factors  governing  the  effects  of  pylons  are  not 
fully  understood  and  more  work  is  needed  on  both  the  effect  of  pylons 
and  on  the  pylon  loads  themselves. 
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AN  INVESTIGATION  OF  JET  EFFECTS  ON  ADJACENT  SUEFACES 


By  Xfelter  E.  Bressette  and  Maxime  A.  Faget 
langley  Aeronautical  laboratory 


SUMMARY 


The  steady  pressiire  loads  as  well  as  the  temperatiore  change  on 
adjacent  surfaces  due  to  the  presence  of  a propulsive  jet  at  subsonic 
speeds  is  shown  to  be  insignificant.  Whereas  at  supersonic  speeds  the 
teniperature  effect  mi^t  be  expected  to  remain  insignificant,  the 
steady  pressure  loads  were  shown  to  increase  greatly  on  surfaces  down- 
stream of  the  propulsive  jet  exit. 


INTRODUCTION 


In  the  i>ast  few  years  an  investigation  has  taken  place  in  the 
preflight  blowdown  tunnel  at  the  Langley  Aeronautical  Laboratory  to 
determine  the  jet  effects  on  surfaces  located  in  the  near  vicinity  and 
downstream  of  a propulsive  jet  exit.  The  purpose  of  this  paper  is  to 
supplement  information  already  published  at  Jfech  number  2.00  with 
information  obtained  at  other  Mach  numbers.  The  jet  effects  discussed 
are  the  steady  pressure  loads  produced  on  a flat-plate  wing  due  to  the 
presence  of  a propulsive  jet,  the  heating  of  the  wing  surface  by  the  pro- 
pulsive jet,  and  the  fluctuating  pressure  frequency  spectra  superimposed 
on  the  wing  steady  pressures  from  the  propulsive  jet. 


SYMBOIS 


diameter  of  sonic  exit 

diameter  of  sonic  throat 

ACjj 

incremental  normal-force  coefficient. 

^^'^%otal 

Sj 

total  pressixre  at  exit  of  nacelle 

Mo 

free-stream  Mach  number 

bressettf: 
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AN 


P 

AP 

Pw 


incremental  normal  force,  (Normal  force) 

(Normal  force) jgt  off 

wing  pressure  coefficient,  ^ ^ ^ 

incremental  pressure  coefficient,  Pjet  on  ” ^Jet  off 
wing  static  pressure 


Po 


P 

q. 


free-stream  static  pressure 
overall  acoustic  pressure  fluctuations 
free-stream  dynamic  pressure 
area  of  sonic  throat 


^wing 

Ve 


X 


y 


static  temperature  on  wing 

stream  stagnation  temperature 

velocity  at  the  nacelle  exit 

chordwise  distance  on  wing  from  nacelle  exit  (downstream 
positive) 

spanwise  distance  on  wing  from  nacelle  center  line 


RESULTS  AND  DISCUSSION 


Presented  in  figure  1 is  a three-dimensional  sketch  of  the  test 
setup  showing  a small-scale  nacelle  mounted  helow  a flat-plate  wing 
at  the  exit  of  the  prefli^t  hlowdown  tunnel.  The  general  airplane 
configurations  in  the  figure  are  the  type  of  airplane  configurations 
that  this  test  setup  woiild  apply  to.  The  shaded  areas  on  the  configu- 
rations are  the  areas  most  likely  to  experience  the  type  of  Je  e ec  s 
that  are  discussed  in  this  paper . 


Presented  in  figure  2 is  a side  view  of  the  test  setup  showing  the 
small-scale  nacelle,  having  a 5°  hoattail  angle,  mounted  at  5-35Dj 
helow  the  flat-plate  wing  at  the  exit  of  the  preflight  hlowdown 
Although  more  than  one  vertical  position  was  tested  in  this  nves  g ^ 
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a vertical  position  of  5*55Dj  was  selected  for  this  paper  in  order  to 
correlate  the  additional  data  with  an  exact  position  that  has  already 
heen  published  at  a Mach  number  of  2.00  ( ref . l) . The  nacelle  at  this 
position  was  tested  with  two  types  of  exit  nozzles,  a convergent  nozzle 
called  a sonic  exit  and  a convergent-divergent  nozzle  called  a super- 
sonic exit,  both  having  the  same  size  sonic  throat- 

Figiare  5 shows  the  location  from  the  nacelle  exit  of  47  static- 
pressure  orifices  on  the  wing  as  well  as  the  high-frequency  pressure 
pickup  and  a thermocouple  plate  with  ‘24  thermocouples  that  was  installed 
in  a similar  wing. 

The  pressure  field  on  the  wing  with  nacelle  jet  off  is  presented  in 
figure  4 and  shows  the  nacelle  wake  which  is  responsible  for  the  forma- 
tion in  the  free-stream  flow  of  a jet-off  trailing  wake  shock  wave.  In 
the  jet-off  operation,  the  pressure  is  negative  downstream  of  the 
nacelle  exit  because  of  the  presence  of  the  nacelle  boattail  anglp  and 
rises  to  a positive  pressure  fiirther  downstream  becaiise  of  the  inter- 
section on  the  flat-plate  wing  of  the  Jet-off  trailing  wake  shock  wave. 

In  figure  5 is  presented  a typical  nacelle  Jet-on  pressure  field 
on  the  wing  showing  the  propulsive  jet  issuing  from  the  exit  of  the 
nacelle  and  flowing  downstream  below  the  flat-plate  wing.  In  the  jet-on 
operation,  a shock  wave  (called  the  primary  shock  wave)  forms  at  the 
exit  of  the  nacelle,  and  the  impingement  on  the  wing  of  this  shock  wave 
is  responsible  for  the  formation  of  the  first  positive  pressure  in  the 
field.  This  positive  pressxire  gradually  falls  off  in  press\are  until  a 
second  positive  pressure  rise  occurs,  which  is  less  intense  than  the 
first  one.  This  second  positive  pressure  rise  is  caused  by  the  inter- 
section on  the  wing  of  a second  jet-on  shock  wave  (called  the  secondary 
shock  wave)  that  is  formed  in  the  propulsive  jet  wake  downstream  of  the 
nacelle  exit. 

Presented  in  figure  6 is  the  axial  pressure  distribution  downstream 
of  the  nacelle  exit  for  both  jet  on  and  jet  off  at  the  same  value  of 
Hj/Pq  for  Mq  of  1.40,  1.8o,  and  2.00.  The  first  positive  pressure 
rise  on  the  wing  with  jet  on  moves  farther  to  the  rear  of  the  nacelle 
exit  with  an  increase  in  Mq.  This  effect  is  the  result  of  decreasing 
the  primary  shock-wave  angle  when  Mq  is  increased  at  a constant  value 

Hj/Po- 


Becaizse  all  pressures  on  the  wing  vary  with  nacelle-exit  jet  off 
depending  upon  the  general  configuration  of  the  nacelle,  the  pressixre 
on  the  wing  also  varies  with  the  nacelle  jet  on;  hut  the  increment  of 
pressTire  between  jet  on  and  jet  off,  or  the  pressure  on  the  wing  due  to 
the  presence  of  the  propulsive  jet,  should  remain  the  saiiie.  Therefore, 
all  discussion  of  pressures  and  loads  that  follow  in  this  paper  will  be 
in  the  form  of  incremental  pressures  and  jj^cremental  loads. 


Shown  in  figure  7 is  the  incremental'  pressure  field  due  to  the 
nacelle  jet  wake  for  a sonic  exit  and  a supersonic  exit  at  the  same 
Hj/Po- 

When  Jet-on  and  jet-off  wing  pressure  data  were  combined  to  form 
the  incremental  pressure  data,  positive  incremental  pressure  resulted 
immediately  behind  the  intersection  on  the  wing  of  the  primary  shock 
wave.  This  positive  incremental  pressure  gradually  decreased  until  it 
became  negative  in  the  vicinity  of  the  intersection  on  the  wing  of  the 
jet-off  trailing  wake  shock  and  it  remained  negative  to  the  end  of  the 
wing. 


The  primary  shock-wave  angle  was  lower  in  angle  for  the  supersonic 
exit  than  it  was  for  the  sonic  exit.  Therefore,  the  positive  pressure 
behind  the  shock  wave  as  well  as  the  area  upon  which  it  acts  was  reduced. 

From  an  integration  of  these  chordwise  incremental  pressure  pro- 
files, the  spanwise  incremental  wing  loading  can  be  obtained.  In  fig- 
ure 8 the  relative  spanwise  incremental  wing  loading  is  presented  for 
a sonic  exit  with  Hj/Pq  = 6 for  Mq  of  1.40,  1.80,  and  2.00. 

With  an  increase  in  Mq^  the  spanwise  distance  from  the  nacelle - 
exit  center  line  upon  which  the  loads  act  is  decreased.  This  is  a 
result  of  decreasing  the  primary  shock-wave  angle  by  increasing  Mq. 

Also  shown  is  a subsonic  test  made  at  Mq  = 0.80  and  Hj/Pq  = 5-5T* 

From  this  test,  slight  negative  pressures  on  the  wing  were  obtained. 

From  an  integration  of  the  spanwise  wing  loading,  can  be  obtained. 

Figure  9 presents  the  variation  of  ACj^  with  Hj/Po  fo^  ^ nacelle 
sonic  exit  at  Mq  of  1.40,  1.80,  2.00,  and  0.80.  The  value  of  AC|^  at 
a constant  value  of  Hj/Pq  in  the  supersonic  range  is  decreased  with  an 
increase  in  Mq^  but  with  the  AC^  ciorves  tending  to  increase  with  an 
increase  in  Hj/Po  and  with  present-day  turbojet  engines  indicating 
that  a maximum  value  of  Hj/Pq  of  5 will  be  produced  at  M^  = 1.40, 
of  9 at  Mq  = 1.8,  and  of  10  at  Mq  = 2.00,  then  a nearly  constant  AC^^f 
is  indicated  from  this  flat-plate -wing  analysis  for  maximum  cruising 
operation. 

In  figure  10  is  presented  the  variation  of  ACj^  with  Hj/Pq  for 
a nacelle  sonic  exit  and  a nacelle  supersonic  exit  at  Mq  = 1.40.  The 
value  of  AC]^  was  reduced  at  all  Hj^Pq  tested  by  using  a nacelle 
supersonic  exit. 

Presented  in  figure  11  is  the  variation  of  the  ratio  of  AN  to 
thrust  with  Hj/Pq  for  a nacelle  sonic  exit  at  all  free-stream 
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supersonic  Mach  numbers  tested.  As  can  be  seen  in  the  figvire  there  is 
little  difference  in  the  ratio  of  AN  to  thrust  with  a decrease  in  Mq, 
and  a mean  lower  value  of  0.6  was  obtained  at  a nacelle-exit  pressure 
ratio  of  7*  Althou^  AN  increased  with  an  increase  in  Hj/pg# 
this  figure  shows  that  it  did  not  increase  as  rapidly  as  the  thrust 
did. 


In  figure  12  is  presented  the  axial  ten5>erature  distribution  down- 
stream of  the  nacelle  exit  at  Mg  = 0.80  with  nacelle  jet  on  and  nacelle 
jet  off.  The  ordinate  of  the  curves  is  the  ratio  of  the  temperature  as 
measured  on  the  wing  during  steady-state  conditions  divided  by  the  free- 
stream  stagnation  temperature.  A nacelle  jet  temperature  of  1,500°  F 
with  Hj/Pg  = ^ w-as  obtained  for  the  jet-on  tests  by  burning  hydrogen 
in  air  at  a low  fuel-air  ratio.  The  broken  lines  show  the  ten5)erature 
distribution  with  nacelle  jet  off.  The  solid  lines  show  the  temperature 
distribution  with  the  nacelle  jet  on  at  two  vertical  positions  from  the 
wing,  the  higher  one  being  at  l.TDj  from  the  wing  and  the  lower  one  being 
et  5*55Dj  from  the  wing.  The  maximum  difference  between  jet-off  temper- 

atiare  and  jet-on  temperature  is  less  than  10°  F indicating  very  little 
heating  due  to  the  presence  of  the  propulsive  jet.  It  should  be  noted 
that  the  hot  exhaust  gas  in  the  propulsive  jet  wake  did  not  penetrate 
the  free-stream  flow  to  the  wing  sirrface  in  a distance  of  6Dj  downstream 
of  the  nacelle  exit. 

Presented  in  figure  13  is  the  frequency  spectra  of  p that  were 
obtained  at  a point  immediately  behind  the  intersection  on  the  wing  of 
the  primary  shock  wave,  whereas  Hj/Pg  was  varied  frcxn  7 to  2 at 
Mg  = 1.8o  for  a nacelle  sonic  exit  and  a nacelle  supersonic  exit. 

These  data  were  preliminary  and  were  obtained  with  a specially  designed 
pickup  using  a small-scale  nacelle  having  a sonic  throat  of  0.72  inch 
in  diameter.  These  data  show  that  p is  greater  for  the  supersonic 
exit  than  it  was  for  the  sonic  exit.  Also,  the  range  of  pressures  is 
essentially  in  agreement  with  that  obtained  by  Lassiter  and  Hubbard 
(ref.  2)  , for  a sonic  jet  with  no  free-stream  flow. 


CONCLUDING  REMARKS 


The  steeidy  pressure  loads  as  well  as  the  temperature  change  on 
adjacent  surfaces  due  to  the  presence  of  a propulsive  jet  at  subsonic 
speeds  is  shown  to  be  insignificant.  Whereas  at  si-personic  speeds  the 
tenp>erature  effect  mi^t  be  expected  to  remain  insignificant,  the  steady 
pressure  loads  were  shown  to  increase  greatly  on  surfaces  downstream  of 
the  propulsive  jet  exit. 
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APPLICATION  OF  JET  EFFECTS 
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AN  INVESTIGATION  OF  LOADS  ON  AILERCMS 
AT  TRANSONIC  SPEEDS 
By  Jack  F.  Runckel  and  W.  H.  Gray 
Langley  Aeronautical  Laboratory 


SUMMARY 


Some  aileron  load  characteristics  for  three  thin  wings  varying  in 
sweep  have  been  presented  for  Mach  numbers  from  0.80  to  I.05.  For  the 
transonic  Mach  number  range,  shock  effects  exert  a large  influence  on 
the  loading,  but  the  exact  location  of  each  shock  for  a specific  wing 
design  cannot  be  catalogued  at  the  present  time.  It  is  shown,  however, 
that  the  aileron  loading,  although  greater  in  magnitude  than  at  subsonic 
speeds,  nevertheless  varies  in  as  uniform  a fashion  as  at  subsonic  speeds. 


INTRODUCTION 


Limited  information  obtained  from  unpublished  data  for  investiga- 
tions at  the  Langley  Aeronautical  Laboratory  has  indicated  that  loading 
on  flap-type  controls  may  change  in  a nonuniform  fashion  in  the  transonic 
range.  The  ptu-pose  of  this  paper  is  to  present  a few  loading  charac- 
teristics of  typical  wing-aileron  configurations  which  have  recently  been 
obtained  in  the  Langley  l6-foot  transonic  tunnel. 


SYMBOLS 


A aspect  ratio 

b wing  or  aileron  span 

c wing  chord 

c average  aileron  choi^ 

Cjj  aileron  normal -force  coefficient 

Cj.  root  chord 
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Mach  nuniber 

normal  force  . ^ 

pressure  coefficient 

fraction  of  wing  chord 

fraction  of  aileron  average  chord 

fraction  of  aileron  span 

angle  of  attack 

aileron  deflection 

angle  of  sweep*back 

taper  ratio 


DESCRIPTION  OF  MODELS 


The  plan  forms  of  the  configurations  tested  are  shown  in  figiire  1. 
Three  wing-hody  combinations  having  unbalanced  ailerons  were  investi- 
gated:  a l^-perceIlt-thick  unswept  wing,  a 4-percent-thick  swept  wing,  an 

a 3-percent-thick  triangular  wing.  The  unswept  wing  had  outboa^  ailerons 
extending  over  40  percent  of  the  wing  semispan  with  a chord  of  25  percen 
of  the  wing  chord.  The  swept  wing  had  centrally  located  ailerons  also 
extending  over  40  percent  of  the  semispan  with  the  aileron  cho:^  50  per- 
cent of  the  wing  chord.  The  triangular  wing  bad  an  outboard  aileron  o 
37  percent  semispan  extent  with  a constant  chord  of  10  percent  of  tte 
wing  root  chord.  Other  characteristics  of  the  conf igviration,  includi^ 
the  location  of  the  inboard  end  of  each  aileron,  are  noted  in  figure  1. 
Loads  information  on  the  ailerons  of  the  unswept  and  swept 
obtained  from  two-component  strain-gage  balances  located  inside  the  ng 
Pressure-distribution  measurements  were,  however,  also  obtained  for 
undeflected-aileron  case  for  the  entire  chord  at  each  of  three  spanwise 
stations  on  the  unswept  wing  and  six  spanwise  stations  on  the  swept  wing. 
The  loading  on  the  triangular-wing  aileron  was  determined  frm  pres  sure - 
distribution  measurements  at  two  spanwise  stations  over  the  aileron  ou 
of  the  six  available  stations  over  the  wing. 


Because  shock  formations  occur  at  transonic  speeds,  it  was  reason- 
able to  expect  that  the  formation  and  movement  of  the  shocks  would  intro- 
duce nonlinearities  in  control  loads.  The  most  predcaninant  shocks  for 
the  three  representative  wings  with  undeflected  controls  are  illustrated 
in  figure  2 for  what  may  he  characterized  as  the  Mach  numbers  for  which 
the  shocks  would  be  expected  to  exert  the  greatest  influence  over  the 
control  area.  The  observations  \diich  follow  would  necessarily  be  modi- 
fied somewhat  for  deflected  flaps. 

The  flow-field  shock  is  a normal  shock  and  its  lupid  ajcial  movement 
across  and  off  the  wing  with  increasing  angle  of  attack  at  a given  Mach 
number  is  responsible  for  a change  in  the  pres sure -distribution  shape 
from  triangular  to  generally  rectangular  which  will  he  shown  to  cause 
some  nonlinearities  in  loading  characteristics.  Examples  of  typical 
pressure-distribution  changes  are  illustrated  in  figure  2. 

At  moderate  and  high  angles  of  attack  the  wing  leading-edge 
trailing-edge  shocks  develop,  but  as  they  are  relatively  weak  in  the  case 
of  thin  wings  and  are  restricted  in  movement  to  portions  of  the  wing,  one 
would  not  expect  them  to  cause  severe  loading  changes.  These  latter 
shocks  may,  however,  induce  high  fluctuating  loads  and  further  studies 
are  being  made  of  this  aspect.  Although  there  are  similarities  in  the 
shock  patterns  in  the  transonic  range  between  different  wing  designs,  the 
exact  location  of  each  shock  for  a specific  wing  is  unpredictable  at  the 
present  time. 

Typical  effects  of  Mach  number  and  deflection  on  the  aileron  loading 
characteristics  of  the  three  representative  wings  will  now  be  discussed. 

Several  loading  variations  obtained  on  the  aileron  of  the  unswept 
wing  are  shown  in  figure  3-  Aileron  normal-force  coefficient  is  plotted 
against  angle  of  attack  for  three  ncminal  control  deflections,  -10°,  0°, 
and  10°.  The  characteristics  at  a Mach  number  of  0.8  which  is  repre- 
sentative of  the  hi^  subsonic  speed  variation  are  shown  with  the  broken 
lines,  and  the  variation  at  a Mach  number  of  0.94  which  is  typical  of 
the  transonic  range  is  Indicated  by  the  solid  line. 

At  a Mach  number  of  0.80  the  aileron  is  ineffective  in  developing 
normal-force  load  with  change  in  angle  of  attack  up  to  angles  of  about  8° 
which  represents  the  approximate  maximum  lift  for  the  wing  at  this  Mach 
niimber.  Above  8 the  loading  over  the  control  changes  from  triangular 
to  trapezoidal  in  shape  and  the  loading  increases  with  angle  of  attack. 

At  a Mach  n\miber  of  0.94  the  aileron  becomes  effective  in  producing 
increased  loading  with  angle-of-attack  change  at.  much  lower  angles  nnH 
the  increase  in  load  is  generally  greater  than  at  the  lower  Mach  numbers. 


w 


• • • 


• • • • • • • 
• • ••  • ••  • • 

• • • • • • • 

••  •••  • • • •• 


• • • 

• •-ii 


• • • 

• ••  • 

• • • • 


• • •#  • • 
^ 


The  rate  of  increase  in  loading  at  low  angles  of  attack  contrasted  with 
high  angles  of  attack  is  directly  related  to  the  change  in  pressure 
distribution  from  triangular  to  rectangular  (fig.  2)  which  in  turn  is 
influenced  by  the  shock  pattern.  At  transonic  Mach  numbers  from  0.92 
to  1.05;  the  values  of  aileron  normal-force  coefficient  lie  very  close 
to  those  shown  for  0.9^  Mach  mmiber. 


For  the  test  speed  range,  which  was  from  a Mach  number  of  O.7O 
to  1.05,  the  spread  in  magnitude  of  load  carried  at  the  positive  nrif^ 
negative  aileron  deflections  remains  approximately  constant  with  angle - 
of-attack  change. 

Figure  4 shows  similar  Information  obtained  with  the  45°  swept-wing 
aileron.  The  nominal  control  deflections  are  now  15°  and  -15°  instead 
of  10°.  Again  the  Mach  numbers  illustrated  are  0.8  and  0.94.  Here  again 
the  data  shown  for  a Mach  number  of  0.94  is  typical  of  the  results 
obtained  at  Mach  numbers  from  0.92  to  I.05. 

There  are  several  differences  between  this  aileron  and  the  unswept- 
wing  aileron.  In  the  first  place,  the  effect  of  Mach  n\miber  on  the  load 
carried  by  the  aileron  (compare  the  values  of  load  coefficient  at  12°  angle 
of  attack)  is  not  as  great  as  that  on  the  unswept-wing  aileron.  Secondly, 
the  spread  in  magnitude  of  load  for  positive  and  negative  deflections  does 
not  remain  constant  with  angle  of  attack  for  the  swept  wing.  It  may  also 
be  noted  that  the  swept  wing  with  15°  aileron  deflection  carried  about 
the  same  unit  load  at  the  lower  angles  of  attack  as  the  unswept-wing 
aileron  with  10°  deflection  (fig.  3). 

The  loading  characteristics  of  the  outboard  aileron  on  the  trian- 
gular wing  are  shown  in  figure  5»  The  aileron  load  variations  with  angle 
of  attack  at  Mach  numbers  of  O.80  and  O.98  are  presented  for  nominal  con- 
trol deflections  of  0°,  15°,  and  -15°. 

Several  predominant  characteristics  of  this  control  should  be  noted. 
The  magnitude  of  the  unit  load  carried  by  the  triangular-wing  aileron  for 
the  same  control  deflections  is  generally  greater  than  that  of  the  swept- 
wing  aileron;  the  transonic  variation  in  aileron  loading  with  angle  of 
attack  is  more  uniform  than  at  high  subsonic  speeds;  the  effect  of  Mach 
number  on  the  load  carried  by  the  aileron  is  greater  at  zero  and  positive 
deflections  than  at  negative  control  deflections. 

Some  variation  of  aileron  center-of-load  location  with  Mach  number  for 
the  three  ailerons  tested  is  shown  in  figure  6.  Chordwlse  center  of  load 
referenced  to  the  average  chord  of  the  aileron  c and  spanwise  center  of 
load  referenced  to  the  span  of  the  aileron  b are  plotted  on  the  vertical 
scales  with  Mach  number  on  the  horizontal  axis.  The  center-of-load  loca- 
tions for  approximately  comparable  deflections  for  the  three  controls  are 
illustrated  in  this  figure.  An  attempt  has  been  made  to  indicate  typical 
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locations  of  center-of-load  travel  for  constant  angles  of  attack  and 
varying  control  deflection,  and  constant  control  deflection  with  changing 
angle  of  attack.  The  center-of-load  locations  may,  however,  vary  over 
greater  limits  than  those  shown  in  the  case  where  the  load  or  moments 
approach  zero. 

The  chordwise  center-of-load  location  of  the  unswept-wing  aileron 
generally  remains  between  the  20-  and  50-percent-aileron-chord  locations 
through  most  of  the  angle -of -attack  range  for  all  control  deflections 
tested.  The  spanwise  center-of-load  location  is  near  the  midspan  of  the 
aileron. 


The  chordwise  center-of-load  travel  of  the  swept-wing  aileron  is 
somewhat  greater  than  that  for  the  unswept-wing  aileron,  generally 
extending  frcm  the  20-  to  60-percent-chord  points  for  the  deflections 
tested.  Again  the  spanwise  center  of  load  remains  at  about  the  center 
of  the  aileron. 

The  chordwise  center-of-load  location  on  the  aileron  of  the  trian- 
^ar  wxng  also  generally  lies  between  the  20-  and  60-percent- chord  sta- 
tions and  the  spanwise  location  is  usually  somewhat  more  inboard  than 
or  the  other  two  ailerons,  being  near  the  45-percent-span  station  of 
the  aileron. 


CONCLUDING  BEMAEKS 


Seme  aileron  load  characteristics  for  three  thin  wings  varying  in 
sweep  have  been  presented  for  Mach  numbers  from  0.8o  to  I.05.  For  the 
transonic  Mach  number  range,  shock  effects  exert  a large  influence  on 
the  loading,  but  the  exact  location  of  each  shock  for  a specific  wing 
design  cannot  be  catalogued  at  the  present  time.  It  is  shown,  however 
that  the  aileron  loading,  although  greater  in  magnitude  than  at  subsonic 
speeds,  nevertheless  varies  in  as  uniform  a fashion  as  at  subsonic  speeds. 
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SIMPLIFIED  PROCEDURES  FOR  ESTIMATING  FIAP-C{»TROL 
LOADS  AT  SUPERSONIC  SPEEDS 
K.  R.  Czamecki  and  Doioglas  R.  Lord 
Langley  Aeronautical  Laboratory 


SIM4ART 


An  investigation  has  been  made  to  determine  the  possibility  of  using 
simplified  procedures  for  the  estimation  of  control  loads  at  supersonic 
speeds.  The  results  of  the  investigation  indicate  that  relatively  simple 
procedures  are  possible  for  the  estimation  of  loadings  on  flap-type  con- 
trols at  supersonic  speeds  for  the  case  vhere  no  flow  separation  occurs 
ahead  of  the  hinge  line.  For  tip-type  controls,  the  simplified  procedures 
have  been  tested  only  in  a few  cases  and  need  further  development.  For 
controls  with  swept  hinge  lines,  experimental  data  are  lacking,  but  it 
is  anticipated  that  the  procedures  developed  for  the  unswept  hinge-line 
controls  will  apply  provided  that  there  is  no  flow  separation  at  the 
line  or  that  the  sweep  angle  is  not  too  large.  In  general,  the  ir»n icings 
predicted  by  the  simplified  procedures  are  in  better  agreement  with 
experiment  than  is  unmodified  three-dimensional  linear  theory. 


INTRODUCTION 


The  estimation  of  control  loads  at  supersonic  speeds  from  linear 
theory  or  other  available  techniques  has  proved  to  be  rather  complicated 
and  tedious.  In  particular,  there  is  a need  for  rapid  methods  of  pre- 
dicting control  loads  with  reasonable  accuracy  for  preliminary  design. 
Hie  objective  of  this  paper  is  to  present  such  a technique.  Of  course, 
it  should  be  stressed  that  simplicity  is  often  achieved  only  at  a sac-* 
rlfice  in  ultimate  accuracy.  Another  restriction  that  has  been  imposed 
in  this  paper  is  that  the  boundary  layer  on  the  wing  is  turbulent. 


b wing  span 

c local  chord 

P static  pressure 
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pressure  coefficient. 


P,  -P 


M 

y 

a 

6 

Ac 

Ac, 


A2i 


“Hf 


K 


dynamic  pressure 
free-stream  Mach  number 
spanwise  distance 
angle  of  attack,  deg 
control  deflection,  deg 

increment  in  section  normal  force  on  control 
increment  in  section  normal  force  on  wing  plus  control 
increment  in  section  pitching  moment  dxie  to  load  on  control 


increment  in  section  pitching  moment  due  to  load  on  wing 
plus  control 

constant 


Subscripts: 


1 
1 

2 

av 

cr 


local 

ahead  of  control  hinge  line 
behind  control  hinge  line 
average 
critical 


TRAILING-EDGE  CONTROLS 
Basic  Flow  Types 


In  figures  1 and  2 are  depicted  two  basic  types  of  flow  over  a 
flap-type  control.  Figure  1 shows  a flow  that  adheres  closely  to  the 
airfoil  surface.  This  type  of  flow  occurs  only  at  relatively  low  angles 
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of  attack  and  control  deflection.  Some  theoretical  and  experimental 

• chordwise  pressure  distributions  characterized  by  this  type  of  flow  are 
indicated  in  the  lower  part  of  figure  1.  These  results  were  obtained 
at  a Mach  number  of  1.6l  on  an  essentially  two-dimensional  station  on 

a trapezoidal  wing  having  a hexagonal  section.  The  symbol  P denotes 

• the  usual  pressure  coefficient  and  x/c,  the  chordwise  station  in  terms 
of  the  local  chord.  The  agreement  between  linear  theory  and  experiment 
is  seen  to  be  good  except  that  experimentally  the  flow  does  not  expand 
as  much  around  the  comer  just  ahead  of  the  control  hinge  line  as  is 
indicated  by  theory  and  the  load  over  the  control  is  only  about  JO  per- 
cent of  the  theoretical  load. 


The  sketch  in  the  upper  part  of  figure  2 illustrates  conditions 
where  the  flow  is  separated  up  to  the  hinge  line  on  the  control  low- 
pressiire  surface  and  on  the  main  wing  ahead  of  the  hinge  line  on  the 
side  of  the  control  high-pressure  siirface.  Separated  flows  such  as  these 
occur  when  the  angles  of  attack  and  control  deflection  are  large  eno\igh 
to  produce  very  strong  shocks  at  the  control  trailing  edge  or  bingp  line. 
These  strong  shocks  cavise  the  boundary  layer  on  the  wing  or  control  to 
separate.  The  plot  in  the  lower  part  of  figure  2 shows  the  corresponding 
pressure  distributions.  Obviously,  the  agreement  between  theory  «nii 
experiment  is  not  good;  on  the  control  upper  surface,  theory  even  indi- 
cates a pressure  lower  than  absolute  vacuum. 

In  this  paper  it  is  impossible  to  discuss  thoroughly  all  the  types 
of  flow  illustrated  in  figures  1 and  2.  Experience  has  shown,  however, 
that  separation  from  the  control  low-pressure  surface  occiirs  first,  is 
generally  restricted  to  the  control  itself,  and  has  a relatively  RTna  1 1 
effect  on  the  control  aerodynamic  characteristics.  The  chordwise  pres- 
sure distribution  in  such  a separated-flow  region  is  usually  uniform 
as  indicated  for  the  control  upper  surface  in  figure  2.  Thus,  for  con- 
ditions where  flow  separation  does  not  occur  ahead  of  the  hinge  line, 
the  control  chordwise  loadings  closely  resemble  the  unifoim  loading  shown 
for  an  mseparated-flow  condition  in  figure  1 even  though  the  loading  may 
be  asymmetrical  between  the  upper  and  lower  surfaces.  In  this  paper  the 
discussion  of  flap-type  controls  will  be  limited  to  conditions  where  flow 
separation  may  be  present  on  the  control  itself  but  does  not  occur 
of  the  control  on  the  main  wing. 


Method  of  Approach 

As  was  mentioned  previously,  within  the  limitations  just  described 
the  control  chordwise  loadings  resemble  the  one  shown  in  figure  1.  Thp 
crux  of  the  situation  lies  in  this  uniform  loading;  for  if  this  loading 
is  always  a constant  percentage  of  the  theoretical  value,  the  loading 
per  vinit  degree  of  angle  of  attack  or  control  deflection  can  be  readily 
•%  estimated  from  simple  two-dimensional  considerations  by  taking  the  proi>er 


proportion  of  the  linear  theory  loading  given  hy  - 1.  This  ratio 

of  experimental  to  theoretical  loading  is  defined  as  K and,  as  indi- 
cated hy  the  results  in  figure  1,  is  equal  to  about  0.7*  Thus,  if  it 
can  he  shown  that  effects  of  a and  6 can  he  considered  independently 


of  one  another,  that  the  span  loading  is  uniform,  and  that  the  constant  K 
always  remains  about  0.7,  then  a simple  procedure  for  estimating  control 
span  loadings  becomes  available.  Before  proceeding  with  these  discus- 
sions, however,  it  is  desirable  first  to  indicate  the  manner  in  which  the 
limiting -flow  conditions  can  be  determined  and  the  effect  of  Mach  mmiber . 


Flow-Separation  Parameters 


In  figure  5 are  presented  two  criteria  to  aid  in  determining  the 
limiting  conditions  of  flow  separation  ahead  of  the  control  hinge  line. 

At  present,  it  is  not  known  which  is  the  better  criterion.  In  figure  3 
on  the  left,  ^Px/Pp)  relates  the  static  pressures  ahead  of  and  behind 

the  hinge  line  for  the  initial  appearance  of  separation.  In  figure  5 oa 


the  right 


describes  the  pressure  rise  in  terms  of  the  local 


dynamic  pressure  ahead  of  the  shock  required  for  flow  separation.  The 
local  flow  Mach  number  ahead  of  the  control  surface  is  M-^.  The  experi- 
mental data  are  from  control  tests  on  a trapezoidal  wing  at  M = 1.6l 
nnH  2.01.  The  data  are  compared  with  the  results  compiled  by  Bogdonoff 
and  Kepler  (ref.  l)  and  by  Lange  (ref.  2).  Agreement  is  only  fair  in 
both  cases.  It  is  suggested  that  an  average  value  indicated  by  the 
present  experimental  results  be  used  to  determine  the  limiting  control 
angle.  In  general,  for  the  usual  type  of  control  configuration  with 
sharp  trailing  edge,  the  limiting  6 will  tend  to  approach  20°.  For 
controls  with  thickened  trailing  edges  and  for  controls  operating  at 
free-stream  Mach  numbers  at  or  below  1.6  at  fairly  high  angles  of  attack, 
where  the  local  Mach  number  becomes  low  and  shock  detachment  becomes 
imminent  for  smal 1 pressure-rise  ratios  as  indicated  by  the  plots  in 
figure  5,  the  limiting  angles  decrease. 


Effect  of  Mach  Number 

Figxire  k shows  the  effect  of  Mach  nmber  on  the  chordwise  pressure 
distributions.  Thp  sketch  at  the  top  of  figiore  4 Indicates  that  the 
data  were  obtained  on  an  essentially  two-dimensional  station  on  a trap- 
ezoidal wing  at  Mach  numbers  of  1.6l  and  2.01.  The  ordinate  is  the  nor- 
malized pressTire  coefficient  and  x/c,  the  station  in  terms  of  the  local 
wing  chord.  Two  angle -of -attack  and  control-deflection  conditions,  as 


indicated,  are  shbwn.  The  results  for  the  two  test  Mach,  numbers  are  seen 
to  be  in  very  good  agreement  despite  the  fact  that  flow  separation  has 
already  occurred  ajiead  of  the  control  at  M = 1.6l  on  the  side  of  the 
control  high-pressiire  surface  (indicated  by  the  square  and  diamond  sym- 
bols) and  the  control  angle  therefore  is  somewhat  beyond  the  limit  pre- 
viously described.  On  the  basis  of  other  results  it  appears  that  this 
type  of  correlation  should  be  possible  to  considerably  higher  Mach  numbers 
than  indicated  here,  perhaps  to  M = 5*5  or  4.0. 


Spanwise  Loadings 

The  \ise  of  the  previously  sxiggested  imiform- loading  procedure  in 
determining  the  span-load  distributions  for  a full -span  flap-type  control 
is  illustrated  in  figure  5 for  a Mach  number  of  1.6l.  The  control  is 
denoted  by  the  shaded  area  in  the  sketch  in  the  upper  part  of  the  figure. 
The  wing  shown,  incidentally,  has  25°  sweep  at  the  leading  edge,  and  thus 
the  control  is  influenced  by  conical  flow  across  nearly  the  entire  spein. 

In  the  plot  on  the  left  of  figure  5 sre  presented  the  section  normal- 
force  parameters  for  the  load  on  the  control  due  to  a against  the  semi- 

span  distance  parameter  On  the  right-hand  side  of  figure  5 are 

b/2 

shown  the  section  normal-force  parameters  for  the  load  on  the  control  d\oe 
to  6.  The  dashed  lines  indicate  siian  loadings  ccanputed  from  linear 
theory.  The  experimental  points  in  the  plot  on  the  left-hand  side  of  the 
figure  cover  a range  of  a from  0°  to  15°.»  whereas  the  e3q>ertmental 
points  in  the  plot  on  the  right-hand  side  cover  a 6 range  from  -20° 
to  20°.  The  solid  lines  represent  the  span  loadings  obtained  by  assuming 
a imiform  loading  both  chordwise  and  spanwise  with  a point  value  of 

0.7  X hj'\v^  - 1 for  both  the  angle -of -attack  and  control-deflection 
cases.  A comparison  of  the  results  indicates  that  the  experimental  span- 
wise  loadings  are  in  good  agreement  with,the  span  loadings  computed  sim- 
ply on  the  basis  of  uniform  loading  and  the  aforementioned  point-loading 
parameter.  The  agreement  is  considerably  better  than  that  between  exper- 
iment and  the  unmodified  linear  theory.  It  should  also  be  noted  that 
the  effects  of  the  wing  tip  and  control  tip  were  relatively  small  and  can 
be  neglected  to  a first  order.  For  the  case  of  uniform  loading  the  center 
of  pressure  for  the  ccnqplete  control  is  predicted  to  be  at  the  control 
center  of  area;  the  experimental  spanwise  center-of -pressure  results  are 
in  good  agreement  with  this  prediction. 

Figure  6 shows  the  application  of  the  simplified  technique  for  esti- 
mating span  loadings  to  a partial- span  control.  The  control  is  indicated 
by  the  sketch  at  the  top  of  figure  6.  Ordinates  and  abscissas  are  as  in 
figure  5 except  that  the  incremental  wing-span  loading  parameter  is  used 
to  show  the  effects  of  control  deflection  on  wing  carryover.  The  flap 


••  • 

section  normal  force  is  equal  to  the  wing  section  normal  force  within 
the  span  covered  hy  the  control  when  there  is  no  flow  separation  ahead 
of  the  hinge  line,  as  is  the  case  here.  Linear  theory,  uniform  loading 
calculations,  and  experimental  results  are  indicated  hy  dashed  lines, 
solid  lines,  and  experimental  points,  respectively.  The  agreement  between 
the  uniform-loading  span-load  distribution  and  experiment  is  seen  to  be 
again  considerably  better  than  that  between  unmodified  linear  theory  and 
experiment.  The  experimental  spanwise  center  of  pressure  for  the  control 
is  also  very  close  to  the  center  of  control  area  as  predicted  by  imiform- 
loading  calculations. 

Figure  7 bas  been  prepared  to  illustrate  how  closely  the  spanwise 
distribution  of  chordwise  pitching  moment  due  to  the  loads  on  the  control 
can  be  predicted.  These  results  are  for  the  same  control  configuration 
shown  in  figiare  6.  The  same  line  and  symbol  code  applied  except  that  the 
ordinates  in  this  figure  are  the  increments  in  section  wing  pitching 
moments  contributed  by  the  flap  from  the  loading  due  to  a or  6.  The 
moments  are  taken  about  the  center  of  the  mean  aerodynamic  chord  or  about 
the  0.%k  root-chord  station,  as  indicated  in  the  sketch.  Again,  the 
simple  uniform  load  predictions  are  in  good  agreement  with  experiment; 
thus,  the  experimental  chordwise  loadings  are  uniform  and  the  experimental 
control  longitudinal  center  of  pressure  is  near  the  center  of  control  area. 

For  controls  operating  in  a strongly  conical  flow  field,  such  as 
on  a highly  swept  delta  wing,  the  problem  of  estimating  the  spanwise  con- 
trol loading  due  to  a becomes  more  complex  and  the  procedure  must  be 
modified.  This  condition  is  shown  in  figure  8 for  a full-span  flap-type 
control  on  a 60°  delta  wing  at  a Mach  number  of  1.6l.  For  the  loading 
due  to  control  deflection,  the  uniform-loading  procediire  presented  in 
previous  figures  still  applies.  The  loading  on  the  control  due  to  a, 
however,  increases  across  the  span  to  a peak  at  about  the  87-percent 
semi  span  station.  Inasmuch  as  the  form  of  this  loading  is  dependent  upon 
the  relationship  between  the  Mach  line  from  the  wing  apex  and  the  wing 
leading  edge  and  must  be  preserved,  the  following  technique  was  evolved. 
The  chordwise  loading  at  any  spanwise  station  is  assumed  to  be  constant 
and  equal  to  the  three-dimensional  linear-theory  value  at  the  flap  mid- 
chord point  multiplied  by  K = 0.7.  The  spanwise  variation  in  loading 
is  thus  Introduced  by  the  spanwise  variation  in  the  midchord  point 
loading . 

The  agreement  between  these  constant-chord-load  calculations  and 
experiment  is  good.  Althoiigh  the  data  are  not  shown,  the  agreement 
between  the  calculated  spanwise  variation  of  pitching  moment  and  experi- 
mental results  is  equally  good. 

The  exact  region  where  the  uniform -loading  procedure  should  give 
way  to  this  modified  procedure  is  difficult  to  define  because  of  the 
gradml  transition  from  one  type  of  loading  to  the  other.  In  general. 


however,  the  modified  procedure  should  he  used  when  the  Mach  line  from 
the  wing  apex  begins  to  approach  the  wing  leading  edge  and  the  edge  tends 
to  become  sonic  or  subsonic. 


TIP  CONTROLS 
Basic  Problems 


The  problem  of  estimating  loadings  on  tip  controls  is  considerably 
more  ccanplex  than  that  of  the  flap-type  control  and  the  simplified  methods 
of  estimating  the  loadings  have  not  been  as  fully  developed.  Although 
tip-control  configurations  generally  are  not  afflicted  with  hinge-line 
separation,  they  are  affected  by  additional  variables  such  as  leading- 
edge  separation  and  shock  detachment  and  are  considerably  more  sensitive 
to  control  section  and  wing-control  parting-line  effects.  Consequently, 
the  chordwise  loadings  can  change  rapidly  with  changes  in  any  one  of 
these  variables  and  the  loading  often  has  no  resemblance  to  that  predicted 
by  linear  theory.  It  appears,  however,  that,  despite  all  these  compli- 
cations, it  may  eventually  be  possible  to  develop  a relatively  simple 
procedure  for  estimating  the  loadings  on  at  least  certain  types  of  tip 
controls . 


Typical  Spanwise  Loading 

Figure  9 shows  the  results  of  some  such  simple  calculations  for  a 
half -delta  tip  control.  The  control  is  depicted  by  the  shaded  area  in 
the  sketch  of  the  wing.  The  ordinate  is  the  section  pitching  moment  due 
to  a or  B taken  about  the  middle  of  the  mean  aerodynamic  chord  or 
the  2/3  station  of  the  root  chord.  Linear  theory  is  indicated  by  the 
dashed  lines  and  the  uniform  loading  predictions  by  the  solid  line.  The 
first  thing  to  notice  is  that  a K-factor  of  O.7O  no  longer  always  guar- 
antees good  agreement  between  the  uniform- loading  calculations  anH  exper- 
iment, as  exemplified  by  the  control-deflection  case.  In  order  to  over- 
come this  deficiency,  the  constant  K was  modified  to  give  a good  fit 
between  calcifLated  and  experimental  section  normal -force  parameters,  which 
are  not  shown  here.  The  resultant  VEilues  of  K were  O.85  for  the  loading 
due  to  a and  only  0.44  for  the  loading  due  to  B.  This  large  decrease 
for  the  control-deflection  case  is  to  be  expected  because  of  the  strongly 
three-dimensional  flow  over  a very  low-aspect-ratio  shape.  The  calculated 
section  pitching-moment  jjarameters  for  these  modified  values  of  K are 
in  fair  agreement  with  experiment  for  the  loading  due  to  S but  tend  to 
be  somewhat  high  for  the  loading  due  to  a.  Better  agreement  as  regards 
both  magnitude  and  shapes  of  the  ciirves  can  be  obtained  in  the  latter 
case  by  assuming  a trapezoidal  rather  than  uniform  chordwise  loading. 
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The  assmption  of  \mifomi  spanwise  pressiire  appears  to  he  reasonably  ade- 
quate, as  does  the  assumption  of  no  wing  carryover  of  the  control  load 
due  to  5. 


At  present,  these  simplified  procedures  for  estimating  loads  on  tip 
controls  have  been  applied  to  only  a limited  number  of  cases.  Indica- 
tions are  that  the  value  of  K may  be  dependent  upon  control  configura- 
tion and  Mach  number.  Obviously,  further  analysis  of  available  data  must 
be  made  before  final  recommendations  can  be  given. 


CONTROLS  WITH  SWEPT  HINGE  LINES 


At  present,  there  is  a lack  of  experimental  data  on  which  to  develop 
simple  procedures  for  estimating  loadings  on  controls  with  swept  hinge 
lines.  On  the  basis  of  available  knowledge,  however,  it  may  be  antici- 
pated that  the  procedvires  described  previously  should  apply  provided 
there  is  no  hinge-line  separation,  the  sweep  angle  is  not  too  high,  and 
the  normal  component  of  the  velocity  at  the  hinge  line  is  used. 


CONCLUDING  REMARKS 

In  conclusion,  it  may  be  stated  that  simplified  procedures  have 
been  developed  for  the  estimation  of  control  loadings  on  flap-type  con- 
trols at  supersonic  speeds  for  the  case  where  no  flow  separation  occurs 
ahead  of  the  hinge  line.  For  tip-type  controls,  the  simplified  proce- 
dures have  been  tested  only  in  a few  cases  and  need  further  development. 
For  controls  with  swept  hinge  lines,  experimental  data  are  lacking,  but 
it  is  anticipated  that  the  procedures  developed  for  the  unswept  hinge- 
line  controls  will  apply  provided  that  there  is  no  flow  separation  at 
the  hinge  line  or  the  sweep  angle  is  not  too  large.  It  might  also  be 
mentioned  that,  in  general,  the  loadings  predicted  by  the  simplified 
procedures  are  in  better  agreement  with  experiment  than  the  unmodified 
three-dimensional  linear  theory  is. 
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TYPICAL  FLOW  TYPES 
NO  SEPARATION 


Figure  1 


TYPICAL  FLOW  TYPES 

WITH  SEPARATION 


Figure  2 
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• FLOW- SEPARATION  PARAMETERS 


Figure  3 


EFFECT  OF  MACH  NUMBER 


ORIFICE 

STATION 


SURFACE  M 
o UPPER  1.61 
O UPPER  2.01 

a lower  1.61 
A lower  2.01 


Figure  4 
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SPAN  LOADING  ON  FULL-SPAN  CONTROL 
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Figure  5 


SPAN  LOADING  ON  PARTIAL-SPAN  CONTROL 
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Figure  6 
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PITCHING-MOMENT  DISTRIBUTION  ON  PARTIAL- SPAN  CONTROL 
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MOMENTS  DUE  TO  a SCqv^ 


Figure  J 


EFFECT  OF  LARGE  SWEEP  ON  SPAN  LOADING 


Figure  8 
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PITCHING -MOMENT  DISTRIBUTION  FOR  TIP  CONTROL 
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Figure  9 
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LOADS  ON  WINGS  DUE  TO  SPOILERS  AT  SUBSONIC 
AND  TRANSONIC  SPEEDS 


By  Alexander  D.  Hammond 
Langley  Aeronautical  Laboratory 


SUMMARy 


Some  of  tile  results  of  several  of  tlie  more  recent  investigations 
made  in  the  Langley  7-  by  10-foot  tunnels  are  presented  to  illustrate 
tlie  magnitude  and  distribution  of  the  additional  loads  on  wings  resulting 
from  projection  of  spoiler-type  controls.  The  results  show  that,  althou^ 
there  is  no  known  pure  theoretical  method  for  determining  the  magnitude 
or  the  point  of  application  of  the  additional  load  due  to  spoiler  pro- 
jection on  a given  wing,  wind-tunnel  test  data  on  wings  close  to  the 
desired  configuration  can  be  used  to  estimate  with  a fair  degree  of 
accuracy  the  additional  loads  associated  with  spoiler-type  controls. 


INTRODUCTION 


The  spoiler  is  being  used  more  and  more  on  present-day  aircraft  for 
lateral  control.  In  order  to  illustrate  the  variation  of  the  magnitude 
and  distribution  of  the  additional  loads  on  wings  resulting  from  spoiler 
projection  with  changes  in  angle  of  attack,  speed,  an<t  geometry  of  the 
wing  and  spoiler,  some  of  the  results  of  several  of  the  more  recent 
investigations  made  in  the  Langley  7-  by  10-foot  tunnels  will  be 
presented. 


COEFFICIENTS  AND  SYMBOLS 


section  normal-force  coefficient 

Normal  force 

q.c 

Cn 

wing  normal-force  coefficient, 

Wing  normal  force  ■ 

qS  I 

Cb 

wing  bending- moment  coefficient. 

Wing  bending  moment  | 

AM  MON  I) 


“*  / ; *.  

'.V  r*:*  * 
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pr 

A 

b 

c 


resultant  pressure  coefficient, 

aspect  ratio,  b^/s 
wing  span,  ft 

local  wing  chord  measured  in  planes  parallel  to  wing  plane  of 
symmetry,  ft 


-av 


average  wing  chord. 


'r  t ^t 


, ft 


Cf 

M 

P 


Po 


1 

5 
t 
V 

X 

^^cp 

y 

A 

a 

6 
A 
X 


flap  chord,  ft 
Mach  number 

static  pressiire,  Ib/sq  ft 

free-stream  static  pressure,  Ib/sq  ft 

free -stream  dynamic  pressure,  Ib/sq.  ft 

wing  area,  sq.  ft 

wing  maximum  thickness,  ft 

free-stream  air  velocity,  ft /sec 

chordwise  distance  from  wing  leading  edge,  ft 

chordwise  distance  of  center  of  pressure  resulting  from 
control  deflection  from  wing  leading  edge,  ft 

spanwise  distance  from  plane  of  symmetry,  ft 

increment  resulting  from  control  deflection 

angle  of  attack  of  wing,  deg 

control  deflection 

sweep  angle,  deg 

taper  ratio;  ratio  of  tip  chord  to  root  chord,  ct/cr 
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p mass  density  of  air,  slugs/cu  ft 

Siibscripts : 

cp  center  of  pressure 

d deflector 

f flap 

u upper  wing  surface 

Z lower  wing  surface 


DISCUSSION 


In  fig\jre  1 are  shown  the  model  configurations  and  test  conditions 
for  the  investigations  made  in  the  Langley  7"  10-foot  tunnels.  A 
pressure -distribution  investigation  utilizing  a 50°  sweptback-wing— 
fuselage  model  (model  A)  having  an  aspect  ratio  of  5>  a taper  ratio 
of  0.5>  and  NACA  6%OCh  airfoil  section  parallel  to  the  plane  of  synnnetry 
was  made  at  a Mach  n-umber  of  0.26  for  an  angle -of -attack  range  from  -4° 
to  2Ur . The  ri^t  wing  of  the  model  was  equipped  with  two  of  the  more 
common  types  of  spoiler  controls,  a plain  spoiler  and  a spoiler  slot 
deflector.  These  controls  were  tested  for  a range  of  spoiler  projection 
from  0 to  12  percent  of  the  local  chord  and  a range  of  deflector  projec- 
tion from  0 to  9 percent  of  the  local  chord.  The  results  of  this  inves- 
tigation are  unpublished. 

Force  tests  were  made  on  model  B,  an  \inswept  semispan  wing  having 
an  aspect  ratio  of  4,  a taper  ratio  of  0.6,  and  IJACA  65AOO6  airfoil  sec- 
tions parallel  to  the  plane  of  symmetry,  through  a Mach  number  range  from 
0.62  to  1.20  for  angles  of  attack  frbm  -4°  to  20°.  Model  B was  equipped 
with  a plain  spoiler  and  a spoiler  slot  deflector,  extending  from  the 
40-  to  the  97-percent-semispan  stations;  tests  were  made  for  spoiler  pro- 
jections from  0 to  10  percent  of  the  local  chord  and  for  deflector  pro- 
jections from  0 to  7*5  percent  of  the  local  chord.  The  results  of  this 
investigation  are  ptiblished  in  reference  1. 

Force  tests  were  also  made  on  a series  of  unswept  untapered  semispan 
wings,  represented  by  model  C,  having  aspect  ratios  from  1 to  6 and  two 
airfoil  sections,  NACA  6%06k  and  NACA  65AOO6,  parallel  to  plane  of  sym- 
metry. A plain  flap-lype  spoiler  projected  to  a height  of  7*5  percent 
chord  was  tested  along  the  40-,  60-,  80-,  and  100-percent-choi^  lines  of 
the  wings  throu^  a Mach  number  range  from  0.6  -to  1.1  at  angles  of  attack 
from  -10°  to  25°.  These  tests  are  also  unpublished. 
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The  results  of  the  pres  sure -distribution  measxxrements  taken  at  the 
six  spanwlse  stations  on  the  right  wing  of  model  A are  used  to  show,  in  • 

figure  2,  the  variation  of  the  wing-section  normal -force  coefficient 
with  spanwlse  position  yj'b/2  from  the  wing-fuselage  Junction  to  the 

wing  tip  for  the  plain  wing  at  angles  of  attack  of  29  and  8°.  The 
spoiler  was  projected  to  12  percent  of  the  local  chord  and  the  deflector 
was  projected  to  9 percent  of  the  local  chord.  At  both  angles  of  attack 
(2°  and  8°),  projection  of  the  spoiler  slot  deflector  considerably 
decreased  the  loading  over  that  portion  of  the  wing  span  covered  by  the 
control. 


••  •••• 

••  • • • ••• 

• ••••  ••• 

••  ••• 

• • • • • 


•• 


Inasmuch  as  the  incremental  loads  due  to  spoiler  projection,  that 
is,  the  differences  between  the  plain-wing  curves  and  the  curves  for 
the  spoiler  slot  deflector,  are  of  primary  interest,  the  incremental  ^ 

loadings  obtained  from  plots  similar  to  figure  2 have  been  normalized 
and  replotted  in  figure  5 to  show  the  variation  of  the  incremental  sec- 
tion normal-force  coefficient  per  unit  incremental  wing  normal -force 
ZiCnC 

coefficient  with  spanwlse  location  from  the  wing-fuselage  junc- 

ACijCav 

tion  to  the  wing  tip.  The  theoretical  curve  was  obtained  by  the  method 
of  DeYoting  outlined  in  references  2 and  5 for  flap-type  controls  having 
the  same  span  as  the  spoilers  of  model  A on  a wing  having  the  same  geo- 
metric characteristics  as  the  wing  of  model  A.  Since  the  spoilers  are 
deflected  only  on  the  right  wing  of  model  A,  the  theoretical  c\irve  is 
the  average  between  the  curve  obtained  for  symmetrically  deflected  flaps 
and  •unsymme trie ally  deflected  flaps  from  references  2 and  3^  respectively. 
The  experimental  points  denoted  by  the  circled  symbols  were  for  an  angle - 
of -attack  range  from  to  6°. 

At  the  top  of  figure  3 are  curves  of  the  variations  of  the  incre- 
mental wing  normal-force  coefficient  and  incremental  wing  bending- 

moment  coefficient  with  angle  of  attack  for  the  spoiler  slot 

deflector  projected  to  heights  of  12  and  9 percent  of  the  local  chord. 

In  the  angle -of -attack  range  from  -4°  to  6°,  there  is  an  increase  in 
both  the  incremental  normal  force  and  bending  moments  with  increase  in 
angle  of  attack  although  there  is  little  change  of  the  distribution  of 
•this  load  with  change  in  angle  of  attack  and  the  experimental  and  theo- 
retical span  load  distributions  axe  in  good  agreement  (fig.  3)*  At 
angles  of  attack  above  about  6°,  there  is  separation  in  the  flow  over 
the  wing  near  the  wing  tip  and  the  inboard  end  of  the  spoiler,  and  the 
experimental  distributions  would  not  be  expected  to  agree  with  theory. 

The  chordwise  load  distribution  resulting  from  spoiler  projection 
will  now  be  considered^  The  res\ilts  of  the  pressvire -distribution  meas- 
urements made  at  the  midsemlspan  station  of  model  A have  been  used  to 
show,  in  figure  the  chordwise  resultant  pressure  distribution  due  to 
two  types  of  spoiler  controls.  Figure  4 gives  the  variation  of  the 
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tion  Zfic/c  expressed  in  terms  of  tlie  local  chord  for  plain  spoilers 
(denoted  by  solid  curves)  and  for  spoiler  slot  deflectors  (denoted  by 
the  dashed  curves).  These  data  vere  for  an  angle  of  attack  of  CP.  The 
projection  chosen  for  the  two  types  of  spoiler  controls  was  such  that 
they  gave  approximately  equal  section  normal-force  coefficients.  Because 
of  the  load  carried  on  the  deflector  itself  (fig.  h) , which  is  located 
well  back  on  the  wing,  the  center  of  pressure  for  the  spoiler  slot 
deflector  is  behind  the  center  of  pressure  for  the  plain  spoiler.  Fig- 
ure 5 shows  the  variation  of  the  center -of -pressure  location  of  the  sec- 


^^cn 

tion  incremental  normal  force  ^ with  span  for  a plain  spoiler  pro- 


jected to  a height  of  12  percent  chord  and  for  a spoiler  slot  deflector 
projected  to  heights  of  12  and  9 percent  chord  on  model  A at  an  angle 
of  attack  of  0^.  The  center  of  pressure  for  the  spoiler  slot  deflector 
lies  along  approximately  the  ^4-3 -per cent- chord  line  across  the  wing  span 
and  the  center  of  pressure  for  the  plain  spoiler  is  from  10  to  30  percent 
further  forward  on  the  wing. 


Although  there  were  no  pressure-distribution  measurements  made  on 
model  B to  obtain  the  variation  of  the  center-of -pressure  location 
across  the  wing  span,  the  results  of  the  force  tests  on  model  B have 
been  used  to  show  (fig.  6)  the  variation  of  the  center -of-pres sure  loca- 
tion of  the  Incremental  wing  normal  force  with  angle  of  attack  at  Mach 
nuinbers  of  0.84  and  1.20.  The  spoiler  was  deflected  to  10  percent  chord 
(see  solid  curves);  the  spoiler  slot  deflector  was  projected  to  10  and 
7.5  percent  chord  (see  dashed  curves). 

The  results  shown  in  figure  6 indicate  that  the  center-of -pressure 
locations  of  the  incremental  wing  normal  force  are  about  10  percent 
further  forward  on  the  wing  for  the  plain  spoiler  than  the  center-of- 
pressure  locations  of  the  spoiler  slot  deflector  at  all  angles  of  attack 
at  the  Mach  numbers  shown.  There  are  variations  in  the  centers  of  addi- 
tional load  with  angle  of  attack;  however,  the  trends  of  this  variation 
for  the  two  types  of  spoilers  are  similar  at  the  Mach  nuinbers  shown  and 
at  the  other  Mach  numbers  investigated.  It  then  follows  that  the  results 
of  force  tests  on  plain  spoilers  can  be  used  to  determine  the  center-of- 
pressure  location  of  the  incremental  normal  force  resiilting  from  pro- 
jection of  spoiler  slot  deflectors. 


Results  of  the  investigation  made  on  the  unswept  wings  denoted  by 
model  C can  be  used  to  show  the  changes  in  the  chordwlse  position  of  the 
center-of -pressure  location  with  such  variables  as  wing  thickness,  wing 
aspect  ratio,  and  spoiler  chordwise  position.  The  data  for  the  aspect- 
ratio-6,  6 -percent- thick  wing  have  been  used  to  show  (fig.  7)  the  varia- 
tion of  the  center-of -pressure  location  of  the  incremental  section  nor- 
mal force  with  Mach  number  at  an  angle  of  attack  of  0^  for  spoilers 
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••  ;^3jected  to  7*5  percent  chord  and  located  along  the  6o-,  80-,  and 

100-percent-chord  lines  and,  for  comparison,  data  on  a 23-percent-chord 
flap-type  control  are  also  presented  (dashed  curve). 


As  the  spoilers  move  rearward  on  the  wing,  the  center-of -pressure 
location  moves  toward  the  wing  trailing  edge  at  all  Mach  numbers  tested. 
Although  there  is  little  variation  in  the  center  of  additional  load  with 
Mach  number  for  spoilers  located  along  the  80 -per cent- chord  line,  spoilers 
located  along  100-percent-chord  line  have  centers  of  pressure  that  are 
located  near  the  wing  trailing  edge  at  transonic  Mach  numbers  as  does  the 
plain  flap-type  control.  In  order  to  show  the  variation  of  the  center- 
of  -pressure  location  with  Mach  number  at  other  angles  of  attack,  the  data 
for  the  spoilers  located  along  the  80-percent-chord  line  have  been  plotted 
on  the  right-hand  side  of  figure  7 f’oi*  angles  of  attack  from  0°  to  10^. 

At  all  Mach  numbers  investigated,  the  center-of -pressure  location  moves 
toward  the  wing  trailing  edge  with  increase  of  angle  of  attack  up  to  10*^, 
and  limited  data  indicate  that  the  centers  of  additional  load  move  back 
toward  the  wing  leading  edge  with  further  increase  in  angle  of  attack. 

The  trends  shown  for  the  aspect-ratio-6,  6-percent-thick  wing  of 
the  variation  of  the  center-of -pressTire  location  with  Mach  nTjmber  are 
similar  to  the  trends  found  for  other  wings  of  this  series.  The  varia- 
tion of  the  center-of -pressure  location  of  the  incremental  wing  normal- 
force  coefficient  with  aspect  ratio  at  an  angle  of  attack  of  0^  is  shown 
in  figure  8 for  spoilers  located  along  the  6o-,  80-,  and  100-percent - 
chord  lines  of  the  k-  and  6-percent-thick  wings  at  a Mach  number  of  0.80. 
The  dashed  curves  are  for  the  spoilers  on  the  percent- thick  wings  and 
the  solid  curves  are  for  the  spoilers  on  the  6-percent-thick  wings.  At 
all  aspect  ratios  investigated,  moving  the  spoilers  rearward  on  the  wing 
moves  the  center-of -pressure  location  toward  the  wing  trailing  edge. 
Although  there  is  little  variation  of  the  center-of-pressure  location 
with  aspect  ratio  for  spoilers  located  along  the  80-percent— chord  line 
on  either  the  4-  or  6-percent-thick  wings,  the  center-of-pressure  loca- 
tions for  spoilers  on  the  4-percent-thick  wings  are  approximately  8 to 
10  percent  further  forward  on  the  wing  than  are  the  center-of-pressure 
locations  for  spoilers  on  the  6-percent-thick  wings.  In  order  to  show 
the  variation  of  the  center-of-pressure  location  with  aspect  ratio  at 
angles  of  attack  other  than  0^,  the  data  for  spoilers  located  along  the 
80-percent- chord  line  on  the  6-percent-thick  wings  have  been  plotted  on 
the  right-hand  side  of  figure  8 for  angles  of  attack  from  0^  to  10^. 

At  this  Mach  number  there  is  very  little  variation  of  the  center-of- 
pressure  location  with  aspect  ratio  at  any  angle  of  attack  up  to  10^, 
although  the  center  of  pressure  generally  moves  forward  on  the  wing  with 
increase  in  angle  of  attack  for  the  spoiler  on  wings  having  aspect 
ratios  from  1 to  5. 
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CONCiUDING  REMARKS 


It  shOTild  be  pointed  out  that  there  is  no  known  pure  theoretical 
method  for  determining  either  the  magnitude  or  the  point  of  application 
of  the  additional  load  due  to  spoiler  projection  on  a given  wing.  How- 
ever, if  force  tests  on  configurations  close  to  the  desired  configura- 
tion are  used  to  estimate  the  magnitude  of  the  additional  load  its 
point  of  application,  and  if  this  load  is  distributed  according  to  the 
theoretical  load  distribution  of  flap-type  controls  of  the  same  span, 
the  additional  root  bending  moment  and  wing  twisting  moment  can  be 
determined  in  the  subsonic  and  transonic  speed  range  at  low  angles  of 
attack  with  a fair  degree  of  accuracy. 
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MODEL'  CONFIGURATIONS 

A B C • 

A=30°  A=3;  X = 0.5  A=0°i  A = 4i  X=0.6  A=0°;  A=  I TO  6;  X=  1.0 

NACA  65A004  NACA  65A006  NACA  65A004  S 65A006 


M = 0.26 
a = -4®  TO  24° 
8s  = 0 TO  0.12c 
8(j  = 0 TO  0.09  C 


M = 0.62  TO  1.2 
a = -4°  TO  20° 
8s  = 0 TO  0.10  C 
8(j'‘0  TO  0.075  c 


M = 0.6T0  l.l 
a = -IO°T0  25° 

8s  = 0.075C 
SPOILER  POSITION, 
0.4c  TO  I.OC 


Figure  1 
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SPANWISE  LOAD  DISTRIBUTION  WITH  AND  WITHOUT  SPOILER 

MODEL  A 


y 

b/2 


Figure  2 
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ADDITIONAL  LOAD  DISTRIBUTION 


MODEL  A 


Ss=  0.12c 
Sj=  0.09c 


• • 


• • 
• • 


••• 


9 


t/2 


Figure  5 


CHORDWISE  RESULTANT  PRESSURE 
DISTRIBUTION  DUE  TO  SPOILERS 
MODEL  A ; a = 0“ 


Figure  4 
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VARIATION  OF  LOCAL  CHORDWISE  CENTERS  OF  PRESSURE 
MODEL  A;  a*0* 


b/2 


Figure  5 


VARIATION  OF  CHORDWISE  CENTERS  OF  ADDITIONAL  LOAD 
WITH  ANGLE  OF  ATTACK 


MODEL  B 


Figure  6 


VARIATION  OF  CHORDWISE  CENTERS  OF 
ADDITIONAL  LOAD  WITH  MACH  NUMBER 
MODEL  C;  A = 6i  t/C  =0.06 


Figure  7 


VARIATION  OF  CHORDWISE  CENTERS  OF 
ADDITIONAL  LOAD  WITH  ASPECT  RATIO 

MODEL  C,  M = 0.8 


Figure  8 
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LOADS  ASSOCIATED  WITH  SPOILEKS 
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EEIS  AT  SUPERSOI'IIC  SPEEDS •••*»! 


By  Douglas  B.  Lord  and  K.  R.  Czarnecki 
Langley  Aeronautical  Laboratory 


SIMMART 


The  available  infomiatlon  concerning  the  loads  associated  with 
spoilers  at  supersonic  speeds  has  been  reviewed  and  the  effect  of  some 
of  the  more  important  variables  in  the  problem  has  been  considered. 
Although  a large  proportion  of  the  data  now  available  are  fundamental  in 
nature,  they  lend  considerable  basic  knowledge  to  the  study  of  spoiler 
loadings  and  permit  some  estimations  to  be  made. 

This  paper  presents  typical  data  available  for  various  spoiler 
installations  and  presents  an  approximation  method  for  estimating  the 
loadings  caused  by  an  unswept  spoiler.  Some  preliminary  data  and  discus- 
sion are  also  presented  for  spoilers  yawed  to  the  main  flow. 


INTRODUCTION 


At  the  present  time  there  is  available  only  a limited  qiiantity  of 
experimental  data  concerning  the  loads  associated  with  spoilers  in  super- 
sonic flow.  During  the  past  few  years,  however,  several  tests  of  a ^- 
damental  nature  have  been  made  which  give  some  insight  into  the  loadings 
caused  by  spoilers  and  enable  a better  understanding  of  the  flow  phe- 
nomena involved.  The  majority  of  the  data  obtained  to  date  are  for 
spoiler  installations  in  what  might  be  termed  idealized  conditions,  and 
the  application  of  these  results  to  three-dimensional  lifting  wings  with 
their  attendant  spanwise  variations  will  undoubtedly  Introduce  new  com- 
plications. The  present  results  are,  however,  a vital  first  step  in 
understanding  the  flow  characteristics  and  in  developing  methods  for 
predicting  the  spoiler  loads  for  an  actual  installation.  The  purpose 
of  this  paper  is  to  present  typical  data  from  some  of  the  most  recent 
tests  and  to  discuss  the  conclusions  which  have  been  reached  to  date. 

AH  data  presented  are  for  turbulent  boundary  layers. 


SYMBOLS 


M 

Mj 


stream  Mach  number 
local  Mach  number 
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Pi 


local  static  pressure 


q 

P 

^sep 

I 

h 

A 

D 

°d 

H 


stream  dynamic  pressure 

Pi  - P 

pressure  coefficient,  

<1 

effective  angle  of  flow  separation  ahead  of  spoiler 

horizontal  distance  from  top  of  spoiler  to  point  of  flow 
separation 

spoiler  height 

sweep  angle 

spoiler  section  drag 

spoiler  section  drag  coefficient,  D/q.h 

spoiler  section  moment  about  base  of  spoiler 
spoiler  section  hinge-moment  coefficient,  H/ql^ 


MODELS  AND  TESTS 


Figure  1 illustrates  the  testing  techniques  which  have  been  used 
in  studying  this  problem.  Although  some  of  the  tests  were  initiated  as 
part  of  shock-— boundary-layer  Interaction  programs,  they  are  inherently 
suited  for  studying  the  loadings  ahead  of  spoilers.  On  each  of  the 
sketches  shown,  the  horizontal  lines  above  and  below  the  diagram  define 
the  location  of  the  tuimel  walls.  In  the  upper  left  sketch  of  the  figure, 
the  two-dimensional  step  technique,  used  both  at  the  David  Taylor  Model 
Basin  (ref.  l)  and  at  Princeton  University  (ref.  2),  is  shown.  Orifices 
ahead  of  and  on  the  front  face  of  the  spoiler  were  used  to  determine  the 
loadings . 

The  collar -on-a-tube  technique,  illustrated  in  the  top  middle  sketch 
of  figure  1,  was  employed  in  tests  in  a blowdown  jet  of  the  Langley  Gas 
Dynamics  Branch  (ref.  3)*  Here  again,  a single  row  of  orifices  was  used 
to  obtain  pressures  along  the  tube  and  on  the  front  face  of  the  collar. 
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a tvo-dimensional  airfoil  (as  shown  in  the  upper  right  sketch  of  fig.  l) 
in  which  spoilers  of  various  heights  were  mounted  at  three  chordwise  loca- 
tions on  the  airfoil  ijpper  surface.  A single  row  of  orifices  along  the 
surface  measured  the  pressures  both  ahead  of  and  behind  the  si>oiler. 


The  three  techniques  shown  so  far  have  been  used  primarily  to  study 
the  effect  of  spoilers  placed  normal  to  the  flow.  In  order  to  study  the 
loadings  caused  by  a spoiler  in  the  yawed  condition  such  as  would  be 
encountered  on  a swept-wing  spoiler  installation,  with  the  simplifying 
condition  of  uniform  flow  ahead  of  the  spoiler,  the  technique  shown  in 
the  lower  left  sketch  of  figure  1 was  used  in  the  langley  k-  by  4-foot 
supersonic  pressure  tunnel.  Spoilers  of  varying  height,  span,  and  deflec- 
tion angle  were  mounted  on  a turntable  in  a flat  boundary-layer  bypass 
plate.  The  turntable  was  instrumented  with  approximately  26o  orifices 
located  so  that,  as  the  turntable  was  rotated  to  obtain  various  sweep 
angles,  rows  of  orifices  were  always  so  alined  as  to  give  detailed  pres- 
sure distributions  in  the  streamwise  direction.  Pressures  were  obtained 
ahead  of  and  behind  the  spoilers  as  well  aa  on  the  front  and  rear  faces 
of  the  spoiler  itself. 


In  the  lower  right-hand  corner  of  figure  1 is  a plan  view  of  the 
three-dimensional  semispan-wing  model  which  was  tested  in  the  4-  by  4-foot 
supersonic  pressure  tunnel  with  various  spoiler  installations.  A typical 
location  for  a full-span  spoiler  is  shown,  in  addition  to  the  five  rows 
of  orifices  located  across  the  wing  span.  Some  of  the  variables  inves- 
tigated in  these  tests  were  spoiler  height,  span,  chordwise  location, 
and  sweep. 


DISCUSSION 
Uhswept  Spoilers 


In  figure  2 the  typical  loadings  caused  by  an  unswept  spoiler  in 
supersonic  flow  are  illustrated.  In  the  left  part  of  the  figure  the 
pressure  distributions  ahead  of  and  behind  three  spoilers  have  been  super- 
imposed. Two  of  the  spoilers  were  vertical  spoilers  of  different  heights 
and  the  third  was  a flap-type  spoiler  deflected  45°  "to  the  surface.  As 
has  been  previovisly  demonstrated  at  subsonic  speeds,  when  the  loadings 
are  plotted  as  a function  of  distance  from  the  top  of  the  spoiler  in  terms 
of  the  aCtTial  spoiler  height  above  the  surface,  the  loadings  are  nearly 
identical.  Further  Investigations  have  shown  that  this  remains  true  with 
reductions  in  spoiler  height  until  the  height  becomes  of  the  same  order 
of  magnitude  as  the  bo\xndary-layer  thickness. 


•**  since  it  was  found  that,  at  this  Mach  n\mber,  the  spoiler  caused  the 

flow  to  separate  approximately  5^  spoiler  heights  ahead  of  the  spoiler 

top,  a simple  approximation  to  the  loading  can  be  obtained,  as  shown, 
by  following  these  rules:  First,  drawing  a line  from  the  separation 

point  to  the  top  of  the  spoiler  determines  the  angle  through  which  the 
flow  miist  turn  and,  therefore,  the  average  pressure  in  the  forward  dead- 
air  region  can  be  calculated.  Fiurther,  from  examining  the  pressure  dis- 
tributions, it  appears  that  at  the  spoiler  top  the  flow  expands  through 
an  angle  approximately  three  times  the  value  of  the  sepaxation  angle 
just  determined.  By  calciilation  then,  it  is  possible  to  get  the  pres- 
sure immediately  downstream  of  the  spoiler.  It  would  ordinarily  be 
anticipated  that  this  pressure  would  remain  constant  until  the  flow 
impinged  on  the  s\arface  and  again  had  to  be  turned  to  realine  with  the 
stream.  Experience  has  shown,  however,  that  the  compression  takes  place 
in  a gradual  manner  and  is  approximately  completed  at  a point  downstream 
of  the  spoiler  the  same  distance  as  the  separation  occurred  upstream. 

A straight  line  connecting  the  last  computed  pressure  point  with  the 
proper  distance  along  the  axis  in  the  downstream  direction,  therefore, 
completed  the  approximation. 


On  the  right-hand  side  of  figure  2 are  shown  the  loadings  on  the 
front  and  rear  faces  of  the  three  spoilers  depicted.  The  vertlc^  spoilers 
exhibit  marked  pressure  increases  on  the  front  face  near  the  bottom  and 
top  of  the  spoiler  which  indicate  stagnation  of  the  local  flow  at  "these 
points.  The  spoiler  has  its  highest  pressure  at  about  80  percent  oi 
its  height,  followed  by  a rapid  expansion.  These  variations  are  cause 
by  the  circulatory  flow  in  the  dead-air  region  ahead  of  the  spoxler.  on 
the  rear  faces  of  the  spoilers,  there  appears  to  be  little  effect  oi 
spoiler  height  or  deflection  angle,  and  indications  of  any  cxrculatxon 
are  lacking.  At  the  present  time,  no  technique  has  been  obtained  for 
estimating  the  distribution  of  pressures  along  the  front  face  of  a spoiler; 
however,  the  uniform  pressure  on  the  rear  face  may  be  approximate  y 
using  the  pressure  obtained  just  after  the  expansion  of  the  main  flow 
at  the  spoiler  top. 

If  the  experimental  pressures  are  known  on  the  wing  svu:f ace  immedi- 
ately ahead  of  and  behind  the  spoiler,  a good  approximation  of  a^r- 

age  loads  on  the  spoiler  can  be  obtained  by  assuming  that  these  pressures 
appXy  unifoiTiily  ovbi*  1)116  ad.jaccn’t  spoiler  faces* 

Since,  in  the  discussion  of  the  technique  used  in  estimating  the 
loadings  caused  by  a spoiler,  it  was  necessary  to  ^ 

of  the  separated  region,  the  obvious  question  which  follows  is  how 
determine  this  distance.  In  figure  5 the  separation  distance  fr^ 
spoiler  in  terms  of  the  height  is  plotted  against  Mach  number. 
data  on  this  figure  were  determined  from  the  tests  discussed  in  g • 

The  two-dimensional  results  are  shown  as  symbols,  whereas  the  result 
the  only  available  three-dimensional  tests  are  shown  as  a shaded  area. 


• •• 
• • 


• • • • •••  • •••  #• 

• ••  •••  • ••  ••  •• 

^9  • • • • •••  •••  •• 

• •••  ••  ••R 

• ••  • • «r  • • 

es-fc  points  in  which  lJiier6*Va»*a.,;  ! t 


The  data  for  any  one  family  of  test 
Mach  nimiber  variation  indicate  a decresising  trend  with  Mach  n\miber. 
From  consideration  of  the  scatter  of  the  available  results,  it  appears 

that  the  assun5)tion  of  a constant  separation  distance  of  5^  spoiler 


heights  as  shown  by  the  dashed  line  would  be  satisfactory  for  estimating 
loadings  in  the  Mach  number  range  from  1.6  to  3»0* 


Effects  of  Sweep 

to  now,  only  \mswept  spoilers  have  been  discussed.  Figure  4 
illustrates  the  changes  in  upstream  influence  of  a spoiler  caused  by 
increasing  the  spoiler  sweep  from  0°  to  6o°.  In  considering  the  effects 
of  spoiler  sweep,  a new  phenomenon  is  involved:  The  flow  not  only  must 

be  deflected  by  a shock  from  the  surface  to  surmount  the  spoiler  height, 
but  a new  shock  is  necessary  to  turn  the  flow  along  the  surface  - thus 
allowing  the  flow  to  move  parallel  to  the  face  of  the  spoiler. 

It  can  be  seen  from  figure  4 that,  for  an  unswept  spoiler,  there  is 
relatively  little  effect  of  the  spoiler  tips  on  the  upstream  influence 
of  the  spoiler  within  its  spanwise  boundaries.  As  the  spoiler  is  swept, 
the  curve  of  initial  disturbance  assumes  the  position  of  a detached  shock 
about  the  upstream  tip  of  the  spoiler. 

This  interaction  is  illustrated  better  in  figure  5#  which  the 
effect  of  45°  sweep  on  the  pressure  distributions  in  streamwise  rows  at 
two  stations  a.l  ong  the  spoiler  span  is  shown.  The  upper  diagrams  show 
the  loadings  ahead  of,  behind,  and  on  the  spoiler  at  station  1;  whereas 
the  lower  agnaniR  show  the  same  variations  at  a station  considerably 
closer  to  the  spoiler  tip.  At  0°  sweep,  the  loadings  are  almost  identical 
at  the  two  stations  shown.  When  the  sweep  is  increased  to  45°,  the  com- 
pression ahead  of  the  spoiler  occurs  in  two  steps  and  is  separated  by 
an  expansion  region.  At  station  1,  the  change  in  sweep  from  0°  to  45° 
increases  considerably  the  upstream  influence  of  the  spoiler.  At  sta- 
tion 2,  nearer  the  tip,  the  initial  compression  occurs  much  closer  to 
the  spoiler  than  it  does  at  station  1;  however,  the  peak  of  the  expansion 
region  appears  to  be  about  the  same  distance  from  the  spoiler  at  both 
stations.  The  final  compression  ahead  of  the  spoiler  is  much  greater 
at  station  2 and  is  also  illixstrated  by  the  higher  pressure  along  the 
front  face  of  the  spoiler  at  this  station.  The  pressures  in  the  region 
downsti*eam  of  the  spoiler  are  generally  more  negative  at  station  2 for 
this  sweep  condition. 

Since  the  variation  in  loading  along  the  span  has  been  shown,  it 
follows  that  the  integrated  lift  and  pitching  moment  caused  by  the  spoiler 
will  also  vary  spanwise.  Because  of  the  limited  mmiber  of  stations  across 
the  span  and  the  relatively  low  spoiler  span-to-height  ratio  for  these 
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tests.  It  is  impossible  to  give  a complete  picture  of  the  spanwise  varia- 
tions of  lift  and  pitching  moment  caused  by  a swept  spoiler.  Indications 
are,  however,  that  when  a spoiler  having  a sweep  of  ^5°  or  greater  is 
used,  there  is  a strong  tendency  for  reversal  in  lift  and  reduction  in 
pitching  moment  within  approximately  10  spoiler  heights  of  the  upstream 
tip.  These  indications  have  been  borne  out  by  correlations  obtained 
between  data  from  these  tests  and  data  from  three-dimensional  tests  in 
the  Langley  l6-foot  transonic  tunnel  (ref.  5)  on  a 45°  swept-wing — spoiler 
combination  in  which  the  local  wind  velocities  ahead  of  the  spoiler  were 
supersonic. 


In  accordance  with  the  discussion  of  the  effects  of  spanwise  loca- 
tion on  the  changes  with  sweep,  figure  6 shows  the  variations  in  spoiler 
section  drag  and  flap-type  spoiler  section  hinge-moment  coefficients 
along  the  span  for  various  angles  of  sweep.  At  0°  sweep,  the  drag  and 
hinge  moments  are  constant  along  the  span  Insofar  as  was  Investigated. 

As  the  spoiler  is  swept  to  6o°,  the  drag  and  hinge  moment  first  fall  off 
on  the  downstream  portion  of  the  spoiler  and  then  fall  off  all  along  the 
span. 


CONCLUDING  REMARKS 


Considerable  information  of  a fundamental  nature  is  now  available 
on  the  status  of  research  on  loadings  caused  by  spoilers  at  supersonic 
speeds.  Estimations  can  be  made  very  simply  to  determine  the  loadings 
caused  by  unswept  spoilers  in  vinlform  flow  fields.  The  effects  of  sweep, 
thotJgh  understood  somewhat,  are  still  too  complex  to  permit  any  simple 
approximation  techniques  to  be  demonstrated.  It  is  anticipated  that 
further  analysis  of  the  available  information  should  clarify  this  problem; 
however,  detailed  loading  investigations  of  spoiler  Installations  on 
three-dimensional  lifting  wings  will  be  needed  for  a complete  solution 
to  the  problem. 
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S(MS  INTERFERENCE  EFIJxirg'TESCT  ^TFT.p^Cff  .V^Ty/gT-TgTX.*  • • 
LOADS  AT  SUPERSONIC  SPEEDS 


By  S.  Shennan  Edwards 
Ames  Aeronautical  Laboratory 


INTRODUCTION 


In  order  to  develop  loads  on  the  vertical  tail,  it  is  necessary  for 
the  airplane  to  be  at  an  angle  of  sideslip.  The  piorpose  of  the  vertical 
tail , of  course , is  to  limit  the  sideslip  angle  to  which  the  airplane  yaws 
and  to  balance  the  tail-off  yawing  moments  which  generally  are  unstable 
at  supersonic  speeds. 


The  yawing  motion  of  an  airplane  is  considered  in  figure  1.  It  might 
be  expected  that  the  load  on  the  vertical  tail  would  be  directly  propor- 
tional to  its  size.  In  reference  1 the  importance  of  examining  the  motions 
of  the  airplane  in  determining  vertical -tail  loads  was  discussed  and  the 
sideslip  angles  associated  with  deficiencies  in  directional  stability  were 
shown  to  lead  to  large  vertical-tail  loads.  For  example,  a large  tail  on 
the  airplane  (on  the  left  in  fig.  1)  may  provide  sufficient  directional 
stability  so  that  the  maximum  sideslip  eingle  to  which  the  airplane  yaws  in 
a given  maneuver  is  limited  to  a small  value.  If  the  vertical-tail  size 
were  reduced,  the  airplane  would  attain  much  larger  sideslip  angles  in  the 
same  maneuver  as  shown  on  the  right  in  figure  1 and  a larger  load,  there- 
fore, could  be  developed  on  the  smaller  tail.  The  directional  stability 
is  the  important  parameter  determining  the  sideslip  angles  which  will  occur 
in  maneuvering  conditions.  This  paper  will  consider,  therefore,  vertical- 
tail  loads  in  relationship  to  their  influence  upon  the  directional  stabil- 
ity of  several  supersonic  airplanes.  It  will  be  confined,  primarily,  to  a 
general  discussion  of  the  aerodynamic  interference  effects  which  have  been 
observed  to  be  contributing  to  deficiencies  in  vertical -tail  effectiveness 
with  increasing  angle  of  attack  and  increasing  supersonic  Mach  numbers. 


RESULTS  AND  DISCUSSION 


i of  the  directional  stability  (or  the  yawing  moment  due 
with  angle  of  attack  at  two  Mach  numbers  for  a swept- 

wing  airplane  is  presented  in  figure  2.  The  results  for  this  model  show  a 
substantial  decrease  in  directional  stability  with  angle  of  attack  and  also 
with  Mach  number.  In  fact,  a Mach  number  of  I.9  is  well  into  the  speed 
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ran^jin^jrl^clijdjja^r  ^jrec'^ior^l  ^veygence  exists.  The  vertical-tail 
contfibfitlcfti  i5  thef**aiffef-etic?^*h«twettf  tft«  data  for  the  tail -off  and  com- 
plete configurations . At  both  Mach  numbers  ^ the  decrease  in  the  yawing 
moment  due  to  sideslip  with  increasing  angle  of  attack  is  caused  by  a 
corresponding  decrease  in  vertical-tail  effectiveness.  The  magnitude  of 
the  unstable  yawing  moment  due  to  sideslip  shown  for  the  tail -off  configu- 
ration illustrates  why  an  efficient  vertical  tail  is  needed.  For  this  air- 
plane, the  decreased  effectiveness  of  the  vertical  tail  as  the  angle  of 
attack  increases  means  that  to  avoid  critical  tail  loads  accompanying 
directional  divergence,  the  size  of  the  surface  must  be  larger  than  that 
necessary  at  small  angles  of  attack. 


What  are  the  aerodynamic  conditions  that  combine  to  rob  the  vertical 
tail  on  this  model  of  its  effectiveness  as  a stabilizing  surface?  The 
effect  of  Mach  number  is  explained  adeq^uately  by  the  decreased  lift  effec- 
tiveness of  the  vertical  tail  with  increasing  Mach  number.  There  are,  how- 
ever, three  possible  explanations  of  the  angle -of -at tack  effect.  Sidewash 
effects  of  the  wing  may  be  unfavorable.  Examination  of  the  increment  in 

C between  the  results  for  the  body-tail  and  complete  comfigurations 
n|3 

indicates,  however,  that  the  addition  of  the  wing  seems  to  increase  rather 
than  decrease  the  vertical-tail  loading  at  a given  angle  of  sideslip.  The 
second  possibility  is  that  the  sweepback  of  the  vertical  tail  is  effec- 
tively increased  with  angle  of  attack  and  tends  to  reduce  the  effectiveness 
of  the  vertical  tail  because  it  is  known  that  the  lift-curve  slope  decreases 
with  increasing  sweepback.  The  magnitude  of  the  decrease  in  vertical-tail 
effectiveness  is  much  larger  than  can  be  traced  to  this  simple  explanation. 
The  third  possibility  is  indicated  by  a study  of  the  body-tail  results. 

Note  the  marked  decrease  in  the  vertical -tail  effectiveness  with  increasing 
angle  of  attack.  This  decrease  has  been  traced  to  an  induced  effect  of  the 
fuselage  in  the  lifting  condition. 


With  regard  to  the  third  possibility,  the  nature  of  the  induced  flow 
field  in  the  tail  region  of  this  model  is  shown  in  figirre  3 “the  fuse- 
lage alone  at  an  angle  of  sideslip  of  5^  and  two  angles  of  attack.  These 
photographs  were  obtained  by  means  of  the  vapor-screen  technique  in  the 
Ames  1-  by  5-foot  supersonic  tunnel  No.  1.  The  darkened  spots  on  the 
vapor  screen  near  the  tail  of  the  body  are  caused  by  regions  of  concen- 
trated vorticity  associated  with  the  fuselage  loading.  The  spinning  action 
of  the  vortices  forces  moisture  particles  outward  from  the  center  of  rota- 
tion. Innermost  areas  of  the  vortices,  therefore,  are  devoid  of  moisture 
particles  capable  of  reflecting  light  and  hence  these  vortex  regions  appear 
as  dark  spots  on  the  vapor  screen.  Note  that  in  figure  3 't.he  upper  vortex 
appears  to  be  in  the  plane  of  the  vertical  tail,  the  position  of  which  is 
shown  in  the  sketch  at  the  top  of  figure  2.  As  the  angle  of  attack  was 
increased  from  8^  to  l6^,  this  vortex  moved  upward  to  approximately  the 
top  of  the  vertical  tail. 


In  figure  k,  a similar  study  of  the  swept  wing  in  comhination  with 
the  fuselage  is  shown.  The  vantage  point  from  which  the  vapor  screen  is 
observed  in  this  case  is  located  inside  the  wind  tunnel  with  the  model 
upstream  of  this  point.  The  light  screen  is  projected  from  the  left  in 
these  pictures;  consequently,  a shadow  of  the  model  is  cast  to  the  right. 

In  addition  to  the  wing-tip  vortices  which  apx)ear,  body  vortex  regions 
in  the  vicinity  of  the  tail  locations  are  shown.  Again,  a strong  vortex 
appears  in  this  case  somewhat  to  the  right  of  the  plane  of  the  vertical 
tail.  As  the  angle  of  attack  is  increased,  this  vortex  seems  to  keep 
approximately  the  same  lateral  location  with  respect  to  the  position  of 
the  vertical  tail.  Forward  movement  of  the  vapor  screen  to  the  mid-point 
of  the  body  shows  that  at  this  point  one  of  the  two  body  vortices  is 
located  mder  the  left  wing;  the  other  is  above  the  wing.  The  marked 
asymmetry  in  the  body  vortex  flow,  therefore,  is  readily  apparent. 

The  manner  in  which  these  vortices  influence  the  vertical-tail  loading 
is  not  known  quantitatively.  Several  qualitative  statements  can  be  made, 
however,  regarding  these  vortices  and  their  relationship  to  the  vertical- 
tail  loads:  (l)  The  vertical  tail  in  sideslip  is  not  lifting  in  a uniform 

stream  and  both  chordwise  and  spanwise  variations  in  the  loading  caused  by 
localized  vorticity  should  be  expected.  (2)  The  marked  decrease  in 
vertical -tail  load  with  angle  of  attack  of  the  body-tail  combination 
appears  to  be  related  to  the  fact  that,  as  shown  in  figures  5 and  4,  the 
vortex  coming  frcan  the  right  side  of  the  fuselage  (looking  forward)  actu- 
ally intersects  the  vertical  tail  and  hence  has  maximum  influence.  The 
point  of  intersection  moved  almost  to  the  top  of  the  tail  at  the  mnylTmim 
angle  of  attack  so  that  the  induced  effects  would  be  expected  to  decrease 
at  larger  angles,  (j)  The  vertical  movement  of  this  vortex  (that  is,  the 
one  from  the  right  side  of  the  fuselage)  is  somewhat  restricted  by  the 
presence  of  the  wing;  it  seems,  also,  to  have  moved  away  from  the  verti- 
cal tail.  Consequently,  its  infliaence  is  diminished  and  the  complete  con- 
figuration has  slightly  more  directional  stability  throughout  the  angle- 
of -attack  rauage. 

The  effect  of  an  unswept  wing  upon  the  results  presented  in  figure  2 
is  shown  in  figure  5*  This  wing  had  the  same  span  and  aspect  ratio  as 
the  unswept  wing.  (See  fig.  2.)  The  vertical  tail  also  was  changed  to 
an  imswept  design;  however,  results  for  this  tail  when  tested  on  the 
original  swept-wing  model  showed  an  almost  identical  variation  of  the 
vertical -tail  effectiveness  with  angle  of  attack  and  with  Mach  number  as 
that  of  the  original  swept  tail.  The  effect  of  the  vortices  that  were 
observed  in  the  vapor -screen  tests  therefore  must  have  been  about  the 
same  for  the  two  tails  when  the  fact  that  the  height,  area,  eind  chord  at 
the  fuselage  jvmcture  was  kept  the  same  is  considered.  In  figure  5 the 
data  for  the  unswept-wing  model  show  that  the  directional  stability 
is  maintained  and  actually  increases  at  moderate  angles  of  attack.  The 
high  level  as  compstred  with  the  original,  airplane  is  caused  by  the  fact 
that  it  was  necessary  to  shift  the  center  of  gravity  forward  slightly 


to  accoinraodate  the  more  forward  position  of  the  unswept -wing  center  of 
pressure . For  both  configurations , the  same  static  margin  at  a Mach  num- 
ber of  1.5  was  maintained.  It  was  estimated  that  the  effect  of  the 
straight  wing  was  negligible  on  the  tail -off  results  shown  in  figure  2; 
therefore  y it  was  concluded  that  the  maintenance  of  directional  stability 
with  angle  of  attack  was  caused  almost  entirely  by  an  increase  in  the 
vertical-tail  effectiveness  at  high  angles  of  attack. 


Again,  vapor-screen  tests  provided  an  explanation  for  the  results. 

The  vortex  coming  from  the  right  side  of  the  fuselage  looking  foivard  (see 
fig.  4)  was  pronouncedly  influenced  by  the  unswept  wing.  In  the  presence 
of  this  wing,  this  vortex  was  much  more  diffuse  in  nature,  tended  to  cling 
closer  to  the  fuselage,  and  was  even  farther  away  from  the  vertical  tail 
than  the  position  shown  in  figure  4.  The  increased  effectiveness  of  the 
vertical  tail  on  this  airplane  at  large  angles  of  attack,  therefore,  is 
attributed  to  a reduction  in  the  influence  of  the  fuselage  vortices. 


A different  type  of  interference  effect  upon  vertical-tail  effective- 
ness has  been  observed  for  configurations  similar  to  that  shown  in  fig- 
ure 6.  The  increment  in  the  parameter  between  the  tail-off  and 

complete -model  results  shows  again  in  this  case  a decrease  in  the  vertical- 
tail  contribution  to  the  directional  stability  with  increasing  angle  of 
attack  and  increasing  Mach  number.  Although  the  possibility  of  vortices 
associated  with  the  lift  of  the  fuselage  forward  of  the  wing  is  not  dis- 
counted in  this  case,  it  is  believed  that  the  major  factor  contributing 
to  this  result  is  the  unusually  far  forward  location  of  the  vertical  tail. 
More  specifically,  as  the  angle  of  attack  of  this  model  is  increased,  the 
stream  following  the  wing-leading-edge  shock  wave  expands  to  higher  than 
free -stream  Mach  mombers  across  the  top  of  the  wing.  The  vertical  tail  on 
this  model  is  in  this  higher  Mach  number  region.  The  reduction  in  the 
load  on  the  vertical  tail  caused  by  the  decreased  dynamic  pressure  asso- 
ciated with  this  expansion  reduces  the  directional  stability  of  the  air- 
plane as  the  angle  of  attack  increases. 


Most  of  the  vertical  tail  of  the  swept-wing  model  previously  dis- 
cussed is  downstream  of  the  flow  region  influenced  by  expanding  flow  above 
the  wing  at  Mach  numbers  lower  than  1-9)  therefore,  a similar  type  of 
interference  effect  was  not  mentioned  as  a major  contributing  factor  to 
the  vertical-tail  loads.  At  higher  speeds,  of  course,  this  effect  would 
become  of  increasing  Importance  for  that  configuration. 


Another  interference  effect  differing  from  those  previously  discussed 
was  observed  for  the  model  shown  in  figure  7 • Notice  that  the  increment 
in  between  the  tail -off  results  and  the  curve  for  the  complete  model 

P 

shows  a nonlinear  variation  of  the  tail  contribution  to  the  directional 
stability  with  Mach  number.  This  nonlinearity  disappeared  when  the  nacelles 
were  removed  or  when  the  outboard  nacelles  were  placed  on  pylons  below  the 


wing.  Expansion  waves  from  the  nacelles  Impinge  upon  the  vertical  tail  in 
this  arrangement  and  cause  both  chordwise  and  spanwise  vaxiations  in  the 
loading  on  the  vertical  tail  and  a general  decrease  in  its  effectiveness. 
The  nonlinear  increase  in  effectiveness  with  Mach  number  is  caused  by  the 
reanjard  movement  of  pressure  waves  from  the  nacelles  along  the  vertical 
tail.  This  effect  causes  the  directional  stability  of  the  complete  model 
to  approach  the  nacelles -off  results  at  a Mach  number  of  1.9.  An  important 
consideration  for  an  airplane  having  nacelles  in  this  position  from  the 
standpoint  of  vertical -tail  design  would  be  the  sudden  loss  of  thrust  in 
one  of  the  outboard  engines.  This  condition  coiild  result  in  large  differ- 
ences in  the  pressure  waves  impinging  on  the  two  sides  of  the  vertical  tall 
and  could  cause  large  sideslip  angles  and  large  loads  on  the  tail. 


SIMMARY  OF  RESULTS 


In  summary,  it  is  pointed  out  that  a deficiency  in  directional  sta- 
bility permits  the  airplane  to  develop  large  angles  of  sideslip  and  hence 
large  vertical -tail  loads.  The  tail-off  yawing  moments  for  each  of  the 
models  considered  were  markedly  unstable.  The  vertical  tail  on  the  swept- 
wing  model  provided  adequate  directional  stability  at  low  angles  of  attack; 
however,  vorticity  associated  with  the  lift  of  the  fuselage  decreased  the 
vertical-tail  effectiveness  as  the  angle  of  attack  Increased.  When  the 
wing  on  this  model  was  changed  to  an  unswept  design,  the  effectiveness  of 
the  vertical  tail  was  maintained  with  increasing  angle  of  attack.  This 
result  was  believed  to  be  caused  by  the  fact  that  the  unswept  wing  altered 
the  position  of  vortices  originating  from  the  fuselage  ahead  of  the  wing 
and  caused  a decrease  in  the  adverse  sidewash  at  the  vertical  tail. 

For  the  triangular -wing  model,  a decrease  in  vertical -tail  effective- 
ness with  angle  of  attack  also  occurred;  this  decrease  was  caused  by  the 
location  of  the  tail  in  a region  of  reduced  dynamic  pressure  associated 
with  expansion  of  the  flow  over  the  wing.  For  both  airplanes,  large  ver- 
tical tails  are  necessary  to  avoid  directional  divergence  euid  hence  exces- 
sive tail  loads. 

An  interference  effect  of  a different  nature  influenced  the  vertical- 
tail  loads  on  the  model  with  nacelles  located  on  the  wing.  In  this  case, 
pressure  waves  from  the  nacelles  impinged  on  the  vertical  tail.  At  mod- 
erate sui)ersonic  Mach  numbers,  these  waves  influenced  the  vertical -tail 
loads  in  sideslip  and  caused  a nonlinear  variation  of  the  directional 
stability  with  Mach  number. 
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VERTICAL- TAIL  LOADS  IN  SIDESLIP 
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Figure  1 


VERTICAL-TAIL  EFFECTIVENESS  FOR  A 
SWEPT-WING  AIRPLANE 


M = l.2  M*l.9 


Figure  2 
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VAPOR -SCREEN  PHOTOGRAPHS  OF  FUSELAGE 
VORTICES  IN  THE  TAIL  REGION 


a = 8“,  j3  = 5“,  M = 1.9 


a = 16 


^=5°,  M=l.9 

Figure  5 
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EFFECT  OF  THE  WING  ON  FUSELAGE  VORTICES 
VIEWED  DIRECTLY  UPSTREAM 


a =12°,  )0  = 5°,  M = l.9 

VAPOR  SCREEN  FORWARD  TO  MIDPOINT  OF  BODY 

Figure  4 

EFFECT  OF  NACELLES  ON  VERTICAL-TAIL 
EFFECTIVENESS 
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A DISCUSSION  OF  RECENT  WIND-TUNNEL  STUDIES  RELATING 
TO  THE  PROBLEM  OF  ESTIMATING  VERTICAL-  AND 
HORIZONTAL-TAIL  LOADS 

By  Richard  E.  Kuhn,  Joseph  M.  Hallissy,  Jr., 
and  Ralph  W.  Stone,  Jr. 

Langley  Aeronautical  Laboratory 


SUMMARY 


Some  of  the  effects  of  angle  of  attack,  sideslip,  Mach  number,  and 
airplane  configuration  on  the  vertical -tail  loads  and,  to  a lesser  extent, 
horizontal -tail  loads  have  been  discussed.  In  addition,  the  division  of 
load  between  the  exposed  vertical  tail  and  the  fuselage  has  saso  been  con- 
sidered. It  has  been  shown  that  at  low  angles  of  attack,  in  both  the  sub- 
sonic and  supersonic  speed  ranges,  adequate  predictions  of  the  vertical- 


tail  loads  can  be  made.  At  angles  of  attack  at  which  the  flow  begins  to 
separate  from  the  wing  and  fuselage,  however,  large  rolled-up  vortices 
appear  in  the  flow  in  the  region  of  the  tail  assembly  and  large  changes 
in  both  vertical-  and  horizontal -tail  loads  result. 


It  has  been  shown  that  the  effects  of  these  vortices  on  the  tail 
loads  can  be  calculated  if  the  strength  and  position  of  all  vortices  are 
known.  For  practical  configurations  with  their  complex  fuselage  shapes, 
however,  it  appears  that,  at  present,  some  type  of  flow-visualization 
studies  to  indicate  the  vortex  positions  and  some  indication  of  the  loads 
on  the  fuselage  to  estimate  the  vortex  strength  are  necessary  in  order  to 
estimate  the  tail  loads. 


INTRODUCTION 


When  an  airplane  is  disturbed  from  equilibrium  (as  discussed  in 
refs.  1 and  2),  loads  are  developed  on  the  tail  surfaces  of  the  airplane 
and  usToally  act  to  oppose  the  motion  of  the  airplane,  tliat  is,  tend  to 
bring  the  airplane  back  into  eqioilibrium.  The  designer  is  interested  in 
estimating  these  loads  throughout  the  attitude  range  expected  for  the 
airplane  in  connection  with  both  the  stability  of  the  configuration  and 
the  structural  design  of  the  tail  surfaces  themselves. 

The  present  paper  examines  some  recent  wind-tunnel  data  on  loads  on 
vertical  and  horizontal  tall  surfaces  of  complete  configurations  in  order 


KUHN,  HALLISSY 
&.  Si'ONH 


to  point  out  some  of  the  factors  influencing  the  loads  at  high  angles  of 
attack.  The  data  and  discussion  presented  are  limited,  to  sideslip  angles 
of  the  order  of  4°  or  5°. 


SYMBOLS 

Cjj  normal-force  coefficient^  N^qSy 

■p 

C-n  bending -moment  coefficient.  

® S,  h, 

q -ii 
2 2 

N vertical-tail  normal  force,  lb 

B root  bending  moment  of  horizontal -tail  semispan,  ft -lb 

q dynamic  pressure,  pV^/2,  Ib^sq  ft 

p mass  density,  slugs /cu  ft 

V free-stream  velocity,  ft /sec 

M Mach  number 

area  of  exposed  vertical  tail,  sq  ft 

area  of  horizontal  tail,  sq  ft 
b^  span  of  exposed  vertical  tail,  ft 

b^  span  of  horizontal  tail,  ft 

z distance  from  fuselage— vertical -tail  juncture  to  center  of 

load  on  exposed  vertical  tail,  ft 

L lift  on  wing;  or  lift  on  fuselage  alone,  lb 

I effective  span  of  wing;  or  effective  diameter  of  fuselage,  ft 

r circulation,  sq  ft/sec 

c^  local  section  lift  coefficient 

c local  chord 

average  chord 


RESULTS  AND  DISCUSSION 


Vertical -Tail  Loads  at  Low  Angles  of  Attack 


Procediires  and  data  that  can  be  used  in  estimating  the  loads  on  most 
tail  configurations  at  both  subsonic  and  supersonic  speeds  and  at  low 
angles  of  attack  are  available  in  the  literature.  References  5 to  1J>, 
for  instance,  present  studies  relating  specifically  to  tail  assemblies, 
and  references  such  as  Ik  and  I5,  which  relate  to  the  lift-curve  slope  of 
lifting  surfaces,  can  also  be  used  provided  the  end-plate  effect  of  the 
fuselage  is  properly  accoimted  for.  A comparison  between  the  experimental 
and  calculated  vertical-tall  normal -force  coefficient  at  low  angles  of 
attack  is  presented  in  figure  1.  The  data  presented  were  obtained  by 
subtracting  the  measured  side  force  on  the  model  with  the  vertical  tail 
removed  from  the  measured  side  force  on  the  complete  model.  Thus  the 
results  shown  represent  the  total  tail  load  which  included  both  the  nor- 
mal force  carried  on  the  vertical  tail  and  the  additional  increment  of 
normal  force  that  the  vertical  tail  induced  on  the  fuselage.  The  data 
were  obtained  from  tests  of  the  models  at  sideslip  angles  of  the  order 
of  k°. 

In  the  supersonic  speed  range,  the  calculated  variation,  from  refer- 
ence 11,  is  in  very  good  agreement  with  the  experimental  data  which  were 
obtained  from  an  unpublished  investigation.  A rather  complete  discussion 
of  the  procedures  for  calculating  the  forces  on  the  tail  assembly  of  a 
complete  configuration  at  supersonic  speeds  is  included  in  reference  16. 

References  Ik  and  I7  were  used  for  the  calculations  in  the  subsonic 
speed  range.  In  making  these  csilculatlons , the  effective  aspect  ratio  of 
the  vertical  tail  was  increased  by  the  empirical  relationship  presented 
in  reference  I7  to  accoimt  for  the  end-plate  effect  of  the  fuselage.  The 
end-plate  effect  of  the  fioselage  can  also  be  treated  by  procedures  such 
as  those  outlined  in  references  I8  to  21.  The  experimental  data  shown  at 
subsonic  Mach  numbers  were  obtained  from  reference  22.  It  should  be 
remembered  that  the  coefficients  presented  in  the  present  paper  are  based 
on  the  exposed  area  of  the  vertical  tall  rather  than  on  the  area  extended 
to  the  fuselage  center  line  as  is  losed  in  many  of  the  references. 


Vertical -Tail  Loads  at  High  Angles  of  Attack 

Experience  has  indicated  that  the  methods  of  calculation  used  at  low 
angles  of  attack  do  not  hold  throughout  the  angle -of -attack  range  because, 
at  high  angles  of  attack,  the  vertical  tail  is  operating  in  the  disturbed 
flow  field  from  the  wing  and  fuselage.  Any  attempt  to  calculate  the  tail 
loads  at  high  angles  of  attack  should  be  based  on  an  understanding  of  the 
flow  at  the  tail. 


Flow  field  at  tail.-  At  subsonic  speeds,  an  idea  of  the  nature  of 
the  flow  at  the  location  of  the  vertical  tail  can  be  obtained  by  means 
of  the  tuft-grid  technique  as  discussed  in  references  25  and  2h*  The 
setup  used  in  obtaining  tuft-grid  pictiires  is  illustrated  in  figure  2. 

The  tail  surfaces  are  removed  from  the  model  and  replaced  by  wires  to 
indicate  the  location  of  the  vertical  tail  and  three  possible  horizontal- 
tail  locations.  The  tuft  grid  is  mounted  immediately  behind  the  model  and 
is  made  of  closely  spaced  vertical  and  horizontal  wires  with  a tuft  tied 
at  each  intersection.  The  camera  views  the  tufts  from  a point  on  the  axis 
of  the  tiinnel  far  downstream  of  the  model.  If  the  flow  is  disturbed,  as 
by  a vortex  trailing  from  a wing  tip,  the  tufts  will  follow  the  local  flow 
direction  and  a projection  of  the  tuft  will  be  seen.  The  orientation  of 
the  tuft  will  give  an  indication  of  the  local  sidewash  and  downwash. 

A tuft-grid  picture  of  the  flow  behind  a model  at  an  angle  of  attack 
of  10^  and  a sideslip  angle  of  25^  is  shown  in  figure  5-  The  model  was 
painted  black  so  as  to  make  the  tufts  easier  to  see , and  as  a result  the 
model  itself  is  rather  indistinct.  The  heavy  white  lines  are  the  wires 
which  indicate  the  location  of  the  vertical  tail  and  three  possible 
horizontal -tail  locations.  The  picture  shows  the  system  of  vortices  from 
the  wing  and  fuselage.  The  fuselage  vortex  was  found  to  originate  at  the 
nose  of  the  fuselage . 

In  this  case,  a high  sideslip  angle  was  chosen  so  as  to  make  the 
fuselage  vortex  more  distinct.  At  smaller  sideslip  angles,  the  vortex 
would  be  less  intense  but  would  also  be  much  closer  to  the  vertical  tail. 
Fuselage  vortices  have  also  been  shown  to  exist  at  supersonic  speeds,  as 
shown  in  references  25  to  27.  For  these  investigations  the  vapor-screen 
technique  was  used  to  obtain  a picture  of  the  flow. 

The  presence  of  these  vortices  at  both  subsonic  and  supersonic  speeds 
is  not  surprising  because  their  strength  depends  on  the  crossflow  velocity 
(component  of  velocity  perpendicular  to  the  fuselage  axis),  and  as  long  as 
the  crossflow  Mach  number  remains  subcritical  the  strength  of  the  vortices 
and  their  position  would  be  expected  to  be  relatively  independent  of  Mach 
number  effects. 

The  effect  that  a single  vortex  can  have  on  the  distribution  of  load 
on  the  vertical  tail  is  illustrated  in  figure  4.  Above  the  vortex,  the 
sidewash  from  the  vortex  increases  the  local  angles  of  attack  on  the  ver- 
tical tail  and  thus  increases  the  load.  Below  the  vortex,  the  reverse  is 
true,  and  the  load  is  decreased. 

Method  of  calculation.-  Any  procedure  for  estimating  the  effects  that 

the  vortices  from  the  wing  and  fuselage  have  on  the  vertical -tail  loads  at 
high  angles  of  attack  should  take  into  account  the  effects  of  all  the  vor- 
tices trailing  from  the  wing  and  fuselage.  It  is  necessary  to  know  both 
the  position  and  strength  of  each  vortex. 
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The  system  lased  in  this  paper  (fig.  5)^  although  somewhat  arbitrary, 
was  deduced  from  inspection  of  t\oft-grid  and  vapor-screen  pictures  and  was 
selected  from  among  the  arrangements  tried  because  it  appeared  to  give 
reasonable  agreement  with  exi)eriment.  It  is  presented  here  as  an  example 
of  the  type  of  vortex  system  which  exists  behind  some  configurations;  how- 
ever, it  may  not  hold  for  all  conf igxaratlons . 


A vortex  from  each  wing  was  assumed  to  trail  streaipwise  from  the 
quarter-chord  line  of  the  wing.  For  the  calculations  in  this  paj)er,  their 
lateral  positions  were  judged  by  inspecting  measured  span  load  distribu- 
tions on  a wing  of  similar  plan  form.  If  vapor-screen  or  tuft-grid  pic- 
tures of  the  flow  behind  the  configuration  in  question  are  available,  it 
would,  of  course,  be  preferable  to  use  the  positions  indicated  in  these 
pictures.  For  the  case  of  the  wing  vortices,  tuft-grid  or  vapor-screen 
pictures  at  the  Mach  number  in  question  will  probably  be  necessary  to 
locate  accurately  the  vortices  because  the  steill  pattern  on  the  wing  and 
thus  the  positions  of  the  vortices  usmlly  changes  appreciably  with  Mach 
number.  The  strength  of  the  vortices  was  determined  from  the  vortex-lift 
equation 


L = pYTl 


where  F is  the  vortex  strength  and  I is  the  effective  span  of  the  wing 
over  which  the  lift  is  assumed  to  be  acting. 

Two  vortices  were  assumed  to  be  shed  by  the  fuselage  and  to  be  posi- 
tioned as  shown  in  figure  5-  They  were  assumed  to  trail  streamwise  from 
the  nose  to  the  point  of  maximum  fimelage  cross-sectional  area,  from  which 
point  they  were  ceirried  back  parallel  to  the  axis  of  the  fuselage.  This 
positioning  was  purely  arbitrary  but  is  seen  to  give  reasonable  agreement 
between  calculated  and  measured  vertical -tall  loads  for  the  configvirations 
investigated.  The  radial  positions  of  the  vortices  were  determined  by  the 
orientation  of  the  crossflow  velocity,  which  is  a function  of  both  angle 
of  attack  and  angle  of  sideslip,  as  shown  in  figiore  5-  The  strength  of 
the  fuselage  vortices  was  also  determined  on  the  basis  of  the  above  vortex- 
lift  equation  where,  in  this  case,  L is  the  combined  components  of  the 
fijselage -alone  lift  and  side  force  in  the  crossflow  direction  and  the 
distance  factor  I was  assumed  to  be  the  fuselage  diameter. 

For  this  pai>er,  measirred  wing  lift  and  measured  lift  and  side-force 
data  on  the  fuselage  alone  were  used  in  computing  the  vortex  strengths. 
Other  papers  which  relate  to  the  position  and  strength  of  vortices 
trailing  from  wing  and  fuselage  shapes  are  listed  as  references  25  to  3^. 

Comparison  of  calculated  and  experimental  total  tail  loads.-  A com- 
parison of  the  vertical-tail  loads  calculated  by  this  procedure  with 
measured  loads  for  a high -wing  and  a low -wing  model  is  shown  in  figure  6. 


The  data  presented  represent  total  tail  loads  as  obtained  from  the  differ- 
ence between  tail-on  and  tail-off  tests.  The  agreement  between  the  calcu- 
lated and  measured  data  indicates  that  these  variations  of  total  vertical- 
tail  load  apparently  do  result  from  a system  of  vortices  similar  to  that 
assumed,  although  the  strength  and/or  position  of  the  vortices  assumed  for 
the  high -wing  configiiration  apparently  were  not  exactly  correct. 

For  these. calculations,  the  effect  of  the  vertical  position  of  the 
wing  on  the  sidewash  at  the  vertical  tail  was  accounted  for  by  the  proce- 
dure of  reference  55.  References  56  to  58  also  give  information  relative 
to  the  effect  of  wing  position  on  the  sidewash  at  the  vertical  tail  and 
thus  on  the  tail  loads. 

As  might  be  expected,  the  fuselage  vortices  were  found  to  have  the 
greatest  effect  on  the  vertical-tail  loads.  It  would  be  expected,  then, 
that  the  shape  of  the  fuselage  could  also  have  a significant  effect  on 
the  sidewash  at  the  tail  and  thus  on  the  tail  loads. 

The  effect  of  fuselage  shape  on  the  vertical -tail  loads  is  illustrated 
in  figure  7.  These  data  also  represent  the  total  tail  load  as  obtained 
from  the  difference  between  tail-on  and  tail-off  tests.  Note  the  extreme 
variation  of  tail  load  for  the  square -fuselage  configuration.  This  extreme 
variation  is  probably  due  to  an  appreciable  increase  in  the  strength  of 
the  vortices  shed  from  the  fuselage  resulting  from  the  square  corners  of 
the  fuselage.  The  corners  in  this  case  were  not  sharp  but  had  a radius 
of  about  10  percent  of  the  fuselage  width.  Lift  data  on  the  square  fuse- 
lage alone  were  not  available  to  use  in  estimating  the  strength  of  the 
fuselage  vortices.  It  was  necessary  then  to  estimate  the  lift  of  the 
square  fuselage,  and  this  was  done  by  increasing  the  viscous  lift  of  the 
round  fuselage  by  the  ratio  of  the  drag  of  a square  rod  to  that  of  a round 
rod  perpendicular  to  the  wind.  The  positions  of  the  vortices  were  assumed 
to  be  the  same  as  those  for  the  round  fiiselage. 

The  designer  seldom  has  such  simple  fuselage  shapes  to  deal  with, 
however.  A practical  fuselage  usually  provides  space  and  protuberances 
for  such  things  as  air  intakes  for  the  engines,  radar  domes,  and  the 
canopy  for  the  pilot.  The  variation  of  total  tail  load  with  angle  of 
attack  for  such  a complex  fuselage  shape  is  also  shown  in  figure  7 - 
Fuselage -alone  data  were  available  for  this  configuration,  but  apparently 
there  are  other  factors  affecting  the  strength  and/or  position  of  the  vor- 
tices at  the  intemediate  angles  of  attack  that  were  not  considered. 

The  low  value  of  vertical -tail  load  per  degree  of  sideslip  at  high 
angles  of  attack,  of  coiirse,  does  not  necessarily  indicate  low  overall 
tail  loads  because  this  low  level  also  indicates  that  the  configuration 
would  have  poor  directional  stability  and  under  these  conditions  large 
sideslip  angles  might  be  expected.  As  a result,  the  tail  loads  at  the 
high  angles  of  attack  may  be  more  critical  than  at  the  lower  angles  of 
attack . 


Division  of  load.-  The  data  presented  in  figures  1,  6,  and  7 repre- 
sent the  total  vertical-tail  load  as  determined  from  the  difference  between 
ted.l-on  and  tail -off  tests  and  include  both  the  load  on  the  exposed  part 
of  the  vertical  tail  and  the  load  that  the  tail  induces  on  the  fuselage. 
These  data  are  primarily  of  interest  in  connection  with  the  stability  of 
the  airplane.  For  structural  design  the  designer  also  would  like  to  know 
the  division  of  load  between  the  fuselage  and  the  exposed  vertical  tail. 
Recently  two  models  have  been  instrumented  with  strain-gage  balances  in 
order  to  obtain  some  information  on  the  breakdown  in  load  between  the 
exposed  tail  and  the  fuselage.  One  of  these  models  is  shown  in  figure  8. 
The  strain-gage  balance  installed  in  the  fuselage  measiared  the  load  on  the 
exposed  part  of  the  tail  and  the  root  bending  moment  about  the  dotted  line . 
The  model  could  be  equipped  with  two  alternate  horizontal -tail  configura- 
tions, one  on  the  fuselage  center  line  and  one  on  top  of  the  vertical  tail 
in  a T-configuration. 

The  division  of  load  between  the  exposed  tail  and  the  fuselage  for 
this  model  with  the  horizontal  tail  in  the  low  position  is  shown  in  fig- 
ijre  9-  The  effect  of  relocating  the  horizontal  tall  from  the  low  to  the 
high  position  is  shown  in  figure  10,  and  the  effective  position  of  the 
center  of  pressiire  of  the  load  on  the  exposed  vertical  tail  is  presented 
in  figure  11.  This  is  referred  to  as  an  effective  position  of  the  center 
of  pressure  because  it  was  obtained  by  dlA/lding  the  measured  root  bending 
moment  by  the  meastired  normal  force,  and,  in  the  case  of  the  high- 
horizontal -tail  configuration,  the  measured  root  bending  moment  of  the 
vertlceil  tail  included  the  rolling-moment  couple  that  the  horizontal  tail 
imposes  on  the  vertical  tail.  These  data  (figs.  S,  10,  and  11)  were 
obtained  from  tests  at  sideslip  angles  of  t4°. 

The  calculated  division  of  load  between  the  exposed  tail  and  the 
fuselage  was  obtained  by  calculating  the  span  load  distribution  over  the 
vertical  tall  by  the  procedure  of  reference  6 and  integrating  the  loading 
over  the  appropriate  part  of  the  tail  span.  Contrary  to  the  method  of  ref- 
erence 6,  wherein  the  entire  fuselage  load  is  estimated,  the  present  pai>er 
deals  only  with  the  load  Induced  on  the  fuselage  by  the  vertical  tail. 

The  calculations  were  made,  therefore,  by  assuming  that  the  vertical  tail 
was  at  an  angle  of  incidence  equal  to  the  angle  of  sideslip  and  that  the 
fuselage  was  at  zero  sideslip. 


At  the  higher  angles  of  attack  the  local  angle-of -attack  distribution 
over  the  vertical  tail  was  modified  by  the  si  dewash  from  the  system  of 
vortices  assumed  (fig.  5)  and  the  calculated  load  distribution  was  modified 
by  a strip-theory  analysis.  The  resiilting  modified  load  distribution  (sim- 
ilar to  fig.  4)  was  then  Integrated  again  over  the  appropriate  percentsige 
of  tail  span  to  obtain  the  division  of  load  (fig.  9)*  The  calculated 
center-of -pressure  travel  was  also  obtained  from  these  calculations 
(fig.  11).  Again  the  agreement  is  good,  and  in  particular  the  calculated 
center-of -pres sure  variation  indicates  that  the  assumed  vortex  positions 
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Placing  the  horizontal  tail  atop  the  vertical  tail  (fig.  10)  effec- 
tively increases  the  aspect  ratio  of  the  vertical  tail  and  thus  increases 
the  load  on  the  vertical  tail.  The  estimated  increment  of  vertical -tail 
load  shown  was  obtained  from  reference  39  'W'as  added  to  the  angle -of - 
attack  variation  throughout  the  angle -of -attack  range.  Additional  informa- 
tion on  the  effect  of  the  horizontal  tail,  in  any  position,  on  the  vertical- 
tail  loads  can  be  found  in  references  3^  6 to  9^  snd  40. 

The  effect  of  Mach  number  in  the  transonic  range  on  the  division  of 
load  is  illustrated  in  figure  12.  The  instrumentation  of  this  model  was 
similar  to  that  for  the  model  shown  in  figure  8.  In  general,  the  effects 
of  Mach  number  are  small,  with  the  exception  of  the  data  for  an  angle  of 
attack  of  13^.  References  ik  and  I7  were  used  in  making  the  calculations 
shown.  In  making  these  calculations  the  effective  aspect  ratio  of  the 
vertical  tail  was  increased  (ref.  I7)  to  account  for  the  end-plate  effect 
of  the  fuselage. 


Horizontal -Tail  Loads 

Examination  of  tuft-grid  pictures,  such  as  figure  3^  indicates  that 
the  horizontal  tail  can  also  be  significantly  affected  by  the  system  of 
vortices  trailing  from  the  wing  and  fuselage.  In  figure  3^  "the  fuselage 
vortex  is  in  a position  to  have  serious  effects  on  the  load  on  a horizon- 
tal tail  placed  in  the  middle  position.  At  higher  angles  of  attack,  the 
wing  vortices  can  also  have  serious  effects,  because  as  the  angle  of 
attack  is  increased  the  wing  tips  begin  to  stall,  and  as  the  stall  pro- 
gresses the  trailing  vortices  from  the  wing  move  in  and  approach  the  tail. 
If,  in  addition,  the  airplane  is  at  an  angle  of  sideslip,  one  tip  of  the 
tail  moves  toward  the  vortex.  The  effect  that  a single  vortex  can  have 
on  the  load  distribution  on  the  horizontal  tail  is  illustrated  by  the 
calculated  load  distributions  in  figure  13.  The  vortex  has  the  greatest 
effect  on  the  load  distribution  when  it  has  moved  inboard  from  the  tip 
of  the  horizontal  tail.  Inboard  of  the  vortex,  the  local  angles  of 
attack  are  decreased  and  the  load  is  reduced.  Outboard  of  the  vortex 
the  local  angles  and  the  load  are  increased. 

Similar  effects  are  shown  in  the  experimental  load  distributions  and 
root  bending -moment  coefficients  shown  in  figure  l4.  The  measured  load 
distributions  were  obtained  with  the  horizontal  tail  set  at  zero  inci- 
dence. Note  the  rapid  increase  in  the  difference  between  the  root  bending- 
moment  coefficient  of  the  right  and  left  semispans  of  the  horizontal  tail 
at  the  highest  angles  of  attack  (M  = 0.8).  This  trend  is  apparently  due 
to  the  effects  of  the  trailing  vortex  from  the  right  wing  as  shown  by  the 
measured  span  load  distribution. 

At  a Mach  number  of  O.98  these  large  changes  in  load  are  apparently 
not  present  in  the  angle -of -attack  range  tested,  because  at  this  Mach 
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nvmber  the  stall  pattern  of  the  wing  has  changed  and  the  trailing  vor- 
tices from  the  wing  have  not  moved  in.  References  51,  32,  kl,  and  42 
also  deal  with  the  problem  of  asymmetric  loads  on  the  horizontal  tail  or 
the  effects  of  trailing  vortices.  There  are  other  factors,  such  as  the 
fuselage  vortices  and  the  load  that  the  vertical  tail  induces  on  the  hori- 
zontal tail,  that  are  affecting  the  measured  load  distribution  shown  in 
figure  14.  These  factors  were  not  considered  in  the  calculated  load  dis- 
tributions shown  in  figure  I3. 


CONCLUDING  REMARKS 


Some  of  the  effects  of  angle  of  attack,  sideslip,  Mach  nmber,  and 
s-irplS’iiG  configuration  on  the  vertical-tail  loads  and,  to  a lesser  extent, 
horizontal -tail  loads  have  been  discussed.  In  addition,  the  division  of 
load  between  the  exposed  vertical  tail  and  the  fuselage  has  also  been  con- 
sidered. It  has  been  shown  that  at  low  angles  of  attack,  in  both  the  sub- 
sonic and  supersonic  speed  ranges,  adequate  predictions  of  the  vertical- 
tail  loads  can  be  made.  At  angles  of  attack  at  which  the  flow  begins  to 
separate  from  the  wing  and  fuseleige,  however,  large  rolled-up  vortices 
appear  in  the  flow  in  the  region  of  the  tail  assembly  and  large  changes 
in  both  vertical-  and  horizontal -tail  loads  result. 

It  has  been  shown  that  the  effects  of  these  vortices  on  the  tail 
loads  can  be  calculated  if  the  strength  and  position  of  l vortices  are 
known.  For  practical  configurations  with  their  complex  fuselage  shapes, 
however,  it  appears  that,  at  present,  some  type  of  flow -visualization 
studies  to  indicate  the  vortex  positions  and  some  indication  of  the  loads 
on  the  fuselage  to  estimate  the  vortex  strength  are  necessary  in  order  to 
estimate  the  tail  loads. 
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EFFECT  OF  FUSELAGE  VORTEX  ON  VERTICAL- TAIL 
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VORTEX  SYSTEM  USED  TO  APPROXIMATE  THE  FLOW  FIELD 
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EFFECT  OF  WING  HEIGHT  ON  TOTAL  VERTICAL-TAIL  LOAD 
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A REEVALUATION  OF  GIBT-LOAD  STATISTICS  FOR 
APPLICATIONS  IN  SPECTRAL  CALCULATIONS 
:Sy  Haxry  Press 

Lsingley  Aeronautical  Laboratory 
INTRODUCTION 


During  the  last  20  years,  a considerable  body  of  statistical  data 
on  the  gust  and  load  experience  of  airplanes  in  transport  operations 
and  in  special  flight  tests  has  been  collected  by  the  National  Advisory 
Committee  for  Aeronautics.  These  data  have,  in  the  past,  for  simplicity 
been  reduced  on  the  basis  of  simple  airplane  g\ist -response  theory  and 
the  so-called  "effective  gust  velocities"  determined.  In  the  last  few 
years,  it  has  been  considered  desirable  to  redefine  these  gust  velocities 
in  order  to  account  more  fully  for  the  variations  with  altitude  in  the 
airplane  response  to  gusts.  The  term  "derived  gust  velocities"  (ref.  1) 
has  been  applied  to  these  redefined  values  and  the  conversion  of  the  gust 
data  into  this  form  is  now  largely  completed  (see,  for  example,  refs.  2, 

5^  and  4) . Some  new  results  obtained  in  the  conversion  of  thunderstorm 
gust  data  into  this  form,  which  are  of  current  interest,  are  included 
in  the  appendix  of  this  paper.  The  gust  data  in  this  fom  have  been 
analyzed  in  detail,  and  the  airplane  giist  experience  for  various  types 
of  operations  and  for  various  flight  altitudes  and  weather  conditions 
have  been  established  (ref.  5)*  These  results  are  finding  useful  appli- 
cation in  the  cadculation  of  gust  loads  for  arbitrary  flight  plans. 

Even  more  recently,  it  has  been  desirable  in  many  gust-response 
problems  both  to  account  explicitly  for  the  continuous  character  of 
atmospheric  turbulence  and  to  account  in  greater  detail  for  the  airplane 
dynamics.  For  this  purpose,  the  techniques  of  generalized  harmonic 
analysis  or  spectrum  analysis  appear  partlcTolarly  appropriate  and  they 
are  finding  increasing  application  (refs.  6 to  l6) . The  application  of 
these  techniques  to  the  gust-load  design  problem  requires  detailed 
information  on  the  spectral  characteristics  of  atmospheric  turbulence. 

The  purpose  of  this  paper  is  to  describe  the  information  available  on 
the  spectral  characteristics  of  atmospheric  turbulence  and,  in  particular, 
to  adapt  the  large  amount  of  statistical  data  on  gust  loads  already  avail- 
able into  a form  suitable  for  use  in  spectral  calculations.  First,  the 
available  measurements  of  the  spectrum  of  atmospheric  turbulence  will 
be  reviewed.  Then,  a technique  for  the  reevaluation  of  the  gust  statis- 
tics is  outlined  and  some  resxilts  obtained  by  the  application  of  this 
technique  are  presented. 
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SPECTRAL  CHARACTERISTICS  OF  ATMOSPHERIC  TURBULENCE 


Figure  1 contains  a s\jmmary  of  most  of  the  available  airplane  meas- 
urements of  the  power  spectrim  of  atmospheric  turbulence . The  first  of 
these  measurements  was  made  by  Clementson  at  the  Massachusetts  Institute 
of  Technology  (ref.  6)  eind  subsequent  measurements  were  made  by  the 
National  Advisory  Committee  for  Aeronautics  (refs.  10  and  11),  the  Douglas 
Aircraft  Company,  Inc.  (ref.  12),  and  Summers  at  the  Massachusetts 
Institute  of  Technology  (ref.  15)*  The  curves  shown  represent  the  various 
power  spectra  and  were  obtained  under  different  weather  conditions.  The 
abscissa  is  the  frequency  argument  0 which  has  the  dimensions  of  radians 
per  foot  and  is  equal  to  2«  divided  by  A,  the  gust  wavelength.  (The 
data  shown  cover  a range  of  gust  wavelengths  from  about  10  feet  to 
5,000  feet.)  The  ordinate  is  the  power  density  normalized  to  the  power- 
density  values  at  0 = 0.01.  This  normalized  ordinate  is  used  in  order 
to  facilitate  comparison  of  the  various  spectral  shapes. 

The  spectra  in  all  but  one  case  are  for  the  vertical  component  of 
the  turbulence.  In  one  case  marked  by  the  letter  H,  the  spectrum  is  for 
the  horizontal  or  longitudinal  component  of  turbulence.  Examination  of 
these  results  indicates  that  the  spectral  shapes  appear  relatively  con- 
sistent; in  all  cases,  the  power  decreases  rapidly  with  increasing  fre- 
quency. In  fact,  in  most  cases,  the  spectra  appear  inversely  proportional 
to  the  square  of  the  frequency.  This  spectral  shape  of  l/n2  is  in 
reasonable  agreement  with  theoretical  results  obtained  for  the  spectral 
shape  at  the  higher  frequencies  in  the  theory  of  isotropic  t'urbulence. 

At  the  lower  frequencies,  the  situation  is  not  so  clear,  few  measurements 
being  available  for  frequencies  of  D < 0.005*  Some  additional  measure- 
ments obtained  at  the  Cornell  Aeronautical  Laboratory  (ref.  l6)  do  cover 
these  lower  frequencies  and  indicate  a flattening  of  the  spectrimi  in  this 
frequency  region. 

In  addition  to  these  variations  in  spectral  shape,  the  various  meas- 
urements also  differed  in  turbulence  intensity.  The  Individual  root-mean- 
square  values  are  estimated  to  vary  from  roughly  I.5  to  perhaps  4 feet 
per  second,  which,  as  will  be  seen,  represent  the  relatively  lighter 
levels  at  atmospheric  turbtilence. 

Another  source  of  information  on  the  spectral  characteristics  of 
atmospheric  turbulence  is  the  measiirements  made  by  meteorologists  at 
the  lower  altitudes  from  towers.  A large  number  of  such  spectral  meas- 
urements have  now  been  obtained.  A few  representative  measurements  from 
reference  I7  are  shown  in  figure  2 and  were  obtained  at  an  elevation  of 
about  300  feet  and  for  various  conditions  of  average  wind  speed  V as 
shown  in  figure  2.  These  measurements  extend  to  lower  frequencies  (longer 
gust  wavelengths)  than  the  available  airplane  measiirements . At  the  higher 


frequencies  these  results  approximate  the  same  form  character- 

istic of  the  airplane  measurements.  In  addition,  at  the  lower  frequen- 
cies, a definite  tendency  toward  a flattening  of  the  spectra  can  he  noted. 
The  variation  in  the  spectrum  intensity  with  wind  speed  should  also  be 
noted. 

Because  of  the  general  characteristics  of  these  spectral  measure- 
ments, it  has  been  convenient  in  theoretical  studies  to  use  the  following 
analytical  expression  for  the  turbulence  spectrum 


$(n)  = I 


1 + 

(1  + 


(1) 


where  ft  = 2it/X  and  A is  the  gust  wavelength.  This  expression  has 
been  useftil  in  wind-tunnel  studies  of  turbulence  and,  as  will  be  seen, 
has  the  general  characteristics  of  the  measured  spectra  of  atmospheric 
turbtilence.  The  equation  has  two  parameters,  the  mean-square  gust 

velocity  ffy2  which  describes  the  overall  intensity',  and  the  so-called 

scale  of  turbxilence  L which,  in  a rough  sense,  can  be  considered  to  be 
proportional  to  the  average  eddy  size.  Curves  for  this  expression  are 
shown  in  figure  3 for  values  of  L of  200,  600,  and  1,000  feet.  At 
higher  frequencies,  these  curves  all  approach  a shape  of  l/n^  but  differ 
in  the  freqiiency  at  which  the  flattening  occurs.  For  increasing  values 
of  L,  the  curves  flatten  out  at  lower  frequencies.  Comparison  of  these 
curves  with  those  of  figures  1 and  2 and  other  measurements  of  the  spec- 
trum for  atmospheric  turbiilence  has  suggested  that  representative  values 
of  L for  atmospheric  turbulence  are  at  least  several  hundred  feet  to 
over  1,000  feet. 

For  design  purposes,  the  overall  gust  experience  in  operations  is 
of  concern.  Presumably,  the  overall  experience  consists  of  various 
exposure  times  to  each  of  the  spectra  shown  in  figures  1 and  2 as  well 
as  to  other  spectra  associated  with  different  weather  conditions.  It 
thus  appears  important  to  determine  the  proportion  of  flight  time  spent 
under  these  various  conditions  of  turbiilence.  In  the  remainder  of  this 
paper,  some  results  derived  from  available  gust  statistics  on  this  prob- 
lem will  be  described.  The  basic  approach  used  is  described  in  detail 
in  reference  llj-  and  will  only  be  outlined  for  present  purposes. 
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RELATIONS  BETWEEN  PEAK  COUNTS  AND  SPECTRA 


It  will  be  recalled  that  available  gust-load  statistical  data  are 
normally  given  in  the  form  of  counts  of  acceleration  peaks  exceeding 
given  values.  It  is  therefore  necessary  to  relate  such  peak  counts  to 
the  spectra  of  the  turbulence.  For  this  purpose^  it  appears  necessary 
and  reasonable  to  make  some  simplifying  assumptions.  First,  it  will  be 
assumed  that  the  turbulence  for  a given  weather  condition  is  a Gaussian 
process.  This  assijmption  implies  that  the  turbulent  velocity  fluctua- 
tions and  also  the  airplane  response  for  linear  systems  have  a normal 
or  Gaussian  probability  distribution;  this  distribution  appears  from 
available  measurements  to  be  a reasonable  approximation.  The  Gaussian 
character  for  the  turbulent  velocity  fluctuations  for  a given  weather 
condition  will  be  used  as  a building  block  to  construct  the  operational 
load  history  which  covers  many  weather  conditions  and,  in  the  overall, 
is  far  from  a simple  Gaussian  process.  Secondly,  it  appears  necessary 
to  make  some  simplifying  assumptions  on  the  form  of  the  power  spectrum 
of  the  gust  velocity.  On  the  basis  of  the  available  measurements,  it 
appears  reasonable  to  assume  that  the  spectral  foirni  is  given  by  equa- 
tion (l).  These  assimiptions  and  available  relations  between  peak  counts 
and  spectra  for  the  Gaussian  case  provide  the  basis  for  the  analysis  to 
be  presented. 


Homogeneous  case.  - For  a Gaussian  process  y(t),  the  mmiber  of  peak 
(maxima)  values  N(y)  per  second  exceeding  given  values  (for  large  values 
of  y)  is  given  by  the  following  relation  (ref.  l8) 
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y a random  variable 

cn  frequency,  radians/sec 

0(o))  power  spectrum  of  y 

a root-mean-square  value  of  y 


(2) 


When  this  relation  is  applied  to  the  acceleration  history  of  an  airplane 
in  homogeneous  turbulence,  the  spectrum  of  normal  acceleration  for  a 


linear  system  is,  in  turn,  related  to  the  spectrum  of  atmospheric  tur- 
bulence by  the  relation 


®a(o>)  = *xj(a3)T2(a)) 


(3) 


where  a(<»)  and  ^>g(o))  are  the  power  spectra  of  the  normal  accelera- 
tion and  vertical  gust  velocity,  respectively,  and  T(o))  is  the  ampli- 
tude of  the  airplane  acceleration  response  to  unit  sinusoidal  gusts 
encomtered  at  frequency  co-  Equations  (2)  and  (5)  thus  relate  the 
number  of  peak  accelerations  per  second  exceeding  given  values  to  the 
spectarum  of  the  turbulence.  When  these  relations  are  applied  to  an  air- 
plane in  flight  through  tiarbulence  of  a given  spectrum  (which  in  the 
present  application  can  be  considered  to  be  given  by  equation  (l)),  the 
nmber  of  peak  accelerations  per  second  exceeding  given  values  of  accel- 
eration a,  as  illustrated  by  the  sketch  on  the  upper  left  of  figure  1, 
may  be  expressed  as 
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When  equation  (l)  is  substituted  for  in  equation  (4a) , the 

quantity  Nq  may  be  seen  to  depend  upon  the  value  of  L,  the  scale  of 
turbulence,  and  the  airplane  transfer  function  but  is  readily  seen  to 
be  independent  of  the  turbulence  intensity  or  rootHnean-square  gust 
velocity.  Thus,  for  a given  airplane  and  a given  value  of  L,  Nq  is 

a constant  independent  of  turbulence  intensity.  The  quantity  Nq  has 
the  dimensions  of  a frequency  and  can  be  considered  to  be  a character- 
istic frequency  of  the  airplane  response  to  the  given  turbiilence.  In 
addition,  the  number  of  pealts  N(a)  is  seen  from  equation  (5)  to  depend 
also  on  the  acceleration  level  a and  the  root-mean-square  accelera- 
tion (Ta  which,  as  will  be  seen,  depends  directly  on  the  tTxrbulence 

intensity. 


Composite  case.-  So  far,  the  turbulence  has  been  assumed  to  be 
homogeneous  and  Gaussian.  Now,  if  the  airplane  is  assumed  to  fly  for 
given  flight  times  t^,  t2,  and  t^  throvigh  turbulence  of  different 

intensities  but  of  the  same  spectral  form,  the  acceleration  histories 
for  each  flight  time  would  differ  in  intensity  or  in  root-mean-square 
acceleration  value  as  indicated  by  the  sketches  on  the  lower  left  of 
figure  4.  Equation  (4)  may  be  extended  for  this  composite  case  in  order 
to  obtain  the  overall  average  number  of  peaks  exceeding  given  values 
as  follows: 


N(a)  = N, 


-a7  2q 


oi  — 


ai 


-a^^2(Ji 


+ — e 

hi 


^2  t, 

+ — e 

h 


(5) 


where 


ttp  = t2_  + t2  + t^ 

Equation  (4)  is  essentially  a sum  of  terms  of  the  form  of  equation  (4) 

ti  to  t;r 

weighted  by  the  relative  exposure  times  — , — , and  — . 

tqi  tp  tqi 


Continuous  case . - If  the  airplane  is  now  asstimed  to  encounter  tur- 
bulence of  all  Intensities  (continuous  variations  in  the  root-mean-squar’e 
gust  velocity)  but  of  the  same  spectral  shape  (fixed  value  of  L for 
present  applications),  equation  (4)  may  be  extended  for  the  continuous 
case  to  yield  the  following  relation 


N(a)  = No 
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In  this  case  the  sum  of  the  terms  of  equation  (5)  becomes  a continuous 
integral.  The  expression  for  the  continuous  case  contains  the  same  char- 
acteristic frequency  Nq,  which  is  independent  of  the  turbulence  intensity, 
the  same  exponential  terra  as  the  earlier  expressions  but,  in  addition, 
contains  the  function  f(aa)«  This  function  is  the  coimterpart  of  the 
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in  equation  (5)  and  is  the  probability 
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distribution  of  Oq,  which  can  be  considered  to  define  the  proportion  of 
total  flight  time  spent  at  values  of  Ua  between  ffa 

A sketch  of  f(tTa)  is  shown  in  figure  5-  The  total  area  under  the  cixrve 
is,  of  course,  equal  to  one  with  the  percentage  of  the  total  time  between 
any  two  values  given  by  the  area  under  the  curve  between  the  two  values 
as  Indicated  by  the  hatched  area. 

Equation  (6)  relates  the  probability  distribution  of  the  root-mean- 
square  acceleration  to  the  overall  number  of  peak  accelerations  per  sec- 
ond. Since  gust-load  statistical  data  are  usually  summarized  in  the  form 
of  number  of  peak  accelerations  per  unit  time  (or  distance)  exceeding 
given  values,  this  relation  may  be  vised  to  determine  the  appropriate  dis- 
tribution of  the  root-mean-square  acceleration  f(da)  from  the  available 
data  without  recourse  to  the  reevaluation  of  the  original  records. 

For  a given  airplane,  the  root-^nean-square  acceleration  is  also 
simply  related  to  the  root-mean-square  gust  velocity.  This  relation  may 
be  expressed  sinply  as 


% = 


ACu 


(T) 


where  A may  be  considered  a transfer  function  between  root-mean-square 
gust  velocity  and  root-mean-square  acceleration  and  for  a given  case  is 
a constant  depending  upon  the  gust  spectrum  and  the  airplane  response  _ 
characteristics.  For  the  gust  spectrum  used  in  the  present  analysis,  A 
is  given  by  the  following  integral 


A = 


nl/2 


L r l.t 

’*'^0  (l  + a^2)2 
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The  value  of  A for  this  case  is  seen  to  depend  only  upon  the  value 
of  L and  the  airplane  transfer  function.  Thus,  the  root-mean-square 
values  of  acceleration  for  a given  airplane  and  a given  value  of  L 
may  be  used  directly  to  determine  the  root-mean-square  gust  velocities. 

Equation  (7)  may  be  applied  directly  to  determine  the  distribution 
of  root -mean-square  gtist  velocity  for  a given  distribution  of  root-mean- 
square  acceleration.  The  relation  between  these  distributions  is  given 
by 


where  ffa  = A-Oy.  Thus,  the  final  result  desired,  the  distribution  of 

the  root-mean-square  gust  velocity,  may  be  obtained  by  the  solution  of 
equation  (6)  for  f(cfa)  ^^‘3.  the  application  of  equation  (9)- 

These  relations  can,  of  course,  also  be  used  to  calculate  the  number 
of  peak  loads  for  a given  operation,  if  the  probability  distribution  of 
the  root-mean-square  gust  velocity  f(dy)  is  known.  In  terms  of  the 

distribution  of  root -mean-square  gust  velocity,  the  nvmiber  of  peak 
accelerations  per  second  exceeding  given  values  is  given  by 


N(a)  = No  r f(du)e"^^^^  Z^^^dOu 
0 

where  Nq  is  given  by  equation  (4a).  Thus,  in  this  approach,  the  prob- 
ability distribution  of  the  root -me an- square  gust  velocity  is  the  fun- 
damental quantity  and  taJs:es  the  place  in  spectral  calculations  of  the 
counts  of  gust  peaks  used  in  the  discrete  gust  calculations. 


SOME  RESULTS  OBTAINED  IN  THE  REEVALUATION  OF  GUST  DATA 


In  this  section,  the  resiilts  obtained  by  the  application  of  the 
relations  derived  in  the  preceding  section  to  available  statistical  data 
on  gust  loads  are  presented.  Three  principal  problems  are  encountered 
in  such  applications  and  involve  the  choice  of  an  appropriate  value  of 
the  scale  of  turbulence  L,  the  determination  of  the  airplane  accelera- 
tlon_transfer  function  for  gusts  T(cjd)  (or  more  particularly,  the  value 
of  a)  , and  the  determination  of  the  value  of  the  characteristic  fre- 
quency Nq.  The  value  of  L chosen  for  present  purposes  was  1,000  feet 


which,  on  the  basis  of  available  data,  appears  to  be  a reasonable  estimate 
for  an  average  value  for  atmospheric  turbulence.  In  the  determination 
of  the  airplane  transfer  function  and  the  values  of  A for  the  various 
airplanes  involved,  the  airplane  accelerations  were  assumed  to  be  due 
entirely  to  the  vertical  gusts  and  the  airplane  was  assumed  to  respond 
in  vertical  motion  only  (no  pitch,  rigid-body  condition).  A justifica- 
tion for  this  restriction  to  the  one -degree -of -freedom  response  for  this 
purpose  is  given  in  reference  l4.  Finally,  it  was  found  simple  and 
expedient  to  obtain  good  estimates  of  the  characteristic  frequency  Nq 

directly  from  the  flight  records  of  acceleration  for  the  various  airplanes 
in  accordance  with  the  method  l4. 
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Variation  with  ~bype  of  operation.-  In  reference  the  foregoing 
techniques  were  applied  to  derive  estimates  of  the  distribution  of  root- 
mean-sqiiare  gust  Trelocity  f(du)  from  data  for  eight  transport  opera- 
tions. As  might  be  expected,  little  difference  was  noted  in  this  distri- 
bution for  similar  types  of  operation.  A distinctive  difference  wan  noted, 
however,  between  the  results  for  a feeder-line  low-altitude  operation  and 
the  normal  higher  altitude  transport  operations,  as  might  be  expected. 

The  results  obtained  for  the  feeder-line  operation  and  one  of  the  more 
normal  transport  operations  are  compared  in  figure  6 in  order  to  Illustrate 
the  type  of  variations  in  the  distribution.  The  feeder-line  operation 
consisted  of  short-haul,  low-altitude  flights  over  the  rough  terrain  in 
the  western  part  of  the  United  States  and  was  known  to  spend  much  time 
in  rough  air.  The  other  ox>eration  was  a four-engine  transcontinental 
operation  mostly  flown  at  moderate  altitude  and  was  known  to  be  a rel- 
atively smooth  operation.  In  each  case,  the  results  are  shown  for  a 
range  of  values  of  ojj  from  0 to  20  feet  per  second.  Since  the  individ- 
ual gust  peaks  in  rough  air  of  a given  root -me  an- square  value  can  be  three 
or  four  times  the  root-mean-square  value,  the  results  shown  cover  peak 
gust  velocities  up  to  perhaps  80  feet  per  second. 

The  curves  both  indicate  a rapid  decrease  in  the  pTObability  with 
increasing  root-mean-square  value.  It  is  clear  that  the  transcontinental 
operation  includes  more  time  at  very  low  values  of  cru,  less  time  at  the 
moderate  values  of  Oy,  and  perhaps  more  time  at  the  very  large  values 
of  However,  since  the  proportion  of  flight  time  between  given  root- 

mean-square  values  is  given  by  areas  under  the  c\irves,  the  significant 
areas  are  distorted  by  the  logarithmic  plot  and  direct  comparison  of  the 
curves  is  difficult.  For  this  reason,  the  significant  points  obtained 

from  these  curves  are  summarized  in  the  table  on  the  upper  right-hand 
side  of  figure  6.  The  table  gives  the  percent  flight  time  for  the  two 
operations  in  smooth  air  (dy  < 1 foot  per  second),  and  in  moderate  to 

severe  rough  air  (dy  5 foet  per  second).  The  table  clearly  Indicates 

that  the  transcontinental  operation  is  a much  smoother  operation  with 
almost  twice  the  percentage  time  of  the  feeder-line  operation  in  smooth 
air  and  only  about  one-eighth  the  percentage  time  in  moderate  to  severe 
turbulence.  At  the  very  high  values  of  root-mean-square  gust  velocity, 
there  is  some  indication  that  the  transcontinental  operation  may  encounter 
very  severe  turbulence,  associated  with  the  more  violent  thunderstorms, 
more  frequently  than  the  feeder-line  operation.  The  time  above  20  feet 
per  second  is  small,  however,  being  only  about  1/100,000  of  the  total 
flight  time. 

The  description  of  the  gust  experience  in  this  form  is  directly 
applicable  to  load  calculations  for  other  airplanes  in  similar  types  of 
operation  by  reversing  the  procedures  used  in  obtaining  these  results. 
However,  direct  application  of  these  results  would  only  apply  to  opera- 
"tions  having  the  same  type  of  flight  plan.  In  order  to  obtain  results 


that  are  more  flexible  and  applicable  to  arbitrary  flight  plans,  it 
would  be  desirable  to  determine  the  variations  in  these  distributions 
with  altitude,  weather  condition,  and  perhaps  geography.  Efforts  in 
this  direction  are  being  made. 

Variation  with  altitude.-  In  order  to  arrive  at  some  rough  estimates 
of  the  variation  of  f(cJu)  with  altitude,  use  was  made  of  the  summary 

of  gust  statistics  given  in  reference  5-  Figure  6 of  reference  5 
sents  estimates  of  the  average  gust  experience  at  various  altitudes 
that  are  representative  of  contempory  types  of  transport  operations.  In 
order  to  estimate  the  associated  distributions  of  root -mean-square  gust 
velocity,  these  results  which  are  in  terms  of  derived  gust  velocities 
were,  for  convenience,  first  converted  to  accelerations  by  using  the  char- 
acteristics of  a representative  transport  airplane.  The  charts  of  ref- 
erence 1^  were  then  used  to  estimate  the  appropriate  distribution  form 
and  scale  value  for  the  root -me  an- square  gust  velocity.  It  was  found 
that,  for  each  altitude  bracket,  the  number  of  peak  accelerations  for 
the  various  altitude  brackets  could  be  approximated  by  the  following 
distributions  for  f(cu): 


fCcTy)  = 


1.8 


for  the  altitude  bracket  of  0 to  10,000  feet, 


1 

2(0.54)^ 


0.3^ 


for  the  altitude  bracket  10,000  to  40,000  feet,  and 


f(%) 


2(0.51)' 


for  the  altitude  bracket  ll0,000  to  50 >000  feet.  These  distributions 
are  shown  in  figure  7* 

The  res\olts  in  figure  7 indicate  that,  except  for  the  lowest 
altitude  bracket,  little  difference  exists  in  the  distribution  of  Cy 


at  the  higher  altitudes.  Perhaps  the  most  important  points,  which  are 
obscxared  by  the  logarithmic  scale,  are  the  relatively  large  amount  of 
time  spent  at  essentially  smooth  air  (ffy  < 1 toot  per  second)  at  the 

higher  altitudes  and  the  relatively  large  amount  of  time  spent  in  mod- 
erate to  severe  turbulence  (ffu  ^ 5 feet  per  second)  at  the  lowest 
altitude  bracket.  The  time  spent  above  5 feet  per  second  for  the  lowest 
altitude  bracket  is  roughly  five  times  as  great  as  that  for  the  higher 
altitude  bracket. 

It  should  be  remembered  that  these  results  are  in  terms  of  true 
gust  velocity.  If  equivalent  gust  velocities  which  are  more  directly 
related  to  the  airplane  response  are  used,  the  decrease  in  turbulence 
intensity  with  altitTxde  would,  of  course,  be  even  more  pronounced  than 
is  indicated  here. 

As  a check  on  the  consistency  of  these  results,  the  acceleration 
histories  were  calcvilated  for  two  hypothetical  operations,  a moderate - 
altitude  transport  operation  and  a high-altitude  operation  perhaps  rep- 
resentative of  jet  transport  operations.  In  the  calculation  of  the  valiae 
of  A,  theoretical  results  for  a single  degree  of  freedom  (vertical 
motion  only)  (ref.  9)  were  used.  The  results  obtained  in  this  manner 
were  roughly  equivalent  to  those  obtained  by  discrete  gust  calcul  atlons 
which  wotOd  be  expected  for  this  single -degree -of -freedom  case. 

The  method  of  application  of  these  results  to  the  calculation  of 
load  histories  for  arbitrary  flight  plans  is  parallel  to  that  used  for 
the  discrete  gust  case  described  in  reference  5*^  The  sequence  of  steps 
involves:  (l)  The  appropriate  distribution  of  f(du)  selected  for 

each  altitude  bracket.  (2)  The  values  of  A are  determined  for  each 
significant  portion  of  the  flight  plan  in  accordance  with  equation  (8). 
(5)  'P’-aeb  of  the  distributions  of  1(0^)  are  transformed  in  order  to 

obtain  the  associated  distributions  of  aeceleration  f(cfa)  fhe 

relation 


f(da)  = = f(hu) 
A 


where 


hU  = ha/ A 


(k)  The  values  of  Nq  are  determined  in  accordance  with  equation  (4a) 
or  directly  from  flight  records  as  described  in  reference  l4.  It  should 
be  noted  that  the  value  of  No^^^^lilllU^for  the  one -degree -of -freedom 
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case  treated  in  reference  9 and  therefore  the  results  obtained  in  that 
analysis  cannot  be  used  for  this  purpose  without  some  modification. 

For  a rigid  airplane^  the  value  of  Nq  appears  to  be  larger  but  of  the 
same  order  as  the  period  of  the  longitudinal  short-period  oscillation. 

(5)  The  distributions  of  o*a  and  the  values  of  Nq  are  then  used  in 
equation  (6)  to  derive  the  number  of  peak  accelerations  per  second  or 
per  mile  for  each  condition.  (These  calculations  can  be  facilitated 
by  the  use  of  charts  such  as  given  in  ref.  1^.)  (6)  The  results  obtained 

in  step  5 are  then  weighted  in  accordance  with  the  flight  distance  in 
each  condition  and  then  summed  for  all  conditions  in  order  to  obtain 
the  overall  acceleration  history. 

Variation  with  weather  condition.-  In  the  preceding  discussion,  the 
variation  in  the  gust  experience  with  flight  altitude  was  considered. 
Another  break:down  of  the  gust  experience  which  may  be  useful  in  some 
problems  is  the  variation  in  gust  experience  with  weather  conditions. 
Figure  8 shows  estimates  of  the  variations  in  that  have  been 

obtained  for  several  types  of  turbulent  weather  conditions.  The  curve 
labeled  "clear  air  tiarbulence"  was  based  on  data  obtained  in  flight 
through  clear  and  tiurbulent  air  at  the  lower  altitudes.  The  curve  labeled 
"cumulus  clouds"  was  based  on  data  obtained  in  flight  under  moderate  con- 
vective conditions  such  as  represented  by  bulging  cumulus  clouds.  Finally 
the  curve  labeled  "thunderstorms"  was  based  on  data  obtained  in  flight  in 
the  Immediate  vicinity  and  within  severe  thunderstorms.  The  distributions 
obtained  appear  to  have  the  same  general  form  but  are  seen  to  vary  widely 
in  intensity.  A simple  measure  of  the  relative  intensity  of  the  turbu- 
lence for  these  conditions  may  be  obtained  by  comparing  the  root-mean- 
square  values  at  the  lower  probability  levels.  It  will  be  noted  that, 
at  these  probability  levels,  the  values  for  the  cumulus  and  thunderstorm 
conditions  are  roughly  twice  and  three  times  the  values  of  Cy  for  the 
clear-air  condition. 

It  has  been  estimated  that  contemporary  transport  operations  spend 
about  10  percent  of  their  flight  time  in  this  clear-air  turbulence  con- 
dition, 1 percent  in  the  cumulus  condition,  and  perhaps  O.O5  percent 
in  thunderstorms.  These  results  may  therefore  find  some  application  in 
evaluating  the  effects  on  the  overall  load  experience  of  operational  pro- 
cedures which  would  tend  to  modify  this  weather  experience.  For  example, 
the  introduction  of  airborne  radar  for  weather  avoidance  may  be  expected 
to  reduce  the  exposure  time  to  the  severe  turbulence  conditions  of  thunder 
storms.  Also,  high  rates  of  climb  and  descent  through  the  lower  and  more 
turbulent  altitude  layers  may  cause  a drastic  reduction  in  the  10  percent 
of  the  flight  time  attributed  to  clear-air-turbulence  conditions  sind 
thereby  cause  a marked  reduction  in  the  overall  gust  experience. 


CONCLUDING  KEMAEKS 


The  foregoing  analysis  has  served  to  demonstrate  that  the  gust 
statistics  may,  under  reasonable  assumptions,  be  converted  into  a form 
appropriate  for  spectral- type  calculations.  The  significant  and  funda- 
mental quantity,  for  this  piirpose,  appears  to  be  the  probability  dis- 
tribution of  the  root -mean- sqiiare  gust  velocity.  The  results  obtained 
in  defining  the  variations  of  this  function  with  type  of  operation, 
flight  altitude,  and  weather  condition  provide  at  least  a starting  basis 
for  their  application  to  response  calctilations  in  arbitrary  operations. 
These  results  should  serve  to  supplement  the  discrete-gust  techniques 
in  current  use  and  be  particularly  appropriate  in  problems  requiring  a 
more  detailed  accounting  for  the  airplane  dynamics  than  is  possible  by 
discrete-gust  techniques. 


APPENDIX 


VARIATION  WITH  ALTITUDE  OF  DERIVED  GUST 
VELOCITIES  IN  THUNDERSTORMS 


Because  of  the  current  interest  in  the  gust  standards  for  the  higher 
altitudes,  some  results  obtained  on  the  variation  with  altitude  of  the 
intensity  of  turhvilence  in  thunderstorms  are  appended  to  this  paper. 

The  available  data  on  gust  velocities  in  thunderstorms  have,  in  the  past 
(ref.  19),  been  presented  in  terms  of  effective  gust  velocities.  As  a 
result  of  the  recent  redefinition  of  the  gust-response  factor  and  the 
gust  velocity  (ref.  l)  in  order  to  account  more  fiLLly  for  variations^ 
in  the  airplane  response  with  altitude,  it  was  of  interest  to  determine 
what  effect  these  changes  might  have  on  the  Indicated  variation  of  turbu- 
lence intensity  with  altitude.  The  gust  data  obtained  from  the  2 years 
of  flight  operation  of  the  U.  S.  Weather  Bureau  Thunderstorm  Project 
and  the  earlier  XC-55  airplane  investigations  have  consequently  been 
reevaluated  and  the  "derived  gust  velocities"  determined  for  each  flight 
altitude.  These  data  were  summarized  in  order  to  obtain  the  average 
flight  miles  required  to  exceed  given  derived  gust  velocities  for  each 
of  the  flight  altitudes.  The  overall  results  obtained  on  the  variation 
of  the  turbulence  intensity  with  altitude  are  summarized  in  figure  9. 

As  a simple  measure  of  the  relative  intensity  of  the  turbulence  at  the 
various  altitudes,  the  qviantity  used  for  the  abscissa  is  the  g\xst  veloc- 
ity exceeded  once,  on  the  average,  in  a given  number  of  flight  miles. 

The  actual  nuniber  of  miles  used  for  each  of  these  sets  of  data  shown  in 
figtire  9 was  varied  in  order  to  obtain  velocities  that  were  of  about 
the  same  magnitude  for  the  three  sets  of  data.  The  actual  numbers  used 
were  about  100  miles  for  the  Thunderstorm  Project  data  and  25  miles  for 
the  XC-55  airplane  data.  The  variations  in  gust  velocity  with  altitude 
for  other  values  of  flight  miles  were  essentially  similar. 

The  solid  points  on  the  left-hand  side  of  figure  9 for  the 
effective  gust  velocities  Ug  whereas  the  unshaded  points  on  the  right- 
hand  side  are  for  the  corresponding  "derived  gust  velocities"  U^g.  At 
the  highest  altitude  (52,000  feet),  two  points  each  are  shown  for  the 
Ug  and  U^g  values.  In  each  case,  the  point  on  the  left  represents 
all  the  flight  data  for  the  XC-55  airplane  tests  for  this  altitiJde . 

These  results,  however,  cover  some  flight  time  in  clear  air  and  cirrus - 
cloud  conditions,  as  indicated  in  reference  19 . The  points  on  the  right 
were,  therefore,  obtained  by  considering  only  the  data  associated  with 
thvinder storms . These  points  were  based  on  5^  miles  of  flight  test  data 
out  of  the  total  of  11?  miles  flown  in  this  altitude  range. 


Faired  lines  are  shown  in  each  case  but  because  of  the  small  amount 
of  data  and  the  uncertainty  of  the  results  at  the  highest  altitude, 
the  faired  lines  are  dashed  . It  may  be  seen  that  the 
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values  are  in  the  overall  about  50  to  60  percent  higher  than  the 
corresponding  Ug  values  at  each  altitude,  the  amount  of  increase 

varying  somewhat  with  altitude  - the  smallest  increase  being  at  the 
highest  altitude.  Thus,  the  principal  effect  of  the  conversion  is  a 
substantial  increase  in  the  gust  velocities.  The  variations  with  alti- 
tude have  also,  as  can  be  seen,  changed  somewhat,  with  the  U^g  results 

showing  a tendency  to  decrease  with  altitude  above  20,000  feet. 


I 


I 


REFERENCES 


1.  Pratt,  Kermlt  G.:  A Revised  Formijla  for  the  Calculation  of  Gust 

Loads.  MCA  TN  2964,  1953. 

2.  Walker,  Walter  G. : Summary  of  Revised  Gust-Velocity  Data  Obtained 

From  V-G  Records  Taken  on  Civil  Transport  Airplanes  From  1935 
to  1950.  NACA  TN  3041,  1955. 

5.  Coleman,  Thomas  L.,  and  Walker,  Walter  G. : Analysis  of  Accelerations, 

Gust  Velocities,  and  Airspeeds  From  Operation  of  a Twin-Engine 
Transport  Airplane  on  a Transcontinental  Route  From  1950  to  1952. 

MCA  TN  3371,  1955. 

k.  Coleman,  Thomas  L.,  Copp,  Martin  R.,  Walker,  Walter  G.,  and  Engel, 

Jerome  N.;  An  Analysis  of  Accelerations,  Airspeeds,  and  Gust 
Velocities  From  Three  Commercial  Operations  of  One  Type  of  Medium- 
Altitude  Transport  Airplane.  MCA  TN  5365 > 1955. 

5.  McDougal,  Robert  L, , Coleman,  Thomas  L. , and  Smith,  Pnilip  L. ; The 

Variation  of  Atmospheric  Turbulence  With  Altitude  and  Its  Effect 
on  Airplane  Gust  Loads.  MCA  RM  L55G153-^  1953. 

6.  Clementson,  Gerhardt  C.:  An  Investigation  of  the  Power  Spectral 

Density  of  Atmospheric  Turbulence.  Ph.D.  Thesis,  M.I.T.,  1950. 

7.  Liepmann,  H.  W. : An  Approach  to  the  Btif feting  Problem  From  Turbulence 

Considerations.  Rep.  No.  SM-159^0,  Douglas  Aircraft  Co.,  Mar.  13^ 

1951. 

8.  Press,  Harry,  and  Mazelsky,  Bernard;  A Study  of  the  Application  of 

Power -Spectral  Methods  of  Generalized  Harmonic  Analysis  to  Gust 
Loads  on  Airplanes.  MCA  Rep.  1172,  1954.  (Supersedes  MCA  TN  2853.) 

9.  Fung,  Y.  C.:  Statistical  Aspects  of  Dynamic  Loads.  Jour.  Aero.  Sci., 

vol.  20,  no.  5,  May  1955,  PP.  517-350. 

10.  Press,  Harry,  and  Houbolt,  John  C.:  Some  Applications  of  Generalized 

Harmonic  Analysis  to  Gust  Loads  on  Airplanes.  Jour.  Aero.  Sci., 
vol.  22,  no.  1,  Jan.  1955,  PP.  17-26. 


11.  Chilton,  Robert  G. : Some  Measurements  of  Atmospheric  Turbulence 

Obtained  Fl-om  Flow-Direction  Vanes  Mounted  on  an  Airplane.  NACA 
TN  3313,  1954. 


12.  Connor,  Roger  J. , Hawk,  John,  and  Levy,  Charles;  Dynamic  Analyses 

for  the  C-47  Airplane  Gust  Load  Alleviation  System.  Rep.  No.  SM-14456, 
Douglas  Aircraft  Co.,  July  2 


13.  Summers,  Robert  A.:  A Statistical  Description  of  Large-Scale  Atmos- 

pheric Turbialence,  Sc.  D.  Thesis,  M.I.T. , 195^*  (Also  Rep,  T-55^ 
Instrumentation  Lab.,  M.I.T.) 

14.  Press,  Harry,  Meadows,  May  T.,  and  Hadlock,  Ivan;  Estimates  of 

Probability  Distribution  of  Root-Mean-Square  Gust  Velocity  of 
Atmospheric  Turbulence  Prom  Operational  Gust-Load  Data  by  Random- 
Process  Theory.  NACA  TN  3362,  1955. 

15.  Diederich,  Franklin  W. : The  Dynamic  Response  of  a Large  Airplane 

to  Continuous  Random  Atmospheric  Disturbances.  Preprint  No.  5^8, 
S.M.F.  Fund  Paper,  Inst.  Aero.  Sci.,  Jan.  24-27,  1955« 

16.  Lappi,  V.  0.,  and  Turner,  W.  N. : An  Investigation  of  Airplane 

Accelerations  Due  to  Large-Scale  Turbulence  and  of  the  Power 
Spectral  Densities  of  the  Turbulence.  Rep,  No,  CAL-41,  Cornell 
Aero.  Lab.,  Inc.,  Mar.  20,  1952. 

17.  Panof sky,  H.  A. : Statistical  Properties  of  the  Vertical  Flux  and 

Kinetic  Energy  at  100  Meters.  Scientific  Rep,  No.  2 (Contract 
No.  AF  19(6o4)-166) , Division  of  Meteorology,  Pa.  State  College, 

July  1,  1955. 

18.  Rice,  S.  0.:  Mathematical  Analysis  of  Random  Noise,  Pts,  III  and 

IV,  Bell  Syst.  Tech.  Jour.,  vol.  XXTV,  no.  1,  Jan.  1945#  pp.  46-156. 

19.  Tolefson,  H.  B, : An  Analysis  of  the  Variation  With  Altitude  of 

Effective  Gust  Velocity  in  Convective-Type  Clouds,  NACA  TN  I628, 
1948. 


MEASURED  POWER  SPECTRA  OF 
ATMOSPHERIC  TURBULENCE 


1-  I I I I I 1 1 I I 

.0001  .001  .01  .1  1.0 


Figure  1 


TURBULENCE  SPECTRA  AT  LOW  ALTITUDE 
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ANALYTIC  REPRESENTATION  OF  TURBULENCE  SPECTRA 
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Figure  3 
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Figure  5 


VARIATION  OF  f(au)  WITH  OPERATION 
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VARIATION  OF  GUST  VELOCITY  WITH  ALTITUDE 
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A DISCUSSION  OF  GUST  LOADS  AS  INFLUENCED  BY 
THE  STABILITY  OF  THE  AIRPLANE 
By  Clarence  L.  Gillis 
Langley  Aeronautical  Laboratory 


INTOODUCTION 


Studies  of  aircraft  motions  in  rough  air,  and  the  resulting  loads, 
have  received  continuing  attention  at  the  NACA.  The  material  presented 
herein  does  not  represent  one  integrated  study  of  such  problems,  but 
very  briefly  describes  recent  progress  on  several  phases  of  the  problem, 
which  can  generally  be  considered  as  dealing  with  the  effects  of  airplane 
stability,  both  static  and  dynamic.  Effects  of  changes  in  airplane  char- 
acteristics, flight  conditions,  the  addition  of  auxiliary  dan5)ing,  and 
the  inclusion  of  more  conplete  airplane  dynamics  and  gust  ii5)uts  are 
being  investigated. 

All  of  the  studies  included  herein  have  utilized  the  method  of 
generalized  harmonic  analysis  to  investigate  loads  in  continuoxjs  rough 
air.  Since  many  other  recently  published  investigations  (refs.  1 to  ll-) 
have  used  the  same  method,  it  is  assumed  that  the  method  is  fairly  well 
known  and  requires  no  ftirther  explanation. 


DISCUSSION 


Previous  limited  experience  (ref.  l)  indicated  that  the  normal- 
acceleration  loads  in  rough  air  would  be  affected  to  only  a small  extent 
by  the  airplane  static  stability  in  the  usual  range,  but  would  be  greatly 
affected  by  the  daii5)ing.  Further  extensive  analytical  studies  are  in 
progress  to  ascertain  the  validity  of  these  conclusions  over  wide  ranges 
of  airplane  stability  characteristics  and  flight  conditions. 

A typical  chart  resulting  from  this  study  is  shown  in  figure  1.  The 
study  is  being  made  utilizing  five  nondimens ional  parameters  involving 
turbtilence  scale,  aiiplane  geometry,  damping  and  frequency,  a mass  param- 
eter, and  a root-mean-square  acceleration  ratio.  For  illustration  pur- 
poses these  have  been  converted  to  dimensional  q\iantities  in  figure  1. 

The  data  shown  are  for  an  airplane  having  a wing  loading  of  48  Ib/sq  ft, 
a chord  of  10  ft,  and  a wing  plan  form  represented  by  the  lift-curve 
slope  of  5*0  per  radian.  The  flight  conditions  are  400  n5>h  at  sea  level 
and  a turbulence  scale,  defined  by  the  symbol  L in  the  input  spectrum. 


of  1,(X)0  ft.  The  values  plotted  are  root-^nean-square  normal  acceleration 
for  a root-^ean-square  vertical  gvist  velocity  of  10  ft/sec.  They  are 
shown  as  a function  of  damped  natiiral  frequency  of  the  short-period  mode 
for  various  values  of  the  time  to  dan^)  to  one -half  an^jlitude.  Note  that 
the  frequency  scale  is  logarithmic.  The  handling-qualities  requirement 
of  daii5)ing  to  one-tenth  axi5)litude  in  one  cycle  is  shown  by  the  long- 
dashed  line  with  values  to  the  left  being  satisfactory.  The  calcula- 
tions include  values  in  the  unsatisfactory  region  but  these  are  not  shown 
in  the  figinre  for  simplicity.  It  might  be  noted  that  when  the  dan5)ing  is 
small  a frequency  of  0.2  cps  represents  a static  margin  of  about  1 per- 
cent c whereas  a frequency  of  1,0  cps  represents  a static  margin  of 
about  50  percent  c for  this  airplane.  Thus,  for  purposes  of  this  dis- 
cussion, the  region  around  a frequency  of  0.5  cps  is  of  primary  interest. 
The  results  show  that  variations  in  static  stability  have  relatively 
small  effects  on  the  normal  accelerations  whereas  variations  in  time  to 
dart^)  have  much  larger  effects.  The  same  trends  occur  for  all  values  of 
mass  parameter  included  in  the  study  and  for  all  turbulence  scales  except 
the  smallest. 

The  short-dashed  line  in  figure  1 is  the  acceleration  calculated  for 
vertical  motion  only  (ref.  2) , and  of  course  is  Independent  of  the  sta- 
bility. For  well-daitiped  airplanes  the  effect  of  adding  freedom  in  pitch 
is  to  obtain  an  alleviation  of  normal  accelerations,  but  for  poorly  dait5)ed 
airplanes  the  accelerations  are  an5)llfied.  The  study  showed  that  this 
effect  becomes  more  pronounced  as  the  mass  parameter  and  turbvilence-scale 
parameter  increase. 

Experimental  data  have  been  obtained,  by  means  of  rocket -propelled 
models  flown  in  continuous  rough  air,  which  confirm  these  conclusions, 
at  least  qualitatively,  and  indicate  the  validity  of  the  calculation 
method  for  several  configurations  (refs.  5 6).  Shown  in  figvire  2 

are  experimental  and  calculated  root-mean-square  normal  accelerations 
for  three  swept-wing  configurations  over  a Mach  number  range  from  about 
0.8  to  slightly  over  1,0.  These  tests  were  made  at  essentially  sea-level 
altitude  so  that  this  Mach  number  range  includes  a corresponding  velocity 
range.  All  models  had  the  same  wing,  and  one  was  tailless,  one  had  a 
conventional  tall,  and  one  a canard  strrface.  The  results  shown  have  been 
corrected  to  the  same  wing  loading  and  the  same  turbulence  intensity. 

Shown  also  are  the  stability  characteristics  in  terms  of  undamped  natural 
frequency  (dashed  lines)  and  time  to  danp  to  one-half  amplitude.  The  fact 
that  the  frequency  for  the  tailless  model  is  roughly  twice  as  great  as  for 
the  other  two  models  means  that  the  static  margin  is  roughly  foixr  times  as 
great}  however,  there  is  little  difference  in  the  general  level  of  meas- 
ured or  calculated  normal  accelerations.  It  might  be  noted  that  in  addi- 
tion to  the  expected  increases  in  calculated  accelerations  with  Mach  nimiber 
caused  by  the  increased  velocity  and  lift-curve  slope,  the  curves  follow 
rather  faithfully  the  changes  in  damping  with  Mach  number,  including  the 
more  rapid  increase  for  the  tailless  model  than  for  the  other  two,  and  the 
downward  hook  at  high  Mach  numbgj;^^jj|^_the_tallless  canard  models. 
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Within  the  scatter  of  the  experimental  data,  it  can  he  said  that 
the  calciilated  and  measured  results  are  in  fair  agreement.  The  scatter 
is  caused  primarily  hy  the  inherent  statistical  errors  resulting  when 
only  small  data  sanples  are  available  for  analysis.  In  figure  5 are 
shown  results  for  a tailless  delta-wing  model.  This  model  had  cruciform 
wings,  and  accelerations  were  measured  normal,  to  each  set  of  wings. 

Making  iise  of  the  assunption  of  isotropic  turbulence,  the  accelerations 
measured  in  both  planes  over  any  given  time  interval  can  be  considered 
together  in  the  data-r eduction  procedure,  which  effectively  doubles  the 
san^jle  size  and  increases  the  statistical  reliability.  Calciolated  dan5)ing 
and  frequency  are  shown  as  obtained  from  wind-tunnel  oscillation  test  data 
and  the  blank  space  around  M = 1.0  is  caused  by  lack  of  pitch-dan5)ing 
data  in  this  region  for  the  small  anplitudes  required.  A sharp  reduction 
in  pitch  damping  above  a Mach  number  of  0.9  is  reflected  in  increased 
damping  time  and  root-mean-square  acceleration.  The  experimental  data 
again  show  fair  agreement  with  the  calcxalated  curves  except  for  the 
highest  point  which  indicates  a greater  rise  at  a lower  Mach  number  than 
the  calculated  curve.  This  one  test  point  is  the  average  value  obtained 
over  a time  interval  while  the  model  was  decelerating  from  a Mach  number 
of  about  0.95  "to  0.85  and  thus  includes  the  accelerations  experienced  at 
the  higher  Mach  numbers  where  the  damping  is  poor.  Lack  of  suitable 
turbulence  conditions  at  Wallops  Island  delayed  the  rocket-model  flight 
test  intended  to  obtain  some  experimental  data  at  Mach  numbers  ip  to  2.0 
on  this  configuration  for  cccparison  with  the  calculations  shown. 

Since  the  results  discussed  so  far  indicate  that  the  short-period 
danplng  is  of  primary  Importance  in  determining  the  root-mean-square 
normal  accelerations,  the  question  arises  as  to  how  much  benefit  might 
be  derived  frcm  adding  ainclliary  danping  to  the  airplane  by  means  of  an 
automatic  control  system.  An  analytical  investigation  of  this  problem 
has  been  conducted  (ref.  7)  the  results  are  shown  in  figure  !(■.  A 
large  swept-wing  airplane  was  \ised  for  the  calciilations,  which  were  made 
at  Mach  numbers  of  0.9,  1.0,  and  1.1  at  sea  level  using  transonic  wind- 
t\annel  data  on  this  configuration.  Again,  this  change  in  Mach  number 
includes  a corresponding  change  in  velocity.  The  calculations  used  two 
degrees  of  freedom  of  the  rigid  airplane  and  included  the  dynamics  of 
the  control  system.  The  control  system  was  actmted  by  signals  propor- 
tional to  pitching  velocity  as  obtained  frcm  a rate  gyro.  The  results 
are  shown  as  root-mean-square  values  of  normal  acceleration,  pitch  angle, 
and  elevator  deflection.  Introducing  the  auxiliary  danping  resulted  in 
a reduction  of  about  25  percent  in  normal  accelerations  6ind  about  75  per- 
cent in  pitch  angles.  The  indications  are  that  even  if  all  the  pitching 
motion  were  removed  only  a little  additional  reduction  in  load  could  be 
realized.  These  reductions  in  normal  acceleration  and  pitch  angle  were 
acconpllshed  with  root-mean-square  elevator  deflections  varying  from  0.3° 
at  a Mach  number  of  0.9  to  about  0.8°  at  a Mach  number  of  1.1.  The  rather 
smal  1 elevator  deflections  reqiiired  at  M = 0.9  suggests  the  possibility 
that  any  flexibility  or  play  in  the  elevator  control  system  which 
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permitted  uncontrolled  motions  of  this  order  of  magnitude  could  result 
in  significant  increases  or  decreases  in  load  depending  on  the  pliase 
relation  between  this  motion  and  the  airplane  motion. 


The  subject  of  lateral  motions  and  the  resulting  loads  on  airplanes 
in  continuous  rough  air  have  received  less  attention  in  the  past  than 
have  longitudinal  motions.  Some  work  is  underway,  however.  Figure  5 
illustrates  an  experimental  and  analytical  investigation  that  has  been 
made  of  the  vertical  tall  loads  on  a jet-bomber -type  airplane.  This 
airplane  has  lightly  damped  directional  oscillation  characteristics. 

The  power  spectral  density  of  the  tail  loads  is  plotted  for  one  particu- 
lar set  of  flight  conditions.  The  calculations  considered  two  degrees 
of  freedom,  yawing,  and  sideslipping,  but  neglected  rolling  effects. 

It  was  assumed  that  the  vertlpal  tail  was  the  only  coniponent  producing 
any  lift  or  moment.  The  calculations  (solid  line)  indicate  a very  sharp 
peak  at  the  natural  frequency  which  is  characteristic  of  lightly  damped 
systems.  The  experimental  power  estimates  also  show  a peak  at  the  nat- 
ural frequency  but  this  peak  is  much  less  sharp  owing  to  the  necessarily 
finite  width  of  the  effective  filter  applied  to  the  experimental  data  in 
the  data- reduction  process.  When  the  calculated  ciurve  was  modified  to 
include  the  effects  of  the  experimental  filter,  as  indicated  by  the 
dashed  curve,  the  agreement  between  experiment  and  calculation  was  con- 
siderably better.  It  will  be  noted  that  the  calculated  root-mean-square 
load  is  about  20  percent  less  than  the  experimental  value.  This  is  due 
to  the  fact  that  the  input  turbulence  scale  was  derived  from  fluctuating 
airspeed  measurements,  and  theoretical  considerations  indicate  that  for 
the  turbulence  scale  and  the  frequency  range  of  inportance  here  the 
lateral  gust  velocities  which  produce  these  tail  loads  will  be  about 
20  percent  greater  than  the  longitudinal  gust  velocities  which  were  used 
to  obtain  the  input  for  the  calculations. 

Neglecting  the  rolling  motion  was  apparently  a valid  approximation 
for  the  case  just  shown.  For  more  recent  and  future  airplane  designs, 
which  generally  will  have  higher  roll-to-yaw  ratios,  it  may  not  be 
justifiable  to  neglect  rolling  motions.  Conplete  three-degree-of-freedcmi 
lateral-response  calculations  will  be  required  and  a method  for  accom- 
plishing this  is  currently  being  investigated. 


CONCLUDING  REMAEKS 


In  siimmary,  a number  of  investigations  are  underway,  both  experi- 
mentally and  analytically  to  investigate  effects  of  stability,  flight 
conditions,  and  configuration  changes  on  gust  loads  resulting  from  both 
longitudinal  and  lateral  motions.  With  respect  to  normal  accelerations, 
calculations  indicate  that,  except  under  unusual  conditions,  static 
stability  has  only  a small  effect  on  loads,  whereas  dynamic  stability  has 
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a relatively  large  effect,  which  produces  load  alleviation  for  well- 
dmnped  airplanes  and  load  anqplification  for  poorly  dan5)ed  airplanes. 
Experimental  results  obtained  to  date  confirm  these  conclusions.  Methods 
of  predicting  the  lateral  motions  and  loads  are  under  investigation  but 
little  experimental  data  are  available  as  yet.  What  data  are  available 
indicate  good  agreement  with  calculated  results  and  alan  enphasize  the 
importance  of  darping,  as  in  the  longitudinal  case. 
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REIfUCnON  OF  HyDRODYHAMIC  IMPACT  LOADS 
FOR  WATERBORHE  AIRCRAFT? 

By  Emanuel  Schnitzer 
Langley  Aeronautical  Laboratory 


SUMMARY 


Recent  NACA  research  aimed  at  the  reduction  of  water  loads  on  bo-Hi 
hull  and  hydro-ski -equipped  seaplanes  is  presented.  It  is  shown  that 
hull  loads  can  be  reduced  by  proper  trim  programming  from  elevator 
action  and  by  use  of  high  dead  rise.  For  the  hydro -ski -equipped  sea- 
planes, loads  are  shown  to  be  reduced  by  a decrease  of  ski  beam  or 
length  and  by  mounting  the  ski  on  either  conventional  shock  struts  or 
on  a new  type  of  frequency-discriminating  shock  strut. 


INTRODUCTION 


The  rou^-water  loads  problem  is  one  of  the  chief  factors  limiting 
greater  use  of  the  seaplane.  Various  means  exist  for  reducing  these 
loads  such  as  control  techniques,  hull  modifications,  and  auxiliary 
devices,  particularly  hydro-skis.  This  paper  stanmarizes  recent  NACA 
research  in  these  fields  of  water-load  reduction.  Earlier  loads  work 
on  hydro-ski -equipped  seaplanes  has  been  repoirted  amd  is  summarized  in 
reference  1 along  with  a fairly  complete  reference  bibliography.  The 
water-loads  investigations  covered  in  this  paper  are  divided  into  two 
general  groups,  the  first  applying  to  the  hull-type  seaplane  nnd  the 
second,  mainly  to  the  hydro -ski -equipped  seaplane.  Under  the  heaHiing 
of  hulls,  attitude  control  by  elevator  action  and  variations  in  bottom 
cross  section  (namely,  dead  rise)  are  considered.  Under  hydro-skis, 
beam  loading,  that  is,  hull  loading  based  on  the  beam  or  width,  plan- 
form  proportions,  and  types  of  shock-strut  moxmtings  are  considered. 

The  shock  mountings  include  the  translating-  and  trimming-ski  types  arid 
a frequency-discriminating  oleo  called  the  low-pass  shock  strut.  A 
list  of  references  is  Included  which  contains  the  published  part  of  the 
material  in  this  paper  (refs.  2 to  4)  and  a bibliography  of  related  work 
(refs.  5 to  29). 


HULLS 


Attitude  Control 


Model  experiments.-  The  loads  encountered  in  a water  take-off  or 
landing  depend  on  the  manner  in  which  the  airplane  attitude  or  trim  is 
varied  during  the  run.  In  the  past  pilots  have  exerted  some  trim  con- 
trol during  water  operations.  Recently,  an  attempt  has  been  made  to 
evalviate  the  amount  of  load  alleviation  possible  by  the  use  of  varioiis 
forms  of  such  trim  programming.  In  figure  1 is  shown  the  effect  of 
three  different  types  of  trim  control,  namely^  fixed  elevators,  fixed 
trim,  and  automatically  controlled  elevators,  on  h\ill  loads  experienced 
in  landings.  These  results  were  obtained  in  an  experimental  program 
conducted  in  the  Hydrodynamics  Division  with  a model  flying  boat  landing 
in  oncoming  waves.  All  the  experimental  waves  discussed  in  this  paper 
were  approximately  sinusoidal  in  shape  and  occurred  in  a single  train. 

The  same  critical  wave  condition  was  used  throughout  this  trim-control 
investigation.  Each  point  plotted  gives  the  relative  maximum  vertical 
acceleration  experienced  during  one  landing  and  thus  represents  several 
Impacts,  since  each  landing  or  take-off  consists  of  a series  of  bounces 
from  wave  to  wave.  Relative  values  of  the  vertical  acceleration  are 
shown  on  this  and  succeeding  figures  because  the  magnitudes  of  the  loads 
do  not  necessarily  represent  those  encountered  in  open-sea  operations. 

The  trends,  however,  are  thought  to  be  similar.  The  first  cluster  of 
points  at  the  left  represents  recommended  Navy  practice  for  the  average 
pilot  in  which  the  elevators  are  held  fixed  with  the  nose  hi^.  The 
spread  of  the  data  in  this  figure  results  from  contacting  at  different 
positions  on  the  waves  at  various  flight  conditions.  The  second  cluster 
of  points  representing  the  fixed-trim  condition,  which  to  date  has  only 
been  realized  in  laboratory  tests,  shows  a possible  reduction  of  40  per- 
cent below  the  fixed-elevator  case  when  the  highest  values  of  accelera- 
tion are  compared.  Possibly  the  fixed-trim  condition  could  be  achieved 
in  practice  by  means  of  water  elevators  or  vertical  rockets.  The  short 
horizontal  lines  represent  the  acceleration  levels  exceeded  during  10  per- 
cent of  the  landings.  These  levels  are  believed  to  give  more  realistic 
comparisons  from  a statistical  point  of  view  and  are  seen  to  yield  the 
same  qualitative  conclusions  obtained  by  comparing  maximum  accelerations. 
The  third  cluster  of  points  represents  an  atten5)t  to  approach,  as  closely 
as  possible,  the  fixed- trim  condition  in  an  actiaal  flying  boat  by  i^ans  of 
automatic  elevator  control.  The  control  mechanism  utilized  for  this  test 
consisted  of  a combination  of  a trim-displacement  control,  which  actuated 
the  elevators  to  oppose  a change  in  attitude,  and  a gyro-rate  control, 
which  actiiated  the  elevators  to  oppose  a trimming  velocity  of  the  flying 
boat.  The  elevator  deflection  speeds  approximated  conventional  auto- 
pilot control  rates.  This  control  system  gave  a reduction  in  maximum 
vertical  acceleration  of  20  percent  below  the  fixed-elevator  case  as 
shown,  and  an  even  greater  reduction  in  angular  acceleration  of  40  percent 
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(not  shown).  We  may  conclude  from  this  material  that  proper  programming 
of  take-off  and  landing  attitudes  of  flying  boats  can  substantially 
reduce  maxinrum  water  in^^act  loads. 

Narrow-body  trimming  theory.-  It  may  be  of  some  interest  to  note 
that  there  are  theoretical  methods  available  for  determining  the  effects 
of  different  kinds  of  trim  control  on  loads.  In  order  to  study  trim- 
control  techniques,  the  trimming  case  must  first  be  defined  accurately. 
During  a seaplane  tsike-off  or  landing  the  flight  conditions  of  the  air- 
plane as  it  leaves  one  wave  greatly  influence  the  contact  conditions 
on  the  next  wavej  thus  the  complete  time  history  of  the  motions  during 
any  impact  must  be  known.  Previously,  fixed-trim  theory  (ref.  l)  was 
available  for  calculating  maximum  impact  force,  which  was  extended 
for  the  wide-float  case  to  the  entire  time  history  (ref.  2).  More 
recently,  a quasi -steady  trimming  theory  was  developed  to  cover  impact 
and  planing  of  narrow  hulls  or  hydro-skis  undergoing  pitching  rotation. 
This  theory  is  based  on  a dynamic -cajEber  concept  in  which  a pitching  flat 
plate  immersed  in  a streaming  fluid  is  assumed  to  be  replaced  by  a fic- 
titious cambered  plate  fixed  in  space,  for  which  the  degree  of  camber 
at  any  instant  is  related  to  the  pitching  velocity  of  the  original  flat 
plate.  In  order  to  evalmte  the  effects  of  trimming  motion  d-uring  impact, 
this  new  theory  is  compared  with  the  fixed-attitude  narrow-body  theory  in 
figure  2.  This  figure  shows  a sample  load  time  history  of  a rough -water 
impact  of  a large  narrow  flying  boat.  The  solid  line  represents  the 
dynamic -camber  theory,  and  the  line  of  long  dashes  represents  the  fixed- 
attitude  theory.  It  appears  from  this  figure  that  for  the  case  considered 
the  maximum  accelerations  are  in  close  agreement,  whereas  during  the 
remainder  of  the  time  histories  the  disagreement  is  increased.  It  should 
be  borne  in  mind,  however,  that  the  angular  motions  are  substantially 
different  for  the  two  theories.  This  means  that,  for  a single  impact 
for  which  the  initial  conditions  are  known,  approximate  calculations  of 
maximum  load  by  means  of  the  fixed-attitude  theory  might  suffice.  How- 
ever, since  an  actual  seaplane  landing  involves  the  interplay  of  air  and 
water  forces  through  a sequence  of  impacts,  any  of  which  can  be  the  worst 
one,  calculations  of  complete  time  histories  of  water  landings  where  the 
integrated  effects  of  all  the  variables  are  critical,  or  in  which  pitching 
motion  is  important,  will  require  the  more  exact  theory  which  takes  into 
account  the  effects  of  angular  rotation.  The  line  of  short  dashes  repre- 
sents an  intermediate  type  of  approximation  which  ignores  the  effects  of 
rotation  on  the  load  distribution  but  extends  the  fixed-attitude  theory 
by  taking  into  accotint  the  velocity  vector  contributed  by  the  pitching 
motion.  This  theory  is  probably  adequate  for  a fairly  large  range  of 
condition. 


Cross  Section 


The  degree  of  load  alleviation  attainable  by  sharpening  up  the 
bottom  of  the  hull^  that  is,  increasing  its  dihedral  or  dead  rise  in 
nautical  terminology,  is  now  considered.  Although  hi^  dead  rise,  while 
reducing  impact  loads,  is  accompanied  by  increased  water  drag  during 
take-off,  this  drag  penalty  is  partially  offset  by  the  increased  thrust 
available  with  modern  engines. 

The  results  of  an  experimental  investigation  of  effects  of  dead 
rise  are  shown  in  figure  5*  Tests  were  made  with  a dynamic  scale  model 
of  a high-speed  flying  boat  landing  on  waves  k feet  high  and  ranging 
from  180  feet  to  520  feet  in  length.  The  data  obtained  in  this  investi- 
gation were  cross-plotted  to  yield  the  relative  values  of  maximum 
landing  acceleration  for  a constant  hull  width  or  beam.  From  this  fig- 
ure we  may  observe  that,  for  the  range  of  wave  length  used,  the  maximum 
load  decreases  almost  linearly  with  Increasing  dead  rise,  at  least  up  to 
dead-rise  angles  of  6o^  for  flying  boats  in  free  fli^t.  This  downward 
trend  of  load  with  increasing  dead  rise  follows  theoretical  and  experi- 
mental predictions  based  on  fixed-trim  landings  in  smooth  water.  It 
should  perhaps  be  noted  that  some  indications  of  directional  instability 
for  the  60^  case  occurred  at  low  trims  and  are  being  investigated  further. 
The  effect  of  wave  length  is  seen  to  decrease  at  the  higher  dead  rises 
for  the  constant  wave  height  tested,  and,  as  may  have  been  expected  from 
geometric  considerations  involving  the  ratio  of  hull  to  wave  length,  the 
intermediate  wave  length  of  230  feet  is  seen  to  give  the  highest  loads. 

It  may  be  concluded  from  these  tests,  therefore,  that  the  high  dead  rises 
are  very  effective  in  reducing  rough-water  loads  and  in  addition  possess 
satisfactory  hydrodynamic  qualities  with  respect  to  spray  and  stability. 


HYDRO-SKIS 
Beam  Loading 


The  next  topic  under  consideration  is  the  study  of  load  alleviation 
by  means  of  hydro-skis.  The  first  hydro-ski  parameter  considered  is  the 
beam-loading  coefficient  usually  denoted  by  C^.  This  parameter  is  some- 
what similar  to  wing  loading  in  that  it  relates  the  weight  of  the  air- 
craft to  the  dimension  of  the  body.  In  the  aerodynamic  case,  the  entire 
area  of  the  wing  is  significant  because  it  is  always  con5)letely  immersed 
in  the  fluid,  whereas,  in  the  hydrodynamic  case,  beam  loading  relates 
the  aircraft  weight  to  the  hydro-ski  beam  only  because  the  wetted  length 
of  the  ski  bottom  varies  throughout  the  impact. 

The  effect  of  beam  loading  on  water  loads  is  illustrated  in  fig- 
ure k which  was  constructed  from  the  results  of  several  hundred  landings 


of  flat  rectangular  plates  in  the  Langley  iinpact  basin.  The  flat  plate 
vas  selected  since  it  was  believed  to  approximate  the  hydro-ski  which 
usually  has  a fairly  low  dead  rise.  The  sketch  at  the  top  of  the  fig- 
ure identifies  the  model  mass  m,  beam  b,  trim  t,  initial  fli^t-path 
angle  7,  resultant  velocity  V,  and  water  density  p.  The  ranges  of 
variables  tested  include  beam-loading  coefficients  from  1 to  15^»  trim 
angles  from  5°  to  , and  fli^t-path  angles  from  2°  to  22°.  When  these 
data  are  plotted  in  the  nondimens ional  form  shown  in  this  figure,  all  the 
data  condense  within  the  envelope  Included  by  the  shaded  area.  If  dead- 
rise  data  were  plotted  in  this  figure,  these  data  wotild  probably  group 
below  the  flat-plate  data,  the  degree  of  separation  depending  on  the 
dead  rise  and  possibly  also  on  the  beam  loading  tested.  From  this  plot 
we  can  see  that  the  in^jact  lift  coefficient  Cl  can  be  approximated  by 
a simple  linear  function  of  the  product  of  the  fli^t-path  angle  at  con- 
tact 7 times  the  cube  root  of  the  beam-loading  coefficient  C^.  Since 
an  increase  in  beam  loading  is  associated  with  either  an  increase  in 
weight  or  a reduction  in  beam,  it  is  evident  that,  when  the  nond 1 mensional 
parameters  are  defined,  the  maximum  impact  force  varies  directly  with  the 
beam  and  the  cube  root  of  the  wei^t.  Thus,  it  turns  out  that  higher 
beam  loadings  reduce  inqjact  accelerations  althou^  they  are  usually 
associated  with  more  severe  spray  conditions.  The  spread  of  'Uie  data 
in  the  envelope  results  principally  from  the  effect  of  trim.  We  may 
conclude  from  the  wide  ranges  of  the  variables  tested  that  for  load 
estimation  the  trim  effect  can  be  neglected,  the  effect  of  fli^t  path 
can  be  taken  as  a linear  function,  and  the  beam-loading  effect  can  be 
closely  represented  by  the  cube-root  function. 

In  order  to  estimate  maximum  in^jact  force  from  this  plot  a strai^t 
line  has  been  faired  throu^  the  data,  the  equation  of  which  yields  the 
impact  lift  coefficient.  (Note  that  7 is  expressed  in  degrees  in  this 
equation. ) The  maximum  impact  force  can  be  calciilated  from  the  equation 

^MAX  given  in  the  figure.  With  this  information  the  designer 

can  approximate  for  his  particular  airplane  the  impact-load  reductions 
possible  throng  manipulation  of  weight,  beam,  and  flight-path  angle. 


Plan  Form 

Reductions  in  inpact  acceleration  can  be  achieved  for  the  hydro- 
ski by  increasing  its  beam  loading  as  has  been  demonstrated.  Another 
parameter  investigated  was  the  proportioning  of  the  hydro-ski  plan  form. 
The  plan-form  investigation  was  carried  out  in  the  Langley  tank  no.  1 
with  a dynamic  model  of  a hydro -ski -equipped  flying  boat.  In  these  tests 
the  model  was  landed  on  waves  having  a height  of  k feet  and  4 different 
lengths.  The  initial  conditions  of  inpact  were  made  as  nearly  alike  as 
practicable . 


Figure  5 illustrates  the  effect  on  loads  of  variations  of  the  hydro- 
ski plan  fonn  pictured,  where  each  point  represents  a considerable  num- 
ber of  landings.  The  values  plotted  represent  the  accelerations  exceeded 
for  the  ski  in  10  percent  of  the  landings  relative  to  the  acceleration 
for  the  hull  alone.  Only  the  length  and  width  of  the  skis  have  been 
varied.  The  effect  of  ski  length  on  loads  is  obtained  directly  from  the 
line  connecting  the  three  skis  of  equal  beam  identified  by  the  solid 
points.  The  load  is  seen  to  increase  with  ski  length.  Even  though  the 
beam  of  the  h\ill  was  equal  to  the  beam  of  the  ski  on  the  extreme  left 
of  figure  5,  use  of  skis  is  seen  to  reduce  greatly  the  load.  The  effect 
of  beam  can  also  be  seen  on  this  plot  if  the  two  models  of  almost  equal 
length  are  con5)ared;  the  narrower  ski  gives  the  smaller  load  as  predicted 
by  the  previous  figure  on  beam  loading.  From  figure  5 "the  general  con- 
clusion drawn  is  that  the  smaller  the  ski  length,  or  beam,  the  lower  the 
load.  Since  too  small  a ski  allows  the  hull  to  contact  the  water  and 
receive  large  subsequent  in5)acts,  a compromise  must  be  made  between  the 
ski  area  ajid  the  length  of  the  strut  supporting  it.  Too  long  a strut 
creates  a take-off  problem  with  respect  to  drag  loads. 

Theoretical  considerations  show  that  the  beam  should  be  more  power- 
ful than  the  length  as  a load-controlling  parameter.  The  data  shown  here 
tend  to  substantiate  the  theory  if  the  three  upper  hydro -skis  at  the  left 
of  the  figure  which  have  the  same  plan -form  area  are  considered.  From  these 
three  points  the  load  is  seen  to  decrease  even  if  the  ski  length  increases. 
Since  the  Increase  in  length  for  a given  ski  area  must  be  accompanied  by 
a proportional  decrease  in  beam,  the  conclusion  that  the  beam  has  the 
main  effect  on  loads  is  verified. 


Shock  Mountings 

Translating  ski . - Water  loads  have  been  shown  to  be  reduced  by  the 
use  of  hydro-skis.  How  additional  load  reductions  could  be  achieved  by 
mounting  hydro-skis  on  shock  struts  has  also  been  demonstrated  in  the 
past  by  means  of  theoretical  calculations  (ref.  3).  Since  that  time, 
landing  tests  with  dynamic  scale  models  have  been  made  in  the  tanks  to 
verify  these  calctilations  for  the  translating  type  of  shock  mounting, 
as  shown  in  figure  6.  These  experimental  res'ults  are  presented  in  ref- 
erence 4.  With  this  type  of  mounting,  the  ski  is  not  permitted  to  trim 
relative  to  the  seaplane  during  the  inpact.  Figure  6 presents  a typical 
load  time  history  of  one  of  these  impacts  for  a rou^-water  landing  of  a 
large  jet  hydro-ski  seaplane.  The  theory  is  represented  by  the  lower 
solid  line  and  the  corroborating  experimental  data,  by  the  circled  points. 
As  a matter  of  interest  the  load  for  the  same  seaplane  landing  at  the 
same  initial  conditions  but  with  the  shock  strut  locked  out  of  action  is 
presented  by  the  upper  solid  line.  For  this  case  the  load  reduction 
achieved  by  the  shock  strut  is  40  percent. 


• • 


Trlmmirig  ski.-  In  addition  to  the  translating  type  of  mounting, 
several  other  methods  of  shock-mounted  hydro-skis  have  been  considered. 
In  one  of  these  methods,  the  hydro-ski  was  allowed  to  trim  relative  to 
the  aircraft  during  compression  of  the  shock  strut.  A computational 
method  has  been  evolved  by  utilizing  the  dynamic -camber  theory  mentioned 
earlier  in  this  paper,  which  enables  the  loads  on  these  trimming  hydro- 
skis to  be  calculated.  A typical  load  time  history  computed  by  this 
method  is  presented  in  figure  7 by  the  lower  line,  which  represents  a 
rough-water  landing  of  a fighter  aircraft  equipped  with  pivoted  shock- 
mounted  hydro-skis.  Conparisons  were  not  made  with  the  transla ting-ski 
case  because  the  time  histories  are  drastically  different  and  depend 
on  the  values  selected  for  the  many  independent  parameters. 

In  order  to  estimate  roughly  the  load  reduction  achieved  by  this 
pivoted-ski  arrangement,  the  load  for  the  same  aircraft  landing  at  the 
same  initial  conditions  but  with  the  shock  strut  locked  out  of  action 
is  presented  by  the  upper  line  of  figure  7.  The  load  reduction  for  the 
pivoted  ski  is  seen  to  be  about  26  percent  with  the  rate  of  application 
of  loading  somewhat  reduced.  Notice  that  area  on  this  slide  is  propor- 
tional to  vertical  impulse  or  moment\mi  change.  Since  the  area  under  the 
trimming  ski  curve  is  smaller  than  for  the  fixed-ski  curve  it  may  be 
concluded  from  this  figure , and  probably  also  from  complete  time  his- 
tories for  the  preceding  figure,  that  the  vertical  rebound  velocity  is 
reduced  by  the  shock-strut  action,  which  results  in  much  milder  initial 
conditions  for  the  next  Impact.  From  a practical  point  of  view,  the 
pivoted-ski  moTxnting  has  the  advantage  of  keeping  the  bending  moments 
which  may  produce  serious  frictional  loads  out  of  the  shock  strut. 

Low-pass  shock  strut.-  When  a conventional  oleo  strut  is  used  with 
the  types  of  shock  mountings  considered,  load  reductions  can  be  expected 
during  rough-water  operations  as  long  as  the  bunps  or  waves  encountered 
by  the  aircraft  are  long  and  smooth.  For  short  steep  bunps,  however, 
especially  at  high  speeds,  conventional  oleos  tend  to  become  quite  rigid 
and  transmit  the  full  shock  loads  to  the  aircraft.  In  order  to  over- 
come this  difficulty,  a new  type  of  filter-action  oleo,  the  low-pass 
shock  strut,  was  conceived.  This  strut  tends  to  filter  out  the  rapidly 
applied  loads  from  steep  b^lmps  while  acting  as  a conventional  oleo  for 
smooth  hills  or  swells* 

In  figure  8 simplified  versions  of  the  conventional  oleo  at  the 
left  and  the  low-pass  strut  at  the  right  are  conpared.  Usually,  the 
conventional  oleo  is  equipped  with  a fixed  metering  pin  which  can  vary 
the  size  of  the  orifice  in  the  piston  only  as  a function  of  the  strut 
telescoping  displacement.  Thus,  when  the  lower  end  of  the  strut  is 
forced  upward,  the  rate  of  flow  of  fluid  up  through  this  orifice,  which 
regulates  the  applied  force,  is  controlled  only  by  the  strut  telescoping 
displacement.  Since  the  load  developed  in  the  strut  is  proportional  to 
the  square  of  the  telescoping  velocity,  the  steeper  the  slope  of  the 


bump  encountered  by  the  landing  gear^  the  more  rigid  the  strut  becomes, 
until  for  very  steep  bumps  it  is  practically  a rigid  bar.  The  low-pass 
strut,  on  the  other  hand,  has  a movable  metering  pin  which  varies  the 
orifice  size  as  a function  of  the  rate  of  loading  and  which  is  actuated 
by  a special  frequency-sensitive  piston  in  the  control  cylinder  shown  at 
the  top  of  the  strut.  For  very  steep  bumps,  however,  the  rapid  increase 
of  pressure  in  the  lower  cylinder  is  communicated  through  the  large- 
diameter  tube  at  the  left  to  the  under  side  of  the  control  piston.  This 
piston  snatches  the  metering  pin  upward  by  opening  wide  the  orifice, 
allowing  the  strut  to  telescope  easily,  and  thereby  reducing  the  load. 

For  slowly  applied  loads  of  either  small  or  large  magnitude,  the  metering 
pin  remains  in  the  equilibrium  position  shown  so  that  a conventional 
fixed  orifice  strut  is  approximated. 

In  order  to  assess  the  effectiveness  of  the  low-pass  strut  as 
applied  to  seaplanes,  the  results  of  theoretical  calculations  which  have 
been  made  for  a hydro -ski  seaplane  operating  in  rough  water  are  shown  in 
figure  9* 

This  figure  is  concerned  with  the  loads  experienced  during  high- 
speed operation  on  a complex  sea  made  up  of  small  steep  waves  superposed 
on  large  swells.  Both  wave  trains  are  sinusoidal  in  shape  and  oriented 
in  the  same  direction.  The  hydro -ski  is  assumed  to  penetrate  the  water 
so  that  the  actual  waves  can  be  considerably  higher  than  the  magnitudes 
shown  in  the  lower  figure,  which  represents  the  hydro-ski  motion  only. 

The  upper  figure  shows  that  the  conventional  shock  strut  develops  large 
loads  for  the  high-frequency  waves  or  in  the  region  of  the  steep  wave 
fronts,  whereas  the  low-pass  strut  greatly  reduces  these  loads. 


CONCLUSIONS 


The  various  methods  which  have  been  shown  to  be  effective  in 
reducing  water  loads  are  as  follows: 

For  the  flying  boat. 

Trimming  restraint  by  elevator  control 
Increased  bottom  dead  rise 

For  the  hydro-ski. 

Reduction  of  the  beam 
Reduction  of  length 

Shock  mounting  on  conventional  oleos  for  slowly  applied  loads  and 
on  low-pass  shock  struts  for  all  rates  of  load  application. 


All  these  methods,  either  singly  or  in  conibination,  can  be  used  to  effect 
load  reductions  during  water  operations. 
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EFFECT  OF  ELEVATOR  CONTROL  ON  WATER  LOADS 
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COMPARISON  OF  THEORIES  FOR  VARIABLE  TRIM  IMPACT 
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IMPACT  THEORY  FOR  SHOCK-MOUNTED 


Figure  7 
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lANDING  CQNDITIOWS  FOR  LARGE  AIRPIAHES  IN  ROUTH'IE  OPERATIONS 
Norman  S.  Silsby  and  Eziaslav  N.  Harrin 
langley  Aeronautical  Laboratory 


SUMMARY 


Measurements  have  been  obtained  by  means  of  a specially  developed 
photographic  method  of  landing  contact  conditions  of  scxne  commercial 
transports,  the  Boeing  KC— 97  tanker,  the  Boeing  B— 47  Jet  bomber,  and 
the  Convair  B— 36  bomber.  Frcan  these  measurements,  vertical  velocities 
and  airspeeds  at  contact  have  been  evaluated  and  a brief  statistical 
analysis  of  the  results,  including  the  effect  of  horizontal  gusts  on 
the  landing  conditions  for  the  transports,  has  been  made. 


The  analysis  indicates  that  one  out  of  1,000  landings  will  equal 
or  exceed  a vertical  velocity  of  5-5  Pps  and  4.7  fps  for  the  nongusty 
and  gusty  conditions,  respectively,  or  an  increase  of  about  25  percent 
due  to  gustiness.  It  appears  likely,  however,  that  on  the  average  the 
curves  for  the  condition  without  gusts  represents  the  more  probable 
condition.  The  relative  frequency  of  occurrence  of  gusts  to  no  gusts 
was  found  to  be  1 to  20  for  a 5-year  period  at  the  langley  Air  Force  Base. 


The  values  of  vertical  velocity  likely  to  be  equaled  or  exceeded 
once  in  1,000  landings  of  routine  operations  of  tankers  anii  bombers  were 
5-5  Tps  for  the  KC-97  tankers,  6 fps  for  the  B-47  jet  bombers,  and 
7 fps  for  the  B-56  bombers.  These  results  are  con5>arable  to  the  trans- 
port probability  curve  for  the  condition  without  gusts,  which  indicated 
that  an  average  vertical  velocity  for  all  transports  of  about  3,5  fps 
would  be  equaled  or  exceeded  once  in  1,000  landings. 


The  analysis  of  airspeed  at  contact  indicated  that  one  out  of  1,000 
landings  will  equal  or  exceed  an  airspeed  of  50  percent  above  the  stall 
for  the  B-36  airplane,  60  percent  above  the  stall  for  the  transports, 
and  about  70  percent  above  the  stall  for  the  B-47  airplane. 


INTRODUCTION 


In  order  to  aid  in  the  development  of  more  rational  landing-loads 
design  requirements  and  procedures,  the  National  Advisory  Committee  for 
Aeronautics  has  been  conducting  a project  to  obtain  statistical  measure- 
ments of  landing  contact  conditions  for  various  types  of  airplanes 
during  routine  daytime  operations.  The  technique  for  obtaining  the 
statistical  measurements  emplsa^^^agfii^^y  developed  photographic 
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method  which  requires  no  instrument  installation  in  the  aircraft  and 
permits  rapid  data  reduction  together  with  good  accuracy.  (See  ref.  1.) 

Previous  preliminary  results  on  some  landing  contact  conditions 
obtained  by  this  method  were  presented  for  commercial  transport  airplanes 
during  routine  daytime  operations  at  the  Washington  National  Airport 
(ref.  2) . The  project  has  been  continued,  and  the  number  of  measure- 
ments has  been  increased  to  what  appears  to  be  a sufficiently  large 
sample  in  order  to  allow  some  separation  of  data  for  investigating  the 
influence  of  certain  factors  on  the  contact  conditions  (ref.  5) • In 
addition  to  the  data  for  the  transports,  measurements  have  been  obtained 
for  Boeing  B-kj  jet  bombers  and  Boeing  KC-97  tankers  at  Barksdale  Air 
Force  Base  and  for  Convair  B-56  bombers  at  Carswell  Air  Force  Base, 
which  were  obtained  with  the  cooperation  of  the  Strategic  Air  Command. 


RESULTS  AND  DISCUSSION 


The  measurements  in  most  cases  included  vertical  velocity,  forward 
speed,  bank  angle,  and  rolling  velocity  at  the  instant  before  landing 
contact.  The  discussion  will  be  confined  to  vertical  velocity  and 
fon^ard  speed  since  these  quantities  have  the  most  direct  influence  on 
the  vertical  and  drag  loads  produced  in  the  landing  gear. 


Effects  of  Gusts 

One  factor  which  was  believed  to  be  important  in  its  effect  on  the 
contact  conditions  was  the  turbulence  of  the  air.  Figiire  1 shows  the 
results  obtained  by  separating  the  center-of -gravity  vertical-velocity 
data  for  the  transport  airplanes  according  to  whether  the  wind  was  gusty 
or  not  gusty.  The  gusty  condition  is  defined  by  the  U.  S.  Weather  Bureau 
as  sudden  intermittent  increases  in  speed  with  at  least  a 10-mph  varia- 
tion between  peaks  and  lulls,  the  peaks  reaching  at  least  I8  mph  and  the 
average  time  interval  between  peaks  and  lulls  usually  not  exceeding 
20  seconds.  The  figure  shows  curves  of  the  probability  of  equaling  or 
exceeding  given  center-of -gravity  vertical  velocities  obtained  by 
fitting  Pearson  Type  III  probability  curves  to  the  measured  data. 

The  mean  vertical  velocities  Vy  were  1.22  fps  without  gusts  and 
1.50  fps  with  gusts,  and  this  difference  is  statistically  significant. 
Conqparison  of  the  gusty  and  nongusty  condition  indicates  that  for  a 
given  number  of  landings  the  vertical  velocity  likely  to  be  equaled  or 
exceeded  is  about  25  percent  greater  for  the  condition  with  gusts  than 
for  the  condition  without  gusts.  The  values  of  vertical  velocity  likely 
to  be  equaled  or  exceeded  in  1,000  landings  are  5-5  Ips  and  4.7  Ips  ion 
the  nongusty  and  gusty  conditions,  respectively. 


Inasmuch  as  the  tests  were  conducted  during  clear  weather  conditions, 
the  gust  effect  shown  is  due  to  gust  intensities  occurring  in  clear  air 
at  the  ground  and  does  not  include  the  extreme  gust  intensities  associ- 
ated with  squalls  and  other  storm  conditions.  On  the  average,  the  high 
relative  frequency  of  occurrence  of  gusts  and  no  gusts,  indicated  hy  the 
number  of  landings  for  the  two  conditions  during  the  tests,  was  much 
greater  than  woiild  normally  he  expected.  An  analysis  of  the  hourly 
sequence  reports  of  the  U.  S.  Weather  Bureau  at  Langley  Air  Force  Base 
for  a 5-yGSLr  period  indicated  that  the  relative  frequency  of  occurrence 
of  the  gusty  condition  was  about  1 to  20.  Thus,  over  a long  period  of 
time,  for  instance,  the  life  of  a given  airplane,  the  solid  curve  for 
the  condition  without  gusts  is  the  one  to  he  considered  as  representative 
of  the  condition  likely  to  he  encountered  about  95  percent  of  the  time 
and  the  dashed  curve  for  the  gusty  condition,  the  other  5 percent.  The 
number  of  landings  are  given  for  the  probability  curves  as  an  indication 
of  their  reliability.  A compaurison  of  the  probability  curves  of  vertical 
velocity  determined  from  the  data  of  the  first  6o  landings  for  all  air- 
planes, and  then  successively  for  126,  2^5^  aJid  landings  as  more 
landings  were  photographed,  indicated  that  possibly  on  the  order  of 
200  landings  are  required  to  establish  a probability  curve  which  will 
have  a practical  degree  of  reliability. 


Conq)arlson  of  Vertical  Velocities  at  First  and  Second  Contacts 

Although  the  vertical  velocity  of  the  center  of  gravity  of  an  air- 
plane generally  characterizes  the  severity  of  the  landing,  most  landings 
are  not  symmetrical  and  the  load,  produced  in  the  landing  gear  is  depend- 
ent on  the  vertical  velocity  at  the  landing  gear  itself.  A theoretical 
study  contained  in  reference  h indicated  that  there  could  be  substantial 
differences  in  the  vertical  velocity  of  the  first  gear  truck  to  contact 
and  in  subsequent  contacts  by  the  other  trucks  depending  on  the  attitude 
and  angular  velocities  of  the  airplane,  on  the  amount  of  lift,  and  on 
the  configuration  and  inertia  characteristics. 


One  factor  involved  is  the  ratio  of  the  semitread  to  the  rolling 
radius  of  gyration.  Presented  in  figiore  2 is  a comparison  of  the 
vertical- velocity  probability  curves  obtained  from  the  measured  data 
for  the  first  and  second  truck  contacts  for  the  transport  landings, 
separated  into  four-engine  and  two-engine  categories,  since  the  values 
of  the  ratio  of  semitread  y-t  to  rolling  radius  of  gyration  ky  of 
0-7  to  0.8  for  the  four -engine  airplane  and  1.0  to  1.2  for  the  two- 
engine  airplane  are  appreciably  different  for  these  airplane  types. 

The  theoretical  analysis  of  reference  ^ indicated  that,  other  factors 
being  the  same,  the  ratio  of  vertical  velocities  for  the  second  wheel 
to  contact  to  the  first  wheel  to  contact  should  vary  approximately  as 


this  parameter 


Thus,  for  the  four -engine  airplane,  the  vertical 


CONCLUDING  REMARKS 


The  statistical  analysis  of  the  transport  landings  indicated  that 
the  gusty  vind  condition  had  a significant  effect  in  increasing  the 
vertical  velocity  likely  to  be  equaled  or  exceeded  in  a given  mamber  of 
landings.  One  out  of  1^000  landings  will  equal  or  exceed  a vertical 
velocity  of  5-5  fps  and  fps  for  the  nongusty  and  gusty  conditions^ 
respectively,  or  an  increase  of  about  25  percent  due  to  gustiness.  It 
appears  likely,  however,  that  on  the  average  the  curves  for  the  condi- 
tion without  gusts  represents  the  more  probable  condition.  The  relative 
frequency  of  occurrence  of  gusts  to  no  gusts  was  found  to  be  1 to  20 
for  a 5-year  period  at  the  Langley  Air  Force  Base. 

The  values  of  vertical  velocity  likely  to  be  equaled  or  exceeded 
once  in  1,000  landings  of  routine  operations  of  tankers  and  bombers  were 
5.5  i'ps  for  the  KC-97  tankers,  6 fps  for  the  B-A7  jet  bombers,  and  7 ^*ps 
for  the  B-56  bombers.  These  results  are  comparable  to  the  transport 
probability  curve  for  the  condition  without  gusts,  which  indicates  that 
an  average  vertical  velocity  for  all  transports  of  about  3-5  would 
be  equaled  or  exceeded  once  in  1,000  landings. 

The  analysis  of  airspeed  at  contact  indicated  that  one  out  of 
1,000  landings  will  equal  or  exceed  an  airspeed  of  50  percent  above  the 
stall  for  the  B-56  airplane,  60  percent  above  the  stall  for  the  trans- 
ports, and  about  70  percent  above  the  stall  for  the  B-47  airplane. 
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EFFECT  OF  GUSTS  ON  VERTICAL  VELOCITY  AT  CONTACT 
FOR  TRANSPORT  AIRCRAFT 


Figure  1 


COMPARISON  OF  VERTICAL  VELOCITIES  AT  FIRST  AND  SECOND  CONTACT 
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Figure  2 
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AIRSPEED,  PERCENT  ABOVE  STALL 


Figure  5 
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VERTICAL  AM)  DRAG  GROUKD-REACTION  FORCES  DEVELOPED 
IN  LANDING  IMPACTS  OF  A LARGE  AIRPLANE 
By  Richard  H.  Sawyer 
Langley  Aeronautical  Laboratory 

SUMMARY 


Tests  were  conducted  on  a large  boniber-type  airplane  to  determine 
the  ground  reactions  imposed  on  the  landing  gear  under  actual  landing 
conditions.  The  program  covered  landings  made  at  vertical  velocities 
up  to  8.5  feet  per  second  and  forward  speeds  at  contact  from  95  to 
120  miles  per  hour.  Landings  were  made  on  both  wet  and  diy  concrete 
runways.  Results  are  presented  of  the  effects  of  vertical  velocity 
at  contact  and  the  effects  of  runway  sxurface  condition  (wet  and  diy) 
on  the  vertical  and  drag  gro^lnd  reactions  obtained  during  the  landing 
impact. 


INTRODUCTION 


In  recent  years,  considerable  interest  has  arisen  in  the  problem 
of  obtaining  a more  rational  understanding  of  the  gro^^nd-reaction  forces 
applied  to  the  airplane  in  landing  and  taxiing  because  of  structural 
failures  that  have  arisen  from  these  forces.  Prediction  of  the  dynamic 
structirral  forces  causing  these  failures  is  possible  by  use  of  existing 
dynamic-analysis  methods,  but  the  methods  require  knowledge  of  the 
forcing  functions,  that  is,  of  the  ground-reaction  forces.  At  present, 
only  a limited  amount  of  reliable  experimental  results  defining  the 
ground-reaction  forces  under  actual  flight  conditions  or  under  condi- 
tions duplicating  flight  conditions  is  available. 

An  experimental  investigation  has  therefore  recently  been  conducted 
on  a large  boniber-type  airplane  to  obtain  information,  applicable  to 
large  airplanes,  on  the  ground  reactions  imposed  on  the  In-ndlng  gear 
under  actual  landing  conditions.  The  investigation  included  study  of  the 
interrelations  of  the  groimd  reactions,  as  well  as  the  relationship  of 
the  ground  reactions  to  landing-approach  conditions  and  to  landing-gear 
and  airplane  characteristics. 

The  results  presented  in  the  phase  of  the  investigation  reported 
herein  are  limited  to  the  effects  of  vertical  velocity  and  the  effects 
of  surface  condition  (wet  and  dry)  on  the  vertical  drag  ground 
reactions  obtained  during  the  landing  impact. 


S A W Y E K 


TESTS  AND  INSTRUMENTATION 


The  test  prograjn  covered  landings  of  a large  bomber  at  vertical 
velocities  ranging  up  to  8.5  feet  per  second  and  forward  speeds  at  con- 
tact from  95  to  120  miles  per  hour  with  various  drift  and  roll  attitudes 
at  contact  at  two  airplane  weights.  Most  of  the  landings  were  made  on 
dry  concrete , but  in  one  flight  six  landings  were  made  on  a rvuiway  wetted 
down  by  fire  hoses  to  simulate  a heavy  rain. 

A complete  list  of  the  quantities  measured  for  the  pvirpose  of 
defining  both  the  landing-approach  conditions  and  the  impact  and  spin- 
up  phenomena  is  tabulated,  as  follows: 


Approach 

Impact 

Center-of -gravity  acceleration 

Wheel  vertical  reaction 

Airspeed 

Wheel  drag  reaction 

Pitch  attitude 

Truck  side  reaction 

Pitching  velocity 

Truck  yawing  moment 

Roll  attitude 

Truck  vertical  velocity 

Rolling  velocity 

Tire  deflection 

Yaw  angle 

Wheel  rotational  velocity 

Yawing  velocity 

Oleo  displacement 

Drift  angle 

Pilot's  control  motions 

Nose -gear  trail  angle 

The  present  paper  is  limited  to  the  vertical  and  drag  ground-reaction 
results  obtained  on  the  main  wheels  of  the  landing  gear. 

Figure  1 illus'tirates  the  general  arrangement  of  one  of  the  diial- 
wheel  main  landing-gear  trucks  of  the  airplane  with  one  of  the  wheels 
removed.  The  weight  of  the  airplane  for  these  tests  was  approximately 
100,000  pounds,  necessitating  a tire  pressure  of  about  75  pounds  per 
square  inch  in  the  56-inch-diameter  tires.  The  shock  strut  shown  has 
an  overall  telescoping  action  of  12  Inches.  Also  illustrated  is  the 
instrumentation  pertinent  to  the  resTolts  given  in  this  paper.  The 
dynamic  vertical  and  drag  reactions  imposed  on  each  wheel  during  the 
landing  impact  and  wheel  spin-up  were  obtained  from  measurements  made 
with  the  strain  gages  and  linear  accelerometers  shown.  As  a check,  the 
drag  reaction  was  also  obtained  on  one  wheel  (from  consideration  of  the 
torque  applied  to  the  wheel  by  the  drag  reaction)  by  means  of  measure- 
ments of  wheel  rotational  acceleration  and  measurements  of  tire  deflec- 
tion with  the  trailing  arm  shown.  The  trailing  arm  included  instrumenta- 
tion to  give  the  vertical  velocity  of  the  truck  at  instant  of  contact. 

The  rotational  speed  of  each  wheel  was  determined  by  a tachometer 
fastened  to  the  outer  brake  shoe  and  geared  to  the  wheel. 
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RESULTS  AND  DISCUSSION 
Vertical  and  Drag-Reaction  Time  Histories 


Figure  2 illustrates  a time  history  of  the  vertical  and  drag  reac- 
tions on  one  wheel  experienced  in  a landing  at  a vertical  velocity  of 
5-5  feet  per  second  on  dry  concrete.  The  upper  cttrve  shows  the  buildup 
of  the  vertical  reaction  during  the  in^jact  and  its  decay  as  the  wheel 
starts  to  rebound.  The  two  lower  curves  show  the  bviildup  of  the  drag 
reaction  as  the  wheel  is  spinning  up,  the  sudden  decay  of  the  reaction 
to  about  zero  as  the  wheel  fully  spins  up  and  the  oscillatory  nature 
of  the  reaction  as  the  wheel  springs  forward  and  rearward  after  spin— up. 
The  good  agreement  throughout  the  spin-up  of  the  results  from  the  two 
methods  of  measuring  the  drag  reaction  is  shown.  Following  spin-up, 
the  drag  reaction  from  the  strain-gage  linear  accelerometer  measurements 
is  not  believed  to  be  as  reliable  as  that  from  the  angular  accelerometer 
tire -deflection  measurements  because  of  nonlinearities  and  hysteresis 
effects  due  to  the  axle  arrangement  which  were  amplified  by  the  rapid 
changes  in  the  drag  reaction.  It  is  interesting  to  note  that  spin-up 
of  this  relatively  large  wheel  for  the  in^jact  shown  was  completed  in  a 
little  over  0.1  second  corresponding  to  about  one-third  of  a revolution 
of  the  wheel. 


Wet  and  Dry  Surface  Conditions 

Figure  5 shows  a comparison  of  time  histories  (similar  to  the  one 
shown  in  figure  2)  for  landings  on  both  wet  concrete  antj  dry  concrete 
at  vertical  velocities  Vy  of  2.5  and  5-5  feet  per  second.  Several 
basic  effects  can  be  observed  from  this  figure.  An  increase  in  the 
maximum  vertical  load  with  increase  in  vertical  velocity  for  both  wet 
and  dry  conditions  is  evident.  For  the  lower  vertical  velocity,  the 
maximum  vertical  load  is  about  the  same  for  the  wet— runway  condition 
as  for  the  dry-runway  condition.  At  the  higher  vertical  velocity,  the 
maximum  vertical  reaction  is  slightly  higher  for  the  dry  condition 
than  for  the  wet  condition;  however,  this  result  was  not  consistently 
obtained,  as  will  be  shown  later.  For  the  wet-runway  condition,  it  is 
evident  that  the  coefficient  of  friction  between  the  tire  and  runway 
(the  instantaneous  ratio  of  the  drag  reaction  to  the  vertical  reaction) 
is  less  than  that  for  the  dry  condition.  As  would  be  expected  from 
impulse -momentum  considerations,  the  time  to  reach  maximum  drag  reaction 
is  greater  and  the  value  of  the  maximum  drag  reaction  is  less  for  the 
wet  condition  than  for  the  dry  condition.  The  maximum  drag  load  for  the 
wet  condition  is  decreased  both  by  the  lower  coefficient  of  friction 
by  the  delay  of  the  maximum  drag  load  to  a time  where  the  vertical  load 
has  decreased. 


Maximum  Vertical  Reactions 


In  figures  4 and  5,  the  effect  of  vertical  velocity  on  the  maximum 
vertical  reactions  measured  for  a number  of  landings  is  shown.  Fig- 
ure 4 shows  the  maximum  vertical  reactions  measirred  on  a truck  (the  sum 
of  the  loads  on  both  wheels  of  a truck) . Results  are  given  for  both 
left  and  right  trucks  for  landings  on  dry  and  wet  concrete.  Examina- 
tion of  the  results  showed  no  apparent  effect  of  the  secjuence  of  impact; 
that  is,  for  a given  vertical  velocity  of  a truck  the  resiilting  verti- 
cal reaction  was  about  the  same  whether  the  truck  was  the  first  or 
second  to  make  contact.  Inspection  of  the  results  obtained  from  the 
landings  on  wet  concrete  shows  no  consistent  effect  of  the  greatly 
reduced  friction  coefficient  present  in  these  tests  on  the  maximiim 
vertical  reactions.  This  last  resiolt  is  in  contrast  to  results  reported 
in  reference  1 which  showed,  for  the  bomber  airplane  used  in  those  tests, 
an  appreciable  reduction  in  the  maximum  structural  vertical  load  when 
the  structural  drag  force  was  reduced  by  prerotation  of  the  wheels, 
apparently  becaiise  of  reduced  friction  in  the  shock  strut.  The  rather 
high  values  of  the  maximum  vertical  reaction  shown  at  low  vertical 
velocities  apparently  result  from  the  fact  that  a vertical  reaction 
averaging  about  24,000  pounds  had  to  be  developed,  because  of  the  air 
pressure  in  the  strut  and  the  strut  static  friction,  before  the  tele- 
scoping action  of  the  shock  strut  started.  Thus,  up  to  this  '*breakout" 
force,  the  variation  of  the  maximum  vertical  reaction  with  vertical 
velocity  apparently  had  a rather  steep  slope  determined  by  the  load- 
deflection  characteristics  of  the  tires.  The  breakout  force  was  about 
the  same  for  both  wet  and  dry  conditions;  consequently,  this  force  was 
apparently  unaffected  by  the  lower  drag  reaction  in  the  wet  condition. 

For  correlation  with  the  experimental  results  shown  in  figure  4, 
some  values  of  the  maximum  vertical  reactions  have  been  calculated  by 
use  of  the  method  described  in  reference  2.  To  date,  for  the  assumed 
case  of  a rigid  airplane  in  a symmetrical  landing  but  with  use  of  the 
actual  tire  and  shock-strut  characteristics  of  the  airplane,  the  calcu- 
lated resvilts  obtained  show  the  same  trend  with  vertical  velocity  as  the 
experimental  results  but  with  values  10  to  15  percent  higher . 

For  comparative  pturposes,  design  limits  for  the  test  airplane 
reduced  to  the  wei^t  used  in  these  tests  are  shown.  The  upper  limit 
represents  the  maximum  vertical  load  for  the  case  of  zero  drag  load 
while  the  lower  limit  is  for  the  case  of  drag  load  equal  to  the  verti- 
cal load. 

In  figure  5 the  maximum  vertical  reaction  measvired  on  the  first 
wheel  of  a truck  to  make  contact  is  shown  - for  example,  in  a landing 
in  which  the  left  truck  contacts  first,  the  resiilts  shown  are  for  the 
left  outboard  wheel  and  the  right  Inboard  wheel.  The  dashed  curve  shown 
is  one-half  the  value  of  the  faired  truck  reaction  (fig.  4).  It  can  be 


seen  that,  if  an  average  is  considered,  the  TnayiTmim  vertical  reaction 
on  the  first  wheel  of  a truck  to  contact  is  somewhat  greater  than  one- 
half  the  value  for  the  truck,  and  therefore  the  average  TnaviTmiTn  verti- 
cal reaction  on  the  other  wheel  of  a truck  is  less  by  the  same  amount. 
Although  all  factors  which  cause  the  differences  in  reactions  on  the 
two  wheels  of  a truck  are  not  yet  understood,  it  is  believed  that 
the  differences  for  the  most  part  arise  from  factors  which  affect  the 
roll  angle  of  the  truck  with  respect  to  the  ground,  so  that  one  wheel 
makes  contact  first  and  has  a greater  tire  deflection  and  consequently 
8-  greater  reaction  than  the  other  throughout  the  iB^act.  jElxamination 
of  the  airplane  roll  attitude  at  contact  indicated  that,  if  an  average 
is  taken,  a roll  attitude  of  about  1°  existed  in  such  a direction  as 
to  cause  this  effect.  This  roll  attitude  used  with  the  known  force- 
deflection  characteristics  of  the  tires  gave  con^juted  differences  in 
the  reactions  of  the  wheels  of  about  2,500  pounds  at  low  vertical  veloc- 
ities and  about  4,500  pounds  at  the  hi^er  vertical  velocities.  These 
computed  values,  however,  account  for  only  about  one -half  the  differ- 
ences in  the  reactions  on  the  two  wheels. 


Variation  of  Coefficient  of  Friction 

Tne  variation  of  the  coefficient  of  Trie  Lion  with  the  instantaneous 
skidding  velocity  of  the  wheel  during  the  spin-up  period  is  shown  in 
figure  6.  The  spin-up  occurs  from  right  to  left,  the  highest  skidding 
^®locity  occurring  at  the  instant  of  Impsct  and  zero  skidding  velocity 
occurring  when  the  wheel  attains  the  fully  rolling  condition.  Results 
are  shown  for  a typical  landing  on  dry  concrete  and  for  a typical 
landing  on  wet  concrete.  In  each  case  the  hipest  skidding  velocity 
shown  by  the  data  is  about  5 percent  less  than  the  horizontal  velocity 
at  initial  contact  because  the  measured  loads  for  a small  interval 
after  contact  are  so  small  that  errors  in  the  measurements  are  signifi- 
cant in  conqDuting  the  friction  coefficient.  At  skidding  velocities 
near  zero,  data  is  not  presented  because  the  sudden  decay  of  the  drag 
load  at  this  time  prevented  accurate  determination  of  the  coefficient 
of  friction.  In  figure  "J , the  variation  of  the  same  quantities  for 
both  wet  and  dry  conditions  are  shown  for  a number  of  ^nn(^^ngg  as 
shaded  regions.  These  regions  represent  the  overall  variation  of  the 
faired  values  of  the  individxial  landings.  The  variations  in  the 
resxjlts  among  landings  is  believed  to  be  caused  primarily  by  differences 
in  the  condition  of  the  runway  sxirface  - for  exan^le,  in  the  dry  condi- 
tion the  presence  of  skid  marks,  oil,  dirt,  etc-,  and  in  the  wet  condi- 
tion by  these  same  effects  and  the  amount  of  water  present  on  the  run- 
way. The  friction  coefficient  for  the  dry  condition  is  seen  to  increase 
from  values  of  O.56  to  O.5O  at  nearly  full  sliding  to  0.68  to  O.85  at 
incipient  skidding.  For  the  wet  condition,  the  values  of  friction 
coefficient  range  from  0.10  to  0.20  at  nearly  full  sliding  to  0.28 
to  0-47  at  incipient  skidding.  Resiilts  are  also  shown  from  impacts 


with  forward  speed  and  from  in^acts  with  both  forward  speed  and  reverse 
rotation  of  a small  wheel  on  dry  concrete  in  the  Langley  Intact  Basin 
(ref.  5).  The  results  agree  well  with  the  present  results  near  spin-up^ 
but  the  trends  with  skidding  velocity  appear  to  be  in  disagreement^ 
probably  as  a result  of  the  effects  of  different  impact  conditions, 
especially  different  slip  ratios , where  the  slip  ratio  is  defined  as  the 
ratio  of  the  skidding  velocity  to  the  forward  speed  of  the  wheel.  The 
ratio  of  the  maximum  structural  drag  load  to  the  structural  vertical 
load  obtained  in  the  boniber  landing  tests  of  reference  1 attained 
values  as  high  as  0.8,  although  the  majority  of  the  results  were  con- 
siderably lower,  probably  because  the  runways  used  in  these  tests  were 
still  partly  covered  with  a camouflage  material  consisting  of  sawdust 
spread  on  an  asphalt  binder. 

The  present  results  indicate  that,  for  landings  on  dry  concrete, 
the  maximum  drag  reaction  will  be  of  the  order  of  80  percent  of  the 
vertical  reaction  at  spin -up.  It  also  appears  that,  for  estimation  of 
the  variation  of  the  drag  reaction  during  spin-up  for  use  in  dynamic- 
analysis  methods,  consideration  should  be  given  to  the  variation  of  the 
coefficient  of  friction  from  the  full-sliding  value  to  the  incipient- 
skidding  value.  The  considerably  lower  values  of  the  coefficient  of 
friction  on  the  wet  concrete  surface  suggest  the  possibility  of  reducing 
drag  loads  in  the  landing  intact  by  artificial  lubrication  of  the  tire 
or  runway  during  the  wheel  spin -up  period. 


SUMMARY  OF  RESULTS 


The  principal  results  presented  are  summarized  as  follows: 

1.  The  maximum  vertical  reaction  on  a truck,  or  on  the  first  wheel 
of  a truck  to  make  ground  contact,  appeared  to  be  primarily  a function 
of  the  truck  vertical  velocity  and  to  be  unaffected  by  the  sequence  of 
impact. 


2.  The  maximimi  vertical  reaction  was  apparently  unaffected  by  the 
greatly  reduced  friction  coefficient  present  in  the  landings  on  wet 
concrete . 

5.  The  first  wheel  of  a landing-gear  truck  to  make  contact  was 
found  to  have  a maximum  vertical  reaction  somewhat  greater  than  that 
of  the  other  wheel  of  the  truck.  The  difference  in  the  reactions  on 
the  two  wheels  of  a truck  is  believed  to  arise  primarily  from  factors 
which  affect  the  roll  angle  of  the  truck,  which  causes  one  wheel  to 
have  a greater  tire  deflection  and,  consequently,  a greater  reaction 
than  the  other  throughout  the  impact. 


4.  The  coefficient  of  friction  between  the  tire  and  the  runway  for 
both  dry  and  wet  surface  conditions  was  found  to  increase  considerably 
as  the  wheel  progressed  from  the  full-sliding  condition  to  the  incipient- 
skidding  condition  in  the  wheel  spin-up  process. 
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ARRANGEMENT  AND  INSTRUMENTATION  OF  MAIN  GEAR  TRUCK 
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Figure  1 


GROUND  REACTIONS  ON  WHEEL  IN  LANDING 
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Figure  2 


GROUND  REACTIONS 


Figure  3 


MAXIMUM  VERTICAL  GROUND  REACTION  ON  TRUCK 


Figure  4 


MAXIMUM  VERTICAL  GROUND  REACTION  ON 
FIRST  WHEEL  OF  TRUCK  TO  CONTACT 


Figure  5 


VARIATION  OF  COEFFICIENT  OF  SKIDDING  FRICTION 


Figure  6 


VARIATION  OF  COEFFICIENT  OF  SKIDDING  FRICTION 
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ON  SPECn^AL  ANALYSIS  OF  RUNWAY  ROUGHNESS  AND  LOADS 
DEVELOPED  DURING  TAXIING 

Dy  John  C.  Houbolt,  James  H.  Walls,  and  Robert  F.  Smiley 
Langley  Aeronautical  Laboratory 


SUM4ARY 


The  application  of  the  techniques  of  generalized  harmonic  analysis 
to  the  airplane  tajciing  problem  is  considered  in  a cursory  manner  in 
this  paper.  Some  previous  results  on  runway  roiaghness  are  reviewed,  and 
some  results  obtained  from  taxiing  tests  of  a large  airplane  are  given. 

It  is  indicated  that  an  extrapolation  by  elementary  means  of  results 
from  low  taxiing  velocities  to  higher  taxiing  velocities  would  lead  to 
conservative  results.  Oleo-strut  friction  is  shown  to  be  a very  important 
factor  in  the  taxiing  problem.  With  regard  to  the  load-prediction  phase 
of  taxiing  loads  by  spectral  techniques,  much  additional  work  is  required, 
especially  with  respect  to  the  treatment  of  the  transfer  functions. 


INTRODUCTION 


The  purpose  of  this  paper  is  to  review  some  previous  runway-roughness 
measurements  and  to  present  some  resxilts  obtained  from  taxiing  tests  of  a 
Boeing  B-29  airplane.  Besides  the  results  themselves,  the  chief  concern 
is  a preliminary  evaluation  of  how  well  the  techniques  of  generalized 
harmonic  analysis  apply  in  the  analysis  of  the  taxiing  problems.  There 
is  no  intent  in  the  paper  to  make  a comprehensive  study  of  the  problem  or 
even  to  evaluate  in  detail  some  of  the  points  covered.  This  paper  is  to 
be  regarded  as  being  introductory  in  nature. 


RUNWAY-ROUGHNESS  STUDIES 


A brief  review  of  an  earlier  runway- ro\ighness  study  is  given  in  this 
section.  Measurements  of  elevation  were  made  by  means  of  a surveyor’s 
level  and  rod  on  two  runways  at  Langley  Field,  Va.  The  spacing  of  the 
measurements  was  taken  as  2 feet.  These  measurements  and  the  power  spec- 
tra of  roughness  obtained  from  them  have  been  previously  published  in 
reference  1.  The  power  spectra  are  reproduced  in  figure  1 where  the 
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ordinate  is  the  power  gpiSctrum  of ‘runway  elevation  h and  the 

abscissa  fi  is  a spacial  frequency  which  is  inversely  related  to  the 
length  L of  the  harmonic  components  as  indicated  in  the  figure.  The 
curve  labeled  "smooth"  applies  to  one  of  the  Langley  runways  in  routine 
use.  The  curve  labeled  "rough"  applies  to  a runway  which  is  now  used 
only  for  parking. 

From  these  results  three  significant  points  may  be  drawn:  (l)  The 

use  of  power- spectral  analysis  seems  to  be  a very  concise  way  of  pre- 
senting runway  characteristics  and  gives  at  a glance  the  manner  in  which 
the  roughness  is  distributed  to  the  various  frequency  components.  (2)  A 
means  is  suggested  for  establishing  a criterion  for  judging  the  severity 
of  runway  roughness.  Thus,  it  is  conceivable  that,  by  compiling  the 
spectra  of  many  different  satisfactory  runways,  a spectrum  may  be  estab- 
lished within  whose  limits  all  new  runways  must  be  built  or  1 old 
runways  maintained  in  order  to  insure  satisfactory  operation.  And  (5)  as 
an  extension  of  the  second  point,  a "design  spectrum"  might  also  con- 
ceivably be  established  which  provides  the  basis  for  a rational  require- 
ment in  the  design  for  taxi  loads. 

It  is  realized  at  present  that  the  question  of  whether  a runway  is 
rough  is  largely  a subjective  one;  it  depends  on  pilot  interpretation, 
his  experience,  what  type  of  operations  are  being  performed,  and  other 
considerations.  From  the  information  that  could  be  gathered,  it  is 
judged  that  the  rough  runway  dealt  with  in  reference  1 is  a borderline 
case.  Thus,  tentatively  the  experimental  spectrum  for  this  runway  might 
be  regarded  as  an  upper  limit  of  acceptable  roughness,  or  as  a lower 
limit  of  runways  which  are  too  rough. 


LOAD  PREDICTION  AND  RESULTS  OF  TAXIING  STUDIES 


The  problem  of  predicting  loads  in  an  airplane  from  spectra  of 
roughness  is  now  considered.  For  the  airplane  with  pneumatic  tires, 
nonlinear  struts,  and  many  degrees  of  freedom,  the  problem  is  extremely 
difficult;  in  fact,  it  is  not  known  whether  a solution  is  possible. 
However,  the  remainder  of  this  paper  does  present  a few  observations 
pertinent  to  a solution  of  this  problem  which  have  been  gathered  largely 
from  taxi  tests  with  a Boeing  B-29  airplane.  By  way  of  introduction, 
consider  what  elementary  theory  would  predict.  As  a first  approximation, 
the  runway-roughness  spectrimi  may  be  expressed  by  a simple  expression  of 

the  form  = c/d^,  where  C is  a constant.  In  terms  of  the  fre- 

quency argument  cu  = Vfi,  where  cu  is  frequency  in  radians  per  second, 
the  roughness  spectrum  would  be  = Cv/oj^.  If  a linear  system  is 

assumed,  then  the  following 


inpu^output  relation  applies 
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3>o(co)  = T"^(o))$j^(cd) 


where  <I>Q(a))  is  the  output  spectrum  and  T(oi)  is  the  amplitude  of  the 

frequency— response  function.  With  the  previous  approximate  input  expres- 
sion, the  output  would  he 


iAa>)  = V 


U) 


Wow,  if  the  further  assumption  is  made  that  T is  independent  of  air- 
plane  velocity  when  expressed  in  terms  of  the  frequency  argument  cs, 
it  is  seen  that  the  output  spectrum  should  he  linearly  proportional  to  V. 
This  suggests  that  the  mean— square  output,  which  is  the  area  under  the 
output  spectrum,  is  proportional  to  V. 


This  relation  was  tested  hy  means  of  the  B-29  taxi  tests  and  the 
results  are  shown  in  figure  2,  where  is  the  mean-square  value  of 

center-of-gravity  vertical  acceleration.  It  is  seen  that  the  resiats 

^ oil X one  xewTex  "ve-LGCitxes  • There  however,  a 
marked  dropoff  in  the  mean-square  acceleration  for  high  velocities;  an 
explanation  for  this  is  offered  in  the  subsequent  discussion. 


Next,  the  distribution  of  mean-square  acceleration  to  the  various 
frequency  components  is  considered.  Figure  5 shows  the  B-29  output 
spectra,  in  terms  of  the  spectrum  of  center-of -gravity  vertical  accel- 
eration, plotted  as  a function  of  frequency  co  in  radians  per  second. 
Curves  are  shown  for  three  different  velocities.  First,  note  the  rather 
pronounced  peaks  in  the  spectra.  These  peaks  may  he  identified  with 
certain  natural  frequencies.  The  first  peak  is  associated  with  the 
vibration  of  the  airplane  on  its  tires;  the  second,  with  fmdamental 
wing  bending;  and  the  third,  with  fuselage  bending.  Next,  note  that  at 
the  higher  frequencies  there  is  an  orderly  increase  in  the  spectra  height 
with  velocity,  consistent  with  the  result  derived  on  an  elementary  basis. 
At  the  lower  frequencies,  however,  where  there  is  the  most  power,  there 
is  first  an  increase  and  then  a decrease  as  the  velocity  increases.  As 
was  previously  mentioned,  the  areas  under  these  curves  equal  the  mean- 
square  accelerations.  It  can,  thus,  be  seen  that  the  area  would  not 
increase  linearly  with  velocity;  but  more  specifically  it  can  be  seen 
that  the  departure  from  linearity  is  due  largely  to  the  dropoff  of  the 
spectra  at  high  velocities  in  the  lower  range  of  frequency,  where  the 
roughness  is  most  severe. 

An  explanation  of  why  this  dropoff  occurred  can  be  made  by  examining 
the  behavior  of  the  main  oleo  struts,  which  is  shown  in  figure  This 
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fig^j^  Jy^59B.t4»«’»pyoAtic^i  oSclXlcTg^aph,  \;races  of  oleo-sfrut  motion,  wliicli 
show  two  important  points:  (l)  At  10  mph,  there  is  no  strut  motion^  and. 

(2)  at  other  velocities,  strut  motion  is  only  in  the  form  of  random  step 
functions,  the  number  and  severity  of  these  step  functions  increasing  as 
the  velocity  increases.  Both  these  points  indicate  the  presence  of  a 
very  sizable  friction  force  in  the  struts.  In  fact,  at  10  mph,  the 
taxiing  loads  evidently  never  exceeded  the  friction  force;  and,  therefore, 
the  airplane  behaved  like  a flexible  structure  on  elastic  tires  only.  At 
higher  taxiing  speeds  the  strut  releases  momentarily  and  then  seizes  as 
the  taxiing  loads  occasionally  exceed  the  friction  force,  and  the  number 
of  such  occurrences  increases  with  velocity  as  might  be  expected.  This 
inherent  load-limiting  action  seems  to  account  for  the  dropoff  in  the 
output  spectra  at  the  higher  velocities.  To  see  this  erratic  behavior 
take  place,  however,  is  somewhat  disconcerting,  since  it  appears  that 
such  factors  have  to  be  included  in  the  treatment  of  the  problem. 


In  the  treatment  of  this  problem  by  spectral  techniques,  the  deter- 
mination of  the  frequency  response  or  transfer  function  is  of  primary 
interest.  It  has  been  suggested  that  perhaps  the  frequency-response 
function  of  the  airplane  could  be  deduced  from  the  response  that  is 
obtained  by  taxiing  over  rectangular  b\mips,  thereby  obviating  all  the 
assumptions  and  restrictions  that  would  have  to  be  made  in  attempting  to 
derive  these  functions  analytically.  Therefore,  some  taxiing  runs  over 
i-0ctangular  planks  were  included  in  the  B— 29  taxi  tests.  Figure  5 shows 
three  of  the  time  histories  of  center-of -gravity  acceleration  that  were 
obtained.  It  is  noted  that  these  cuirves  resemble  the  damped  10  cps  sine 
wave  which  is  shown  also  for  comparison.  This  10  cps  freqioency  is  very 
much  higher  than  the  predominating  characteristic  frequencies  that  are 
present  in  the  output  spectra  of  figure  3,  which  were  on  the  order  of  2 
to  5 cps.  The  impulsive  loads  received  from  the  planks  evidently  excite 
a very  high  frequency  component  which  completely  dominates  the  lower 
frequencies  of  concern  in  continuous  roughness  studies.  In  addition, 
there  was  a very  pronounced  oleo  movement  in  these  tests.  Thus,  not  only 
are  different  frequencies  excited  but  also  the  system  behaves  differently 
than  it  does  in  the  normal  taxiing  operations.  There  is,  therefore,  no 
point  in  trying  to  derive  the  frequency -response  functions  from  these 
impulse  responses,  since  there  is  essentially  no  low  frequency  power 
coming  through . The  conclusion  drawn  is  that  presumably  a more  appro- 
priate type  of  test  would  be  to  taxi  over  a corrugated  surface  having 
long  wavelengths. 

The  final  aspect  in  this  paper  deals  with  the  computation  of  the 
frequency  response  or  transfer  function.  As  yet  it  is  not  known  whether 
it  is  possible  to  pursue  the  course  of  action  where  an  equivalent  linear 
system  is  found  which  will  yield  results  characteristic  of  the  actual 
system,  or  whether  it  is  necessary  to  go  to  a more  involved  nonlinear 
treatment.  Many  of  the  remarks  made  thus  far  concerning  the  several 
structural  degrees  of  freedom  and  the  erratic  behavior  of  the  oleo  as 
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characteristics  - st;iggest  seme  of  the  factors  that  undoubtedly  have  to 
"be  included  in  this  consideration.  As  an  example  of  another  factor  which 
has  to  he  included,  figure  6 presents  theoretically  derived  transfer 
functions  for  the  case  where  the  airplane  is  considered  rigid  and  the 
landing  struts  are  replaced  hy  linear  undamped  springs.  The  point  to 
note  is  that  the  transfer  fiinction  at  80  mph  is  slightly  different  than 
at  10  mph,  thereby  indicating  a slight  velocity  dependence,  which  is 
contrary  to  the  assumption  made  in  the  elementary  consideration  at  the 
beginning  of  this  paper.  Thus,  velocity  is  another  factor  which  must  "be 
considered.  The  manner  in  which  velocity  enters  is  connected  with  the 
bumps  and  valleys  of  the  cixrves  in  figure  6.  The  first  two  peaks  are 
associated  with  a structural  type  of  resonance;  the  other  peaks,  however, 
are  associated  with  a geometric  type  of  resonance.  These  later  peaks 
correspond  roughly  to  the  condition  where  the  wavelengths  of  the  ground 
roughness  are  direct  multiples  of  the  distance  between  the  main  and  nose 
landing  gears.  For  these  conditions,  both  main  and  nose  landing  gears 
rise  and  fall  together;  hence,  the  individual  effects  of  the  two  gears 
on  the  center- of -gravity  acceleration  are  additive.  The  later  valleys 
on  the  curves  correspond  roughly  to  those  ground  wavelength  conditions 
where  the  motions  of  the  two  gears  are  the  most  out  of  phase,  such  that 
the  main  gear  is  rising  when  the  nose  gear  is  falling.  Hence,  one  gear 

"to  produce  pOSX*bXV0  Celiber— of*-grglVXoy  S.CCel.Gra.'oXOIij  ViiXl.C  ■fcliS  O'oliCjr 

one  tends  to  produce  negative  acceleration  - the  net  center-of -gravity 
acceleration  being  the  difference  of  these  two  accelerations  as  compared 
to  the  sum  for  the  case  where  the  two  gear  motions  are  in  phase. 


CONCLUSIONS 


From  an  investigation  of  runway  roughness  and  loads  developed  during 
taociing  of  a large  flexible  airplane,  the  following  conclusions  are 
presented; 

1.  The  use  of  spectral  techniques  seems  to  "be  a rather  concise  way 
of  presenting  the  characteristics  of  runway  roughness. 

2.  An  extrapolation  by  elementary  means  of  results  from  low  taxiing 
velocities  to  higher  taxiing  velocities  would  lead  to  conservative  results. 

3.  Oleo-strut  friction  is  an  important  factor  in  the  'behavior  of 
airplanes  while  taxiing. 

4.  With  regard  to  the  load-prediction  phase  of  taxiing  loads  by 
spectral  techniques,  much  additional  work  is  required,  especially  with 
respect  to  the  treatment  of  the  transfer  function. 
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AM)  WIND-TUMIEL  BUFFETING  LOADS 


By  Wilber  B.  Huston,  A.  Gerald  Rainey,  and  Thcanas  F.  Baker 
Langley  Aeronautical  Laboratory 
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SUMMARY 


Coniparison  of  the  buffet  loads  measured  on  wlnd-t\mnel  models  with 
loads  meastired  in  fli^t  indicates  that,  during  the  course  of  the 
regular  wind-tunnel  testing  program  on  a model,  a sinqole  strain-gage 
measurement  can  be  made  which  can  be  used  to  predict  the  wing  buffet 
loads  on  the  airplane.  Ihe  comparison  is  made  for  airplanes  with  swept 
and  with  \mswept  wings.  The  relation  between  buffet  loads  on  a model 
and  buffet  loads  on  ein  airplane  in  fli^t  is  discvissed  from  the  stand- 
point of  the  input-output  relationships  of  generalized  harmonic  analysis. 
The  analysis  of  buffet  load  measurements  on  a statistical  basis  is 
outlined. 


INTRODUCTION 


Tn  several  of  the  wind  tunnels,  ejqperiments  have  been  under  way 
to  see  whether  some  Himple  measiu*einent  could  be  made,  preferably  in 
the  course  of  the  regular  wind-tunnel  testing  program,  which  would 
predict  the  buffeting  loads  encoxmtered  on  the  airplane.  13iis  paper 
is  in  the  nature  of  a progress  report  on  this  investigation. 

Tn  a study  of  this  sort  it  has  been  necessary  to  find  a measure 
of  the  loads  which  despite  the  fluctuating  character  of  bttffeting  wo\ild* 
permit  cca^arison  of  model  and  airplane  res^llts.  Hie  Instrumentation 
has  been  based  on  electrical  strain-gage  bridges  mounted  at  the  wing 
root  of  both  model  and  airplane.  Statistical  procedures  have  been 
used  in  the  data  reduction  and  some  of  the  quantities  used  are  illus- 
trated in  figure  1. 
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chord 

lift  coefficient 

effective  slope  of  lift  curve  under  condition  of 
separated  flow 

bending-moment  coefficient 

normal-force  coefficient 

frequency 

dynamic  pressure 

time 

time  interval 

section  normal-force  coefficient 

power  spectral  density  function  of  buffet  force 

static  atmospheric  pressvire 

airspeed 

spanwise  coordinate 

location  of  strain-gage  station 

a structural  factor 

area 

effective  area  in  bending 
effective  area  in  bending 
mass  of  wing 

effective  mass  of  wing  in  bending 

normalized  shape  of  first  bending  mode 

effective  moment  of  wing  mass  outboard  of  strain-gage 
station 
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standard  deviation,  or  root-mean-square  value 
ratio  of  damping  to  critical  damping 
circular  frequency 
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L shear 

M moment 


ANALYSIS  OF  FLUCTUATING  DATA 


The  wavy  line  in  figure  1 is  a portion  of  a strain-gage  record 
taken  during  buffeting.  Maximum  peak-to-peak  valiies  have  been  used 
in  the  past  as  a measure  of  magnitude,  but  this  measxire  suffers  from 
a number  of  disadvantages.  If  the  fluctuations  y^  are  taken  as 
variations  about  the  mean  line  (dashed),  a number  of  studies  under 
constant  conditions  of  lift  and  Mach  number  both  in  wind  tunnels  and 
in  flight  show  that  the  fluctuations  are  normally  distributed. 

In  other  words,  bvif feting  is  a particular  type  of  a random  process, 
a Gaussian  process.  For  such  a process  a natural  measure  and  one 
which  is  of  a much  more  stable  nature  than  a peak-to-peak  value  is 
the  root-me£in-square  value  or  the  standard  deviation  a.  In  the 
tunnels,  this  measure  is  easily  obtained  from  a strain-gage  output 
with  standard  electrical  techniques.  In  flight,  buffeting  is  fre- 
quently encovmtered  diaring  maneuvers,  and  the  buffeting  intensity  may 
cheinge  with  flight  condition.  For  the  analysis  of  fli^t  records, 
where  as  here  the  maneuver  con5)onent  is  changing,  it  has  been  found 
feasible  to  separate  the  two  ccanponents  by  using  numerical  methods 
(see  ref.  l),  break  the  buffet  con5)onent  into  a series  of  short 
intervals  of  say  1/2  second,  determine  the  root-mean-square  value  over 
each  as  defined  by  the  formula,  and  use  it  as  a measure  of  intensity. 
Flight- load  data  obtained  in  this  way  have  been  used  for  comparison 
with  the  wind-tunnel  data. 


SCALING  OF  BUFFET  LOADS 


For  comparison  of  fli^t  and  model  loads,  some  sort  of  scale  factor 
is  required.  For  dynamic  analyses,  the  conplexity  of  this  scale  factor 
would  depend  upon  the  conplexity  of  the  dynamic  systems  involved. 
Although  airplanes  exhibit  complex  vibration  patterns,  there  are  indi- 
cations that,  in  some  instances  at  least,  sinpliflcation  is  permissible 
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for  the  analysis  of  buffeting.  Showi  in  figure  2 are  frequency  anal- 
yses of  the  wing-root  "bending  moments  obtained  on  three  different  air- 
planes : the  Douglas  X-5  with  xinswept  wing,  the  Douglas  D-558-II  with 

swept  wing,  and  the  Convair  XF-92A  with  delta  wing.  The  ordinate  is 
the  power  spectral  density  of  the  wing  bending  moment  as  obtained  by 
Tukey's  numerical  procedures  (see  ref.  2)  or  the  equivalent  electrical 
techniques.  Each  spectrum  is  characterized  by  a single  large  peak  and 
is  similar  to  the  response  of  a lightly  danced  single-degree-of -freedom 
system.  In  each  case  this  peak  is  that  associated  with  first  symmetri- 
cal wing  bending.  Other  modes  are  excited  but  to  a very  much  lesser 
extent  and  it  appears  that  a dynamic  analysis  based  on  a single  degree 
of  freedom  should  at  least  take  care  of  first-order  effects. 


A simple  basis  for  scaling  buffet  loads,  and  one  which  has  been 
frequently  used  for  the  analysis  of  buffet  data  may  be  termed  the  static 
analogy.  Just  as  static  forces  such  as  lift  or  bending  moment  are 
defined  by  dimensionless  coefficients  s^nd  in  the  equations 

L = C^qS  (1) 


M = CLq  I S (2) 

the  root-mean-square  shear  or  root-mean-square  bending  moment 

could  be  expressed  by  similar  buffeting  coefficients 

<JL  = CL^qS  (5) 


= CM^q  I S W 

The  dynamic  analysis  of  buffeting  has  been  considered  in  some 
detail  in  references  5 to  5.  The  method,  that  of  generalized  harmonic 
analysis,  is  illustrated  in  some  detail  in  reference  5 which  has  pro- 
vided the  basis  for  the  present  study.  The  input  force,  the  admittance 
of  the  elastic  system,  and  the  aerodynamic  damping  all  vary  with  fre- 
quency. lift  fluctuations  associated  with  the  separated  flow  over  the 
wing  are  expressed  in  terms  of  their  frequency  content  by  means  of  a 
spectrum  which  is  a function  not  only  of  frequency  but  of  reduced  fre- 
quency toc/'V", 


l2(o.)  = q2c2  £ 


(5) 


The  admittance  is  that  for  a single-degree-of -freedom  system. 


The  dajiqping  expressed  in  terms  of  critical  damping  is  aerodynamic  of 
the  sort  which  is  proportional  to  the  angle-of -attack  changes  induced 
hy  the  velocity  of  the  bending  vibrations  and  is  specified  by  an  effec- 
tive slope  of  the  lift  cxirve  which  is  also  a function  of  reduced 

frequency 

These  relationships  may  be  used  to  conpute  the  root-mean-square 
bending  moment  at  the  wing  root 


/q  Fg 


In  this  expression  (eq.  (8)),  the  many  parameters  which  enter  have  been 
grouped  in  several  related  terms.  The  first  term  in  brackets  includes 
the  principle  physical  characteristics  of  the  wing  (natural  frequency, 
span,  chord,  and  mass) . The  operating  conditions  are  represented  by 
the  square  root  of  q.  The  quantity  Fg  is  a dimensionless  structural 
factor  which  reduces  the  actual  values  of  wing  area,  mass,  and  moment 
arm  to  their  effective  values  in  the  vibrating  system.  For  a wing  with 
spanwise  chord  distribution  c(y)  the  area  S and  two  effective 
areas  Sx  and  S2  are  given  by  the  expressions 


pb/2 

S = / c(y)dy 

^-b/2 

(9) 

rb/2 

Si  = / c(y)wi(y)dy 

-b/2 

(10) 

pb/2 

So  = / c(y)wx^(y)dy 
'^-b/2 


(11) 
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where  ^±{y)  is  the  shape  of  the  fundamental  wing-bending  mode  (taken 
as  unity  at  the  wing  tips^  y = ±b/2)  . For  a spanwise  mass  distribu- 
tion ni(y)^  the  wing  mass  and  an  effective  mass  M]_  are  defined 

by  the  integrals 


The  effective  moment  of  the  mass  outboard  of  the  point  yg  at  which 
the  strain-gage  station  is  located  is 

pb/2 

= J (y  - yg)m(y)wi(y)dy 

and  the  structural  factor  F3  is  given  by  the  equation 

p = /jt  Si^  Ml 

Mi|VSS2SMv, 

Tlie  second  term  in  brackets  (eq,  (8))  represents  the  magnitudes  of  the 
input  spectrum  and  the  damping  at  the  particular  value  of  reduced  fre- 
quency corresponding  to  the  fundamental  bending  frequency,  the  average 
chord,  and  the  flight  speed. 

One  simple  basis  for  dynamic  scaling  is  evident  in  equation  (8). 
For  both  an  airplane  and  its  model,  the  factor  Fg,  depending  primarily 
on  plan  form  and  mode  shape  would  be  the  same.  If  the  reduced  fre- 
quency of  the  model  in  the  tunnel  can  be  arranged  to  be  the  same  as 
the  flight  value,  the  second  term  in  brackets  would  also  be  the  same. 
Thus  in  the  ratio  of  the  root-mean-sqiiare  bending  moment  in  flight  to 
that  of  the  model,  the  primary  factor  is  the  group  of  parameters 
included  in  the  first  bracket. 


(iM 


(15) 
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On  the  other  hand,  a more  elaborate  study  could  evaluate  the 
reduced  frequency  function  (second  term  in  brackets)  and  it  could  be 
used  as  the  basis  for  scaling.  This  parameter  has  been  used  in  the 
flutter -tunnel  stxady  described  subsequently. 

One  important  distinction  between  the  static  and  dynamic  bases 
for  scaling  lies  in  the  forms  q and  An  example  of  the  use  of 

statistical  procedures  for  the  analysis  of  fli^t  buffeting  loads 
which  appears  to  discriminate  neatly  between  the  static  eind  dynamic 
case  is  provided  by  a recently  completed  analysis  of  some  buffeting 
data  on  the  Worth  American  F-86a,  some  of  which  are  shown  in  figure  5. 


COREffiLATION  OF  BUFFET  lOAD  WITH  FLIGHT  COWDITION 


Shown  on  the  left-hand  side  of  figure  5 are  the  values  of  Cjj 
and  Ifech  number  during  a typical  gradual  turn  into  biif feting.  THp 
circles  represent  conditions  at  successive  one-second  Intervals.  Also 
reproduced  are  half -second  samples  of  an  oscillograph  record  of  a wing- 
rootystrain-gage  bridge  sensitive  in  this  case  primarily  to  shear.  The 
arrows  run  to  the  average  fli^t  condition  dijring  the  sample > the 
n\jmbers  10  to  5^0  are  the  values  of  root-mean-square  shear.  There  is 
a strong  ccrrelation  between  values  of  a and  Cjj  for  this  maneuver, 
as  indicated  by  the  plot  on  the  ri^t.  This  maneuver  was  performed  at 
55^000  feet.  Similar  data  exist  for  a number  of  runs  at  this  altitude 
at  M = 0.8  and  also  at  45,000  feet.  For  wing-root  bending  moments, 
there  are  data  at  20,000,  55,000,  and  45,000  feet,  some  of  which  are 
shown  in  figure  4,  where  a comparison  is  made  between  the  buffet  loads 
at  three  different  altitudes  at  M = 0.8.  The  root-mean-square  bending 
moment  is  plotted  against  the  static  pressure  on  a log- log  scale.  The 
values  and  trends  shown  here,  which  are  for  a of  O.65,  are  typical 

of  those  obtained  with  both  shear  and  bending  moment  at  other  values 
of  Cjj,  Strai^t  lines  with  sloi)es  proportional  to  p and  ^ have 
been  placed  on  the  plot.  Since  Mach  number  is  constant,  these  lines 
are  also  proportional  to  q and  The  agreement  shown  with  the  ^ 

relationship  confirms  for  a swept  wing  at  transonic  speeds  the  indi- 
cations from  an  unswept  wing  reported  in  reference  5 and.  lends  strong 
support  to  the  validily  of  the  dynamic  approach  to  buffet  scaling. 


COMPARISON  OF  WIND-TUWNEL  AND  FLIGHT-TEST  RESUITS 

In  figirre  5 some  buffet  loads  are  given  for  a l/l6-scale  model  of 
the  Douglas  D-558-H  measured  in  the  langley  7-  ^7  10-foot  tunnel. 
Shown  are  results  for  four  different  Mach  numbers.  The  root-mean- 
square  bending  moment  measured  near  the  wing  root  at  the  50-percent 
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chord  line  has  been  measured  with  a strain-gage  bridge  and  is  plotted 
against  lift  coefficient.  Circles  represent  runs  made  at  the  start  of 
a general  program  on  the  model;  squares  represent  a check  run  made  at 
the  middle  of  the  general  program;  both  show  a good  order  of  consistency. 
Straight  lines  have  been  faired  through  the  data  to  represent  what 
appear  to  be  three  typical  characteristics-  A low-level  portion  at  low 
lift  showing  no  change  with  lift  occurs  first;  then  there  is  a sharp 
increase  with  lift;  and  at  the  higher  Mach  numbers  there  is  a further 
change  in  slope  at  still  higher  values  of  lift. 


The  low-level  portion  is  believed  to  be  associated  with  the  resid- 
ual tunnel  turbulence . These  tests  were  made  following  the  installa- 
tion of  screens  in  the  tionnel^  a change  which  considerably  improved  the 
dynamic  response  of  models  although  no  change  in  static  aerodynamic 
characteristics  was  noted.  The  increase  in  level  is  similar  to  that 
noted  in  flight  on  the  F-86A.  The  change  in  slope  was  not  noted  on  the 
F-86a  tests  but  it  occurs  at  values  of  lift  which  are  higher  than  those 
reached  in  that  study. 


An  important  difference  between  the  loads  measured  on  the  model 
in  buffeting  and  those  on  the  airplane  is  apparently  associated  with 
the  model  si:5)port  system.  The  model  was  sting  supported^  the  actual 
connection  between  sting  and  model  being  a six-component  strain-gage 
balance.  A frequency  analysis  of  the  model  wing-root  bending  moment 
in  buffeting  is  shown  in  figure  6.  For  the  model  as  for  the  airplane, 
the  bending  moments  in  buffeting  are  largely  associated  with  response 
in  the  first  symmetrical  wing  bending  mode,  in  this  case  centered  on 
196  cps,  but  another  mode,  which  is  a rocking  motion  of  the  model  as 
a whole  about  the  balance,  is  also  present  at  about  80  cps.  This 
physical  restraint  of  roll  by  the  balance  represents  a constraint  and 
a vibrational  mode  which  have  no  real  counterparts  in  the  buffet  response 
of  the  airplane.  The  meter  used  to  record  the  wing -root  strain-gage 
output  recorded  the  mean  square  of  all  couqDonents  above  about  5 cycles 
per  second.  Frequency  analyses  (of  which  figiire  6 is  typical)  have 
been  made  of  a few  osci3_lograph  records  obtained  during  the  tests  at 
M = 0.9.  These  analyses  indicate  that  rou^ly  one-haUT  of  the  mean- 
square  bending  moment  is  associated  with  the  symmetrical  bending  mode. 
That  is,  on  a square-root  basis,  the  data  of  figure  ^ at  M = 0-9  Q-^e 
roughly  50  percent  high  when  comparison  with  flight  is  contemplated. 

It  also  appears  that  a sin5>le  correction  could  be  made  or  a high  pass 
filter  could  be  used  to  separate  the  symmetrical  bending  mode.  Suffi- 
cient data  are  not  now  available,  however,  to  adjust  these  data  at  all 
Mach  numbers  so  that,  for  an  extension  to  flight-test  conditions,  the 
faired  lines  were  used  to  represent  the  wind-tunnel  data,  the  low-level 
portion  being  ignored. 

Shown  in  figure  7 is  a comparison  of  the  model  loads  (fig-  5) 
scaled  to  the  D-558-iI  airplane  and  con^Dared  with  the  root-mean-square 
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bending  moments  measured  in  two  gradual  turns  into  buffeting  at  the 
average  ffech  numbers  shown.  The  reduced  frequencies  of  both  model  and 
airplane  are  nearly  the  same;  the  lines  represent  the  1/16-scale- 
model  loads  scaled  to  the  flight  conditions  on  the  basis  of  the  dynamic 
analysis  incorporated  in  equation  (8).  Ohe  agreement  between  the 
scaled  and  flight  data  is  considered  to  be  encouraging. 


In  connection  with  figures  5 and  6,  it  was  stated  that  the  wind- 
tunnel  data  at  M = 0.9  were  of  the  order  of  50  percent  high  because 
of  the  presence  of  model  response  in  modes  (especially  the  rocking  mode 
at  80  cps)  which  have  no  counterpart  in  flight.  The  shaded  area  on  the 
right-hand  side  of  figure  7 is  used  to  indicate  where  the  model  tests 
would  fall  if  a simple  correction  were  made  for  this  effect.  This 
comparison  with  flight  loads  is  considered  to  be  promising,  especially 
when  coupled  with  the  results  of  a study  under  way  in  the  Langley 
flutter  tunnel  shown  in  figures  8 and  9. 


In  figure  8 the  ordinate  is  the  value  of  root— mean— square  bending 
moment  in  buffeting  expressed  in  terms  of  the  reduced  frequency  buffeting 
parameter  discussed  in  connection  with  the  dynamic  analysis 


The  abscissa  is  the  reduced  frequency  copc/V  where  o>]^  is  the  fre- 
quency of  fundamental  bending  and  c,  the  average  chord.  These  tests 
were  run  on  a family  of  related  unswept  wings  of  the  same  geometry  and 
airfoil  section  which  differed  only  in  stiffness  and  natural  frequency 
and  thus  in  the  product  o)ic  shown.  Each  point  represents  a value  of 
reduced  frequency  corresponding  to  a different  speed.  These  data  are 
for  an  angle  of  attack  of  12®;  data  have  been  obtained  for  a number  of 
<lilferent  angles  of  attack.  The  variation  with  reduced  frequency  is 
typical.  It  is  well  represented  by  a mean  line  at  higher  values  of 
^1®/^J  bhe  separation  at  lower  values  is  believed  to  be  a Mach  number 

effect  and  is  the  subject  of  further  investigation  involving  tests  in 
both  air  and  Freon. 


These  tests  were  made  on  semispan  models  rigidly  mounted  on  the 
tunnel  wall.  The  lowest  identifiable  frequency  in  the  strain-gage 
output  is  that  of  fundamental  bending  and  the  buffeting  should  there- 
fore be  comparable  to  that  in  flight.  A comparison  with  flight  has 
been  made  by  using  the  data  of  figure  9 and  that  of  other  angles  of 
attack;  the  range  of  reduced  frequencies  covered  in  the  comparison  is 
indicated  by  the  mean  line.  The  wind-tunnel  data  were  used  to  estimate 
the  b^affet  loads  on  the  X-5  airplane.  The  results  are  shown  in 
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figlire  9*  Ths  circles  represent  values  of  root-mean-square  bending 
moment  measured  during  a 1 g stall  at  constantly  decreasing  airspeed 
plotted  against  angle  of  attack.  The  change  in  Mach  number  during  the 
run  is  indicated  by  the  arrows.  The  wind-tunnel  results  have  been 
scaled  on  a dynamic  basis.  The  comparison  again  is  considered  to  be 
promising. 


CONCLUDING  REMARKS 


The  present  study  has  summarized  the  available  data  on  the  use  of 
model  tests  as  an  indicator  of  the  magnitude  of  buffet  loads.  The 
strain-gage  technique^  applied  to  both  an  unswept  and  a swept  configu- 
ration^ appears  promising,  and  its  use  appears  to  be  indicated  in  those 
wind  tunnels  with  suitable  flow  characteristics. 

Statistical  concepts  provide  a valuable  guide  in  the  analysis  of 
flight-test  data  and  scaling  of  the  wing  loads  on  a simple  dynamic 
basis,  which  employs  the  methods  of  generalized  harmonic  analysis, 
appears  to  be  feasible. 
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Figure  3 


VARIATION  OF  BUFFET  LOAD  WITH  ALTITUDE 


COMPARISON  OF  MEASURED  AND  SCALED 
BUFFET  LOADS  FOR  D-558-H  AIRPLANE 


Figure  7 
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Figure  8 


COMPARISON  OF  MEASURED  AND  SCALED 
BUFFET  LOADS  FOR  X-3  AIRPLANE 
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SUMMARY 


An  application  is  made  of  the  method  of  generalized  harmonic  analysis 
to  the  problem  of  prediction  of  stresses  in  airplane-skin  panels  due  to 
excitation  by  jet  noise.  The  concepts  of  the  theory  are  reviewed  briefly 
and  some  of  the  significant  parameters  are  evaluated  in  the  tests. 
Measurements  of  stresses  in  some  panels  due  to  random  acoustic  excitation 
are  presented  and  are  found  to  be  in  general  agreement  with  calculated 
results. 


INTROEUCTION 


It  is  well  known  that  jet  noise  has  in  many  instances  caused  fatigue 
failures  of  airplane-skin  panels  in  proximity  to  the  jet-engine  exhaust 
stream.  These  failures  have  been  mainly  on  the  fuselage  or  the  wings, 
depending  on  the  type  of  engine  installation.  Some  configurations  having 
the  engine  exits  relatively  far  aft  have  also  experienced  damage  to 
panels  in  the  tail  assembly. 

Veiy  few  data  are  available  which  would  permit  a designer  to  esti- 
mate dynamic  stresses  in  panels  exposed  to  a given  random  excitation. 

As  a result,  ad  hoc  modifications,  such  as  an  increase  of  skin  gage 
or  the  addition  of  stiffeners  or  both,  have  frequently  been  necessary 
after  construction  of  the  airplane  in  order  to  alleviate  fatigue  problems. 
Thus,  there  is  serious  need  for  a means  of  predicting  in  the  design  stage 
the  dynamic  stresses  of  a panel  subjected  to  a given  random  excitation. 

In  reference  1,  the  techniques  of  generalized  harmonic  analysis 
have  been  applied  to  a theoretical  treatment  of  this  problem,  and  it 
appears  that  these  techniques  may  afford  a relatively  simple  approach 
to  the  problem.  Therefore,  the  main  purpose  of  the  present  paper  is 
to  determine  how  well  this  type  of  analysis  applies  in  predicting  panel 
stresses. 
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Although  the  discussion  is  mainly  concerned  with  the  problem  of 
jet-noise  excitation,  certain  of  ,'the  results  will  be  shown  to  apply  to 
the  case  of  propeller-noise  excitation  as  well. 


METHOD  OF  AMIXSIS 


The  concepts  Involved  in  analysis  of  the  panel- response  problem 
are  lilustrated  in  figure  1,  which  is  a schematic  illustration  of  the 
input-output  relationships  involved.  The  top  sketch  in  figure  1 repre- 
sents the  spectrum  of  jet  noise  which  is  causing  the  vibration  of  the 
panel.  The  second  sketch  is  the  panel  transfer  function,  or  the  square 
of  the  frequency-response  quantity  of  interest  — whether  it  be  displace- 
ment or  stress.  This  transfer  function  is  necessary  in  relating  the 
output  to  the  input.  The  ciorve  may  have  several  peaks  corresponding 
to  the  various  modes  of  vibration  but,  for  simplicity,  only  the  first- 
mode response  is  shown.  The  bottom  sketch  is  the  output-response 
spectrum  and  is  the  product  of  the  input  function  and  the  panel  transfer 
function.  If  the  panel  transfer  function  is  expressed  in  terms  of 
stress  per  imi+.  input,  as  in  this  case,  then  this  output  curve  is  the 
stress-response  spectrum  of  the  panel. 


A useful  index  of  the  overall  response  of  the  panel  is  the  mean- 
square  stress,  and  this  is  the  area  under  the  output  curve  in  figure  1. 
For  the  case  where  the  input  function  varies  only  slowly  with  frequency 
and  the  panel- response  curve  is  sharp,  reference  1 shows  that  the 
expression  for  the  mean-square  stress  cr^  takes  the  sin5»lified  form 


(1) 


Thus,  the  stress  in  the  panel  is  a function  of  four  parameters,  one 
associated  with  the  input  and  three  with  the  panel  structural  charac- 
teristics. These  parameters  are:  (l)  o^q,  the  panel  natural  frequency, 

(2)  input  noise  at  the  panel  natural  frequency,  (3)  Sq,  the 

the  static  stress  per  unit  pressure,  and  (iv)  the  damping  of  the  panel 
given  as  percent  of  critical  damping,  and  designated  a.s  5.  This  damping 
factor  6 is  a measure  of  the  sharpness  of  the  response  curve,  denoted 
either  by  its  width  or  by  its  height.  Perhaps  another  form  of  this 
equation,  utilizing  panel  dimensions,  is  of  more  practical  interest. 

Thus,  if  the  product  substituted  for  in  terms  of  panel  length 

(or  width)  a and  panel  thickness  t,  the  proportionality  relation 
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is  obtained  from  equation 

acoustic  root  mean  square 
form  is  noted  to  apply  to 
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has  the  dimension  of 

of  pressure  per  unit  band  width.  The  latter 
the  root-mean- square  stress. 


RESULTS  MD  DISCUSSION 


The  rest  of  the  present  paper  is  devoted  to  an  evaluation  of  how 
well  equation  (l)  and  expression  (2)  apply  to  stress  predictions  in  panels 
exposed  to  Jet  noise.  To  make  this  evaluation,  some  flat  panels  meas'uring 
11  inches  by  15  inches  were  tested  with  a If- inch  air  jet. 


Noise  Input 

A typical  spectrum  of  the  Jet  noise  is  shown  in  figure  2.  The 
main  reasons  for  presenting  these  data  are  to  point  out  again  that,  in 
the  analysis,  only  the  value  of  the  input  at  the  natural  frequency  of 
the  panel  is  of  interest  and  to  indicate  that  these  tests  deal  with 
overall  noise  levels  of  approximately  150  decibels.  The  frequency  at 
which  the  spectrum  is  a maximum  will  vary  with  location  in  the  noise 
field  as  well  as  with  the  size  and  velocity  of  the  Jet.  fence,  the 
noise  from  a full-scale  engine  would  probably  be  somewhat  different 
from  that  for  the  exanrole  shown  in  figure  2.  Therefore,  no  special 
significance  is  attached  to  the  ordinate  numbers  in  figure  2 except 
that  they  may  be  useful  in  checking  the  method  of  calculation  of  the 
present  paper. 


Panel  Structural  Characteristics 

The  means  used  to  obtain  the  response  and  the  damping  characteristics 
of  the  test  panels  are  illustrated  in  figure  5*  The  panels  were  exposed 
to  the  periodic  noise  from  a laboratory  siren  which  could  be  operated  in 
such  a manner  as  to  vary  both  the  fundamental  frequency  of  the  noise  and 
its  intensity.  The  siren  output  was  not  sinusoidal,  as  would  be  desired 
in  the  ideal  case,  but  contained  a few  harmonics  of  relatively  low 
intensity.  This  particular  study  was  concerned  only  with  the  fundaioental 
frequency,  and  the  root-mean- square  pressure  of  this  component  is 

used  as  a measure  of  the  acoustic  input  to  the  panels.  To  avoid  exci- 
tation from  both  sides,  the  panels  were  moixnted  on  a rigid  chamber  which 
was  acoustically  insulated  and  vented  so  as  to  minimize  the  load  on  the 
back  of  the  panel. 

A sample  frequency- response  curve  for  a O.CA-O-inch  aluminum- alloy 
panel  is  shown  on  the  left  side  of  figure  5^  where  the  stress 
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anrplitude  Ojjax  poimds  per  square  inch  is  plotted  as  a function  of 
frequency  for  constant  input  pressure  P]^.  The  panel  is  seen  to  have  a 

very  sharp  response  at  its  resonant  frequency.  The  slight  skewness  of 
the  curve  is  believed  to  be  due  to  nonlinearities  of  the  system.  Experi- 
mental determination  of  the  unstable  part  of  the  curve  is  somewhat  diffi- 
cult and,  for  that  reason,  this  portion  of  the  curve  is  shown  as  a broken 
line.  Because  of  this  difficulty,  measurements  of  damping  were  based  on 
the  height  of  the  response  curves  rather  than  on  the  width.  By  definition, 

6 is  equal  to  the  ratio  75-^^-  where  is  the  stress  amplitude  at 

zero  frequency.  This  static  stress  is  obtained  experimentally  by  evacu- 
ating the  chamber  to  a static  pressiare  corresponding  to  \[2  times  the 
value  Pp  of  the  dynamic  tests. 


Values  of  damping  corresponding  to  the  appropriate  input  pressures 
of  the  tests  were  determined  with  the  aid  of  figure  3 tor  the  calculations 
of  this  paper.  It  should  also  be  noted  that  the  damping  values  of  fig- 
ure 3 apply  directly  to  the  case  of  pure  frequency  excitation.  Hence, 
for  the  case  of  excitation  by  the  random  spectrum  of  the  jet,  some  account 
must  be  taken  of  the  effective  band  width  of  the  panel.  This  band  width 
can  be  shown  to  be  approximately  equal  to  2Bo^. 


By  the  means  just  discussed,  evaluations  of  the  three  structural 
parameters  necessary  for  a stress  calculation  were  made.  These  param- 
eters are:  the  resonant  frequency  cjc^q,  the  panel  damping  6,  and  the 

static  stress  per  unit  pressure  Sq,  which  equal  to  Cst/'/^  ?!• 


Panel  Response 

Before  considering  the  measured  stresses  of  the  present  tests,  it 
is  helpful  to  study  some  of  the  qualitative  results.  Characteristic 
time  histories  of  the  response  of  a panel  to  both  periodic  and  random 
excitations  are  shown  in  figure  At  the  top  of  the  figure  is  shown 
the  panel  response  to  a periodic  excitation  which  in  this  case  is  the 
noise  from  a siren.  It  can  be  seen  that  the  panel  response  is  uniform 
and  has  a definite  frequency.  This  frequency  is  the  frequency  of  the 
periodic  input  function. 

At  the  bottom  of  figure  h is  shown  the  panel  response  to  a random 
excitation  which  in  this  case  is  the  noise  from  the  4-inch  air  jet. 
Again,  the  panel  response  has  a definite  frequency  but,  in  this  case, 
it  is  the  first-mode  resonant  frequency  of  the  panel.  It  will  also  be 
noted  that  pronounced  beats  are  apparent  in  the  response.  This  type  of 
response  is  characteristic  of  a sharply  tuned  system  with  low  damping 
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and  is  an  ample  justification  for  studying  only  the  first-mode  response 
characteristic,  as  has  been  done  in  these  tests* 

The  results  of  the  siren  tests  of  figures  5 and  h would  apply 
directly  to  the  case  of  excitation  by  propeller  nose;  for  this  case, 
the  panel  would  respond  mainly  to  that  noise  frequency  at  or  near  its 
first  mode  of  vibration.  Because  of  the  sharp  panel- response  curve, 
it  can  be  anticipated  that  a small  change  in  the  propeller  revolutions 
per  minute  would  markedly  change  the  panel  stresses  even  though  the 
noise-input  level  were  unchanged. 


COMPARISON  OF  THEORY  AND  EXPERIMMT 


Some  stress  calculations  by  the  simplified  equation,  equation  (l), 
given  in  the  analysis  section  of  the  paper  have  been  made  by  using  the 
values  of  Sq,  coq,  and  6 determined  in  the  experiments.  In  figures  5 

and  6 these  calculations  are  coiipared  with  measured  stresses  obtained 
when  the  panels  were  placed  in  the  near -noise  field  of  the  4-inch  air 
jet.  Figure  5 gives  the  results  obtained  from  a 0.040-inch  panel  located 
at  various  axial  and  radial  distances  from  the  jet.  In  the  plot  on  the 
lower  left-hand  side  of  figure  5^  stress  data  are  shown  as  a function 
of  x/d,  where  x is  the  axial  distance  from  the  nozzle  to  the  center 
of  the  panel  and  D is  the  jet  diameter.  The  radial  distance  d is 
held  constant  at  1.75  diameters.  It  can  be  seen  from  this  figure  that 
the  theory  and  experiment  are  in  very  good  agreement.  Likewise,  good 
agreement  is  indicated  in  the  plot  on  the  lower  right-hand  side  of  fig- 
ure 5,  where  radial  distance  was  varied  and  the  axial  distance  held 
constant  at  6.4  diameters. 

Figure  2 indicated  that  the  overall  noise  levels  for  these  tests 
were  in  the  range  of  I30  decibels.  Since  jet-engine  noise  levels  may 
be  of  the  order  of  I50  decibels  or  perhaps  even  higher,  it  can  be 
anticipated  that  the  associated  stresses  will  be  considerably  higher 
than  those  measured  in  the  present  tests.  If  the  assumption  is  made 
that  the  shape  of  the  spectrum  from  an  engine  is  the  same  as  that  from 
the  4-inch  air  jet  used  in  these  tests,  then  an  increase  of  20  decibels 
in  the  overall  noise  level  would  result  in  an  increase  in  the  stresses 
by  a factor  of  approximately  10. 

Figure  6 gives  results  for  the  case  where  panel  thickness  is  varied 
and  input  pressure  is  held  constant.  The  root-mean- square  stress  is 
plotted  as  a function  of  panel  thickness  for  a range  of  thickness 
from  0.020  inch  to  0.08I  inch.  The  panel  natural  frequencies  ranged 
from  78  cycles  per  second  for  the  0.020-inch  thickness  to  25O  cycles 
per  second  for  the  0.08l-inch  thickness.  According  to  expression  (2), 
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stress  should  vary  inversely  as  the  thickness  to  the  5/2  power,  as  is 
indicated  by  the  dashed  curve.  The  measured  points  tend  to  bear  out 
this  relation  fairly  well. 

From  the  good  agreement  between  theory  and  experiment  shown  in  fig- 
ures 5 and  6,  it  can  be  concluded  that  the  method  of  generalized  harmonic 
analysis  is  particularly  well  suited  to  this  problem  and  that  equation  (l) 
applies  well  for  the  conditions  of  these  tests. 


CONCLUDING  RESVIARKS 


Some  preliminary  measurements  of  the  response  of  aircraft-skin 
panels  to  a random  acoustic  excitation  have  been  presented  and  were 
found  to  be  in  general  agreement  with  the  results  of  an  approximate 
analysis.  These  panels  were  noted  to  have  very  low  damping  and  to 
vibrate  mainly  in  their  first  modes  in  response  to  a random-noise  input. 
Root-mean- square  stresses  were  noted  to  be  proportional  to  the  sound 
pressure  per  unit  band  width  at  the  natural  frequency  of  the  panel  and 
were  higher  for  panels  of  less  thickness. 
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t = 0.04 


Q 


THEORY 


PS  I 


Figure  5 


EFFECT  OF  PANEL  THICKNESS 
(Wo) -CONSTANT 


Figure  6 


9 


• • • • • 


• • •• 


• • • *** 

*4  * 


RECENT  RESUnrS  OF  THE  CALCULATION  OF  AEROIIfNAMIC 
LOADING  AND  FLUTTER  OF  SE7IRAL  WINGS 
AT  SUBSONIC  AND  SONIC  SPEEDS 
By  Harry  L.  Rimyan  and  Donald  S.  Woolston 
Langley  Aeronautical  Laboratory 

INTRODUCTION 


If  one  examines  the  status  of  theoretical  work  on  oscillating  air 
forces  for  flutter,  it  is  seen  that  the  two-dimensional  theory  is  rather 
well  developed  throughout  the  Mach  number  range  hut  that  the  three- 
dimensional  theory  is  not  satisfactory,  particularly  with  regard  to  the 
high  subsonic  and  sonic  speeds.  Recently  a method  has  been  developed 
at  the  Langley  Laboratory  for  calculating  the  forces  on  a finite  wing 
which  is  oscillating  harmonically  in  subsonic  and  sonic  flow.  The  p\ir- 
pose  of  this  paper  is  to  present  a brief  description  of  the  method  and 
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been  made.  Basic  to  the  method  is  the  development  and  treatment  of  a 
kernel  function  of  an  integral  equation  which  for  subsonic  flow  has  been 
treated  in  reference  1.  The  development  of  the  kernel  function  for  the 
supersonic  case  has  recently  been  conq)leted  and  is  presented  in  refer- 
ence 2. 


There  exists  an  alternative  approach  which  is  based  on  the  classical 
method  of  separation  of  variables  and  which  has  been  proposed  by  Kuessner 
(ref.  5)  for  general  use.  However,  the  method  is  limited  to  certain 
general  plan  forms  such  as  the  circular  or  elliptic  plan  form  and  some 
of  the  fimctions  necessary  for  solution  have  neither  been  studied  nor 
tabulated. 

However,  with  the  relatively  recent  development  of  high-speed  com- 
puting devices,  laborious  computing  procedures  which  formerly  were  not 
deemed  practical  and  which  may  lend  themselves  to  systematization  are 
now  practical.  It  is  into  this  class  of  computing  problems  that  the 
lifting-siirface  calculations  based  on  an  integral  equation  may  be  placed. 


METHOD 

An  indication  of  the  method  is  given  in  the  following  paragraph. 
The  equation 
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states  that  the  dovnvash  or  vertically  induced  velocity  Aw  is  equal 
to  the  product  of  the  aerodynamic  load  L which  is  acting  over  an 
area  AA.  times  a kernel  function  K.  The  physical  meaning  of  this 
equation  is  best  seen  by  referring  to  the  sketch.  If  a loading  L is 

assumed  to  be  acting  over  an  area  AA.^  then  the 
induced  vertical  velocity  at  any  other  point  on 
the  wing,  for  example,  at  p(x,y),  is  the 
product  of  L times  K.  It  is  apparent  then 
that  the  kernel  function  represents  the  vertical 
induced  velocity  at  a point  on  a wing  due  to  a 
unit  loading  at  another  point  on  the  wing  and 
may  thus  be  termed  an  aerodynamic  influence 
coefficient.  By  summing  the  effect  of  the  entire  area  of  the  wing  on 
the  point  P,  the  total  Induced  velocity  is  obtained  and  thus  the  inte- 
gral equation 


x,y)  = 

is  obtained.  The  similarity  to  the  structural  deflection  problem  is 
readily  apparent.  The  dovnwash  w corresponds  to  the  wing  deflection, 

L to  the  structural  loading,  and  the  kernel  function  K to  the  struc- 
tural influence  coefficients.  Thus  the  problem  is  to  devise  a practical 
means  for  solving  this  equation.  If  the  loading  L is  known,  then  the 
problem  is  simply  to  perform  the  double  integration  from  which  the  defor- 
mation of  the  wing  is  determined.  However,  if  the  deformation  or  down- 
wash  w is  known  but  not  the  loading  L,  then  the  problem  becomes  more 
complicated  and  an  integral  equation  must  be  solved  since  the  unknown 
appears  under  the  integral  sign.  It  is  the  latter  problem  which  is  of 
interest  since,  in  most  cases,  the  loading  is  not  known  but  the  motion 
of  the  wing  is  known. 
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The  loading  L is  approximated  by  a series  as 
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where  0 is  a chordwise  coordinate,  tj  is  a spanwise  coordinate,  and 
the  a's  are  unknown.  This  form  has  been  used  in  many  steady-state 
solutions.  The  series  satisfies  the  wing  edge  conditions  and  is  useful 
for  all  subsonic  Mach  numbers.  For  the  sonic  condition  a slight  modifi- 
cation of  the  chordwise  terms  is  necessary.  The  kernel  K is  a compli- 
cated but  Imown  function  and  is  discussed  in  reference  1.  The  wing  is 
divided  in  many  small  areas  and  the  double  integration  over  each  area 
is  accomplished  by  numerical  procedures  with  the  aid  of  the  mean-value 
theorem.  The  downwash  at  a point  P is  then  determined  by  summing  the 
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increments  of  downwash  due  to  all  the  ^as*on  Vh(**lifiy  sMrfafil/.^y 
selecting  other  positions  P on  the  wing  for  calculation  of  the  down- 
wash,  a set  of  simultaneous  equations  is  obtained  from  which  the  a's 
of  the  loading  series  may  be  calculated.  As  mentioned  previously,  the 
downwash  w is  usually  known  since  the  motion  of  the  wing  is  known 
and  the  air  forces  for  any  deformed  wing  mode  may  be  calculated  with  no 
more  difficulty  than  for  a rigid  pitching  or  translating  wing. 


With  regard  to  the  time  required  for  calculating  the  forces  on  a 
it  takes  about  1 week  with  the  coii5)uting  equipment  available  at  the 
Langley  Aeronautical  Laboratory.  With  the  latest  confuting  equipment 
now  commercially  available,  this  might  be  cut  to  1 to  2 days. 


RESULTS 


This  section  is  concerned  with  presenting  some  results  of  applying 
the  procedure  of  this  paper  to  some  specific  examples. 

In  figure  1 the  lift  and  moment  and  corresponding  phase  angles  are 
plotted  against  the  reduced-frequency  parameter  k = bco/v  where  b 
is  the  wing  semichord,  a>  the  angular  frequency,  and  V the  stream 
velocity.  The  results  are  for  a rectangular  wing  of  A = 2 at  M = 0 
and  for  a rigid  wing  which  is  oscillating  in  pitch  about  the  midchord. 

The  results  of  the  present  analysis  are  compared  with  the  results  of 
Lawrence  and  Gerber  (ref.  4),  and  it  is  seen' that  the  two  methods  agree 
rather  well.  Although  the  present  method  may  be  used  for  sonic  or  sub- 
sonic Mach  numbers,  con5)arison  is  made  with  Lawrence  and  Gerber's  results, 
which  is  restricted  to  the  incompressible  case,  in  order  to  show  the 
agreement  with  a published  method.  Inasmuch  as  different  types  of  approxi- 
mations have  been  made  in  the  two  analyses,  it  is  remarkable  that  the 
agreement  is  so  good,  and  one  can  surmise  that  the  physical  problem  has 
been  adequately  represented  in  both  analyses. 

In  figure  2,  the  variation  of  the  lift  and  moment  coefficient  for 
a rectangular  wing  of  A = 2,  oscillating  in  pitch  at  a constant  reduced 
frequency  k = 0.22  about  the  midchord  line  are  plotted  against  Mach 
number . The  results  up  to  and  including  M = 1 were  obtained  using  the 
method  of  this  paper,  and  the  supersonic  coefficients  were  obtained  from 
existing  published  results  and  are  shown  by  the  solid  line.  It  is 
believed  that  this  is  the  first  time  that  calculated  results  have  been 
obtained  for  the  oscillating  finite  wing  throughout  the  complete  subsonic 
Mach  number  range  including  M = 1.  As  may  be  expected,  the  lift  and 
moment  coefficients  increase  with  M up  to  the  vicinity  of  M = 1 and 
decrease  on  the  supersonic  side.  Comparison  with  other  methods  is  not 
possible  since  none  exists  for  this  Mach  number  range j however,  the  two- 
dimensional  coefficients  are  included,  as  shown  by  the  dashed  line.  It 


• • 
• • • 


<-!  tT  tig » t\l 


«»• 
• • 


^ , !••  •• 

• • ••• 

• • ••  I • ••• 

r.  :••  ; • ; : *•  •. 

: : :*  •„  vi  ••  - 

is  ifttei**esting  to  note  that  the  rule  for  aspect-ratio  correction 
which  for  this  case  is  l/2,  is  generally  applicable  up  to  M = O.7  to  0.8 
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In  figure  the  corresponding  phase  angles  between  the  wing 
position  and  the  force  or  moment  are  shown  for  the  same  case  as  in 
figure  2.  It  is  here  that  the  attempts  to  obtain  simple  factors  relating 
the  two-dimensional  coefficients  to  the  three-dimensional  coefficients 
fail  since  no  rela-tion  seems  to  exist  between  the  two-dimensional  and 
three-dimensional  phase  angles.  Thus  it  appears  that  up  to  certain  Mach 
numbers,  the  magnitude  of  the  force  might  be  adjusted  for  aspect  ratio; 
whereas  the  time  at  which  the  force  acts  during  the  cycle  of  oscillation 
cannot  be  so  easily  corrected. 

In  figure  4 is  shown  the  lift  and  associated  phase  angles  plotted 
against  the  reduced- frequency  parameter  k = btu/V  for  a delta  wing 
of  A = 4.  The  wing  is  oscillating  in  pitch  about  the  midchord.  Results 
of  bhe  present  analysis  as  shown  by  the  solid  line  and  those  of  Lawrence  and 
Gerber  as  shown  by  the  dashed  line  are  compared  with  some  experimental 
results  of  Leadbetter  and  Clevenson  (ref.  5)  indicated  by  the  circles. 

The  results  of  the  two  analyses  agree  rather  well  with  regard  to  both 
lift  and  magnitude  and  phase  angles.  The  agreement  with  experiment, 
especially  with  regard  to  the  phase  angle,  indicates  that  the  theories 
are  adequate. 

In  figure  5,  the  moment  and  the  corresponding  phase  angles  are 
shown  for  the  same  wing  under  the  same  conditions  as  in  figure  4,  plotted 
against  the  reduced  frequency  k.  Results  of  both  analyses  are  in  sub- 
stantial agreement  with  respect  to  the  magnitude  of  the  moment,  but  the 
slope  is  less  than  the  experiments  indicate.  Insofar  as  the  phase  angles 
are  concerned,  the  first  difference  between  the  two  theories  arises, 
although  both  theories  indicate  the  same  trend.  The  reason  for  this 
difference  cannot  be  explained  at  the  present  time  and  will  have  to  be 
resolved  by  further  calculations  and  experiments. 

The  results  shown  in  figures  1 to  5 were  for  rigid  wings.  The 
remainder  of  the  paper  is  concerned  with  the  flexible  case.  In  fig- 
ure 6 are  shown  the  magnitude  of  the  lift  and  the  phase  angles  along 
the  semispan  for  an  untapered,  rectangular  wing  oscillating  in  a torsion 
mode.  The  experimental  results,  as  indicated  by  the  circles,  were 
obtained  from  reference  6.  Three  theories  are  shown.  The  two-dimensional 
results  were  obtained  by  multiplying  the  two-dimensional  air  forces  by 
the  mode  shape,  which  is  the  usual  practice  when  using  two-dimensional 
coefficients.  The  lift  as  calculated  by  the  theory  of  Reissner  and 
Stevens  (ref.  7)  is  shown,  and  the  lift  as  calculated  by  the  method  of 
the  present  analysis  is  also  shown.  The  aspect  ratio  for  the  experi- 
mental and  Reissner  and  Stevens'  result  was  5*  the  present  analysis 
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the  results  are  for  A = k.^3,  since  calculalioife  •hSd'wlM^.lie'HiX 
for  this  aspect  ratio  for  other  purposes,  and  this  small  difference  in 
aspect  ratio  should  not  affect  the  forces . As  would  he  expected,  the 
two-dimensional  theory  predicts  a much  larger  force  for  practically  the 
^hole  semispan.  The  two  finite— span  theories  are  in  reasonable  agreement 
with  experiment.  Reissner  and  Stevens'  analysis  overpredicts  the  force 
for  most  of  the  outboard  region.  The  present  theory  slightly  overpredicts 
the  force  at  the  inboard  position.  With  regard  to  the  phase  angles,  both 
finite-span  theories  are  in  good  agreement  with  experiment. 


In  figure  J are  shown  the  results  of  making  flutter  calculations 
\ising  both  two-dimensional  theory  and  the  present  three-dimensional 
theory  for  a rectangular  unswept  wing.  The  flutter-speed  pararoeter  v/b<%, 
(where  V is  the  stream  velocity,  b the  semichord,  and  o)„  the 

uncoupled  torsional  frequency)  is  plotted  against  Mach  number.  Calcu- 
lations were  made  for  an  untapered  rectangular  wing  of  A = 4.53.  The 
wing  center  of  gravity  was  at  the  mldchord  and  the  elastic  axis  at 
34  percent  of  the  chord.  Two  uncoupled  deformation  modes  of  torsion 
and  bending  of  a uniform  cantilever  wing  were  used  in  both  analyses. 

The  three-dimensional  results  including  M = 1 were  obtained  by  use 
of  the  present  analysis,  and  tte  supersonic  results  were  obtained  from 
reference  8,  It  is  seen  that  for  both  the  two-  and  three-dimensional 
calcuia'txons  ^ "the  1'lu‘t‘ter— speed  parame'ber  drops  wi“th  Mach  nuinber  up 
to  M = 1 and  increases  with  M on  the  supersonic  side.  Two  experi- 
^ntal  points  are  shown.  One,  a flutter  point  at  M = 1.3,  was  reported 
in  reference  9^  where  very  good  agreement  was  found.  A no- flutter 
point  on  the  subsonic  side  is  indicated  by  the  open  test  point.  An 
attenqit  was  made  to  flutter  the  model  that  had  been  previously  fluttered 
at  supersonic  speeds  in  a subsonic  tvinnel,  and  no  flutter  was  obtained 
up  to  the  Mach  number  and  V/bci^j^  indicated.  Due  to  limitations  of 

tunnel  power  at  the  proper  air  density,  the  model  did  not  flutter.  How- 
ever, the  value  reached  in  the  tests  was  well  above  the  range  predicted 
for  flutter  by  the  two-dimensional  results  but  not  up  to  the  values  pre- 
dicted by  the  three-dimensional  theory.  Going  back  to  the  calculated 
results,  an  unexpected  large  aspect-ratio  effect  is  seen  in  the  subsonic 
range.  It  should  be  pointed  out,  however,  that  the  calculations  for  the 
entire  Mach  number  range  were  made  at  the  same  air  density  that  was  reached 
in  the  supersonic  tests,  which  corresponded  to  an  altitude  of  about 
40,000  feet.  Calculations  for  a higher  densily  or  lower  altitude  bring 
the  two-  and  three-dimensional  results  closer  together. 


A problem  that  has  been  of  concern  to  designers  for  son^  time  has 
been  the  question  of  the  existence  of  single-degree-of- freedom  bending 
flutter  of  a swept  wing.  ]ji  the  absence  of  three-dimensional  theory, 
two-dimensional  air-force  coefficients  have  been  used  and  it  has  been 
fovmd  that,  theoretically,  a bending  type  of  flutter  was  possible, 
because,  even  though  the  wing  is  bending,  there  is  an  effective  angle 
of  attack  due  to  the  sweep  whjjjj^^jj^jjresent  in  an  unswept  wing. 


•pi  8.ctpe«sht)WTf*the  results  of  loth  two-  and  three-dimensional 

calculations  for  a 45°  swept  uniform  wing  oscillating  in  bending  for  a 
free-stream  Mach  number  of  1.  The  damping-force  coefficient  is  plotted 
against  the  reduced  velocity  l/k.  It  is  seen  that  the  damping-force 
coefficient  changes  sign  for  the  two-dimensional  case^  as  shown  by  the 
dashed  line,  at  l/k  = 8,  thus  Indicating  the  possibility  of  an  unstable 
condition.  The  results  of  some  calculations  using  the  present  three- 
dimensional  method  is  shown  by  the  solid  line,  and  it  is  seen  that  a 
stable  condition  is  Indicated.  It  may  thus  be  concluded  that  the  effect 
of  aspect  ratio  is  to  greatly  reduce,  if  not  eliminate,  the  possibility 
of  single-degree-of-freedom  bending  flutter  of  a swept  wing.  Results 
for  the  incompressible  case  (ref.  lO)  also  support  this  statement. 


In  conclusion,  a method  has  been  presented  for  calculating  the  air 
forces  on  oscillating  wings  of  finite  plan  form  for  subsonic  and  sonic 
Mach  numbers.  The  method  is  adaptable  to  the  calculation  of  the  loading 
on  deformed  wings,  and  comparisons  with  experiment  and  other  theory  seem 
to  indicate  that  the  results  may  be  used  with  confidence. 
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SOME  EECENT  EXPERIMENTAL  DATA.  ON  THREE-DIMENSIONAL 
OSCILLATING  AIR  FORCES 

By  Sumner  A.  Leadbetter  and  Sherman  A.  Clevenson 
Langley  Aeronautical  Laboratory 

SUMMARY 


The  status  of  oscillating  air  forces  is  indicated.  Forces,  moments, 
and  their  respective  phase  angles  are  shown  for  a 45°  swept  wing  of 
aspect  ratio  2 and  for  two  bodies  of  revolution,  one  a streamline  body 
and  the  other,  an  open  tiibe.  For  comparison,  derivatives  based  on  avail- 
sble  analyses  were  shown  for  these  three  configurations.  TVtmp-T ngr— mrimf^nt 
derivatives  were  given  for  a tank  located  over  the  end  of  a wing  nnfl  indi- 
cated the  effect  of  the  presence  of  a fin  on  the  tank.  In-phase  and 
daii5)ing-^iioment  derivatives  were  presented  for  a wing-tank  combination 
with  the  fin  location  either  inboard  or  outboard.  It  was  indicated  that 
the  inboard  location  increased  the  aerodynaznic  damping  in  the  torsional 
mode  and  an  outboard  position  would  tend  to  1 ncreg.se  the  divergent  speed. 


INTf«)DUCTION 


The  accuracgr  of  predicting  the  limiting  flutter  speeds  of  aircraft 
depends  on  how  well  the  conponent  forces  which  appear  in  a flutter  anal- 
ysis are  known,  that  is,  how  well  the  aerodynamic,  elastic,  and  inertia 
forces  are  known.  Regarding  knowledge  of  the  aerodynamic  forces  of 
flutter,  theory  has  contributed  much,  but  many  uncertainties  still  exist. 
It  becomes  necessary  to  rely  on  experiment  to  check  the  various  theories 
as  well  as  to  handle  cases  which  are  too  conplex  for  theoretical  analysis. 
Considerable  work  on  some  of  the  analytical  aspects  of  the  oscillating 
air-force  problem  is  currently  being  done  by  Harry  L.  Ruiqran  and  Donald  S. 
Woolston  of  the  Langley  Aeronautical  Laboratory.  It  is  the  purpose  of 
this  paper  to  indicate  the  status  of  available  experimental  data  on 
oscillating  air  forces,  and  to  present  seme  current  results  of  experiments 
in  the  Langley  2-  by  4-foot  flutter  research  tunnel  on  wings  and  bodies. 
Some  of  the  current  experimental  results  are  conpared  with  the  resiiLts  of 
analyses.  The  configzxrations  disczissed  are  swept  wings,  bodies  at  the  end 
of  struts,  and  wings  >rith  tip  tanks  with  and  without  fins. 
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SYMBOLS 


k 

L 

M 

q. 

s 

V 

a 

<hi 


0) 

c/2,  L/2 


chord  of  ■wing  in  stream  direction,  ft 

, oco 

red-uced-frequency  parameter,  — 

length  of  body,  ft 
Mach  nimiber 

dynamic  pressure,  Ib/sq  ft 
plan-form  area,  sq  ft 
wind  velocity,  ft/sec 
angular  displacement,  radians 

phase  angle  by  which  the  lift  vector  leads  the  angular 
displacement,  deg 

phase  angle  by  which  the  moment  vector  leads  the  angular 
displacement,  deg 

circular  frequency  of  oscillation,  radlans/sec 

subscripts  referring  to  the  midchord  and  midlength  positions 


RESULTS  AND  DISCUSSION 

Status  of  Experimental  Oscillating  Air  Forces 


Before  presenting  the  three-dimensional  oscillating  air -force 
derivatives  for  the  aforementioned  configurations,  it  is  appropriate  to 
illustrate  briefly  the  statiis  of  experimental  oscillating  air  forces, 
indicating  in  what  regions  experimental  data  axe  available.  Figure  1 
shows  the  ranges  in  which  data  are  available  for  five  configurations. 

The  ordinates  of  each  figure  is  the  conventional  flutter  parameter  k 
which  is  the  oscillation  frequency  times  a reference  chord  divided  by 
twice  the  velocity.  The  abscissa  is  Mach  number.  The  black  areas  indi- 
cate regions  for  which  oscillating  air -force  data  axe  available  and  may 
be  fomd  in  references  1 to  17,  whereas  the  cross-hatched  areas  indicate 
regions  in  which  data  have  been  obtained  and  are  available  in  this 
paper.  Data  axe  available  for  rectangular  wings  of  low  aspect  ratio. 


swept  wings,  delta  wings,  wing  tank  over  the  end  of  a wing  of  aspect 
ratio  2,  and  two  bodies  of  revolution  - one  an  open  circiilar  tube  and 
the  other  a streamline  body,  each  at  the  end  of  a small  round  tapered 
strut.  All  models  were  oscillated  in  pitch  about  an  axis  of  rotation 
as  indicated.  Some  data  are  also  available  for  other  rigid  body  modes 
such  as  vertical  translation  an<^  rolling  motion  and  for  some  flexible 
modes  in  limited  areas  of  the  black  regions.  The  following  discussion 
and  presentation  of  oscillating  aerodynamic  derivatives  will  concern 
some  recent  r^resentative  experimental  data  on  a swept  wing  oscil- 
lating about  its  root-mldchord  axis,  two  bodies  of  revolution  - an  open 
tube  and  a streamlined  body  - at  the  ends  of  short  struts,  anii  a wing- 
tip-tank  ccanbination  with  and  without  fins. 


Swept  Wing  of  Aspect  Ratio  2 

The  oscillating  air -force  and  moment  derivatives  for  a sw^t 
wing  of  aspect  ratio  2 are  shovn  in  the  figure  2,  The  ordinates  are 
and  the  angles  by  which  the  lift  and  moment  lead  the  angular  posi- 

tion, and  the  lift  and  moment  derivatives,  where  q.  is  the  dynamic  pres- 
sure, S is  the  plan-form  area,  a is  angular  displacement,  euid  c/2  is 
the  half  chord  measxired  in  the  stream  direction.  The  sketch  in  the  iqpper 
right-hand  comer  indicates  three  dimensionally  how  a 'na.'tf  wing  was 
momted  on  a plate  and  oscillates  with  the  plate,  A snw.n  gap  separates 
the  plate  from  the  tunnel  wall.  The  solid  symbols  are  for  the  moment 
data  and  the  open  symbols  are  for  lift  data.  For  comparison,  experi- 
mental data  obtained  from  integrated  pressure  distribution  at  the 
Massachiosetts  Institute  of  Technology  (ref,  8)  are  shown  as  squares. 

All  moment  data  are  referred  to  the  50-percent  root-chord  station.  As 
a matter  of  interest,  theory  for  a two-dimensional  45°  swept  wing  (ref,  2) 
is  included  and  shown  as  the  solid  and  dashed  curves  - the  solid  curves 
for  the  lift  derivative  and  lift  phase  angle,  the  dashed  curves  for  the 
moment  derivative  and  moment  phase  angle.  It  may  be  seen  that  the  theory 
for  the  lift  and  moment  phase  angles  agree  rather  well  with  the  experi- 
mental data.  However,  theory  for  the  lift  derivative  underestimates  the 
experimentally  determined  lift  derivatives,  and  theory  for  the  moment 
derivatives  overestimates  the  experimentally  determined  values.  Thus,  as 
might  be  expected,  two-dimensional  theory  is  inadeqmte  for  predicting 
the  oscillatory  l±ft  and  moment  derivatives  on  a 4-5°  swept  wing  of  aspect 
ratio  2, 


Bodies  of  Revolution 

Q?he  use  of  large  external  stores  attached  to  wings  raises  the  ques- 
tion as  to  the  oscillating  air  forces  on  these  bodies.  Two  bodies  of 
fineness  ratio  7 have  been  oscillated  in  pitch  about  their  midlengths. 
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and  sets  of  derivatives  and  phase  angles  have  been  determined.  The 
first  configuration  is  a streamlined  body  supported  by  a single  strut 
as  indicated  in  figure  5.  In  the  iipper  right-hand  comer  is  a sketch 
indicating  how  the  strut  is  mounted  on  the  end  plate.  The  ordinates 
are  as  shown  in  figure  2:  and  lift  or  moment  derivative.  The 

experimental  lift  and  lift  phase  angles  are  indicated  by  circles  and 
the  mcanents  and  moment  phase  angles  are  indicated  by  squares.  Shown 
for  con5)arison  are  the  resiiLts  of  an  analysis  based  on  slender-body 
theory  presented  in  reference  5 for  a streamlined  body.  Since  this 
theoiy  is  based  on  potential  flow,  it  should  not  be  expected  to  predict 
the  resvilts  of  the  experiment.  For  iiistance,  at  k = 0 the  experimental 
lift  derivative  is  0.06jt  whereas  the  analyses  predicted  it  to  be  zero 
the  corresponding  experimental  moment  derivative  was  0.08i(  con5)ared 
to  the  analytical  value  of  over  0.12jt.  The  moment  phase  angles  appear 
to  have  some  agreement  but  the  analytical  lift  phase  angles  differ 
greatly  from  those  obtained  experimentally.  This  lack  of  agreement 
between  analysis  and  experiment  is  not  unexpected  considering  that  the 
analysis  does  not  accomt  for  boundary -layer  separation  or  viscosity 
effects  on  the  body. 

The  second  body  iipon  which  oscillating  air  forces  have  been  deter- 
mined was  an  open  tube  - similar  to  a stove  pipe  - as  shown  in  figure  4. 
This  tube  could  be  considered  as  a slr^jlified  ramjet  minus  the  internal 
mechanisms.  The  tube  was  mounted  on  the  same  strut  as  the  streamlined 
body  and  has  the  same  ratio  of  length  to  maximm  diameter  and  was  oscil- 
lated at  approximately  the  same  frequency.  Thus  forces  on  the  tube  are 
directly  comparable  to  the  measured  forces  on  the  streamlined  body . It 
may  be  noted  that  for  the  open  tube  the  lift  derivatives  are  considerably 
greater  nn(^  the  moment  derivatives  are  slightly  greater  than  for  the 
streamlined  body.  The  lift  phase  angles  are  similar  and  the  magnitudes 
of  the  moment  phase  angles  are  larger  for  the  open  tube  than  for  the 
streamlined  body.  For  comparison  with  this  experimental  data,  curves  of 
theory  were  determined  from  reference  5 cpen  tube  and  are  shown 

as  the  solid  curves.  The  trends  of  the  theoretical  phase  angles  agree 
with  experimental  trends  as  does  the  trend  of  the  lift  derivatives.  The 
experimental  moment  derivatives  tend  to  indicate  that  the  moment  deriv- 
ative is  independent  of  k although  the  theory  indicates  that  the  moment 
should  increase  with  k.  Althoiogh  the  preceding  data  may  not  be  directly 
applicable  to  a flutter  analysis,  they  do  give  some  Insight  as  to  the 
oscillating  air  forces  present  on  bodies  by  themselves. 


Wing  With  Tip  Tank 

The  last  configuration  for  which  data  will  be  presented  is  a tip 
tank  over  the  end  of  a wing  of  aspect  ratio  2.  The  addition  of  a fin 
in  the  plane  of  the  wing  on  a tip  tank  is  of  Interest  from  a flutter 
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steindpoint.  Seme  data  have  been  obtained,  over  a small  k range  on  the 
damping  mcment  contributed,  by  a tank  of  fineness  ratio  5*7  over  the  end. 
of  a wing  of  aspect  ratio  2 and  are  presented  in  fig\xre  5,  The  sketch 
in  the  iq)per  right-hand  comer  illustrates  in  plan  form  the  wing  with 
the  tip  tank  attached.  In  order  to  find  an  effect  of  fin  shape,  a trape- 
zoidal and  a delta  fin  were  used  as  indicated.  The  tank  wsis  mounted  on 
strain  beams  such  that  the  forces  measured  are  the  forces  on  the  tank 
alone.  The  ordinate  of  the  graph  is  the  dan^i.ng -mcment  derivative  where 
S is  the  plan-form  area  of  the  tank.  IHie  abscissa  is  the  usual  flutter 
parameter  k.  The  circles  represent  the  no-fin  condition,  the  squares 
the  delta  fin,  arid  the  triangles  represent  the  trapezoidal  fin.  From  a 
canparison  of  the  square  and  triangle,  it  may  be  seen  that  the  datrping- 
moment  derivative  on  the  tank  is  essentially  the  same  regardless  of  which 
fin  is  used.  However,  all  of  these  moments  are  less  than  the  no-fin  con- 
dition. It  may  be  noted  that,  although  all  the  magnitudes  of  the  damping 
derivatives  are  very  small,  under  0.06it  in  this  low  k range,  the  addi- 
tion of  a fin  in  this  position  decreases  the  damping  moment  on  the  tank 
for  the  torsional  mode  and  may  be  detrimental  frem  a flutter  standpoint. 

A possible  e^lanation  of  this  decrease  in  damping  is  that  the  fin, 
placed  in  an  outboard  position  on  the  tank,  is  in  the  upwash  of  the  tip 
vortex.  Thus  the  presence  of  the  fin  on  the  tank  in  the  \pwash  reduced 
the  damping  contributed  by  the  tank  rather  than  increasing  the  damping 
as  may  have  been  expected. 

Experimenteil  mcment  derivatives  for  the  wing-tank  combination  instead 
of  the  tank  alone  are  given  in  figure  6.  In  addition  to  the  data  for  the 
trapezoidal  fin  in  the  outboard  position,  derivatives  are  presented  for 
the  fin  in  the  Inboard  position,  shown  dotted  in  the  sketch.  The  effects 
of  a fin  being  in  the  do’vnwash  as  well  as  the  upwash  of  the  tip  vortex 
will  be  indicated.  The  upper  graph  shows  the  in-phase  moment  derivatives 
as  a function  of  k and  the  lower  graph  shows  the  damping^cment  deriva- 
tives as  a function  of  k.  These  derivatives  are  for  the  cembined 
moments  for  the  wing  and  tank  together.  The  S used  in  these  derivatives 
is  the  plan-form  area  of  the  combination  wing  and  tank,  or  wing,  tank, 
anfi  fin  as  the  case  may  be.  It  may  be  noted  in  the  lower  figure  that  the 
damping  derivatives  for  the  fin  in  the  outboard  position  and  for  the  no- 
fin  condition  are  practically  the  same,  whereas  for  the  fin  in  the  inboard 
position  the  damping  derivatives  are  greater.  Thus  from  considerations 
of  damping  in  the  torsional  mode,  it  wovild  be  better  to  have  the  fin 
inboard.  However,  the  detrimental  effect  of  the  inboard  fin  is  indicated 
in  the  ipper  figure.  It  is  seen  that  the  in-phase  moment  derivatives  for 
the. inboard  fin  or  no-fin  condition  are  about  the  same.  The  outboard-fin 
condition  results  in  a much  smaller  value  of  in-phase  mcment  derivative 
at  the  lower  values  of  k.  It  must  be  remenibered  that  a larger  value  of 
in-phase  moment  results  in  a lower  divergence  speed.  The  lower  value  of 
in-phase  mcment  as  shown  by  the  fin  in  the  outboard  position  is  beneficial 
from  a viewpoint  of  divergence  in  that  it  would  cause  the  divergence  speed 
to  be  higher  than  that  which  would  result  frean  no  fin  or  fin  in  the  Inboard 


position.  It  may  be  concluded  tHdt  the  fin  located  in  an  inboard  posi- 
tion may  be  of  some  benefit  regarding  flutter  since  it  caused  an  increase 
in  daD5)ing  in  the  torsional  mode,  whereas  the  fin  located  in  an  outboard 
position  would  be  of  benefit  regarding  divergence. 


CONCLUDING  REMABKS 


This  paper  has  dealt  with  the  status  of  oscillating  air  forces, 
indicating  regions  of  available  data  and  regions  for  which  data  is  pre- 
sented in  this  paper.  Forces,  moments,  and  their  respective  phase  angles 
were  shown  for  a 45°  swept  wing  of  aspect  ratio  2 and  for  two  bodies  of 
revolution,  one  a streamline  body  and  the  other,  an  cpen  tube.  For  com- 
parison, derivatives  based  on  available  analyses  were  shown  for  these 
three  configurations.  Dan5)ing -moment  derivatives  were  given  for  a tank 
located  over  the  end  of  a wing  and  indicated  the  effect  of  the  presence 
of  a fin  on  the  tank.  In-phase  and  dan5>ing-mament  derivatives  were  pre- 
sented for  a wing-tank  combination  with  the  fin  location  either  inboard 
or  outboard.  It  was  indicated  that  the  inboard  location  increased  the 
aerodynamic  danping  in  the  torsioml  mode  and  an  outboard  position  would 
tend  to  increase  the  divergent  speed. 
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AERODYNAMIC  DERIVATIVES  FOR  A STREAMLINE  BODY 
AT  THE  END  OF  A CIRCULAR  STRUT 


Figure  5 
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AERODYNAMIC  DERIVATIVES  FOR  AN  OPEN  TUBE  AT  THE  END  OF  A 

CIRCULAR  STRUT 


Figure  4 
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EFFECT  OF  RN  ON  DAMRNG-MOI^T  DERIVATIVE  ON  TIP  TANK 
IN  PRESENCE  OF  WING 


.lOTTr 


OBIT 


OBIT 

(OAMPMG  M0MENT)(./2 
D4rr 


Derr 


ONO  FIN 
□ OEUAFIN 
A TRAPEZODAL  FIN 


M<0.5 


o o 

o 

o oo 


% 


.05 


0£i 


.10 

k 


-I 0 — U 

.15  ZO 


Figure  5 


EFFECT  OF  FIN  LOCATION  ON  MOMENT  DERIVATIVES 
ON  A WING -TANK  COMBINATION 


Figure  6 

i 


•« 


EXPLORATOEY  INVESTIGATION  OF  THE  MOMENTS  ON  OSCILLATING 

CONTROL  SURFACES  AT  TRANSONIC  SPEEDS 

By  Dennis  J.  Martin,  Robert  F.  Thompson,  and 
C . William  Mart  z 

Langley  Aeronautical  Laboratory 
SIHMARY 


Control  hinge-moment  data  have  been  obtained  for  oscillating 
trailing -edge  controls  on  unswept,  swept,  and  delta  wings  through  the  use 
of  wind-tunnel  and  rocket  test  models* 

It  has  been  found  that  a range  of  unstable  damping  occurs  at  transonic 
speeds  for  each  configuration  tested.  Examination  of  the  results  indicates 
the  importance  of  several  parameters.  However,  it  woxfld  appear  that  the 
transonic  control- instability  problem  might  be  considerably  alleviated  by 
structural  modifications  such  as  increased  stiffness  and  damping  or  by 
aerodynamic  configuration  changes. 


INTRODUCTION 


One  of  the  most  difficult  problems  that  has  arisen  as  flight  speeds 
have  increased  into  the  transonic  and  supersonic  speed  range  is  concerned 
with  control-surface  flutter.  Flutter  troubles  on  control  surfaces  have 
been  the  rule  rather  than  the  exception  on  most  configurations.  Broadly 
speaking,  there  are  two  types  of  flutter  involving  control  surfaces  that 
have  been  of  concern.  One  is  coupled  flutter  that  involves  an  interaction 
between  control-surface  motion  and  one  or  more  other  degrees  of  freedom 
of  the  airplane.  Adjusting  the  mass  balance,  for  exairrple,  as  directed 
by  theory  has  usually  proved  adequate  to  correct  this  coi^led  control- 
surface  flutter.  However,  even  though  the  coupled  flutter  is  eliminated, 
another  type  of  flutter  involving  only  the  degree  of  freedom  of  the  con- 
trol surface  is  freqxaently  encountered.  (See  refs.  1 to  9-)  This  single- 
degree-of -freedom  control-surface  flutter  is  generally  not  sensitive  to 
mass  balance.  However,  like  most  s ingle -degree-of -freedom  types  of 
flutter,  it  is  very  sensitive  to  damping. 


To  determine  the  amount  of  damping  necessary  to  prevent  this  single- 
degree type  of  flutter,  a number  of  experimental  measurements  have 
recently  been  made  at  transonic  speeds  of  the  hinge  moments  on  control 
siirfaces  on  swept,  \xnswept,  and  delta  wings.  Presenting  some  preliminary 
resiilts  of  these  investigations  is  the  primary  purpose  of  this  paper. 
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SYMBOLS 


Ms 

1 

M' 


ta 


^w 


V 

M 

C 

5 


1 - XI 


aerodynamic  hinge  moment  on  control  per  unit  deflec- 
tion, positive  trailing  edge  down,  ft-lb/radian 

free-stream  dynamic  pressiire,  Ib/sq  ft 

area  moment  of  aileron  area  rearward  of  and  about 
hinge  line , ft5 

mean  geometric  control  chord,  ft 
mean  geometric  wing  chord,  ft 

angular  frequency  of  oscillation,  radians/ sec 
aileron  reduced  frequency, 

2V 


wing  reduced  frequency. 


ox: 


■w 


2V 


free-stream  velocity,  ft/sec 
Mach  n\miber 


ft -lb 


r.  . . j-  O—JLk-F 

equivalent  viscous -damping  coefficient^  radians/sec 

control- surface  deflection^  positive  trailing  edge 
down,  radians 

ratio  of  control  chord  to  wing  chord 


flutter  derivatives  as  used,  for  example,  in  ref- 
erence 10 


Cha  == 


control  span,  ft 

Real  part  of  Mg 
2M'a 


^hk  - 


Imaginary  part  of  Mg 
2M'qka 


DISCUSSION  (F  PAEAMETERS 


The  hinge  moment  existing  on  an  oscillating  control  is  not  necessarily 
in  phase  with  the  control  position  and  may  he  represented  in  complex  nota- 
tion hy  the  relation 


Mg 

2M'(i 


Chg  + i^aChg 


The  part  is  the  component  in  phase  with  the  displacement  and  is 

o 

commonly  called  the  inphase  or  spring  moment,  whereas  is  the  com- 

ponent that  is  90^  out  of  phase  with  displacement,  that  is,  in  phase  with 
the  velocity.  This  part  is  called  the  quadrature  or  damping  moment. 
Negative  values  of  oppose  the  displacement  and  hence  act  as  an 

aerodynamic  spring  and  result  in  an  increase  in  the  stiffness  or  an 
increase  in  the  natural  frequency  of  a control  surface.  Likewise,  nega- 
tive values  of  Cjig  oppose  the  velocity  and  hence  indicate  stable  damping; 

that  is,  a free  oscillation  of  a control  surface  would  damp  out.  Positive 
values  of  then  would  indicate  an  unstable  aerodynamic  damping  moment, 

and  an  oscillation  would  increase  in  amplitude  unless  structural  damping 
or  a control-surface  damper  provided  damping  moments  greater  than  the 
unstable  aerodynamic  moments.  The  value  of  equivalent  viscous  damping 
required  of  the  damper  to  overbalance  the  unstable  aerodynamic  moment  is 
given  by  the  expression 


C = 


V 


where  C is  the  damper  hinge  moment  in  foot-pounds  per  angular  velocity 
required  of  the  damper. 


The  data  presented  in  this  paper  are  in  the  form  of  the  stability 
coefficients  and  expressions  relating  these  values  to 

commonly  used  coefficients  in  flutter  analysis  are 
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Ch5  = 


Ca%al^4 

M’ 


(1  - 


For  the  special  case  of  a rectangular  control  hinged  at  the  leading 

edge, 


and 


Chg  = -2ka%5'  = 


(1  - xi)2 


Chg  = -2kaM4' 


2ky%' 

(1  - xi)5 


THEORETICAL  CONSIDERATIONS 


It  may  be  of  interest  to  see  just  vhat  the  theory  predicts  for  the 
control-surface  damping  moments  throughout  the  transonic  speed  range. 
Figure  1 shows  theoretical  values  of  control  damping  coeffi- 

cient, as  a function  of  Mach  number  for  three  values  of  reduced  frequency 
based  on  control  chord.  These  values  have  been  obtained  from  refer- 
ences 10,  11,  and  12  for  the  subsonic,  sonic,  and  supersonic  ranges. 

All  calculations  are  for  a 20 -percent -chord  control  hinged  at  its  leading 
edge.  No  two-dimensional  coefficients  are  tabulated  between  M = 0.8 
and  1.0,  and  hence  the  curves  have  been  arbitrarily  faired  between  the 
subsonic  and  sonic  theories.  Theory  shows  that  for  the  lower  range  of 
reduced  frequencies  there  is  an  abrupt  loss  in  stable  damping  and  that 
the  damping  becomes  unstable  and  remains  unstable  up  to  supersonic  speeds. 
Theory  further  indicates  that  at  the  higher  reduced  frequencies  the 
instability  does  not  exist  throughout  the  speed  range.  This  has  been 
confirmed  by  experience  inasmuch  as  it  has  generally  been  found  that, 
if  it  is  possible  to  make  the  control-surface  frequency  high  enough,  the 
troubles  have  been  cured  or  avoided.  When  an  excessive  penalty  must  be 
paid  to  achieve  a sufficiently  high  frequency,  it  has  been  necessary  to 
provide  dampers  to  absorb  the  unstable  aerodynamic  damping  that  remains. 


DISCUSSION  OF  RESULTS 


Now  tihHt  tihe  predicbions  of  fhe  idealized  iheory  have  been  considered, 
some  experimental  results  in  the  transonic  speed  ran^e  are  discussed. 
Experimental  data  are  some^vdiat  difficult  to  correlate  because  of  non- 
linearities  that  are  encountered  on  control  surfaces.  One  nonlinear 
effect  is  illustrated  in  figure  2,  which  shows  the  experimental  varia- 
tion of  the  damping-moment  coefficient  Cjig  with  the  amplitude  through 

which  the  control  is  oscillating.  These  data  are  for  an  unswept,  semi- 
span  model  \diich  was  tested  in  the  Langley  Mgh-speed  7-  by  10-foot 
tunnel  at  a Reynolds  number  of  about  2 x 10^  based  on  wing  chord.  The 
50 -percent- chord  aileron  had  20 -percent  aerodynamic  balance  and  was  not 
sealed.  It  can  be  seen  that  at  these  Mach  numbers  there  is  a nonlinear 
variation  of  damping -moment  coefficient  with  amplitude.  Further,  for 
this  particular  case  the  maximum  \ans table  damping  appears  to  occur  at 
some  intermediate  amplitude,  and  it  is  possible  that,  combined  with  some 
level  of  structural  damping,  this  could  explain  some  of  the  limited- 
amplitude  flutter  obtained  in  many  cases  of  control-surface  flutter. 

These  nonlinear  variations  with  amplitude,  however,  make  evaluations  of 
the  effects  of  other  parameters,  such  as  Mach  number,  difficult. 

In  oi‘'der  to  obtain  some  idea  ,cf  Mach  number  effects,  a constant 
amplitude  of  oscillation  was  chosen  near  the  maximimi  unstable  damping, 
aroimd  2.5°,  and  the  damping  coefficients  for  this  aii5)litude  were  plotted 
as  a function  of  Mach  mamber.  Figure  3 shows  the  experimentally  deter- 
mined damping-moment  coefficients  at  angles  of  attack  of  0^  and  6*^  for 
the  same  configuration,  and  the  dashed  curve  indicates  the  values  pre- 
dicted by  two-dimensional  subsonic,  sonic,  and  supersonic  theories.  The 
theoretical  values  presented  in  this  figure  as  well  as  subsequent  fig- 
ures were  calculated  for  a 20-percent-chord  control  hinged  at  the  leading 
edge.  It  can  be  seen  from  the  curves  through  the  data  points  that  there 
is  an  abrupt  change  from  stable  to  unstable  damping,  and  it  has  been 
found  that  the  Mach  mmiber  at  which  this  change  takes  place  depends  upon 
many  things,  for  example,  airfoil  thickness,  angle  of  attack,  or  ampli- 
tude of  oscillation. 

Of  immediate  importance  to  the  transonic  and  supersonic  airplane 
designer  is  the  magnitude  of  the  maximum  unstable  damping  that  is  likely 
to  be  encountered  over  the  entire  Mach  number  range.  It  can  be  seen 
that  theory,  which  is  the  idealized  two-dimensional  theory,  predicts 
some  of  the  trends  but  is  inadequate  in  predicting  the  magnitudes.  The 
magnitude  thus  depends  upon  oscillation  amplitude  as  was  seen  in  fig- 
ure 2 and,  to  a lesser  extent,  angle  of  attack  as  indicated  in  figure  3* 

The  aerodynamic  profile  of  the  control  is  known  to  have  an  effect 
on  aileron  buzz,  and  figure  h shows  the  effect  of  control-surface 
trailing -edge  thickness  on  the  damping-moment  coefficient.  Control 
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siarfaces  with  thickened  trailing  edges  have  been  found  in  some  cases  to 
be  less  susceptible  to  control-surface  buzz^  and  the  results  of  this 
figvire  show  that  the  control  surface  with  a thickened  trailing  edge  had 
smaller  unstable  damping  moments  than  the  one  with  a sharp  trailing  edge. 
Maximum  values  of  Cv,s  over  an  amplitude  range  of  ±10°  at  zero  angle  of 

attack  were  used  for  this  comparison. 

Also  of  interest  to  the  airplane  designer  is  the  aerodynamic  inphase 
or  spring  moment,  and  figure  5 shows  the  inphase  moment  coefficient  plot- 
ted against  Mach  number  for  the  same  two  aileron  profiles  as  in  figure  ll-. 
The  coefficient  Cv,  is  the  inphase  aerodynamic  moment  coefficient,  and 

negative  values,  it  may  be  recalled,  indicate  a stiffening  or  spring 
effect.  It  is  seen  that  Chg  is  negative  throughout  the  Mach  number 

range,  and  it  is  of  Interest  in  comparing  the  effect  of  the  control  pro- 
file that  the  magnitudes  of  the  inphase  moments  are  increased  when  the 
trailing  edge  is  thickened,  whereas  the  damping  moments  are  decreased; 
this  would  indicate  a large  reduction  in  the  phase  angle  of  the  moment 
vector  as  the  trailing  edge  is  thickened.  Theory  again  follows  the 
general  trend  but  predicts  too  large  a magnitude.  However,  the  theory 
shown  was  for  a two-dimensional  control  with  a sealed  gap  and  hinged  at 
the  leading  edge,  whereas  the  control  for  this  experiment  permitted  flow 
through  the  gap  and  had  20-percent  aerodynamic  balance. 

Swept-wing  controls  have  also  encountered  control-surface  instabili- 
ties, anH  figure  6 presents  the  damping -moment  coefficients  on  a swept- 
rudder  configuration  having  a 25-percent-chord  control  hinged  at  the 
leading  edge.  These  data  were  obtained  from  tests  of  a 5-percent-thick 
semispan  model  in  the  Langley  8-foot  transonic  pressure  tunnel.  The  data 
are  representative  of  oscillation  amplitudes  of  ±1°^  zero  angle  of  attack, 

and  Reynolds  numbers  of  about  6 x lO^.  These  tests  extended  to  super- 
sonic speeds  of  about  M = 1.12  and  again  indicate  an  abrupt  loss  in 
damping,  as  in  the  case  of  the  unswept  configuration.  The  theory  and 
experiment  are  for  a constant  value  of  reduced  frequency  of  0.048  and 
the  experimental  curve  is  obtained  from  cross  plots  of  data.  The  theory 
is  based  on  the  component  flow  Mach  number  perpendiciilar  to  the  hinge 
line.  Although  the  trend  of  the  instability  seems  to  be  predicted  by 
theory,  the  crossover  points  and  the  magnitudes  are  in  error.  The 
unstable  damping  region  obtained  experimentally  occurs  at  a slightly 
higher  Mach  number  than  that  for  the  unswept  wing,  althouigh,  as  mentioned, 
not  as  high  as  that  predicted  by  the  component  flow  Mach  number  theory. 

The  inphase  hinge  moments  for  the  same  configuration  as  in  figure  6 
are  shown  in  figuire  7,  and  a very  good  if  not  coincidental  agreement  is 
noted  with  theory. 
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Although  control-surface  instabilities  on  delta  wings  have  not  been 
as  documented  as  those  for  other  types  of  configurations,  experimeni^l 
hinge-moment  measurements  have  been  obtained  for  oscillating  delta-wing 
controls  and  the  damping-moment  con5>onents  are  shown  in  figure  8.  Some 
data  are  shown  for  a full-span  model  tested  in  the  Ames  6-  by  6-foot 
supersonic  t\onnel  (ref.  15  s^Jd  unpublished  data)  for  a control  with  a 
sharp  trailing  edge.  These  data  were  obtained  at  zero  angle  of  attack, 
oscillation  amplitudes  of  ±1°,  a Reynolds  number  of  2.4  x 10  based  on 
wing  mean  aerodynamic  chord,  and  reduced  frequencies  up  to  0.05*  Addi- 
tional data  are  shown  for  a rocket  model  launched  by  the  Langley  Pilotless 
Aircraft  Research  Division  at  zero  angle  of  attack  with  a fioll-span 
constant-chord  unbalanced  control  having  a thickened  trailing  edge. 

Reduced  frequency  for  this  test  was  about  0.05  Reynolds  number  based 
on  the  mean  wing  chord  was  about  5 X lO^.  The  damping-moment  coefficients 
for  the  delta  wing  also  show  a loss  in  stable  damping  at  transonic  speeds, 
and  stable  damping  appears  to  be  regained  at  s\jpersonic  speeds,  depend!^ 
upon  the  amplitude  of  oscillation.  The  rocket  model  encountered  control- 
s\irface  flutter  in  the  range  of  Mach  numbers  indicated  by  the  hatched 
area  and  appeared  to  become  stable  above  a Mach  number  of  about  1.5* 

The  control  remained  stable  up  to  the  maximum  speed  of  the  flight  around 
_ 2.0,  although  a failure  in  the  oscillating  mechanism  precluded 
obtaining  damping  coefficients  in  this  range.  Stiffness  coeffi- 
cients Ch<^  were  obtained  for  the  same  configurations  and  are  shown  xn 

figure  9.  The  measured  stiffness  coefficients  increase  as  sonic  speeds 
are  approached  and  decrease  at  supersonic  speeds  in  much  the  manner  that 
theory  predicts.  The  theory  is  for  a sealed  gap,  whereas  the  tunnel 
experiments  permitted  some  flow. 


CX)NCLUDII!1G  RIMARKS 


The  results  of  the  investigations  thus  far  have  indicated  that  the 
airplane  designer  has  several  measures  at  his  disposal  for  solving  the  ^ 
problem  of  single-degree-of -freedom  control-surface  flutter.  Aerodynamic 
modifications  appear  to  offer  some  promise  but  require  considerably  more 
study  to  establish  trends  that  will  be  practical  for  design.  Structural 
modifications  that  increase  the  stiffness  and  hence  frequency  of  the 
control  appear  to  be  straightforward,  although  there  ^e  li^^s  to  tbe 
amount  by  which  the  control-surface  frequency  can  be  increas^  before 
excessive  veight  penalties  or  other  complications  are  encountered,  ^e 
addition  of  control-surface  dampers  appe^s  to  offer  ano^^her  means  of 
eliminating  the  control-surface  instabilities  and  some  of  the  data  o 
this  paper  may  be  useful  for  this  purpose.  Of  course,  each  basically 
different  config\iration  will  require  separate  study.  It  must  be  po^t 
oit  that,  if  thfcontrol-surface  frequency  is  low,  the  size  of  the  darner 
required  to  overcome  the  large  aerodynamic  unstable  damping  encountered 


at  the  low  reduced  frequencies  may  impose  restrictions  on  the  rate  at 
which  the  pilot  may  control  the  airplane.  Hence,  it  appears  that  some 
kind  of  a compromise  may  be  necessary  between  control-surface  stiffness 
ajid  damper  size. 
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STIFFNESS  COEFFICIENTS  FOR  UNSWEPT  WING 

a=0“ 


DAMPING  COEFFICIENTS  FOR  SWEPT- WING  CONTROL 
kn=  0.048;  8 = ±1* 
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STIFFNESS  COEFFICIENTS  FOR  DELTA-WING  CONTROL 
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■time  vaxiation  of  "the  angle  of  attack  and  the  fluctuating  load  can  be 
represented  by  rotating  vectors  shown  in  the  left  part  of  the  figure,  it 
is  possible  to  resolve  the  fluctmting  lead  into  two  parts  - a ccn5)onent 
in  phase  with  airfoil  angular  position  and  a con5)onent  out  of  phase  with 
angular  position.  The  in-phase  con^jonent  corresponds  to  the  stiffness 
terms  in  the  flutter  equations,  whereas  the  out-of -phase  ccnqjonent  cor- 
respcaads  to  the  dancing  terms,  which  are,  of  course,  in  phase  with  the 
airfoil  angular  velocity. 


In  figure  5,  data  on  the  fluctuating  loads  for  MCA  65A-series 
airfoils  of  3 different  thickness  ratios  are  presented.  The  in-phase 
coD5)onent  shown  in  the  i^jper  part  of  figure  5 bas  been  defined  in  fig- 
ure 2.  The  out-of -phase  component,  also  defined  in  figure  2,  is  shown 
in  the  lower  part  of  figure  5»  The  dashed  theoretical  curves  were  derived 
from  a report  by  Neumark  (ref.  9)  are  for  M = 0.8.  These  data  are 
for  tfech  numbers  equal  to  or  less  than  the  Mach  number  for  lift  diver- 
gence and  pertain  to  a reduced  frequency  of  0.06.  It  is  apparent  that 
the  experimental  trends  axe  predicted  by  theory  for  both  the  in-phase 
and  out-of -phase  conponents  of  the  fluctuating  loads.  The  agreement 
between  theory  and  experiment  is  not  surprising  in  view  of  the  flow 
conditions  which  existed.  Neither  shock  waves  nor  separation  occurred, 
with  the  resvilt  that  the  pressure  fluctuations  were  of  a sinusoidal 
nature . 


When  the  Ife.ch  number  is  increased  above  that  for  lift  divergence, 
however,  the  flow  field  is  of  an  entirely  different  nature,  and  large 
changes  in  the  fluctuating-load  distributions  are  to  be  ejqpected.  This 
point  is  illustrated  in  figvire  k,  where  it  is  observed  that  the  fluc- 
tuating loads  are  siltered  siibstantially  over  the  rear  portion  of  the 
airfoils  where  shock  waves  are  known  to  occiir.  In  the  case  of  the 
12 -percent-  and  8-percent- thick  airfoils,  these  alterations  appear  as 
an  actual  chsuage  in  the  direction  of  the  loading.  The  magnitude  of  the 
alteration  is  ccmparable  to  the  large  loadings  in  the  vicinity  of  the 
leading  edge  of  the  airfoil. 

A similar  comparison  of  results  for  Mach  numbers  less  than  and 
greater  than  lift  divergence  are  shown  in  figures  5(8’)  5(b) , respec- 

tively, for  higher  reduced  frequencies  than  in  figures  3 ^nd.  4. 

There  is  then,  the  not  altogether  surprising  indication  that  shock 
waves  strongly  Influence  the  distribution  of  fluctuating  loads  on  air- 
foils at  supercritical  speeds.  It  is  well  known,  however,  that  the  loca- 
tion of  shock  waves  on  airfoils  is  strongly  dependent  upon  the  location 
of  the  maximum  thickness.  It  seems  appropriate,  therefore,  to  compare 
the  fluctuating  loads  on  airfoils  having  the  same  thickness  ratios  but 
different  maximum-thickness  positions.  For  this  purpose,  figures  6(a) 
and  6(b)  are  presented  which  show  the  fluctuating  loads  on  three 
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A STUDY  OF  THE  FLUCTUATING:  .LOADS  ON  OSCILLATING 
AIEFOILS  IN  SUPERCRITICAL  FLOW 
By  John  A.  Wyss 
Ames  Aeronautical  Laboratory 


This  paper  is  concerned  with  the  air  loads  acting  on  two-dimensional 
airfoils  which  were  driven  in  harmonic  motion  at  subcritical  and  stiper- 
critical  speeds.  An  increase  in  Mach  number  so  that  the  flow  becomes 
si;5)ercritical  is  known  to  have  large  effects  on  steady-state  aerodynamic 
characteristics.  That  large  effects  also  occur  to  the  nonsteady  aero- 
dynamic characteristics  has  also  been  shown  in  previously  published  papers 
(e.g.,  refs.  1,  2,  and  5)*  order  to  achieve  a better  understanding  of 

these  effects,  a study  has  been  made  of  the  chordwise  distribution  of  the 
fluctuating  loads.  Some  of  the  typical  results  of  this  study  will  be 
shown  by  first  con5>aring  experimental  and  theoretical  results  for  flow 
conditions  where  the  theory  would  be  expected  to  apply.  In  this  manner, 
some  indication  of  the  validity  of  the  experimental  measuring  technique 
can  be  indicated.  Results  will  then  be  shown  for  flow  conditions  where 
shock  waves  have  a strong  Influence  on  the  results. 

Figure  1 shows  a diagrammatic  sketch  of  the  drive  system.  The  air- 
foil was  mounted  between  .two  walls  which  formed  a two-dimensional 
channel.  The  walls  were  about  l6.  feet  high  and  20  feet  long.  The  chord 
of  the  airfoil  was  2 feet.  The  drive  rod  and  sector  £irm  attached  to  the 
airfoil  were  contained  in  one  of  the  walls  which  formed  the  two-dimensional 
channel.  The  airfoils  were  driven  in  sinusoidal  motion  in  pitch  about 
the  quarter-chord  line  at  frequencies  up  to  40  cycles  per  second  and  at 

an  aiiplitude  of  ‘tl°,  Reynolds  number  varied  from  5 X 10^  to  8 x 10^. 

Since  the  data  were  obtained  in  a closed -throat  wind  txnmel,  it  was 
necessary  to  disregard  results  near  the  tunnel  resonant  frequency  in 
order  to  minimize  the  possible  effects  due  to  the  presence  of  the  wind- 
tunnel  floor  and  ceiling  (refs.  4,  5^  sJ^d  6), 

The  data  were  obtained  by  means  of  pressure  cells  (see  refs.  7 ai^d  8) 
mounted  flush  with  the  upper  and  lower  surfaces  of  the  airfoils  at  several 
chord  stations.  Figure  2 illustrates  the  method  of  analysis  for  one  chord 
station.  The  dashed  line  indicates  the  sinusoidal  time  variation  of  angle 
of  attack;  the  solid  line,  the  time  variation  of  the  loading  coefficient > 
representing  the  fxxndamental  component  obtained  from  an  harmonic  analysis. 
It  may  be  noted  that  the  pressure  coefficient  represents  the  pressure 
difference  between  the  upper  and  lower  surfaces  at  each  chord  station 
and,  therefore,  represents  the  fluctuating  load  at  each  chord  station. 

The  small  arrow  over  the  symbol  indicates  that  it  pertains  only  to  the 
fluctuating  part  of  the  air  loads  on  the _ai££pil.  By  assuming  that  the 
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symmetrical  airfoils  oscillating  about  0°  angle  of  attack.  Specifically, 
the  in— phase  and  out-of -phase  ccnjjonents  are  shown  for  8-percent-thick 
airfoils  with  their  maxirmim  thickness  at  l6,  k-2,  and  65  percent  of  the 
chord.  G3ie  circular  synibols  are  for  a low  reduced  frequency  of  O.O5 
corresponding  to  an  actual  frequency  of  8 cycles  per  second.  The  square 
symbols  are  for  the  high  reduced  frequency  of  0.25  coiresponding  to  an 
actual  frequency  of  about  40  cycles  per  second.  The  solid  lines  repre- 
sent the  static  loading  on  the  airfoils  at  the  angle  of  attack,  namely  1°, 
corresponding  to  the  maximum  amplitude  of  oscillation.  It  is  observed 
again  that  the  fluctuating  loads  tend  to  peak  in  the  region  where  shock 
waves  are  known  to  occur.  Also,  high  pressure  peaks  are  observed  to 
occ\jr  at  the  leading  edge  of  the  airfoils  having  smaller  leading-edge 
radii.  Evidently  then,  both  leading -edge  radius  and  maximum-thickness 
location  on  an  airfoil  significantly  influence  the  distribution  of  the 
fluctuating  loads  at  low  and  high  reduced  frequencies. 

Another  interesting  featinre  of  the  data  is  the  apparent  relationship 
between  static  and  fluctuating  loads.  For  exauiple,  it  is  observed  that 
the  in-phase  con5)onent  of  fluctuating  load  has  much  the  same  trend  with 
chordwlse  position  on  the  airfoil  as  the  static  load.  Also,  the  static- 
load distribution  provides  an  Indication  of  the  location  of  the  peak 
values  of  the  out-of -phase  ccaigjonent.  These  observations  suggest  the 
possibility  that  the  fluctuating  loads  can  be  related  to  the  static  loads. 

It  is  alno  of  interest  to  indicate  the  chordwlse  regions  which  con- 
tribute to  a destabilizing  daa5>lng  mcment,  as  illiostrated  in  figure  7, 

The  chordwlse  region  which  contributes  a destabilizing  <hunp1ng  mcment  is 
indicated  by  the  shaded  areas.  Whether  the  mcment  is  stable  or  unstable 
is  determined  not  only  by  the  sign  of  the  fluctuating  load,  but  also  its 
fore-and-aft  location  with  respect  to  the  axis  of  rotation.  As  the 
point  of  maximum  thickness  is  moved  aft,  the  magnitude  of  the  unstable 
fluctuating  loads  decreases.  It  is  obvious,  therefore,  that  shock  waves 
have  a large  effect  on  the  dan?)ing. 

The  results  may  be  summarized  as  follows: 

At  Mach  numbers  less  than  that  for  lift  divergence,  the  chordwlse 
distribution  of  the  fluctviatlng  loads  on  the  oscillating  airfoils  were 
indicated  by  the  theory. 

At  Ifech  numbers  greater  than  that  for  lift  divergence,  the  general 
chordwlse  trends  of  the  fluctmtlng  loads  were  indicated  by  static -load 
distributions.  Also,  the  chordwlse  location  of  the  shock  waves  b»d  a 
large  effect  on  the  aerodynamic  damping. 
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Figure  5(a) 
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FLUTTER  CHARACTERISTICS  OF  SWEPT  WINGS 
AT  TRANSCaSIC  SPEEDS 
^ Lavirence  K.  lot  tin,  Jr. 
langley  Aeronautical  Laboratory 


SUMMARY 


An  experimental  study  of  the  flutter  characteristics  of  swept 
wings  is  being  made  in  the  Langley  transonic  blowdown  tunnel.  The 
purpose  of  this  work  is  to  determine  the  ing)ortant  effects  of  some  of 
the  plan-form  variables  and  to  provide  the  basis  for  a means  of  flutter 
• prediction  at  transonic  speeds.  The  investigations  have  consisted  of 
studies  of  the  effects  of  variations  in  sweepback  angle,  aspect  ratio, 
and  taper  ratio  throu^  a Mach  number  range  extending  from  about  0.8 
to  1.55.  The  investigations  have  shown  that  althoij^  some  further 
work  is  no  doubt  required,  the  basic  effects  of  these  plan— form 
variables  are  fairly  well  defined.  Variations  in  the  center-of- 
gravity  position  have  been  shown  to  have  an  important  effect  on 
flutter  at  transonic  speeds.  A method  of  analysis  has  been  developed 
which  accounts  for  the  effect  of  center-of -gravity  position  and  which 
indicates  the  inportant  aerodynamic  parameters  influencing  flutter  of 
a certain  class  of  wings  at  transonic  speeds. 


INTRODUCTION 


An  experimental  study  of  the  flutter  characteristics  of  swept 
wings  is  being  made  in  the  langley  transonic  blowdown  tunnel.  The 
purpose  of  this  work  is  to  determine  the  important  effects  of  seme  of 
the  plan— form  variables  and  to  provide  the  basis  for  a means  of  flutter 
prediction  at  transonic  speeds.  The  investigations  have  consisted  of 
studies  of  the  effects  of  variations  in  sweepback  angle,  aspect  ratio, 
and  taper  ratio  througli  a Mach  number  range  extending  from  about  0.8 
to  1.55.  The  variations  in  the  individual  plan-form  parameters  were 
chosen  with  a view  toward  bracketing  the  range  of  practical  interest 
and  consisted  of  sweepback  angles  from  oP  to  60®,  aspect  ratios  from 
2.0  to  6.0,  and  taper  ratios  from  1.0  to  0.2.  The  effects  of  varia- 
tions in  certain  wing  mass  parameters  have  also  been  briefly  studied. 
Some  of  the  results  of  these  investigations  have  been  reported  (refs.  1, 
2,  and  5),  whereas  other  more  recent  data  are  not  yet  generally 
available.  The  present  paper  will  attempt  to  summarize  and  correlate 
some  of  the  trends  shown  by  the  results.  The  experimental  techniques 
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employed  in  the  investigations  are  fully  described  in  references  2 and 
5 and  will  not  be  discussed  here. 


SYMBOLS 


A 

A 

A 

M 

^EXP 

Vref 

^EXP 

Vref' 

%2 

%. 


sweep  angle  of  wing  quarter-chord  line 
wing  aerodynamic  aspect  ratio 
wing  taper  ratio 
Mach  number 

ratio  of  experimental  to  calculated  flutter  speeds 

ratio  of  experimental  to  modified  calculated  flutter  speeds 

ratio  of  measured  coupled  second  bending  frequency  to 
first  torsion  frequency 

lift -curve  slope 


— distance  along  wing  chord  measured  from  leading  edge, 

^ fraction  of  chord 

c wing  chord  length  normal  to  quarter-chord  line 

Subscripts: 

CG  center-of-gravity  position 

ac  aerodynamic-center  position 

M Mach  number 

.8  stream  Mach  number  of  0.8 


N 


direction  normal  to  quarter-chord  line 


METHOD  OF  ANALYSIS 


Before  discussing  the  trends  shown  hy  the  results  for  the  various 
wings,  a few  remarks  regarding  the  method  of  presentation  and  the 
definition  of  flutter  speed  may  he  appropriate-  Some  typical  resiilts 
for  a swept  wing  are  shown  in  figure  1.  A definition  of  the  exact  plan 
form  is  not  inqjortant  in  this  case.  The  ^fe.ch  number  is  plotted  along 
the  abscissa  and  the  ratio  of  the  experimental  to  a calculated,  or 
reference,  flutter  speed  is  on  the  ordinate.  HSie  reference  flutter 
speeds  were  determined  frcxn  a Rayleigh  type  of  analysis  in  which  the 
flutter  mode  was  represented  by  the  superposition  of  the  uncoiq>led 
modes  of  a cantilever  beam  and  in  which  the  aerodynamic  coefficients 
were  two-dimensional,  incompressible  values  taken  normal  to  the  quarter- 
chord  line  (ref . ^4-) . The  necessity  of  en5)loying  such  a normalizing 
factor  as  Vrep  in  the  presentation  of  experimental  flutter  results 
seems  unavoidable  because  of  the  large  number  of  mass,  elastic,  geo- 
nKtric,  and  aerodynamic  variables  involved.  Thus,  by  use  of  a reference 
flutter  speed,  the  mass  and  stiffness  properties  of  the  models  ani^  the 
air  density,  all  of  which  have  a profound  effect  on  the  actual  flutter 
speed,  do  not  appear  explicitly  in  the  comparison  of  the  various  wings 

but  are  implicit  in  the  values  of  Vref-  Curves  of  against 

VrkF 

Mach  number,  therefore,  show  the  departure  of  the  actual  flutter  speed 
from  a known  reference  level  as  a function  of  tfech  number. 

In  many  of  our  tests,  difficulty  is  experienced  in  selecting  a 
unique  boundary  which  separates  a condition  of  flutter  frcm  a condition 
of  no  flutter.  The  data  points  through  which  the  solid  line  is  faired 
in  figure  1 indicate  a condition  of  continuous  flutter.  Thp^  cross- 
hatched  area  represents  a region  of  doubt  in  which  the  behavior  of  the 
model  is  characterized  by  randcm  oscillations  and  intermittent  bursts 
of  flutter.  As  can  be  seen,  the  region  of  intermittent  flutter  is 
primarily  associated  with  the  supersonic  range,  although  this  is  not 
always  the  case.  The  significance  of  this  region  of  doubt  the 
extent  to  which  the  b\arsts  of  intermittent  flutter  may  be  due  to 
excitation  by  txmnel  turbulence  in  a region  of  low,  but  not  zero,  aero- 
dynamic damping  are  cpen  to  some  question.  In  any  case,  the  flutter 
boundaries  to  be  presented  in  succeeding  figures  correspond  to  the 
condition  of  continuous  flutter  as  Illustrated  by  the  solid  line  in 
figure  1. 


RESULTS  AND  DISCUSSION 


The  results  of  the  study  of  the  effect  of  varying  sweep  angle  are 
shown  in  figure  2 where  the  flutter- speed  ratio  is  plotted  against 
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Mich  number.  The  wings  had  an  aspect  ratio  of  4.0,  a teper  ratio  ^ 

0.6,  and  were  about  4 ^-ent  moH  ^ 5=!5S“^r60°’:  S ?ie  Teh 

sweep  angles  are  seen  to  oe  0 ^ 7 ^ ^ . 

number  range  below  about  0.9,  the  agreement  between  , 

calculated  flutter  speeds  is  very  good,  in  spite  of  the  oversimp 
representation  of  the  aerodynamic  forces  in  the  calculatxons . As  ind 
cated  in  the  key  of  the  figure,  only  two  modes  we^  employed  in  the 
calculations  for  the  wings  of  0°  and  30°  sweep.  These  were  the 
uncoupled  first  torsion  and  first  bending  modes  of  a uniform  cant ^eve 
beam.  In  addition  to  these  modes,  the  second  uncoupled  bending  m^e 
was  employed  in  the  calculations  for  the  other  wings.  ^h° 
for  employing  a third  mode  was  found  to  be  closely  connected  with  -^e 
value  of  the  ratio  of  second  bending  to  first  torsion  frequency, 
frequencies  forming  this  ratio  were  the  measured  coupled  values.  The 
third  mode  appeared  to  be  necessary  in  order  to  obtain  go^  agreemen 
between  calculated  and  experimental  flutter  speeds  when  ratio  of 

second  bending  to  first  torsion  frequency  was  in  the  vicinity  of, 
below,  1.0. 

For  Mach  numbers  greater  than  about  0.9,  the  value  of  the  flutter- 
speed  ratio  increases  with  Mach  number  by  an  amount  which  depends  on 
Sr».Lp  angle.  Very  little  increase  is  noted  for  the  6o°  swept  wing, 
with  progressively  more  increase  accompanying  decreases  in  th®  sweep 
angle  from  60°  to  50°.  An  inversion  in  this  trend  is  noted  ^ ° 
curve  for  the  unswept  wing  which  falls  below  the  curves  Ton  the  30  and 
14-5°  swept  wings.  No  entirely  convincing  reason  for  this  behavior  s 
apparent  at  the  present  time,  although  one  possibility  swsts  itse^. 
Difficulties  with  static  divergence  were  experienced  with  some  of 
unswept-wing  modes.  These  divergent  tendencies  may  have,  in  some  w, 
obscured  the  true  zero-angle-of -attack  flutter  boundary.  In  °^®e, 

investigations  are  now  being  made  of  wings  of  about  10  sweepback  ang 
in  an  effort  to  clarify  these  results. 

Some  effects  of  aspect  ratio  are  shown  in  figure  3 in  which  the 

flutter- speed  ratio  ^ is  again  plotted  as  a function  of  Mach  number. 

The  data  shown  are  for  45°  sweptback  wings  having  aspect 
4 and  6.  The  taper  ratio  is  0.6  and  the  airfoils  are  4 percent  thick. 
The  calculated  and  experimental  flutter  speeds  agree  quite  well  ^ 
subsonic  speeds  for  the  wings  having  aspect  ratios  of  ^ ^ 

calculated  flutter  speeds  for  the  wing  of  aspect  ratio  2 
considerably  lower  than  the  experimental  values  at  subsonic  ^ 

The  discrepancy  "between  experimental  and  calculated  flutter  spee 

this  case  is  perhaps  due  to  the  Inadequacy  of  the  two-dimensional  ^ o- 

dynamic  coefficients  employed  in  the  calculation.  At  supersonic  speeds, 

all  three  wings  are  characterized  by  values  ?"^^^rSrcurves 

which  increased  with  increasing  Mach  number.  The  shape  of  the  c\irv 
is,  however,  somewhat  different  for  the  three  wings. 


Some  indication  of  the  effect  of  taper  ratio  is  provided  in 
figure  4 in  which  the  flutter- speed  ratio  is  plotted  against  Ifech 
number  for  sweptback  wings  having  taper  ratios  of  1.0,  0.6,  and 
0.2.  The  aspect  ratio  was  14-.0  for  all  three  wings  and  the  airfoils 
were  h percent  thick.  At  subsonic  Mach  numbers,  the  agreement  between 
calculated  and  experimental  flutter  si>eeds  is  seen  to  be  good  for  the 
wings  with  taper  ratios  of  0.6  and  1.0.  The  calculations  for  the  wing 
with  a taper  ratio  of  0.2,  however,  give  a flutter  speed  which  is  too 
low  by  about  20  percent.  The  flutter  mode  for  these  wings  was  charac- 
terized by  hi^  frequencies,  between  the  still-air  coupled  second 
bending  and  torsion  values,  with  large  tip  deflections.  The  first  and 
second  uncoupled  bending  and  first  uncoupled  torsion  mode  shapes  of  a 
beam  with  a taper  ratio  of  0.2  were  enq)lciyed  in  the  calculations.  The 
™ode  shape,  however,  may  not  have  been  adequately  represented. 
Also,  the  still-air  vibration  modes  for  the  wings  having  a taper  ratio 
of  0.2  were  hi^iy  coupled,  which  raises  some  question  as  to  the  approx- 
imate method  employed  for  deducing  the  uncoupled  torsion  frequency  from 
the  coupled  values.  Consequently,  the  subsonic  level  of  the 
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curve  for  the  plan  form  with  a taper  ratio  of  0.2  is  not  too  well 
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established.  The  data  show,  however,  that  the  

^ Vref 

rise  more  steeply  with  increasing  ffech  number  as  the  taper  ratio 
decreases . 


curve  tends  to 


The  results  presented  in  the  preceding  three  figures  all  show  an 

increase  in  the  flutter- speed  ratio  ag  Mach  number  Increases 

''REF 

into  the  supersonic  range.  The  fact  that  the  agreement  between  calcu- 
^ted  and  experimental  flutter  speeds  becomes  poorer  as  the  Mach  number 
increases  is  not  surprising  because  no  account  was  taken  in  the  Vref 
calculations  of  the  effects  of  compressibility  on  the  aerodynamic  char- 
acteristics. The  changes  in  aerodynamic  characteristics  with  Mach 
number  would  seem  to  be  primarily  a function  of  wing-plan-form  shape. 

An  important  question  arises,  however,  as  to  whether  the  curves  of 
^EXP 

Vj^  against  Mach  number  are  a function  only  of  wing  plan  form  or 

whether  these  curves  may  be  altered  by  variations  in  some  of  the  mass 
and  elastic  prooperties  of  the  wing  which  are  hidden  in  the  Vref  calcu- 
lation. Some  understanding  of  the  important  aerodynamic  parameters 
affecting  the  flutter  speed  may  be  obtained  from  the  simple  flutter 
formula  given  by  Theodorsen  and  Garrick  in  reference  5-  This  empirical 
formula  is  based  on  the  results  of  low-speed  studies  of  two-dimensional 
wing  flutter  and  is  applicable  to  cases  in  which  the  ratio  of  first 
bending  to  first  torsion  frequency  is  small.  A consideration  of  only 
those  elements  of  the  formula  which  contain  the  aerodynamic  character- 
istics of  the  wing  indicates  the  following  important  proportionality; 
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where  the  symbols  have  the  following  meaning: 
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(f) 

(f) 


'CG 


ac 


flutter  speed 
lift-curve  slope 

section  center-of-gravity  position 
section  aerodynamic-center  position 
The  assuirqjtion  is  now  made  that  the  departure  of  the  ciorves  of 


from  1.0  as  the  Mach  nimiber  increases  is  a function  only  of  the  well- 
known  rearward  shift  in  the  aerodynamic  center  and  reduction  in  lift- 
curve  slope.  On  the  basis  of  this  assumption  and  with  the  use  of  the 
relation  (l),  the  following  expression  for  the  flutter- speed  ratio  is 
obtained : 
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Vref 
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The  subscript  .8  refers  to  a Mach  number  of  0.8  for  which  the  flutter- 


speed  ratio 
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EXP 


is  usually  about  1.0  and  the  corresponding  aerodynamic 
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center  is  near  the  25-percent-chord  station  assiimed  in  the  Vp^^  calcu- 
lation. The  subscript  M refers  to  some  Mach  momber  higher  than  0.8. 
Equation  (2)  clearly  shows  that  the  reduction  in  lift-curve  slope  and 
rearward  movement  of  the  aerodynamic  center  which  accompany  an  increase 
in  Mach  number  beyond  1.0  should  cause  an  increase  in  the  flutter- speed 
Vp]xp 

ratio  Equation  (2)  also  shows  that  the  magnitude  of  the  effect 

of  rearward  movements  in  the  aerodynamic  center  on  the  flutter- speed 
ratio  depends  upon  the  position  of  the  section  center  of  gravity. 


In  order  to  obtain  some  indication  of  the  correctness  of  these 
ideas ^ a short  experimental  investigation  was  made  of  three  wings  having 
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identical  plan  fonns  Taut  different  section  center-of -gravity  positions. 
The  wings  had  a sweep  angle  of  an  aspect  ratio  of  4.0,  a taper 

ratio  of  0.6,  and  4—percent- thick  airfoil  sections.  The  wings  had 
section  center-of -gravity  positions  of  54,  45,  and  57  percent  chord. 

The  results  of  the  investigation  are  shown  in  figure  5 in  which  the  ‘ 

^EXP 

flutter -speed  ratio  is  plotted  as  a function  of  Mach  number. 

For  any  given  supersonic  Mach  number,  the  value  of 
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is  seen  to 


increase  with  forward  movements  of  the  center— of— gravity  position.  In 
fact,  the  wing  with  the  most  forward  center-of-gravity  position  could 
not  be  fluttered  at  all,  within  the  operating  limits  of  the  tunnel, 
above  a Mach  number  of  approximately  1.2.  No-flutter  points  for  this 

VeXP 


wing  ar*e  indicated  by  solid  synibols.  The  higher  values  of 


VreF 


for 


the  more  forward  center-of-gravity  locations  are  entirely  consistent 
with  equation  (2) . 


Equation  (2)  suggests  certain  possibilities  for  generalizing  the 
data  of  figure  5 to  include  other  center-of-gravity  positions.  The 
values  of  the  lift-curve-slope  ratio  and  the  aerodynamic-center  positions 
appearing  in  relation  (l)  are  unknown  and  must  be  found.  One  possibility 
is  to  use  overall  wing  lift-curve  slopes  and  aerodynamic -center  positions 
as  determined  from  static  aerodynamic  tests  of  rigid  wings.  Such  a pro- 
cedure does  not  yield  good  results,  however,  because  the  deflection  of 
the  wing  is  not  considered.  Another  possibility  is  to  regard  again  the 
aerodynamic  parameters  appearing  in  equation  (2)  as  lumped  or  integrated 
values  and  to  determine  these  values  with  the  use  of  the  flutter  data  of 
figure  5 and  equation  (2).  This  procedure  has  been  followed  herein. 

The  aerodynamic-center  position  and  the  llft-curve-slppe  ratio  at  any 
given  Nfach  ntmiber  are  assximed  to  be  a function  only  of  the  plan  form 
and,  hence,  would  be  the  same  for  the  three  45°  swept  wings  having 
^i^’^'srent  center-of-gravity  positions.  This  assumption  implies  that 
the  flutter  mode  shaj)es  for  the  three  wings  are  not  markedly  different. 

Equation  (2)  indicates  that  the  difference  in  the  curves  of  at 

VreF 

supersonic  speeds  for  the  three  firings  of  figure  5 is  expressed  by  the 
difference  in  value  of  the  ratio 
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whereas  the  lift-curve-slope  ratio 


1 (^^)m 


has  the  same  effect  on  all  three  wings.  On  the  basis  of  this  synthesis 
of  the  effects  of  .lift-curve  slope  and  aerodynamic  center,  the  faired 
curves  of  figirre  5 for  the  three  wings  were  cross -plotted  in  such  a way 
as  to  determine  the  variation  of  the  lumped,  or  effective,  values  of 
the  aerodynamic-center  position  and  lift-cm've-slope  ratio  with  Mach 
number.  The  resulting  aerodynamic-center  position  is  shown  as  a 
fimction  of  Mach  number  normal  to  the  quarter-chord  line  in  figure  6. 

The  aerodynamic  center  is  seen  to  shift  from  the  0.25c  station  to  the 
0.54c  station  as  the  normal  Mach  number  varies  from  0.55  to  O.95.  These 
values  appear  quite  reasonable.  The  variation  of  the  Uft-curve-slope 

(^^).8 

ratio  ~rz — — with  Mach  number  normal  to  the  qiiarter-chord  line  is 
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shown  in  figure  7*  ratio  of  the  lift-curve  slopes  at  stream  Mach 

numbers  of  0,9  a-nd  1.2^  as  determined  from  some  unpublished  static 
aerodynamic  tests  of  a rigid  45^  sweptback  aspect-ratio-4.0  wing,  is 
shown  by  the  symbol  in  this  figure. 


An  indication  of  how  well  the  deduced  variations  of  aerodynamic - 
center  position  and  lift- curve  ratio  describe  the  results  obtained  for 
the  wings  with  different  center -of -gravity  positions  is  provided  in 

^EXP 


figure  8.  In  this  figure,  the  ratio 


is  plotted  against  stream 


Mach  number  for  the  wings  with  different  center-of -gravity  positions. 
The  values  of  Vp-pyp  * were  determined  from  equation  (2)  by  letting 
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(3) 


and  using  the  values  of 


and 


(^^).8 


as  given  in  figures  6 


and  7*  The  correlation  is  excellent,  with  no  systematic  trends  evident 
for  the  wings  with  different  center-of -gravity  positions. 


The  variations  of  aerodynamic-center  position  and  lift-curve-slope 
ratio  shown  in  figures  6 and  'J,  respectively,  were  determined  from 
flutter  tests  of  a particular  wing  plan  form.  Application  of  the  results 
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to  an  arbitrary  ving  plan  form  is  not,  in  general,  permissible.  For 
the  restricted  case  in  which  the  sweep  angle  is  the  only  plan-form 
parameter  varied,  however , one  might  expect  the  values  of  aerodynamic- 
center  position  and  lift— curve- slope  ratio  for  one  sweep  angle  to  be 
roughly  applicable  to  other  sweep  angles  on  the  basis  of  equal  Mach 
numbers  normal  to  the  quarter— chord  line.  On  the  basis  of  this  rather 
crude  assunqation,  the  aerodynamic-center  position  and  lift-curve-slope 
data  of  figures  6 and  7,  together  with  the  formula  (5),  have  been  used 
in  an  attempt  to  correlate  the  swept-wing  data  of  figure  2.  The  resiilts 

are  presented  in  figure  9 the  form  — — — as  a function  of  Mach 

Vref' 

number  normal  to  the  quarter-chord  line.  Also  included  in  figure  9 are 
the  data  for  the  swept  wings  with  center-of -gravity  positions  of  54 
and  57  percent  chord.  The  unswept-wing  data  of  figure  2 are  not 
included.  For  normal  ^fa.ch  nimibers  less  than  0.7,  the  correlation  is 
within  the  scatter  of  the  data  for  individual  wings.  At  higher  Mach 
numbers,  the  correlation  is  not  quite  so  good,  with  the  maximum  dis- 


parity between  the  data  points  and  the  line 
15  percent. 
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1.0  being  about 


The  correlation  of  figure  9 indicates  that,  at  least  for  the  class 
of  wings  considered,  the  aerodynamic  center  and  lift-curve  slope  are 
the  important  aerodynamic  characteristics  controlling  the  variation 

Vexp 

with  Mach  number.  The  fact  that  the  correlation,  figure  9, 


of 


Vi 


REF 


was  achieved  without  any  consideration  of  the  effect  of  compressibility 
on  aerodynamic  lag  is  perhaps  also  of  some  significance.  The  formula, 
equation  (5),  together  with  the  values  of  aerodynamic -center  position 
and  lift-curve-slope  ratio  given  in  figures  6 and  7,  respectively,  may 
perhaps  prove  of  some  use  in  estimating  the  effect  of  variations  in 
center-of -gravity  position  on  the  flutter  speed  of  wing  plan  forms  of 
the  same  general  class  as  those  considered.  The  generality  of  the 
method,  in  an  absolute  sense,  is  however  difficult  to  access. 


CONCLUDING  BEMARKS 


Transonic  flutter  investigations  have  been  made  of  swept  wings 
having  different  sweep  angles,  aspect  ratios,  and  taper  ratios. 

Although  some  further  work  is  no  doubt  required,  the  basic  effects  of 
these  plan-form  variables  seem  fairly  well  defined.  Variations  in  the 
section  center-of -gravity  position  have  been  shown  to  have  an  important 
effect  on  flutter  at  treinsonic  speeds.  A method  of  analysis  has  been 


developed  which  accounts  for  the  effect  of  center-of-gravity  position 
and  which  indicates  the  important  aerodynamic  parameters  influencing 
flutter  of  a certain  class  of  wings  at  transonic  speeds. 
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EXPERIMENTAL  FLUTTER  RESULTS  FOR  CANTILEVER-WING  MODELS 


AT  MACH  NUMBERS  UP  TO  3-0 


By  W.  J.  Tuovila  ajid  John  Locke  McCaxty 
Lan^ey  AeronauticaJL  Laboratory 


SUMMARY 


Experimental  flutter  tests  have  been  made  at  Mach  numbers  up  to  3*0 
using  cantilever-ving  models  with  0^  to  60°  sweepback  and  ^5^  aiid  60^ 
delta-wing  models.  The  effects  of  high  Mach  number  and  center-of -gravity 
location  on  the  flutter  trends  are  indicated.  For  wings  with  the  center- 
of- gravity  location  aheaxi  of  the  midchord  and  with  smal  1 sweep  angles, 
the  stiffness  requirements  to  prevent  flutter  at  a given  altitude  are 
determined  essentially  at  transonic  speeds.  For  wings  with  rearward 
center-of -gravity  locations  and  high  sweep  angles,  the  stiffness  require- 
ments continue  to  increase  with  increase  in  Mach  number.  Shifting  the 
center-of -gravity  location  forward  reduces  the  stiffness  requirements  to 
prevent  flutter,  particularly  for  wings  of  low  sweep  angle. 


HSTROKJCTION 


One  of  the  questions  that  arises  when  aircraft  are  being  designed 
for  high  Mach  number  flight  is  whether  or  not  there  is  still  a serious 
flutter  problem  after  the  transonic  range  has  been  traversed.  The  trends 
as  a function  of  Mach  number  have  been  fairly  well  defined  for  various 
configurations  at  transonic  and  low  supersonic  speeds.  These  data  have 
been  made  available  from  free -flight  rocket-model  and  wind-tunnel  tests 
as  indicated  in  references  1 to  5* 

The  available  flutter  data  at  the  higher  supersonic  Mach  numbers  are 
very  limited,  especially  for  wing  plan  forms  of  ciirrent  interest.  Sys- 
tematic wind-tunnel  tests  of  two-dimensional  wings  at  Mach  numbers  of  1.5 
and  1.72  are  reported  in  references  6 and  7^  respectively,  and  comparisons 
with  two-dimensional  theory  are  given.  Flutter  data  in  free  flight  at 
Mach  mmbers  up  to  approximately  2.1  have  come  mainly  from  isolated 
rocket-model  tests,  such  as  those  described  in  references  8,  9>  10^ 

and  pertain  to  60^  delta- wing  plan  foms. 

The  present  paper  extends  the  range  of  trend  studies  on  cantilever- 
swept-wing  and  delta -wing  plan  forms  up  to  a Mach  number  of  3*0.  Part  of 
these  tests  were  made  with  the  simple  untajered  models  of  reference  5 and 
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thus  represent  an  extension  of  that  work  to  higher  Mach  numbers.  In 
addition^  some  data  are  presented  on  the  effect  of  center-of -gravity 
location  and  taper  on  flutter  at  supersonic  speeds. 


SYMBOLS 


A 

a 

b 

c 

f 

fa 

I 

M 

q. 

t 

V 

A 

A 

P 


aspect  ratio 
speed  of  sound 

wing  semichord  measured  parallel  to  airstream 

chord 

frequency 

first  three  coupled  frequencies 
flutter  frequency 
assumed  torsional  frequency 
semi span 
Mach  number 

dynamic  pressure  referred  to  speed  of  sound 

thickness  of  wing 

free -stream  velocity 

sweepback  angle 

taper  ratio 

mass -density  parameter 
reference  value  of  |j. 

density  of  air 

wing  torsional  circular  frequency 
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TEST  APPAEATUS  AND  MODELS 


The  flutter  studies  were  made  in  the  Langley  supersonic  flutter 
apparatus.  This  tionnel  is  an  intermittent  flow  blowdown  tunnel  which 
operates  at  stagnation  pressures  up  to  about  80  pounds  per  square  inch 
absolute  using  dried  air.  The  testing  technique  used  is  described  in 
reference  11. 

The  wing  models  that  were  tested  are  illustrated  in  figure  1.  The 
untapered  swept-wing  models  were  cut  from  sheet  metal  and  had  the  leading 
and  trailing  edge  beveled  l/4  inch  to  form  a hexagonal  section  shape. 

The  chords  of  all  these  models  were  2 inches  measured  perpendicular  to 
the  leading  edge,  and  the  thicknesses  were  all  0.04l  inch.  The  ^5° 
and  60°  delta-wing  models  were  cut  from  0.05^-inch  sheet  magnesium  anH 
the  leading  edges  were  beveled  l/8  inch.  The  tapered— wing  models  were 
made  from  wood  and  magnesium.  The  root  chord  for  the  models  with  taper 
ratio  (a)  of  0.2  was  5 inches  and  for  the  models  with  taper  ratio  of 
was  ^.25  inches.  The  sweepback,  aspect  ratio,  thickness  ratio  measxired 
parallel  to  the  airstream,  and  taper  ratio  of  the  models  are  given  in  the 
figure. 


METHOD  OF  PRESENTING  RESULTS 


Seme  wing  parameters  and  also  the  test  conditions  at  flutter  are 
presented  in  table  I.  The  first  three  coupled  frequencies  and  the  fliJfcter 
frequencies  are  listed  along  with  the  wing  weights  and  air  densities  at 
flutter.  The  assumed  torsional  frequency  is  designated  as  f . 

GC* 


The  results  of  these  tests  are  presented  in  the  form  of  a stiffness- 


altittide  parameter 


— ^ symbol 


|i,  is  the  ratio  of  the  mass  of 


the  wing  to  the  mass  of  a cylinder  of  air  of  a diameter  equal  to  the  wing 
chord.  The  values  of  are  based  on  the  semichord  b measiired  perpendi- 
cular to  the  leading  edge  for  the  untapered  swept  models;  for  the  delta 
wings  the  mass  of  air  is  based  on  a cone  with  base  parallel  to  the  air- 
stream  and  diameter  equal  to  the  root  chord;  for  the  tapered  models  the 
mass  of  air  is  based  on  a truncated  cone  with  base  perpendicular  to  the 
midchord  line  and  base  diameter  equal  to  the  wing  chord  where  the  mid- 
chord line  intersects  the  root.)  Part  of  this  parameter  represents  the 
wing  torsional  stiffness  and  part  refers  to  the  altitude,  hence,  the  n«Tnf> 
stiffness-altitude  parameter.  The  bo^  part  may  be  thought  of  as  repre- 


senting the  wing  torsional  stiffness,  and  the  speed  of  sound  a and  the 
mass-density  parameter  depend  on  the  altitude.  The  stiffness -altitude 
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parameter  is  effectively  the  torsional  stiffness  divided  hy  q referred 
to  speed  of  sound.  It  depends  only  upon  the  physical  proi>erties  of  the 
wing  — in  particular,  the  torsional  stiffness  — and  upon  the  atmosphere 
in  which  it  operates.  Its  value  increases  as  the  torsional  stiffness 
increases  and  as  the  altitude  increases. 


RESULTS  AND  DISCUSSION 
Untapered  Swept  Models 


Figure  2 presents  the  results  of  the  tests  with  the  untapered  swept 
wings.  The  altitude -stiffness  parameter  is  plotted  against  test  Mach 
nvimher  and  the  results  are  referred  to  a nominal  value  of  n = 50  in 
order  to  eliminate  the  effect  of  differences  in  n caused  hy  flutter 
testing  at  varying  densities.  The  flutter  curves  are  the  boundary  between 
the  flutter  region,  which  is  below  the  cinrves,  and  the  no-flutter  region 
above  the  curves.  When  the  stiffness-altitude  parameter  for  a particular 
wing  lies  above  its  flutter  c\irve,  the  wing  is  free  of  flutter  and  thus 
the  stiffness-altitude  parameter  may  serve  as  a flutter  criterion.  For 
example,  the  dashed  line  represents  a value  of  stiffness-altitude  param- 
eter which  is  sufficient  to  prevent  flutter  at  all  Mach  mmibers  up  to  3*0 
for  the  15°  swept  model.  It  is  of  Interest  to  note  the  two  different 
types  of  flutter  curves.  The  curves  for  the  15°  and  30°  swept  models 
rise  to  a maximum  value  at  a Mach  number  of  1.2  and  then  drop  off  as^the 
Mach  number  increases  further,  whereas  the  curves  for  the  and  60  ^ 

models  continue  to  rise  as  the  Mach  nimiber  increases.  If  the  15  and  30 
swept  models  were  designed  to  be  free  of  flutter  at  Mach  nijmber  1.2,  they 
would  also  be  free  of  flutter  at  the  higher  Mach  numbers  at  least  up 
to  3.0.  The  30°  model  would  be  near  the  flutter  border,  however,  at  the 
hi^er  Mach  numbers.  If  the  and  60°  swept  models  are  free  of  flutter 

up  to  a particular  Mach  nuimber,  any  increase  in  Mach  nimiber  requires  an 
increase  in  stiffness  or  an  increase  in  altitude.  Subsonic  points  have 
been  included  to  complete  the  flutter  curves  through  the  transonic  range. 
The  curves  are  dashed  because  the  interpolations  thro\igh  the  transonic 
range  are  based  on  previous  flutter  experience  rather  than  on  experiments 
of  the  present  tests. 

It  should  be  noted  that  these  results  refer  to  the  particular  series 
of  wings  tested,  and  it  is  expected  that  the  curves  will  vary  as  addi- 
tional factors  such  as  the  center-of -gravity  location,  bending -to-torsion 
frequency  ratio,  aspect  ratio,  and  sweepback  are  changed.  For  these 
models  the  center  of  gravity  is  located  at  50  percent  chord,  the  fre- 
quency ratios  are  near  0.2,  and  the  aspect  ratios  vary  from  5.35  to  1.39 
as  indicated. 


<=; 


Delta  Models 

Figure  5 shows  flutter  curves  for  the  simple  ^5°  and  60°  delta-wing 
models.  The  first  three  coupled  natural  frequencies  along  with  the  range 
of  flutter  frequencies  are  indicated  for  each  model.  Thf»  assTjmed  tor- 
sional frequency  is  indicated  hy  f^j,.  On  the  basis  of  the  interpolation, 
once  the  45°  delta-wing  model  passed  a Mach  number  of  1.0  safely,  it 
could  go  to  almost  2.0  before  any  increase  in  stiffness  or  altitude  would 
be  needed.  The  60°  delta-wing  model,  however,  needs  considerable  increase 
in  stiffness  or  altitude  to  fly  at  increased  Mach  numbers. 


Tai>ered  Models 

Figure  4 shows  the  effect  of  Mach  number  on  the  stiffness  require- 
ments for  the  series  of  tapered  wings  with  center  of  gravity  located  at 
46  percent  chord  and  the  mass-density  ratio  having  a ncanlnal  value  of  50* 
The  45°  swept  model  with  a taper  ratio  of  0.4  has  a flutter  curve  which 
reaches  a peak,  according  to  the  interpolation,  near  a Mach  number  of  1.0, 
and,  if  the  transonic  range  is  passed  safely,  the  model  is  free  of  flutter 
up  to  a Mach  number  of  2.0.  If  the  60  model  with  a taper  tatio  of  0.2 
is  free  of  flutter  at  a Mach  number  of  about  1.2,  it  is  also  free  of 
flutter  up  to  Mach  number  2.0,  but  it  is  not  far  from  the  flutter  bound- 
ary. The  60°  model  with  a taper  ratio  of  0.4  requires  increased  stiff- 
ness for  increased  Mach  numbers.  Two  of  these  models  were  also  tested 
at  Mach  number  5.0,  but  no  flutter  was  encountered  probably  because  of 
the  low  densities  available.  For  the  45°  model,  the  lowest  no-flutter 
point  was  at  0.29,  and,  for  the  60°  model  with  a taper  ratio  of  0.2,  it 
was  0.54. 


Effect  of  Center-of -Gravity  Location 

One  of  the  important  flutter  parameters  is  the  center-of -gravity 
location  and  figure  5 shows  the  effect  of  this  location  on  the  stiffness- 
altitude  parameter  for  the  simple  swept-wing  models  at  a Mach  number 
of  2.0.  Here,  the  stiffness -altitude  parameter  is  plotted  against  the 
center-of -gravity  location.  These  results  have  been  referred  to  IIq  “ 

Moving  the  center  of  gravity  forward  from  50  to  44  percent  chord  gives 
a pronounced  reduction  in  the  stiffness  needed  to  prevent  flutter.  As 
the  sweepback  is  increased,  this  effect  is  reduced.  At  15°  sweepback 
this  decrease  is  about  50  percent  whereas  at  60°  sweepback  it  is  only 
about  10  percent.  The  influence  of  center-of -gravity  location  is  illus- 
trated in  figure  6 for  a tapered  unswept  model.  This  model  was  flown 
normally  with  the  center  of  gravity  at  46  percent  chord  and  it  was  then 
reversed  and  flown  backward  with  the  center  of  gravity  at  54  percent 
chord.  The  changes  in  airfoil  shapes  and  sweep  that  occurred  shoiold  not 
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have  had  any  appreciable  addition§il  effect  on*  the  flutter  over  the  center- 
of  gravity  effect.  At  a Mach  number  of  2.0,  there  is  a considerable  reduc- 
tion in  the  stiff ness -altitude  parameter  as  the  center  of  gravity  is 
shifted  from  5^  to  46  percent  chord.  At  a Mach  number  of  1.3>  the  reduc- 
tion is  less.  These  curves  also  illustrate  that  the  wing  with  a center- 
of -gravity  location  at  46  percent  chord  is  free  of  flutter  at  least  up  to 
a Mach  number  of  2.0  if  it  is  free  of  flutter  in  the  transonic  range. 

With  a 54-percent-chord  center-of -gravity  location,  however,  any  increase 
in  Mach  number  requires  an  increase  in  stiffness  or  altitude.  This  effect 
of  center-of -gravity  location  has  been  noted  in  reference  12. 


SOME  REMAFIKS  ON  COMPARISON  WITH  THEORY 


Flutter  analyses  of  wings  in  the  subsonic  and  low  supersonic  range, 
based  on  two-dimensional  air-force  coefficients  and  a normal -flow  con- 
cept usually  results  in  flutter  speeds  which  are  lower  than  the  measured 
ones.  This  previous  experience  was  confirmed  by  a few  calciilations  of 
the  present  tests  at  M = I.5  in  which  values  lower  than  experiment  were 
also  obtained.  The  fact  that  the  theory  is,  in  general,  conservative, 
has  made  it  useful  for  the  subsonic  and  low  supersonic  range  of  flight 
speeds . 

The  limited  experience  to  date  in  the  higher  supersonic  rarige  has 
indicated  that  the  two-dimensional  theory  is  no  longer  conservative  and 
that  it  sho\ild  be  used  with  caution.  Flutter  calculations  in  references  6 
and  7 show  that  at  Mach  numbers  of  I.5  and  I.72  the  calculations  give 
higher  values  of  flutter-speed  coefficients  than  are  measured.  This  type 
of  result  was  also  obtained  for  a limited  nimiber  of  cases  treated  in  the 
present  studies  at  Mach  numbers  of  2.0  and  5-0. 


CONCLUDING  RMARKS 


The  results  of  these  experimental  studies  indicate  that,  for  wings 
with  center-of -gravity  location  ahead  of  the  midchord  and  with  small 
sweep  angles,  the  stiffness  requirements  to  prevent  flutter  at  a given 
altitude  are  determined  essentially  at  transonic  speeds.  For  wings  with 
rearward  center-of -gravity  location  and  high  sweep  angles,  the  stiffness 
requirements  continue  to  increase  with  increase  in  Mach  number.  A for- 
ward shift  of  the  center-of -gravity  location  has  the  effect  of  reducing 
the  stiffness  requirements  to  prevent  flutter,  particularly  for  wings 
of  low  sweep  eingle. 
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FLUTTER  MODELS  TESTED  UP  TO  M = 3.0 


Figure  1 


EFFECT  OF  MACH  NUMBER 
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M HIVESTIGATION  OF  THE  EFFECTS  OF  SYSTEIJ!  NONLINEARITIES 

IN  THE  PROBOM  OF  AIRCRAFT  FLUTTER 

By  Donald  S.  Woolston,  Harry  L.  Runyan, 
and  Thomas  A.  Byrds ong 

Langley  Aeronautical  Laboratory 


SWJWARY 


Oliis  paper  presents  the  results  of  a preliminary  investigation  of 
the  effect  of  nonlinear  structioral  terms  on  the  flutter  of  a two-degree - 
of -freedom  system.  The  three  types  of  nonlinearities  investigated  were 
& flat  spot,  hysteresis,  and  a cubic  spring.  Calculations  were  made  on 
an  analog  computer.  For  one  case,  the  flat  spot,  an  experimental  inves- 
tigation was  also  made  and  good  correlation  with  theoiry  was  found. 

In  general  it  was  found  that  the  linear  flutter  speed  did  not 
change  for  small  disturbance  angles j however,  for  larger  disturbance  or 
input  angles,  the  flutter  speed  usually  decreased.  One  exception  was 
the  cubic  hard  spring,  for  which  a limited-amplitude  flutter  was  fotmd 
to  exist  well  above  the  linear  flutter  speed. 


INTRODUCTION 


Until  fairly  recently  the  problem  of  aircraft  flutter  has  been 
treated  analytically  as  a purely  linear  phenomenon.  Potentially,  how- 
ever, many  sources  of  nonlineaxitles  exist  and  their  possible  effects 
are  receiving  more  and  more  attention.  It  is  thought,  for  example, 
that  many  of  the  limited-an^ditude  oscillations  are  associated  with 
nonlinearities . 

In  the  flutter  problem  three  types  of  forces  are  Involved.  These 
are  the  inertia,  the  dan5>ing,  and  the  elastic  forces,  and  they  may  arise 
from  either  the  aerodynamics  of  the  problem  or  from  the  structure.  Non- 
linearities  associated  with  the  aerodynamics  might  arise,  for  example, 
from  the  effects  of  thickness  or  flow  separation  or  from  the  variation  in 
hinge  moments  with  amplitude.  Seme  aerodynamic  effects  of  thickness 
have  been  studied  analytically  by  Van  Dyke  (ref.  1).  He  has  treated  the 
case  of  two-dimensional,  sxqjersonic  flow  and  has  foimd,  except  near  a 
Mach  number  of  1,  that  thickness  effects  for  this  case  are  moderate. 
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The  structxjral  side  of  the  problem  may  also  give  rise  to  nonlin- 
earities in  the  inertial,  damping,  and  elastic  forces.  The  present 
investigation  is  concerned  with  nonlinearities  in  the  elastic  forces, 
and  three  types  of  nonlinear  sprixigs  have  been  considered.  Their 
effects  on  flutter  have  been  examined  in  the  investigation  of  a two- 
dimensional,  two-degree -of -freedom  system. 


SYMBOLS 


^h 


‘a 


a 


Ke 

M 

m 


''Alik 


natural  frequency  in  translation,  cps 

natural  frequency  in  pitch  for  basic  linear  system,  cps 

mass  moment  of  inertia  about  elastic  axis  per  unit  length  of 
span,  slug-ft^/ft 

spring  constant  of  linear  system,  ft-lb/radian 
moment,  ft -lb 

mass  per  unit  length,  slugs/ft 

mass  static  unbalance  per  unit  length,  referred  to  elastic 
axis,  slug -ft/ft 

ratio  of  flutter  speed  to  flutter  speed  of  linear  system 


X(.g  coordinate  of  center  of  gravity  measured  from  leading  edge, 

percent  chord 

Xea  coordinate  of  elastic  axis  measured  from  leading  edge, 

percent  chord 

angular  free  play,  deg 

0 angle  of  rotation,  deg  unless  indicated  otherwise 

p fluid  density,  slugs/cu  ft 


T5CPES  OF  NONLINEAR  SPRINGS  INVESTIGATED 


Nonlineaxities  in  the  elastic  forces  can  arise  in  many  possible 
ways.  An  indication  of  some  of  these  is  given  in  figure  1.  Three  types 
of  nonlinear  springs  have  been  considered,  and  their  characteristics  are 
shown  as  plots  of  the  force  or  mcment  required  to  produce  a given 
displacement . 

Shown  at  the  left  of  the  figure  is  a flat  spot.  This  may  be  con- 
sidered to  represent  the  condition  of  free  play  in  the  hinge  or  linkage 
of  a control  system. 

At  the  right  of  the  figure  is  one  type  of  hysteresis.  As  force  or 
moment  is  Increased,  displacement  varies  in  a linear  manner  unt.i  1 a 
point  is  reached  at  which  a Jump  occiirs,  after  which  the  system  is  again 
linear.  On  the  return  path,  a corresponding  Jump  occiirs  at  a negative 
value  of  the  force.  A nonlinearity  of  this  type  might  occur  in  the  case 
of  a control  surface  with  free  play  if  friction  exists  at  some  point  in 
the  linkage,  or  it  might  occvir  through  the  action  of  power  servos.  In 
the  case  of  a wing,  this  type  of  nonlinearity  might  represent  the  effect 
of  rivet  slip. 

The  third  type  of  nonlinearity  treated  has  been  termed  a cubic 
spring,  where  the  force  exerted  depends  on  the  usual  linear  power  of 
the  displacement  and,  in  addition,  on  a term  containing  the  cube  of  the 
displacement.  This  can  be  considered  either  as  a hard  spring,  which 
becomes  stiffen  as  displacement  increases,  as  shown  by  the  solid  line, 
or  as  a soft  spring,  which  becomes  weaker  as  displacement  increases,  as 
shown  by  the  dashed  line.  In  the  case  of  a control  surface,  a hard- 
spring  effect  might  be  associated  with  power  controls.  In  the  case  of 
a stnicture,  a hardening  effect  is  found  when  a thin  wing,  or  perhaps 
a propeller,  is  siibjected  to  increasing  anplltudes  of  torsion.  A soft- 
spring  effect  may  be  associated  with  panel  buckling. 


EFFECTS  OF  NONLINEAR  SPRINGS  ON  AIRCRAFT  FLUTTER 


These  three  types  of  nonlinearities  have  been  considered  in  the 
flutter  investigation  of  a two-dimensional,  two-degree-of -freedom  system, 
free  to  oscillate  in  translation  and  in  pitch.  The  flutter  character- 
istics of  the  system  have  been  determined  with  an  electronic  analog 
computer,  using  incoraipressible,  indicial  air  forces.  The  analog  repre- 
sentation of  the  fundamental  linear  flutter  equations  was  based  on  the 
work  of  Baird,  Pines,  and  Winson  (ref.  2) . For  the  flat  spot,  in 
addition  to  the  analog  results,  e3q>erimental  resiolts  have  been  obtained 


k 


in  the  Langley  2-  by  li—foot  flutter  research  txinnel.  The  physical 
characteristics  of  the  systems  treated  for  each  of  the  three  types  of 
nonlinear  springs  are  given  in  table  I. 

In  the  flutter  results  to  be  discussed,  one  of  the  variables  to  be 

employed  is  an  input  angle  0.  The  significance  of  this  input  angle  is 

given  in  the  following  discussion. 

In  obtaining  resvilts  with  the  analog  conputer  for  a particular  case, 
a given  value  of  velocity  is  selected,  the  system  is  given  an  initial 
displacement  (for  exanple,  0),  and  its  response  to  this  displacement 

is  examined  for  stability.  In  general,  the  results  to  follow  will  show 

that  the  response  of  the  system  becomes  unstable  only  when  a sufficiently 
large  initial  displacement  is  inposed.  In  the  physical  system,  this 
initial,  displacement  corresponds  to  the  effect  of  a gust  or  to  an  abript 
movement  of  the  control  stick. 


Flutter  Results  With  the  Cubic  Spring 

In  figure  2,  analog  results  are  shown  for  the  cubic  spring  in  the 
torsional  degree  of  freedom.  Results  are  shown  in  the  form  of  the  input 
angle  0 required  to  induce  flutter  as  a fimction  of  velocity.  For 
this  case,  the  relation  between  moment  and  displacement  was  arbitrarily 

assumed  to  be  M = l40.56  + 40005,  where  M is  the  moment  in  foot- 
pounds and  0 the  torsional  displacement  in  radians.  The  coefficient 
of  the  linear  term  in  0 represents  the  spring  constant  in  foot-pounds 
per  radian  of  the  linear  system. 

First,  the  flutter  speed  of  the  linear  system  was  Investigated  and 
was  found  to  be  around  27O  feet  per  second.  Then,  both  hard  and  soft 
cubic  springs  were  considered.  Flutter  bovindaries  ane  shown  by  the  solid 
curve  for  the  soft  spring  and  by  the  dashed  line  for  the  hard  spring. 

In  both  cases,  the  flutter  region  lies  to  the  right  of  the  boundary. 

For  the  hard  spring,  the  flutter  bomdaxy  is  a straight  line  at  the 
flutter  speed  of  the  linear  system.  The  soft  spring  in  this  case  had  a 
destabilizing  effect  in  that  flutter  could  be  induced  below  the  linear 
flutter  speed  by  making  the  initial  displacement  sufficiently  large. 

For  the  system  treated  herein,  however,  the  deviation  from  the  linear 
flutter  speed  occurs  only  at  fairly  high  initial  displacements. 

It  is  also  of  interest  to  consider  the  flutter  amplitudes  associated 
with  these  results.  For  both  the  linear  system  and  the  soft  spring, 
the  flutter  oscillation  was  highly  divergent  at  any  velocity  above  the 
flutter  boundary.  With  the  hard  spring  in  the  system,  however,  the 
flutter  eunplitude  is  self -limited.  This  limit  amplitude  is  a function 
of  velocity,  however,  and  increases  as  velocity  is  Increased  beyond  the 
flutter  boundary. 


In  studying  other  configurations,  cases  have  been  found  in  which 
a hard  spring  can  be  destabilizing,  and  it  appears  that  the  effects 
produced  by  a cubic  spring  depend  on  the  stiffnesses  of  the  original 
linear  system.  Generally,  flutter  speed  decreases  as  the  bending- 
torsion  freq.uency  ratio  approaches  unity.  If  a cubic  spring,  whether 
hard  or  soft,  tends  to  make  this  ratio  approach  unity,  it  will  probably 
be  destabilizing. 


Flutter  Results  With  the  Flat  Spot 

The  second  type  of  nonlinearity  to  be  considered  is  the  flat  spot 
and,  as  mentioned  previously,  both  wind-tuinnel  and  analog  studies  were 
made.  The  main  features  of  the  model  used  in  the  wlnd-tumel  tests  are 
shown  in  figure  5.  The  sketch  represents  a two-dimensional,  model  which 
completely  spans  the  test  section  and  which  is  free  to  oscillate  in 
pitch  and  translation.  The  pitching  degree  of  freedcm  is  provided  by 
a bearing— suipported  shaft  located  slightly  behind  the  q^uarter  choztl. 

This  system  in  turn  is  suspended  between  a pair  of  leaf  springs  on 
either  side  of  the  test  section  so  that  the  entire  mechanism  is  free 
to  translate. 

Ill  translation  the  system  is  linear.  The  nonlinearity  was  intro- 
duced in  the  torsional  degree  of  freedom  in  the  manner  shown  in  the 
detail  sketch.  A leaf  spring  is  clanped  to  the  end  of  the  torsion 
and  its  free  end  extends  upward  between  two  set  screws.  The  gap  between 
the  screws  can  be  closed  cong^letely  to  give  a linear  torsion  spring  or 
opened  to  provide  any  desired  amount  of  angular  free  play,  giving  the 
spring  characteristic  shown  to  the  right  in  figure  3. 

In  figure  k,  results  obtained  in  the  wind  tunnel  with  this  config- 
uration are  compared  with  analog  results.  The  ordinate  of  the  figuire 
is  again  the  input  angle  0 in  degrees.  The  abscissa  is  a flutter- 
speed  ratio  vAt.tn^  where  is  the  flutter  speed  of  the  Unpa-r 

system,  and  it  is  immediately  seen  that  the  flutter  speeds  have  been 
decreased.  In  the  investigation  the  angular  free  play  6^  was  kept 
constant  at  0.5°.  The  solid  curves  and  the  regions  labeled  stable,  mild 
flutter,  and  flutter  refer  to  the  analog  results.  The  circles  show  wind- 
tunnel  experimental  points. 

In  both  the  experiment  and  the  analog  results,  a preload  was  incor- 
porated into  the  system.  This  preload  was  conparable  in  effect  to  a 
deflected  tab  and  produced  a mcment  which  varied  with  the  velocity.  At 
equilibrium,  therefore,  the  model  was  not  centered  in  the  flat  spot  but 
rather  at  some  point  on  the  linear  arm  of  the  diagram.  This  means  that, 
for  small  displacements  from  equilibrium,  the  system  moved  only  on  this 
linear  arm  so  that,  at  velocities  below  the  linear  flutter  speed,  the 
system  was  stable. 


With  displacements  slightly  greater  than  0.5°,  the  effect  of  the 
flat  spot  began  to  enter  the  picture  and  a region  of  mild,  limited- 
amplitude  flutter  was  encountered.  Here  the  system  oscillated  about 
its  equilibrium  position  across  only  one  knee  of  the  flat  spot  and  did 
not  traverse  the  full  flat-spot  width. 

As  an  example,  at  a value  of  the  flutter -speed  ratio  of  0.6,  the 
flutter  anq)litude  in  this  region  of  mild  flutter  was  about  1°.  Such 
limited  oscillations,  when  translated  into  the  behavior  of  control 
surfaces  in  flight,  might  not  be  dangerous  in  themselves  but  could  be 
significant  from  a fatigue  standpoint. 

As  initial  inputs  were  increased  still  further,  a much  more  violent 
flutter  was  encountered  in  which  the  model  oscillated  completely  throvigh 
the  flat  spot  with  large  amplitude.  The  experimental  wind-tunnel  points 
apply  to  this  violent  type  of  flutter  and  agreement  with  the  analog 
results  is  fairly  good.  Although  not  shown  in  the  figure,  it  should  be 
noted  that  in  the  experimental  tests,  also,  a region  of  mild  flutter 
was  encountered  at  initial  displacements  comparable  to  those  indicated 
by  the  analog. 

In  obtaining  these  results,  only  a single  value  of  the  preload  has 
been  taken  into  account,  and  further  studies  in  which  the  preload  is 
varied  would  be  desirable.  The  destabilizing  effect  of  the  flat  spot 
in  this  case  is  probably  associated  with  an  effective  reduction  in  tor- 
sional stiffness.  In  the  absence  of  any  preload,  the  torsional  stiff- 
ness at  equilibrium  would  be  reduced  to  zero,  and  presumably  then  one 
woiild  at  least  expect  to  encounter  unstable  oscillations  in  the  region 
of  the  flat  spot. 

This  system  corresponds  to  the  case  of  the  all -movable  control 
investigated  experimentally  by  Hoffman  and  Spielberg  (ref.  5)*  These 
investigators  found  that  an  Increase  in  angular  free  play  can  greatly 
reduce  the  flutter  speed  of  the  system. 


Flutter  Results  With  Hysteresis 

If,  in  addition  to  the  free  play,  some  soiurce  of  static  friction 
exists,  the  hysteresis  phenomenon  occurs.  As  mentioned  previously,  a 
hysteresis  of  the  type  described  may  arise  in  the  case  of  friction  in 
the  hinge  or  linkage  of  a control  surface  or,  in  the  case  of  a wing, 
might  be  associated  with  rivet  slip.  ' 

Before  considering  the  flutter  results  with  hysteresis,  some  purely 
structiu’al  cliaracteristics  of  the  system  with  hysteresis  shoiild  be  exam- 
ined. Shown  in  figure  5 is  the  response  of  a system  with  hysteresis  at  • 

zero  airspeed.  The  \jpper  and  lower  traces  represent,  respectively,  the 


displacement  of  the  system  and  the  vaxiation  in  moment  after  release 
from  the  initial  displacement  from  equilihrium.  The  indentations  on 
the  lower  trace  occur  when  the  system  passes  through  the  flat  spots  of 
the  l^steresis  box. 

The  presence  of  this  l^steresis  in  the  system  has  two  primary 
effects  on  the  structural  characteristics.  One  is  the  introduction  of 
variable  structural  damping^  shown  by  the  lines  drawn  tangent  to  the 
upper  trace.  At  high  amplitudes,  the  rate  of  decay  is  relatively  small. 
As  the  anplitude  of  the  oscillation  approaches  the  height  of  the  hys- 
teresis box,  the  dan5)ing  is  considerably  greater.  When  the  oscillation 
is  contained  within  the  box,  the  structural  damping  in  this  illustration 
is  zero. 

The  second  effect  of  the  hysteresis  on  the  structural  properties 
of  the  system  is  not  apparent  in  this  figure  but  is  the  introduction  of 
weaker  spring.  At  high  auplitudes  the  frecjuency  of  the 
oscillation  is  less  than  the  frequency  at  low  anq)litudes  where  the 
system  is  linear. 

Analog  results  for  bending-torsion  flutter  with  l^ysteresis  in  the 
torsional  degree  of  freedom  are  shown  in  figure  6.  Results  are  again 
presented  in  the  form  of  the  input  angle  9 plotted  against  flutter 
velocity.  Two  values  of  6gi,  the  amount  of  free  play  in  torsion  or  the 

width  of  the  l^steresis  box,  were  considered.  These  were  6,j,  of  0.2°, 

shown  by  the  solid  line,  and  5qi  = 0.4°,  shown  by  the  dashed  line.  The 

height  of  the  hysteresis  box  was  held  constant.  In  these  results,  the 
flutter  region  lies  above  or  to  the  right  of  the  lines. 

Consider  first  the  results  for  6^  of  0.2°,  shown  by  the  solid 

curve.  For  very  small  inputs,  the  system  oscillates  on  a line  through 
the  center  of  the  box  with  a linear  spring  constant,  as  shown  by  the 
dashed  line  ^ the  spring  diagram.  For  this  reason,  the  flutter  bound- 
ary at  the  highest  velocity  occurs  at  the  flutter  speed  of  the  linear 
system. 

This  boijndary  continues  straight  i5)ward  until  an  Initial  displace- 
ment  of  0.6°  is  imposed.  Actually  an  initial  displacement  greater  than 
0.2  represents  a dlsplacanent  beyond  the  linear  path  within  the  hys- 
teresis box.  At  low  an5>litudes,  since  the  presence  of  the  hysteresis 
introduces  a large  amount  of  structural  damping,  for  inputs  up  to  0.6° 
tte  oscillation  decays  and  the  system  oscillates  at  constant  anplitude 
within  the  hysteresis  box.  For  larger  displacements  at  the  linear 
flutter  speed  and  at  velocities  above  the  linear  flutter  speed,  the 
oscillation  diverged  rapidly. 
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As  in  the  case  of  the  flat-spot  results,  flutter  could  be  induced 
at  velocities  below  the  linear  flutter  speed  by  making  the  initial 
displacements  sufficiently  large.  At  the  larger  displacements,  the 
hysteresis  damping  is  smaller  and  the  presence  of  the  free  play  in  the 
system  is  producing  an  effectively  weaker  spring.  Finally  a velocity 
is  reached  below  which  the  air  forces  will  not  sustain  an  oscillation 
regardless  of  the  magnitude  of  the  initial  displacement.  For  all  veloc- 
ities below  the  linear  flutter  speed,  the  flutter  is  of  limited  amplitude. 


Results  for  the  wider  hysteresis  box  exhibit  the  same  trends.  At 
velocities  below  the  linear  flutter  speed,  however,  greater  initial  dis- 
placements sore  required  to  initiate  flutter,  since  the  wider  hysteresis 
box  introduces  more  damping.  At  the  same  time,  the  increased  amount  of 
free  play  reduces  the  effective  spring  constant  even  more,  and  the 
region  of  limited-amplitude  flutter  extends  to  a lower  velocity. 


CONCLUDING  REMARKS 


Little  is  known  of  the  exact  nature  and  magnitude  of  the  nonlinear- 
ities which  exist  in  actual  aircraft.  The  purpose  herein  has  been  to 
take  an  initial  look  at  the  effects  of  some  nonlinearities  which  might 
occur.  The  results  shown  are,  of  course,  a function  of  the  particular 
configurations  treated  and  are  perhaps  most  closely  related  to  the  prob- 
lem of  control-surface  flutter.  They  indicate,  however,  that  in  some 
cases  nonlinear  effects  can  be  large  and  can  be  destabilizing.  The 
results  indicate  further  that  the  stability  of  a nonlinear  system  can 
become  a function  of  the  magnitude  of  an  external  excitation;  it  is 
also  indicated  that,  when  a nonlinear  system  becomes  unstable,  its 
flutter  may  become  less  violent  and  self -limited. 
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table  I.-  CHARACTERISO?ICS  OF  SYSTEMS 


Parameter 

Systems 

Cubic 

Flat  spot 

Hysteresis 

Semichord,  ft 

0.5 

1 

0.5 

0.5 

percent  chord 

23.0 

29. 7 

23.0 

Xgg,  percent  chord 

25.6 

31.8 

25.6 

m,  slugs/ft 

0.1489 

0.2985 

0.1489 

Sjj^,  slng-ft/ft 

0.003871 

0.0744 

0.003871 

slug-ft^/ft 

0.008934 

0.01196 

0.008934 

cps 

15 

9.58 

10.6 

f , cps 

20 

12.95 

20 

p,  slugs/cu  ft 

0.002378 

0.00243 

0.002378 
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NONLINEAR  FLUTTER  MODEL 


FLUTTER  WITH  FLAT  SPOT  IN  TORSION 
MOMENT 


Figure  4 


DAMPING  ASSOCIATED  WITH  HYSTERESIS 
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Figure  5 


FLUTTER  WITH  HYSTERESIS  IN  TORSION 
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SOME  EFFECTS  OF  FLUID  IN  PYLON-MOUNTED  TANKS  ON  FLUTTER 


By  James  R.  Reese 
Langley  Aeronautical  Laboratory 


STM4ARY 


Fluid -dynamics  studies  were  made  of  a tank  of  fineness  ratio  7.O 
i^hich  was  pylon  mounted  on  a simplified  two-dimensional  flutter  model  in 
order  to  determine  the  effects  of  the  fluid  on  flutter.  The  flutter 
speed  was  found  experimentally  for  three  cases  as  follows:  with  various 

amounts  of  water  in  the  taiik,  with  weights  having  the  same  mass  and  moment 

of  inertia  as  the  fluid  considered  to  be  a frozen  solid,  and  with  weights 

having  the  same  mass  and  moment  of  inertia  as  the  actual  fliiid.  The 

results  of  the  two  methods  of  fuel  representation  were  compared  with  the 

actual -fluid  case,  and  it  was  concluded  that,  in  flutter  analyses 
tests,  the  fuel  in  wing  tanks  must  be  represented  by  the  ef feet ive -moment - 
of -inertia  values.  The  dan5)lng  action  of  the  fluid  was  also  studied,  and 
it  was  found  that  sufficient  dan:5)ing  was  present  to  limit  the  amplitude 
of  the  flutter  and  that,  at  a frequency  ratio  near  1.0,  the  fluid  damping 
may  produce  an  increase  in  the  flutter  speed. 


^^TR0DUCTI0N 


The  representation  of  the  dynamic  effects  of  large  fuel  masses  carried 
in  airplane  wing  tanks  is  of  concern  to  the  dynamic  is t.  He  may  be  aware 
that  the  fuel  does  not  behave  as  a frozen  solid,  and,  therefore,  in  order 
to  represent  it  properly,  he  must  know  the  effective  pitching  moment  of 
inertia  of  the  fuel.  By  effective  moment  of  inertia  of  the  fuel  is  meant 
the  actual  or  true  moment  of  inertia  of  the  fuel,  which  is  usually  less 
than  if  the  fuel  were  a frozen  solid  since  a portion  of  the  fluid  does 
not  partake  of  the  pitching  motion.  Consider  the  cases  of  the  tip- 
pylon-mounted  tanks  which  are  represented  in  figure  1.  The  abscissa  is 
the  tank  fullness,  and  the  ordinate  is  the  ratio  of  the  effective  moment 
of  Inertia  of  the  fluid  to  the  moment  of  inertia  of  the  fluid  considered 
to  be  a frozen  solid.  The  data  were  obtained  for  a tank  of  fineness 
ratio  7-0.  As  the  dashed  curve  in  figure  1 shows,  an  important  result 
of  a previous  investigation  on  centrally  mounted  tanks  (ref.  1)  is  that 
the  inertia  ratio  varies  but  little  for  a wide  variation  in  tank  fullness. 
This  work  on  centrally  mounted  tanks  has  been  extended  recently  to  cover 
the  case  of  pylon-mounted  or  offset  tanks  and  to  inclined  and  swept-wing 
tanks  in  reference  2.  This  reference  gives  effective-moment-of -Inertia 
values  and  damping  factors,  and  the  lower  curves  are  representative  of 


some  of  the  moment -of -inert-ia  values  for  the  offset-tank  case,  Notice  the 
large  decrease  in  the  inertia  ratio  of  the  partially  full  off set -tank  con- 
f ig^'orations  as  compared  with  the  centrally -mounted -tank  case. 

This  large  decrease  in  the  inertia  ratio  may  be  explained  as  follows. 
When  the  taiiK  is  completely  full,  the  fluid  is  forced  to  move  with  the 
boundaries  of  the  tank  and  the  inertia  ratio  is  aljnost  unity.  As  fluid 
is  removed  from  the  tank,  the  fluid  then  becomes  free  to  move  in  a for- 
ward and  rearward  direction,  and  it  is  this  horizontal  translational 
freedom  of  the  fluid  which  causes  a reduction  of  the  inertia  ratio.  When 
two  solid  baffles  are  added  to  the  tank,  the  freedom  of  the  fluid  is  some- 
what restricted,  and  there  is  a slight  increase  in  the  inertia  ratio  of 
the  partially  full  tank  as  shown  by  the  curve  passing  throu^  the  triangles. 

In  reference  2,  it  was  foimd  that  large  decreases  in  the  inertia  ratio 
could  result  if  the  frequency  of  oscillation  was  close  to  the  first  natural 
frequency  of  the  fluid  in  the  tank.  This  condition  was  avoided  in  these 
tests  by  selecting  springs  which  would  avoid  frequencies  of  this  kind  so 
that  the  inertia  ratio  remained  essentially  independent  of  frequency. 


MODEL  MB  APPARATUS 


In  order  to  study  some  possible  effects  of  fuel  representation  on 
flutter,  use  was  made  of  the  simplified  two-dimensional  flutter  model 
shown  schematically  in  figure  2.  The  arrows  indicate  the  rotational  and 
translational  degrees  of  freedom.  The  model  was  equipped  with  a tank  of 
fineness  ratio  and  this  tank  was  offset  beneath  the  axis  of  rotation, 

a distance  of  about  2^  times  the  tank  radius.  Some  physical  parameters 

of  the  model  are  given  in  table  I,  The  flutter  speeds  were  found  experi- 
mentally in  the  Langley  2-  by  4-foot  flutter  research  tunnel  with  air  at 
atmospheric  pressure  for  three  different  cases.  First,  the  flutter  speed 
was  found  with  various  amounts  of  water  in  the  tank.  Then  the  flutter 
speed  was  found  by  using  weights  having  the  same  mass  and  moment  of  inertia 
as  the  fluid  considered  to  be  a frozen  solid,  Ttie  third  series  of  tests 
were  made  with  weights  having  the  same  mass  and  moment  of  inertia  as  the 
fluid,  thus  simulating  the  effective  moment  of  inertia  of  the  fluid. 


RESULTS  AKD  DISCUSSION 


Some  results  of  these  tests  are  shown  in  figure  3y  where  the  flutter 
speed  is  shown  as  a function  of  tank  fullness  for  the  three  cases  mentioned: 
the  actual  fluid,  the  frozen  or  solid  fluid,  and  the  simulated  fluid.  The 
values  for  the  uncoupled  bending -to-torsion  frequency  ratio 
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shovn  opposite  each  data  point  since  these  values  are  of  significance  in 
the  discussion  of  the  results*  The  actual  flutter  speeds  obtained  with 
fluid  in  the  tank  are  shown  by  the  solid  curve  passing  through  the  circles. 
When  the  fluid  was  replaced  with  weights  representing  the  frozen  or  solid 
moments  of  inertia,  the  flutter  speeds  are  shown  by  the  long-  and  short- 
dashed  curve  passing  throu^  the  triangles.  As  can  be  seen  they  are 
considerably  different  from  the  speeds  with  the  actual  fluid  and  give 
both  conservative  and  -unconservative  results;  that  is,  for  a given  tank 
fullness,  they  may  lie  below  or  above  the  actual  case.  However,  wh^ 
the  fluid  was  simulated  by  effective-inertia  weights,  good  agreement  with 
the  actual  case  was  obtained  and  is  shown  by  the  dashed  curve  passing 
through  the  diamonds.  Prom  these  results  it  appears  that  the  effective- 
inertia  values  are  to  be  preferred.  This  is  especially  true  in  cases 
where  the  flutter  speed  is  strongly  affected  by  the  moment  of  inertia  or 
in  cases  where  there  is  a large  difference  between  the  solid  and  effec- 
tive moments  of  inertia  of  the  fluid. 

So  far,  the  effects  of  inertia  on  flutter  have  been  discussed.  A 
few  remarks  about  the  effect  of  damping  are  now  in  order.  Notice  that 
the  chief  difference  between  the  flutter  speed  obtained  with  actual  fluid 
and  the  speed  obtained  with  the  effective-inertia  weights  occurred  in 
this  experiment  at  a frequency  ratio  near  1.0.  This  suggests  that  the 
damping  of  the  fluid  in  the  tank  may  produce  an  increase  in  the  flutter 
speed  near  a frequency  ratio  of  1.0.  As  was  shown  in  reference  1,  fluid 
damping  is  generally  quite  low,  g^  less  than  0.01,  for  the  first  few 

cycles  of  oscillation.  After  the  fluid  breaks  up  into  turbxiLent  motion, 
the  dac5)ing  can  become  quite  high,  g reaching  values  of  the  order 

of  0.10  to  0,20,  depending  on  the  amount  of  fluid  and  the  amplitude  and 
frequency  of  oscillation.  Thus  it  can  be  expected  that  the  start  of 
flutter  will  not  be  affected  much  by  the  fluid  damping,  except  where  the 
flutter  speed  is  critically  dependent  on  the  damping,  as  is  usually  the 
case  near  a frequency  ratio  of  1.0. 

If  the  amplitude  of  flutter  builds  up  slowly  enou^,  the  fluid  will 
break  into  turbulent  motion,  with  resulting  increases  in  danping  which 
may  limit  the  amplitude  of  the  flutter.  This  occxarred  in  this  series  of 
tests  for  all  partially  full  configurations,  and  the  results  are  shown 
in  figure  4.  Here  the  torsional  flutter  amplit*ude  is  shown  as  a function 
of  the  speed.  The  tank  was  equipped  with  two  baffles,  and  each  baffle 
had  13  evenly  distributed  l/2-inch  holes.  For  each  amplitude,  the  value 
for  the  torsional  darrping  factor  g^  calculated  from  frequency-response 

curves  obtained  at  zero  airspeed  is  shown  opposite  each  data  point.  The 
frequency-response  curves  were  obtained  by  forcing  the  model  at  eight 
different  amplitudes  for  each  tank  fullness  studied.  The  figure  shows 
that  as  the  airspeed  was  Increased  the  amplitude  of  the  oscillations 
was  increased  and  was  limited  by  the  effect  of  additional  fluid  damping 
since  the  damping  of  fluid  in  the  tank  increased  with  increased  amplitude 
of  oscillation. 


f 


••  •••  • 

• • • • • 

• • ••  • 

• • • • 

• • • • • •• 


• • 
• • 
• •• 
• • 


• ••  • ♦ * - 


* • 


• • 

• • 
• • 

l«  • 

T7«  •• 


CONCLUSIONS 


These  preliminaxy  experiments  indicate  that,  in  flutter  analyses  and 
tests,  the  fuel  in  wing  tanks  must  be  represented  by  the  eff ective-moment- 
of -inertia  values.  This  is  essential  in  cases  where  the  flutter  speed  is 
strongly  affected  by  the  inertia  of  the  fuel  or  where  the  effective  moment 
of  inertia  of  the  fuel  is  considerably  different  from  the  solid  inertia. 

With  regard  to  the  damping  action  of  the  fluid,  it  was  found  that 
sufficient  damping  was  present  to  limit  the  amplitude  of  the  flutter , and 
at  a frequency  ratio  near  1,0  the  damping  of  the  fluid  in  the  tanks  may 
produce  an  increase  in  the  flutter  speed. 


REFEEIEUCES 


1.  Wldmayer,  Edward,  Jr.,  and  Reese,  James  R.:  Moment  of  Inertia  and 

Damping  of  Fluid  in  Tanks  Undergoing  Pitching  Oscillations.  NACA 
RM  L55E01a,  1955 • 

2.  Reese,  James  R.,  and  Sewall,  John  L. : Effective  Moment  of  Inertia  of 

Fluid  in  Offset,  Inclined,  and  Swept-Wing  Tanks  Undergoing  Pitching 
Oscillations.  NACA  TN  3555,  1955- 


n 


TABLE  I 


SOME  PSySICAL  PAEAMETERS  OF  THE  MODEL 

Wing  span,  ft 2 

Wing  chord,  ft 1 

Tank  diameter,  in.  4.25 

Tank  length,  in.  50.0 

Bending  stiffness,  Ib/in l68 

Torsional  stiffness,  in-lh/radian  4,120 

Bending  damping  coefficient,  gj^,  empty 0.009 

Torsional  damping  coefficient,  empty  0.018 

Model  weight,  lb 

Empty 



Model  moment  of  inertia,  in-lb -sec^ 

Empty 0.103 

Eull 2.000 

Model  center -of -gravity  location,  percent  chord 

Empty 14.3 

40 

xis  of  rotation,  percent  chord I4.O 


EFFECT  OF  FUEL  REPRESENTATION  ON  FLUTTER 
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EFFECT  OF  FLUID  ON  FLUTTER  AMPLITUDE 
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EXPEKIMENTAL  AOT)  THEORETICAL  STUDIES  OF  PAHEL  FLUTTER 

By  Maurice  A.  Sylvester,  Herbert  C.  Nelson, 
and  Herbert  J.  Cunningham 

Langley  Aeronautical  Laboratory 


SIM4ARY 


Some  theoretical  and  experimental  flutter  res\jlts  for  simplified 
panels  clamped  on  front  and  rear  edges  are  indicated  and  compared.  The 
results  of  tests  on  buckled  panels  clamped  on  four  edges  show  that,  in 
general,  their  flutter  characteristics  cannot  be  predicted  on  the  basis 
of  the  simplified  theoretical  or  experimental  results.  An  estimated 
flutter  boundary  is  presented  for  buckled  panels  clamped  on  four  edges 
and  having  various  width- to -length  ratios.  A pressure  differential  is 
found  to  be  effective  in  suppressing  flutter.  The  results  of  the  exper- 
imental tests  indicate  that  panel  flutter  is  probably  of  concern  mainly 
from  a fatigue  standpoint. 


INTRODUCTION 


As  more  airplanes  and  missiles  are  being  designed  to  operate  at 
supersonic  speeds,  there  is  a continuing  concern  that  portions  of  the 
skin  coverings  may  be  subject  to  flutter.  Consequently,  some  experimental 
and  theoretical  studies  have  been  made  to  evaluate  some  of  the  signifi- 
cant variables  in  the  problem.  The  results  of  these  studies  may  explain 
the  causes  of  panel  failures  on  some  current  high-speed  airplanes  and 
may  also  indicate  sources  of  trouble  on  future  airplane  and  missile 
designs. 

The  main  purpose  of  this  paper  is  to  present  the  results  of  some 
recent  panel -flutter  experiments.  In  addition,  a brief  summary  of  some 
theoretical  work  on  panel  flutter  is  presented  and  a comparison  is  made 
between  some  of  the  theoretical  and  experimental  results.  The  experiments 
extend  previous  work  (ref.  1)  to  include  greater  ranges  of  Mach  number, 
pressure  differential  across  the  panel,  and  ratios  of  panel  width  to 
length.  Most  of  the  tests  were  made  with  buckled  rectangular  panels 
clamped  on  either  two  or  four  edges  and  mounted  as  a section  of  the  ttmnel 
wall.  The  buckling  forces  were  induced  by  thermal  stresses  or  by  a com- 
bination of  thermal  stresses  and  applied  edge  forces.  The  dynamic  pressxrre 
was  essentially  constant  (approximately  6.2  pounds  per  square  inch)  for 
most  of  the  experimental  tests. 


SYLVESTER,  NELSON, 
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SYMBOLS 


d maximum  depth  of  buckle 

E Young's  modulus  of  elasticity 

Z panel  length  in  direction  of  flow 

M Mach  nmber 

q djmamic  pressure 

t panel  thickness 

V stream  velocity 

w panel  width,  perpendicular  to  flow 

Subscript; 

r reference  experimental  conditions 


RESULTS  AND  DISCUSSION 
Panels  Fastened  on  Front  and  Rear  Edges 


Sijmmary  of  theory.-  A summary  of  some  recent  theoretical  work  on 
panel  flutter  is  shown  in  figure  1.  Several  investigators  who  have 
worked  on  panel  flutter  are  listed,  and  the  particular  problems  treated 
are  indicated  by  the  check  marks.  The  panel  configurations  that  were 
studied  are  the  flat  panel,  the  buckling  panel,  and  the  Infinite  flat 
panel  on  many  supports.  All  the  panels  were  considered  two-dimensional 
both  structurally  and  aerodynamically,  and  most  of  the  work  applied  to 
supersonic  speeds.  Isaacs  (ref.  2)  treated  the  static  stability  of  a 
buckled  panel  and,  of  course,  used  steady-state  air  forces.  He  advanced 
as  plausible  the  concept  that  a buckled  panel  will  flutter  if  it  is  not 
statically  stable,  and  on  this  basis  he  obtained  a design  criterion 


^essentially 


1/3 


i . 0.516 


Hayes  (ref.  5),  in  addition 


to  considering  the  static  stability,  also  treated  q-ualitatively  the 
dynamic  stability  of  buckled  panels , but  used  only  steady-state  air  forces . 
Miles  (ref.  4)  studied  the  dynamic  stability  of  both  flat  and  buckled 
panels  and  used  air  forces  that  Included  first-order  aerodynamic  damping. 


• ••• 
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Shen  (ref.  5)  extended  the  work  of  Miles  on  flat  panels  by  using  exact 
unsteady  air  forces.  Hedgepeth,  Budiansky,  and  Leonard  (ref.  6)  analyzed 
the  infinite  flat  panel  on  many  supports  and  fo\md  that  static  divergence 
was  of  concern  at  subsonic  speeds,  and  flutter  was  of  concern  at  siQ)er- 
sonic  speeds.  Fung  (ref.  7)  investigated  the  static  stability  of  buckled 
panels  and  concluded  that  the  height  of  the  buckle  was  a significant 
parameter.  Nelson  and  Cunningham  (ref.  8)  used  exact  unsteady  air  forces 
in  their  study  of  the  dynamic  stability  of  flat  panels.  This  analysis 
appears  to  be  the  most  general  and  flexible  that  is  available  for  the 
single,  flat,  two-dimensional  panel  and  included  a study  of  the  effect 
of  such  factors  as  Mach  number,  number  of  modes  in  the  analysis,  structural 
damping,  and  tension. 


The  analytical  work  has  contributed  to  an  understanding  of  the  panel- 
flutter  phenomenon,  but  further  work  is  needed  to  extend  the  theories  to 
more  practical  panels  which  are  not  two-dimensional  and  which  may  be 
either  curved  or  buckled  in  a complex  manner. 


Comparison  of  theory  and  e3q)eriment.-  Only  Isaacs  and  Nelson  and 
Cunningham  obtained  results  for  clanped-edge  panels  which  correspond  to 
those  used  in  these  experimental  studies.  Some  experimental  results  are 
compared  with  these  theoretical  results  in  figure  2.  This  figure  shows 
the  thickness-to-length  ratio  required  for  flutter-free  operation  of 
aluminum  panels  as  a function  of  Mach  number.  The  data  are  for  panels 
at  an  altitude  of  25,000  feet  since  this  is  approximately  the  equivalent 
pressure  altitude  at  which  most  of  the  experimental  data  were  obtained. 

/^Where  necessary,  the  experimental  data  were  adjusted  to  this  pressure 


altitude  with  the  relation  — 

z 

the  experimental  conditions  .\ 
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• The  subscript  r refers  to 
The  panels  used  in  the  experiments  vere 


11.62  Inches  long  and  had  a width-to-length  ratio  of  0.69.  The  boundary 
representing  Isaacs*  static  stability  or  flutter  criterion  for  buckled 
panels  is  shown,  and  the  circular  symbols  are  the  corresponding  e^eri- 
mental  points.  The  boundary  obtained  from  Nelson  and  (hitmingbam*s  two- 
dimensional  flutter  theory  for  flat  panels  is  also  indicated  and  the 
squares  are  the  associated  experimentstl  results.  The  theoretical  curves 
are  shown  to  increase  rather  sharply  at  the  lover  Mach  numbers.  For 
Isaacs*  results,  the  increase  is  due  to  the  use  of  steady-state  linearized 
air  forces  which  become  infinite  at  M = 1.  For  the  curve  of  Nelson 
and  Cunningham,  the  increase  is  due  to  a change  in  flutter  mode  and 
decreased  aerodynamic  damping.  This  latter  curve  would  have  a finite 
ordinate  at  M = 1.  Figure  2 also  shows  that,  in  general,  buckled 
panels  appear  to  be  more  susceptible  to  flutter  than  flat  panels. 


Effect  of  altitude,-  The  resiELts  in  figixre  2 are  for  aluminum  panels 
at  an  altitude  of  25,000  feet.  Since  both  experiment  and  theory  indicate 
that  the  effect  of  decreasing  the  air  density  is  beneficial,  it  is  of 
Interest  to  note  the  effect  of  altitude  on  panel  flutter.  Figure  5 shows 
the  variation  of  the  thickness-to-length  ratio  with  altitude  for  buckled 
aluminum  panels  at  Mach  nxnnbers  of  1.2  and  5.0.  The  boundaries  have  been 
determined  by  adjusting  the  experimental  results  from  figure  2 to  the 

appropriate  pressure  altitude  with  the  relation  j = , which 

was  indicated  previously*  Figure  5 shows  that  the  thickness-to-length 
ratio  to  prevent  flutter  is  reduced  as  the  altitude  is  increased* 

Increasing  the  Mach  number  from  1*2  to  5*0  raises  the  boundary  some- 
what, indicating  a slight  adverse  Mach  number  effect* 

Effect  of  a pressure  differential*-  The  results  discussed  so  far 
have  been  for  panels  with  zero  pressure  differential  between  the  two 
sixrfaces.  It  was  observed  during  the  panel-flutter  tests  that  a positive 
or  negative  pressure  differential  could  be  used  to  advantage  in  stopping 
or  controlling  the  flutter*  Since  airplane  and  missile  panels  may  be 
subjected  to  pressure  differentials  of  various  amounts,  the  effect  of  a 
pressure  differential  is  of  interest* 

The  effect  of  a pressure  differential  on  the  flutter  of  buckled  panels 
clamped  at  the  front  and  rear  edges  is  Indicated  in  figure  U*  These 
results  were  obtained  experimentally  with  aluminum-alloy,  steel,  magnesium, 
and  brass  panels  having  a length  of  11*62  inches  and  a width -to -length 
ratio  of  0*69*  Th^  ordinate  is  the  nondimens  tonal  grouping  of  aerodynamic 
and  stiffness  parameters  which  was  first  suggested  by  Isaacs  and  which 
has  been  found  useful  in  presenting  the  results  of  tests  on  this  panel 
configuration  for  the  range  of  Mach  number  tested  (M  = 1.2  to  3*0)* 

The  Mach  number  factor  is  based  on  steady-state  linearized  air  forces 
and  is,  therefore,  not  valid  near  a Mach  number  of  1*0*  The  experimental 
data  points  indicate  the  pressure  differential,  measxjred  in  pounds  per 
square  inch,  required  to  stop  flutter  at  Mach  nximbers  of  1*2,  1*3^  1»6, 
and  3«0*  A conservative  boundary  is  faired  to  contain  the  data  points 
and  represents  the  division  between  the  flutter  and  no-flutter  regions. 
Figure  4 shows  that  a pressure  differential  of  the  order  of  a few  tenths 
of  a pound  per  square  inch  was  effective  in  eliminating  flutter  on  all 
panels  tested,  and  that  the  amount  of  pressure  differential  required  to 
suppress  flutter  decreases  as  the  value  of  the  "flutter  parameter"  is 
increased*  No  flutter  was  obtained  on  these  panels  at  a value  of  this 
parameter  greater  than  approximately  0*46.  Variations  in  the  amount  or 
depth  of  buckling  did  not  appear  to  affect  the  results  for  the  range  of 
this  variable  studied  (values  of  d/Z  from  0.003  to  0*009) • 


Panels  Clan5)ed  on  Four  Edges 


Conrparlson  of  experimental  results.-  Experimental  studies  on  simpli- 
fied panels  clan5>ed  on  the  front  and  rear  edges  are  useful  in  investigating 
flutter  trends  and  in  providing  experimental  verification  of  existing 
theories.  However,  resxjlts  of  tests  on  panels  clainped  on  four  edges  are 
needed  to  determine  the  extent  to  which  the  results  of  studies  on  simpli- 
fied panels  may  he  applied  to  the  more  practical  panel  configurations. 

The  results  of  tests  on  two  buckled  panel  configurations  clamped  on 
four  edges  are  shown  In  figure  and  the  results  are  compared  with  the 
flutter  boundary  (reproduced  frcm  fig.  4)  for  panels  of  the  same  length 
(11.62  inches)  clanped  on  the  front  and  rear  edges.  The  one-  and  two- 
half -wave  types  of  buckling  were  easily  obtained  on  the  panels  clangjed  on 
four  edges  which  had  width-to -length  ratios  of  O.85.  The  flutter  parameter 
is  again  plotted  against  the  pressure  differential,  and  the  boundary  and 
data  points  indicate  the  pressure  differential  required  to  stop  flutter  on 
the  panel  configurations  identified  in  figure  5-  For  instance,  flutter 
was  encountered  on  a given  panel  at  values  of  the  pressure  differential 
less  than  that  indicated  by  the  data  point  and  no  flutter  occurred  for 
higher  values  of  the  pressure  differential.  Boujodaries  are  not  drawn 
for  panels  clamped  on  four  edges  because  of  the  scatter  in  the  limited 
data  available.  The  data  show,  however,  that  panels  with  the  two -heilf -wave 
type  of  buckling  require  a greater  pressure  differential  to  stop  flutter 
than  do  panels  buckled  in  one  half-wave,  and  that  panels  clanped  on 
fo\ir  edges  may  be  either  less  or  more  susceptible  to  flutter  than  panels 
clamped  on  the  front  and  rear  edges.  In  no  case  was  the  pressure  differ- 
ential required  to  stop  flutter  greater  than  approximately  O.87  pound 
per  sqiaare  inch.  Increasing  the  amount  of  buckling  or  destroying  the 
symmetry  of  the  two-half-wave  type  of  buckling  appeared  to  have  a stabi- 
lizing effect  on  the  stiffer  panels  clamped  on  four  edges. 

The  values  of  pressure  differential,  referred  to  in  the  discussion 
of  figures  4 and  represent  the  approximate  difference  between  the 
static  pressxjre  behind  the  panel  and  the  effective  static  pressure  acting 
on  the  stirface  exposed  to  the  stream  flow.  Because  of  the  scatter  in  the 
data,  the  general  magnitude  of  this  pressure  differential  and  the  trends 
shown  should  be  emphasized  rather  than  the  exact  values  of  the  pressure 
differential . 

Effect  of  panel  width -to-length  ratio.-  Panel  width-to-length  ratios 
vary  over  a wide  range,  and  it  appears  that  the  width  rather  than  the 
length  may  be  of  more  significance  for  long  narrow  panels.  This  obser- 
vation is  supported  by  the  information  in  figure  6 which  indicates  the 
effect  of  panel  width-to-length  ratio  and  summarizes  the  present  flutter 
experience  on  buckled  panels  clamped  on  four  edges.  Most  of  the  data  were 
obtained  at  a Mach  number  of  1.3  for  panels  which  had  no  ciirvature  prior 
to  buckling.  However,  some  data  are  presented  for  buckled  panels  with 
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a slight  initial  curvattire  (radius  of  cxirvature  approximately  equal 
to  48  inches).  The  panels  with  width-to -length  ratios  of  0.20,  0.50, 
and  0.83  were  11.62  inches  long  and  those  with  a width-to -length  ratio 
of  2.0  were  5 ‘Si  inches  long.  The  panels  were  buckled  by  thermal  and 
applied  edge  forces,  and,  in  general,  the  types  of  buckling  modes  formed 
were  rather  ccanplex  and  strongly  dependent  on  the  panel  width-to -length 
ratio  as  well  as  the  ratio  of  applied  edge  forces  in  one  direction  to 
those  in  the  perpendicular  direction.  The  buckled  modes  usually  con- 
sisted of  a series  of  approximate  half-waves  running  in  the  direction  of 
the  longer  panel  dimension  and  having  a half-wave  length  roughly  equal  to 
the  shorter  panel  dimension. 

The  ordinate  of  figixre  6 is  the  previously  presented  panel-flutter 
parameter,  and  the  abscissa  is  identical  except  that  the  length  has  been 
replaced  by  the  width.  The  straight  lines  radiating  from  the  origin 
are  lines  of  constant  width-to -length  ratios.  Moving  away  from  the 
origin  on  these  lines  represents  an  increase  in  the  panel  thickness  (or 
stiffness)  since  the  dynamic  pressure  was  essentially  constant  for  these 
tests.  The  solid  symbols  represent  flutter,  the  open  symbols  indicate 
no  flutter,  and  the  short  dashes  represent  an  estimated  flutter  bomdary 
based  on  the  experience  with  these  panel  configurations.  Although  addi- 
tional data  are  needed  to  establish  more  definitely  the  flutter  boundary, 
it  is  apparent  that  the  panel  width  is  significant  when  the  panel  width- 
to-length  ratio  is  reduced  sufficiently.  For  example,  for  panels  with 
width-to -length  ratios  greater  than  approximately  0.8,  decreasing  the 
length  is  effective  in  eliminating  flutter.  However,  for  panels  with 
width-to -length  ratios  less  than  approximately  0,5,  decreasing  the  width 
appears  to  be  a more  effective  method  of  reducing  the  possibility  of  flutter. 


Panel  flutter  can  occur  throughout  the  unstable  region  as  indicated 
by  the  data  points.  However,  its  occurrence  may  be  of  a somewhat  statis- 
tical nature  since  such  factors  as  variations  in  the  type  and  amount  of 
buckling  and  a small  pressure  differential  may  reduce  or  eliminate  the 
unstable  region.  For  instance,  the  flutter  of  relatively  stiff  panels 
with  w/l  = 0,83  occurred  only  when  the  panels  were  buckled  predominantly 
in  two  half-waves.  Observations  of  the  flutter  tests  showed  that  when 
flutter  does  occur  it  is  not  necessarily  immediately  destructive  but  is 
probably  of  concern  mainly  from  a fatigue  standpoint.  The  flutter  fre- 
quencies were  predominantly  in  the  50  to  200  cps  range. 

As  a matter  of  Interest,  some  of  the  apparently  more  critical  panels 
on  the  Bell  X-IA  research  airplane  woiold  lie  near  the  flutter  boundary 
for  flight  at  low  supersonic  Mach  nximbers  at  an  altitude  of  40,000  feet, 

A number  of  current  high-speed  airplanes  have  some  panels  which  wovild 
plot  well  within  the  unstable  region,  and  a few  panel  failures  which 
have  occurred  may  have  been  due  to  flutter. 
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CONCLUDING  REMARKS 
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Some  theoretical  and  experimental  flutter  results  for  simplified 
panels  clan5)ed  on  the  front  and  rear  edges  have  been  indicated  and ' 
compared.  For  these  panel  configurations,  the  thickness  required  for 
flutter -free  operation  is  increased  somewhat  as  the  Mach  number  is 
increased  from  1.2  to  5«0  (at  constant  density).  Increasing  the  altitude 
is  beneficial  in  that  the  panel  thickness,  to  prevent  flutter  is  decreased. 

The  results  of  tests  on  buckled  panels  clamped  on  four  edges  have 
also  been  discussed,  and  it  was  shown  that  they  may  be  either  less  or 
more  susceptible  to  flutter  than  similar  panels  clamped  only  on  the  front 
and  rear  edges.  A flutter  boundary  has  been  estimated  for  buckled  panels 
clamped  on  four  edges  and  having  various  width-to -length  ratios.  This 
boundary  indicates  that  the  panel  width  is  probably  of  more  significance 
than  the  length  for  panel  width-to -length  ratios  less  than  approximately 

0.5. 


A pressiire  differential  was  found  to  be  effective  in  eliminating 
flutter  and  for  the  panels  tested  did  not  exceed  approximately  O.87  pound 
per  square  inch. 

It  was  indicated  that  panel  flutter  is  probably  of  concern  mainly 
from  a fatigue  standpoint. 
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EFFECT  OF  ALTITUDE,  ALUMINUM  PANELS 
EXPERIMENTAL  RESULTS  ADJUSTED  BY  y=(j) 


Figure  3 


EFFECT  OF  A PRESSURE  DIFFERENTIAL 
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COMRi\RISON  OF  EXPERIMENTAL  RESULTS 
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Figure  5 


EFFECT  OF  WIDTH-  LENGTH  RATIO 
BUCKLED  PANELS 
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IWTRODUCTORy  REMARKS  ON  THE  STRUCTURAL 
EFFECTS  OF  AERODYNAMIC  HEATING 
By  John  E.  Duberg 
Langley  Aeronautical  Laboratory 

HfTRODUCTION 


AircraJft  that  will  fly  at  supersonic  speeds  will  operate  in  an 
environment  of  aerodynamic  heating  that  will  have  a profound  effect  on 
the  design  of  the  aircraft.  In  table  I is  shown  a diagram  of  the  paths 
by  which  aerodynamic  heating  can  influence  the  design  of  the  airframe. 

The  most  obvious  and  the  most  serious  effect  of  high  tengjerature  is  its 
depreciation  of  the  materials  of  the  airframe.  Such  effects  are  asso- 
ciated for  the  most  part  with  the  level  of  temperature.  These  changes 
in  material  properties  carry  over  into  the  structure  and  determine  its 
basic  strength  and  stiffness.  There  is  a direct  effect  of  heating  on 
the  structure  and  this  effect  is  associated  more  with  the  rate  of  heating 
than  it  is  with  the  level  of  tenperature . In  an  effort  to  alleviate  the 
effect  of  heating  on  the  airframe,  devices  and  configurations  will  be 
considered  which  will  have  an  effect  on  the  final  design  of  the  airframe. 

Before  the  effects  on  temperatures  are  discussed,  the  order  of  magni- 
tude of  aerodynamic  heating  should  be  considered.  In  figure  1 (solid 
line),  the  familiar  plot  of  adiabatic  wall  tenperatture  for  the  insulated 
plate  plotted  against  Mach  number  is  shown.  At  low  temperatures  at  which 
radiation  effects  are  not  significant,  this  is  almost  the  temperature 
that  could  be  attained  on  the  surface  of  aircraft.  At  higher  temperatvires , 
when  radiation  is  significant,  the  equilibrium  temperature  is  reached 
when  the  heat  input  from  the  boundary  layer  balances  the  heat  output  by 
radiation  from  the  surface  of  the  aircraft.  For  such  a condition,  the 
equilibrium  temperatures  depend  first  on  the  altitude,  because  the  heat 
input  for  a given  temperatiu-e  potential  varies  directly  as  a power  of  the 
air  density,  and  secondly,  on  the  emissivity  of  the  surface  which  deter- 
mines how  much  heat  can  be  radiated  away.  The  dashed  curves  which  have 
been  calculated  for  the  several  altitudes  have  been  obtained  for  black- 
body  radiation,  the  highest  possible,  and  indicate  a considerable  reduc- 
tion in  equilibrium  temperatTire,  particularly  at  high  altitudes. 

Whether  the  equilibrium  skin  temperatiires  shown  in  figure  1 are 
actually  reached  in  a given  flight  depends  on  the  heat  capacity  of  the 
skin,  the  time  history  of  the  velocity,  and  the  altitude  of  the  aircraft. 
The  heat  capacity  is  proportional  to  the  specific  heat  of  the  material 
and  the  thickness  of  the  skin.  The  velocity  and  altitude  establish  the 


adiabatic  walX  temperature  and  the  heat-transfer  coefficient,  A rough 
idea  of  the  times  of  flight  required  to  reach  equilibrium  can  be  obtained 
from  figure  2.  Here  are  shown  the  time  histories  of  the  temperatures  of 
a portion  of  aircraft  skin  made  of  0.1- inch  steel  sheet  when  instantan- 
eously accelerated  to  a Mach  number  of  i)-  at  the  three  altitudes  shown. 

The  solid  lines  neglect  radiation  and  the  dashed  lines  are  based  on  maxi- 
mum radiation  cooling.  At  an  altitude  of  50,000  feet,  the  rise  in  tem- 
perature is  essentially  convicted  in  5 minutes;  at  100,000  feet,  in 
15  minutes;  and  at  200,000  feet,  the  time  is  of  the  order  of  hovirs. 

Figures  1 2 have  established  limits  on  the  magnitude  of  the 

tenperature  levels  that  can  be  expected  in  supersonic  flight  and  the 
order  of  time  required  to  reach  them.  The  actual  tenperatiire  histories 
vill  depend  on  the  details  of  the  flight  plan.  There  will  be  as  many 
characteristic  teiriperature  histories  as  there  will  be  types  of  supersonic 
aircraft  but  consider  two  possible  ones  which  contain  the  significant 
featiores^of  a number  of  them.  In  figure  5 is  shown  the  tenperatiire  his- 
tory of  an  interceptor  airplane  which  flies  mostly  subsonically;  then, 
at  an  altitude  of  50,000  feet,  it  accelerates  rapidly  to  M = 5,  remains 
there  for  5 minutes,  and  then  decelerates.  If  the  skin  of  the  wing  ^ 
of  this  airplane  were  0.1-inch  steel,  its  temperature  woiold  rise  to  570  , 
almost  the  equilibrium  tenperature,  and  then  on  deceleration  ret^lm  to 
the  ambient  temperature.  Such  a temperature  cycle  would  be  expected  to 
occur  many  times  in  the  life  of  the  aircraft. 

In  figure  4 is  shown  a flight  history  of  a second  type  of  vehicle 
which  is  launched  at  altitude,  is  boosted  by  rocket  power  to  a higher 
altitude  and  Mach  number  of  6.2,  and  then  coasts  through  an  essentially 
ballistic  path.  The  velocity  of  descent  has  been  controlled  by  brakes. 
The  temperatures  on  the  wing  rise  rapidly  during  the  boost  period  and 
reach  a more  or  less  steady  state  at  high  altitude  where  radiation  is 
effective  in  restraining  heating;  then,  as  it  descends  into  the  denser 
atmosphere,  the  temperature  rises  rapidly  because  of  the  higher  heat 
transfer  and  the  resulting  loss  of  effectiveness  of  radiation  in  lowering 
the  temperature.  At  this  time  the  wing  of  this  aircraft  is  held  at  a 
small  angle  of  attack  and  the  Increase  in  air  density  in  the  compressed 
region  behind  the  shock  on  the  lower  side  heats  the  lower  surface  to  a 
peak  of  about  1,200°  F.  The  upper  surface  is  in  a region  of  reduced 
density  because  of  the  expanded  flow  behind  the  shock  and  remains  about 
600°  cooler. 

It  is  apparent  from  figures  5 and  4 that  supersonic  aircraft  of 
the  forseeable  future  could  experience  peaks  of  temperatures  that  encom- 
pass the  useful  range  of  common  aircraft  materials,  that  these  tempera- 
ture peaks  will  be  reached  in  times  of  the  order  of  minutes,  and  that 
for  some  types  of  aircraft  the  cycles  of  heating  may  be  repeated. 
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Deterioration  of  Properties 


The  most  serioixs  effect  of  aerodynamic  heating  is  its  deterioration 
of  the  properties  of  the  material  of  vhich  the  aircraft  is  made.  Whereas 
in  the  past  for  subsonic  aircraft  material  properties  obtained  at  room 
temperat-ure  have  sufficed  to  define  a material  for  the  purpose  of  pre- 
dicting the  static  strengths  of  structures  into  which  it  is  made,  this 
simple  situation  no  longer  exists  at  high  ten5)eratures.  Not  only  is  it 
necessary  to  regard  ten5)erature  as  a parameter  but  also  time.  Materials 
exposed  to  a given  tenperature  have  different  properties  for  each  length 
of  exposure,  and  materials  exposed  to  a given  temperature  and  then 
cooled  also  have  different  properties. 
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Creep 

When  load  and  high  tenperature  are  applied  continuously,  the  mater- 
ial creeps,  that  is,  elongates  without  change  in  load,  and  the  usual 
stress-strain  curve  no  longer  provides  a unique  relationship  between 
stress  and  strain.  Although  much  creep  information  is  available  for  the 
effects  of  steady  loads  and  tenperatures,  only  a relative  small  amount 
is  available  for  cyclic  variations  in  load  and  temperature  which  are  the 
conditions  which  will  exist  for  airframes.  Since  it  is  hopeless  to 
attempt  to  get  experimental  creep  data  on  all  possible  variations  in  load 
and  temperature  that  may  be  experienced,  the  real  value  of  cyclic-loading 
and  heating  tests  lies  in  the  possibility  of  their  suggesting  general 
laws  of  creep  behavior  under  variable  heating  and  loading. 

STRUCTUEES 

Strength 


Analogous  to  the  problem  of  the  prediction  of  the  strength  of  the 
airframes  at  normal  temperatures,  there  exists  the  same  problem  at  ele- 
vated tenperatures.  The  siirplest  problem  is  that  of  the  prediction  of 
the  strength  -under  rapid  loading  (but  not  so  rapid  as  to  develop  inertia 
forces)  of  a uniformly  heated  structure.  S-ufficient  evidence  exists  to 
indicate  that  this  problem  can  be  handled  at  elevated  teirperatxares  just 
as  readily  as  it  can  be  at  room  tender ature  and  that,  if  the  room- 
temperature  strength  and  mode  of  failure  are  known,  a rapid  estimation 
of  the  effect  of  temperature  can  be  made.  The  information  that  is 
required  is  contained  in  the  stress-strain  curves  of  the  material  obtained 
at  the  temperature  time  history  of  interest. 
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If  the  structiore  is  required  to  support  a given  load  at  a given 
temperature  for  time  of  the  order  of  hours,  the  possibility  exists  that 
it  will  collapse  because  of  the  creep  of  the  material  at  a load  lower 
than  its  rapid-loading  strength.  The  time  at  load  and  temperature  need 
not  be  continuous  but  can  be  made  up  of  a sequence  of  short  heatings  and 
loadings . 

Tests  made  on  complete  box  beams  of  alumimam  alloy  have  indicated 
that,  if  this  failure  is  due  to  tensile-creep  rupture,  the  failures  cor- 
relate closely  with  tensile-rupture  data  for  the  material.  Failures  of 
some  of  these  box  beams,  however,  were  due  to  collapse  of  the  compres- 
sion cover  and,  at  the  time  of  these  tests,  this  problem  which  has  been 
called  creep  buckling  was  little  understood. 


Thermal  Stresses 

The  rapid  heating  experienced  by  supersonic  aircraft  gives  rise  to 
thermal  stresses  in  the  airframe.  Although  it  is  possible  to  conceive 
of  circumstances  under  which  thermal  stresses  can  produce  tensile  fail- 
ure of  parts  of  an  airframe,  aircraft,  however,  eire  essentially  shell 
structures  and  the  more  usual  condition  that  exists  is  that  aerodynamic 
heating  induces  compressive  stresses  in  the  skin  which  tend  to  buckle 
it  and  prevent  any  further  increase  in  the  tensile  stresses  in  the  cooler 
interior  structure , 


STIFFNESS  AM)  DISTORTION 


Structural  stiffness  is  a primary  design  criterion  for  supersonic 
aircraft.  There  is  a direct  loss  of  stiffness  of  aircraft  due  to  loss 
of  the  basic  materials  stiffness  but,  for  the  temperature  range  of 
applicability  of  bhe  materials,  stiffness  losses  are  not  as  severe  as 
are  the  losses  of  material  strength. 


Buckling 

A more  serious  loss  of  stiffness  of  the  shell  structure  can  be  attri 
buted  to  thermal  stresses  which  are  induced  by  the  high  rates  of  heating. 
If  these  thermal  stresses  are  severe  enough,  they  can  cause  buckling  of 
the  plate  elements  of  the  aircraft.  When  so  buckled,  the  effective  stiff 
ness  of  the  entire  structirre  is  reduced. 
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Eeduced  Stiffness 
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Even  without  causing  "buckling,  these  thermal  stresses  tend  to 
destabilize  the  plates  of  which  the  aircraft  is  made.  !The  mechanism  of 
this  loss  of  stiffness  is  related  to  the  effective  loss  of  bending  stiff- 
ness which  occurs  in  a beam  that  is  loaded  axially  by  a thrust. 

The  strong  effect  of  thermal  stresses  on  stiffness  makes  it  desir- 
able to  suppress  these  effects  in  supersonic  aircraft,  and,  to  some 
extent,  the  magnitudes  of  these  stresses  are  \mder  the  controls  of  the 
designer  who  can  detail  internal  structures  that  do  not  restrain  the 
skin  or  offer  a reduced  amount  of  restraint. 


Stress -Free  Distortion 

Whether  large  thermal  stresses  are  Induced  in  the  airframe,  unequal 
heating  can  cause  distortion  of  the  struct\ire.  The  most  serious  occur- 
rence of  this  is  the  unequal  transient  heating  of  thin  supersonic  wings 
that  was  illustrated  in  figure  4.  :^y  virtue  of  the  unequal  transient 

heating  of  top  and  bottom  of  the  wing  when  at  an  angle  of  attack,  wing 
bending  can  occur.  The  bending  deflections  can  be  substantial  but  it  is 
not  evident  that  these  bending  deflections  can  aidversely  affect  the 
aircraft. 


ALLEVIATION 


It  is  clear  from  the  many  material  and  structures  problems  that 
arise  from  aerodynamic  heating  that  it  is  desirable  to  find  ways  of 
alleviating  them. 


Insulation 

The  simplest  idea  which  presents  Itself  is  to  place  between  the 
structure  and  the  airframe  an  insulator.  Although  efficient  insulators 
exist,  it  is  characteristic  of  aerodynamic  heating  that  the  surface  of 
the  insulator  must  follow  instantaneously  the  full  equilibrium  tempera- 
txore.  Consequently,  they  have  serious  problems  of  thermal  stressing 
loss  of  strength  with  temperature. 


Aerodynamics  and  Configuration 


Some  control  of  the  heat  input  is  possible  by  controlling  the  aero- 
dynamics of  the  boundary  layer.  The  laminar  boundary  layer  has  heat- 
transfer  coefficients  nnp-thi  rtl  tn  nrip-Viaif  of  those  of  the  turbulent 
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"boundary  layer j therefore ^ lower  hea*t  inpuiss  can  *be  obtained  by  those 
factors  that  encourage  laminar  flow,  that  is,  favorable  pressure  gradi- 
ents, cooled  surfaces,  and  smooth  surfaces.  Blunted  noses  of  bodies 
and  ro-unded  and  swept  leading  edges  also  have  reduced  heat- transfer 
coefficients • 


Cooling 

A most  effective  way  of  reducing  heat  input  to  the  airframe  is  the 
cooling  of  the  boundary  layer  by  introducing  into  it  some  fluid.  Gases 
and  liquids  can  be  used,  the  liquids  having  the  greatest  capacity  to 
cool  by  virtue  of  their  heat  of  vaporization.  Such  schemes  are  mechan- 
ically complicated  and  can  only  be  justified  in  special  circumstances. 
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A DISCUSSION  OF  METHODS  FOR  REDUCING  AERODYNAMIC 
HEATING  IN  SUPERSONIC  FLIGHT 


Ry  A.  J.  Eggers,  Jr. 

Ames  Aeronautical  laboratory 


INTRODUCTORY  REMARKS 


Because  of  the  seriousness  of  the  structural  and  other  problems 
introduced  by  aerodynamic  heating,  considerable  effort  has  been  devoted 
to  finding  methods  of  reducing  heat  transfer  in  siq>ersonic  flight.  It 
is  the  purpose  of  this  paper  to  describe  scsne  of  the  more  promising  of 
these  methods  which  have  been  discovered  to  date . 


RESUia?S  AND  DISCUSSION 


Aerodynamic  heating  is  brought  about  primarily  by  the  convection 
of  heat  from  the  boxmdary  layer  to  the  surface  of  a vehicle.  The 
severity  of  the  heating  is  strongly  dependent  upcHi  tiie  flow  in  the 
boundary  layer.  To  illustrate  this  point,  consider  flow  of  the  familieLr 
laminar  and  turbulent  types  (see,  e.g.,  refs.  1,  2,  and  5).  The  friction 
coefficients  for  laminar  flow  are  usually  substantially  less  than  those 
for  turbulent  flow,  and  according  to  Reynolds  analogy  (see,  e.g.,  refs.  4 
and  5)  the  heat-transfer  coefficients  should  be  reduced  in  about  the 
same  proportion.  The  magnitude  of  this  reduction  is  indicated  in 
figure  1 vdiere  the  Stanton  nuniber,  which  is  proportional  to  the  heat- 
transfer  coefficient,  is  shown  as  a function  of  Mach  nuiriber  for  i atm-  n«-r 
and  turbulent  flow  over  a flat  surface  at  a Reynolds  number  of  10^. 

The  surface  is  presumed  to  be  at  ambient  air  tenqperature . Under  these 
circumstances,  it  can  be  seen  that  laminar  heat-transfer  coefficients 
vary  from  about  one-fifth  the  tiarbulent  value  at  a Mach  number  of  2 to 
about  one-third  the  turbulent  value  at  M = 8.  According  to  Newton’s 
law  of  cooling,  the  heat-transfer  rate  per  unit  area  is  equal  to  the 
product  of  the  heat-transfer  coefficient  and  the  difference  between  the 
recovery  temperature  (corresponding  to  zero  heat  flow)  and  the  wall 
temperature.  It  follows  that  the  laminar  heat- transfer  rates  should,  be 
less  than  turbulent  in  about  the  same  proportion  as  the  heat-transfer 
coefficients  inasmuch  as  the  recovery  temperatures  are  about  the  same 
for  both  types  of  boundary  layer,  and  the  wall  temperatures  are,  of 
course,  presumed  unchanged.  It  is  indicated  then  that  both  local  and 
overall  heating  of  a vehicle  can  be  reduced  by  increasing  the  amount  of 
laminar  flow.  This  observation  raises  the  fundamental  question  - how 
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can  "the  Reynolds  number  of  transition  from  laminar  to  turbulent  flow 
be  increased? 

Theoretical  and  e35>erimental  work  to  date  (refs.  6 to  l6)  have 
indicated  that  there  are  three  especially  promising  methods  of  increasing 
the  transition  Reynolds  nimiber  in  supersonic  fli^t.  One  method  is  to 
cool  the  surface  of  the  vehicle,  another  is  to  shape  the  surface  to  give 
decreasing  pressures  with  distance  aft  on  the  vehicle,  that  is  negative 
pressure  gradients,  and  the  third  is  to  minimize  surface  roughness  of 
the  vehicle.  The  first  two  methods  tend  to  stabilize  the  laminar 
boundary  layer  against  disturbances  which  mig^t  otherwise  cause  transi- 
tion to  turbulent  flow.  The  third  method  tends  to  eliminate  one  in^jor- 
tant  source  of  these  disturbances. 

Some  examples  of  the  effects  of  surface  temperature  and  pressure 
gradient  on  transition  are  shown  in  figure  2.  First  it  is  observed  that 
cooling  the  surface  from  about  10  percent  above  to  10  percent  below  the 
recovery  temperature  increased  the  transition  Reynolds  number  on  a 
parabolic  body  of  revolution  from  about  6 X 10^  to  20  X 10^  at  a Mach 
number  of  1.6l  (ref.  12) . In  other  words,  the  length  of  laminar  run 
was  increased  by  more  than  threefold.  The  effect  of  pressure  gradient 
on  transition  Reynolds  manber  (ref.  I5)  is  also  shown  in  this  figure 
for  the  case  of  surface  temperature  equal  to  recovery  temperature.  The 
parabolic  body,  which  has  a negative  pressure  gradient  for  about  three- 
fourths  of  its  length,  has  about  twice  as  long  a laminar  run  as  the 
ogive -cylinder  which  has  a favorable  gradient  for  only  about  the  first 
quarter  of  its  length.  Similarly,  the  ogive-cylinder  has  about  twice 
the  laminar  run  of  the  cone-cylinder  which  has  a negative  pressure 
gradient  only  at  its  shoulder. 

Pressure-gradient  effects  also  become  evident  when  cylindrical 
bodies  fly  at  an  angle  of  attack  (ref.  ll) . This  point  is  demonstrated 
in  figure  5 where  it  is  observed  that  the  transition  Reynolds  numbers 
on  the  sheltered  side  of  the  body  at  an  angle  of  attack  are  much 
smaller  than  those  on  the  windward  side.  The  effects  shown  can  actixally 
be  correlated  with  a pressure-rise  coefficient  along  a streamline 
passing  from  the  windward  to  the  sheltered  side  of  the  body.  More 
generally,  it  can  be  said  that  all  the  experimental  effects  shown  here 
and  in  figure  2 agree  qualitatively  with  the  results  of  bo\mdary-layer 
stability  theory  (refs . 6 to  9) . 

The  effect  of  distributed  surface  roughness  on  transition  Reynolds 
number  (ref.  ll)  is  shown  in  figure  4.  Here  the  transition  Reynolds 
number  on  a model  fired  in  a free-fli^t  wind  txannel  is  plotted  against 
the  ratio  of  roughness  height  to  the  laminar-boundary-layer  thickness 
at  transition.  The  roughness  height  is  the  depth  of  the  screw  thread 
used  to  create  the  roughness.  It  is  apparent  that  increasing  the 
roughness  moves  transition  forward  for  each  of  the  length  Reynolds 
numbers  at  which  tests  were  conducted. 
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There  are,  then,  severaf*ine^iid&Ls  eh*  iiyff viduaLffy *&nd*  Vhl  vely 

offer  promise  of  reducing  heat  transfer  in  supersonic  flight,  by  main- 
taining more  laminar  flew  over  a vehicle.  At  best,  however,  there  are 
numerous  disturbances  such  as  those  produced  by  shock  waves,  noise,  and 
wakes,  which  can  still  cause  transition  and  which  cannot  be  easily 
eliminated.  Accordingly,  it  is  appropriate  to  consider  next  a method 
which  appears  especially  suited  to  reducing  heat  transfer  from  a turbu- 
lent boundary  layer  to  a surface.  This  method  is  tenned  transpiration 
cooling  (see  refs.  I7  to  I9) . 


With  a transpiration  cooling  system,  the  cooleuit  passes  through  the 
material  to  be  cooled  as  shown  in  figure  5.  The  coolant  may  pass  throu^ 
as  a ^s,  or  as  a liquid  that  would  evaporate  on  the  sttrface.  A liquid 
has,  of  course,  the  advantage  of  absorbing  the  heat  of  vaporizaticn 
during  transpiration.  In  any  event,  the  coolant  leaves  the  surface  as 
a gas  and  flows  into  the  surrounding  boundary  layer.  Naturally  the 
outer  skin  of  the  aircraft  would  have  to  be  porous . The  porosity, 
however,  introduces  engineering  problems  of  strengtii  and  of  manufacture. 
Becaiise  of  these  and  additional  problems,  consideration  of  transpiration 
cooling  would  only  be  made  if  it  covild  be  shown  to  be  very  effective. 
There  are  two  reasons  why  a transpiration  cooling  system  is  thou^t  to 
be  effective.  First,  from  a heat-exchanger  viewpoint,  a transpiraticaa 
cooling  system  is  efficient  because  it  raises  the  tenqperature  of  the 
coolant  to  the  temperature  of  the  outer  surface,  where  the  highest 
ten5)erature  in  the  system  exists.  Thus,  the  coolant  absorbs  the  niayimim 
possible  amount  of  heat.  In  addition,  when  the  coolant  leaves  the 
surface  as  a gas,  it  reduces  the  shear  in  the  boundary  layer  by 
to  separate  it  from  the  wall.  As  a result  the  heat  transfer  to  the  body 
is  reduced.  These  two  attributes,  utilizing  the  coolant  to  its  fullest 
axid  reducing  the  amount  of  heat  entering  the  aircraft,  makf>  a transpira- 
tion cooling  system  exceptionally  effective.  Some  indication  of  the 
reductions  in  heat  transfer  obtainable  by  this  method  is  shown  in 
figure  6 for  the  case  of  flow  over  a flat  plate  at  a Mach  number  of  2.6 
and  a length  Reynolds  number  of  5 x I06.  The  ordinate  is  the  ratio  of 
heat-transfer  coefficient  with,  to  heat-transfer  coefficient  without 
transpiration.  The  abscissa  represents  the  ratio  of  mass  flow  of  air 
per  unit  area  through  the  surface  to  the  mass  flow  per  unit  area  of  the 
free  stream.  The  Ingjortant  conclusion  to  be  drawn  from  this  figure  is 
that  according  to  both  theory  (ref.  18)  and  experiment,  large  reductiems 
in  heat  transfer  are  obtained  liy  transpiring  relatively  small  amounts  of 
air. 


to  this  point,  we  have  concerned  oiorselves  primarily  with  over- 
heat  transfer  to  a vehicle  — local  heat  transfer  has  been  discussed 
only  in  the  sense  that  it  contributes  to  overall  heat  transfer.  It  is 
appropriate  now  to  view  the  local  heating  problem  as  it  relates  to  the 
generation  of  "hot  spots"  on  a vehicle.  In  this  regard,  it  will  be 
undertaken  to  consider  only  those  spots  which  are  more  or  less  common 


to  all  vehicles  - namely,  the  nose  of  the  body  and  the  leading  edge  of 
the  wing.  (There  may,  of  course,  be  other  regions  of  this  type  - for 
exanple,  the  transition  region  - however,  it  is  beyond  the  scope  of  the 
present  paper  to  consider  these  possibilities.) 


A nose  or  leading  edge  tends  to  become  excessively  hot  for  the 
following  reason.  The  boundary  layer  is  just  beginning  to  form  so  it 
is  still  very  thin  and  the  rate  of  viscous  shearing  is  very  high. 
Accordingly,  the  local  heat-transfer  coefficients  are  very  hi^.  In 
the  event  a nose  or  leading  edge  is  sharp,  it  is  indicated  by  boundary- 
layer  theory  that  the  local  heat-transfer  coefficients  take  on  prohibi- 
tively large  valiaes.  For  this  reason,  and  because  a sharp  nose  or 
leading  edge  has  little  capacity  for  absorbing  heat,  effects  of  blxmt- 
ness  on  heat  transfer  have  been  a matter  of  some  interest  (see,  e.g., 
refs.  20  and  21).  Theoretical  studies  of  the  heat  transfer  frcxu  a 
^fllrl^nflT’  boundary  layer  to  a hemispherical  nose  or  a semicircular  leading 
edge  indicate  that,  all  other  things  being  the  same,  the  heat- transfer 
coefficients  should  vary  inversely  with  the  square  root  of  the  radius 
of  curvatiire  of  the  surface  ( see  refs . 22  to  26)  . Figure  7 compares 
this  prediction  with  experimental  data  for  transverse  cylinders.  The 
nominal  test  conditions  were  Mach  number  9*8^  stagnation  temperatvire 
ppnno  R,  cylinder  temperature  550*^  s^nd  cylinder  Reynolds  numbers 
from  about  0.5  X 105  to  k.2  X 105.  Variations  in  Rep  were  obtained 
by  varying  cylinder  diameter.  For  these  tests,  then,  the  dimensionless 
ordinate  is  proportional  to  heat-transfer  coefficient  while  the  abscissa 
is  proportional  to  cylinder  diameter.  It  is  indicated  that  heat-transfer 
coefficients  are  substantially  reduced  by  increasing  the  diameter,  and 
essentially  in  the  manner  predicted  by  theory.  Analogous  results  have 
been  obtained  for  hemispherical  noses  (ref.  27)-  There  is  good  reason 
to  believe,  then,  that  round  noses  and  round  leading  edges  are  desirable 
from  the  standpoint  of  reducing  the  hig^  rates  of  local  heat  transfer 
in  these  regions. 


Now  blunting  the  nose  of  a body  in  some  cases  actmlly  reduces 
pressure  drag.  On  the  other  hand,  a substantial  increase  in  pressure 
drag  is  almost  inevitably  associated  with  blunting  the  leading  edge  of 
a wing.  Sweeping  the  leading  edge  is,  of  course,  an  effective  means 
for  minimizing  this  penalty  (see,  e.g.,  ref.  21).  The  question  is  then 
raised,  however,  as  to  what  effect  sweep  has  on  heat  transfer.  Theory 
in  this  case  has  been  worked  out  only  for  the  stagnation  region  (ref.  26) 
and  then  only  for  the  limited,  although  perhaps  most  practical,  case  of 
wall  temperature  that  is  low  in  cou5)arison  with  stagnation  temperature. 
Comparison  of  the  predictions  of  this  theory  with  experiments  on  heat 
transfer  to  swept  cylinders  is  shown  in  flginre  8.  Specifically,  there 
is  shown  the'  ratio  of  average  heat-transfer  ra-te  at  angle  of  sweep  to 
average  heat-transfer  rate  at  zero  sweep  as  a function  of  the  angle  of 
sweep.  The  experimental  data  are  for  Mach  numbers  of  9.8  and  6.9  and 
wall  to  s-tagnation  temperature  ratios  of  0.24  and  0.48  to  0.84.  The 
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theoretical  prediction  is  shown  only  for  the  tempera'Cufe*ra‘Cf6  of*  0.24, 
inasmuch  as  the  theory  is  not  applicable  at  the  higher  ten^perature  ratios. 
It  is  encouraging  to  note  that  according  to  both  theory  and  experiment, 
large  reductions  in  heat- transfer  rates  are  achieved  by  sweep.  Sweep- 
back,  then,  may  prove  as  useful  in  reducing  heat  transfer  and  drag  in 
flight  at  high  s\5>ersonic  speeds  as  it  has  been  in  reducing  drag  at  low 
si^jersonic  speeds. 


So  far  in  this  discussion  it  has  been  presumed  that  the  boimdary 
layer  is  normal  in  the  sense  that  it  is  laminar,  transitional,  or  turbu- 
lent, and  more  or  less  steady.  As  a final  point,  however,  I would  like 
to  depart  from  this  presumption  and  consider  a basically  different  flcn< 
(ref.  28)  which  offers  promise  of  transferring  less  heat  to  a surface 
than  the  usual  boundary  layer.  This  flow  is  nonsteady,  rather  than 
steady,  and  it  may  be  represented  schematically  as  shown  in  figure  9- 
It  differs  from  the  normal  boundary  layer  in  one  inqKartant  respect  - a 
large  vortex  exists  in  the  boundary  layer  at  short  intervals  along  the 
surface.  Now,  assume  that  each  vortex  is  made  up  of  air  from  the  main 
flow  and,  further,  that  the  surface  is  at  some  reasonable  ten5)erature 
greater  than  ambient  air  ten^jerature . It  may  be  argued  then  that  part 
of  the  heat  convected  to  the  surface  in  the  region  of  the  normal  bo\mdary 
layer  should  be  convected  from  the  surface  in  the  region  of  a vortex 
since  the  peripheral  portion  of  the  vortex  should  be  cooler  than  the 
surface.  jQie  cooling  by  the  vortices  should,  of  course,  depend  both 
upon  their  size  and  spacing. 

It  was  undertaken  to  check  the  principle  of  this  ''boundary-layer- 
vortex”  hypothesis  xzsing  specially  designed  spike-nosed  bodies  of  revo- 
lution. These  bodies  were  en5)loyed  simply  because  they  are  known  to 
generate  a hi^-frequency  piilsating  flow  at  supersonic  si>eeds  (ref.  29), 
and  it  seemed  reasonable  to  expect  that  large-scale  vortices  would  be 
discharged  over  the  bodies  with  each  pulsation.  Visual  flow  studies 
(ref.  28)  indicated  that  this  was,  in  fact,  the  case.  It  was  antici- 
pated further  that  aerodynamic  cooling  by  the  vortices  woiild  reflect 
directly  in  the  recovery  temperatures  of  the  surface.  Some  idea  of  the 
magnitTJde  of  this  effect  at  zero  angle  of  attack  and  a Mach  nimiber  of 
5-5  can  be  obtained  from  figure  10.  Here  the  recovery  factor  at  a 
representative  point  on  the  siirface  of  a spike-nosed  body  is  shown  as 
a function  of  spike  extension.  Die  body  consisted  of  a truncated  cone 
with  a conical  spike  and  an  annular  cutout  added  to  the  front  face  of 
the  cone.  The  purpose  of  this  cutout  is  to  produce  stronger,  better 
developed  vortices  during  pulsation.  For  spike  extensions  up  to  about 
0.4  inch  the  flow  remained  steady  and  the  recovery  factor  remained  at 
a rather  hi^  value  characteristic  of  turbulent  boundary  layers.  With 
further  spike  extension,  pulsating  flow  occurred  at  the  nose,  and  the 
bow  shock  oscillated  between  the  front  face  of  the  model  and  the  tip  of 
the  spike.  Ring-shaped  vortices  were  discharged  over  the  model  in 
concert  with  each  pulsation,  and  as  can  be  seen,  substantial  reductions 
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•*wefe*  olstalned*  at  spike  extensions  up  to  2.2  inches. 
With  further  spike  extension  the  pulsations  tended  to  disappear,  large 
vortices  were  no  longer  shed  from  the  nose,  and  the  recovery  factor 
rose  to  values  in  the  range  of  normal  boundary  layers.  The  maximum 
reduction  in  recovery  factor  due  to  spike  extension  was  from  about 

0.91  to  0.68. 


It  is  of  interest  now  to  see  what  the  distribution  of  recovery 
factor  is  like  on  the  spike-nosed  body  under  conditions  of  pulsating 
flow.  Figure  11  provides  some  information  on  this  matter  for  a spike 
extension  equal  to  about  three-fourths  of  that  for  obtaining  minimum 
recovery  factors.  It  is  observed  first  that  the  recovery  factors  rise 
from  a relatively  low  value  near  the  center  of  the  spike  to  a high 
value  near  the  annular  cutout.  On  the  afterbody  something  like  the 
proposed  boundary-layer -vortex  flow  was  obtained  and  it  is  observed 
that  the  recovery  factors  are  unlfonnly  low,  varying  from  about  O.72 
to  0.75.  These  results  and  those  of  the  previous  figure  indicate  that 
recovery  teniperauures  on  the  surface  of  a vehicle  in  flight  at  a (fech 
number  of  5.5  in  air  at  l^-0°  F ambient  temperature  could  be  reduced  from 
about  1150°  F to  as  low  as  870°  F by  using  vortex  cooling.  large 
vortices  offer  promise,  then,  of  substantially  reducing  recovery  temper- 
atures in  flight  at  high  supersonic  speeds. 

It  is  appropriate  to  inquire  next  as  to  what  effect  the  pulsating 
flow  has  on  heat- transfer  coefficients.  Some  idea  of  this  effect  can 
be  obtained  from  figure  12  which  shows  indicated  average  heat-transfer 
coefficients  as  a function  of  the  difference  between  indicated  recovery 
and  wall  temperatures  of  a spike-nosed  model  and  a truncated  cone  model. 
Each  model  was  solid  and  made  of  duralumin.  The  term  "indicated"  is 
used  because  the  temperatures  were  measured  at  the  base  of  the  models. 
There  are  two  important  things  to  be  noted.  First,  the  effect  of 
pulsating  flow  on  heat-transfer  coefficients  is  rather  small,  in  this 
case  reducing  the  coefficient  by  perhaps  7 percent.  Second,  the  heat- 
transfer  coefficients  for  the  pulsating  flow  are,  as  in  the  case  of 
steady  flow,  more  or  less  constant,  independent  of  wall  temperature. 

The  latter  observation  suggests  that  the  measured  recovery  factors 
can  be  combined  with  the  meas\ared  heat- transfer  coefficients  in  order 
to  estimate  the  effects  of  pulsating  flow  on  average  heat-transfer  rates 
in  flight.  It  seems  unlikely  that  in  practice  these  rates  would  exceed 
those  corresponding  to  the  case  of  wall  tenqierature  equal  to  ambient  air 
temperature.  For  this  particular  case,  the  rate  of  heat  transfer  is 
simply  proportional  to  the  product  of  the  heat-transfer  coefficient  and 
the  recovery  factor.  But  pulsating  flow  reduced  the  heat-transfer 
coefficient  by  about  7 percent  and  it  reduced  the  recovery  factor  from 
0.91  to  about  0.77#  or  about  I6  percent.  The  net  reduction  in  maximum 
average  heat-transfer  rate  is  indicated,  then,  to  be  about  25  percent. 
For  heat- transfer  rates  less  than  the  miaximrum,  the  percentage  reduction 
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associated  vith  pulsing  vortices  over  a *5h6dldr Ue  •grt»ter  ‘feecause 

the  role  played  hy  recovery  factor  is  of  increased  inqportance . 


CONCIOTIHG  REMABKS 


Tn  the  1 ight  of  these  and  the  previous  considerations,  the  following 
conclusions  are  reached  regarding  presently  availahle  methods  of  reducing 
aerodynamic  heating  in  supersonic  fli^t.  First,  since  a Inminar  'boundary 
layer  convects  heat  to  a surface  much  less  rapidly  than  a turhiilent 
"boundary  layer,  it  appears  worthvdiile  to  strive  for  larger  amounts  of 
1 ami  na-r  flow  by  employing  smooth,  cooled  surfaces  which  are  shaped  to 
give  favora'ble  negative  pressure  gradients.  In  the  event  the  turbulent 
boimdary  layer  cannot  be  avoided,  the  resulting  aerodynamic  heating  may 
be  substantially  reduced  by  using  a transpiration  cooling  system. 

Excessive  heating  of  the  noses  of  bodies  and  leading  edges  of  wings  can 
"be  minimized  by  blunting  or  rounding  these  surfaces,  and  in  the  case  of 
wings  this  local  heating  problem  can  be  further  alleviated  by  sweeping 
the  leading  edge.  Finally,  there  is  the  encouraging  possibilily  of 
reducing  aerodynamic  heating  below  that  encountered  with  nomial  boundary- 
layer  flows  ty  enqploying  vortex  cooling. 
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LOCAL  HEAT  TRANSFER  FROM  LAMINAR  AND  TURBULENT 
BOUNDARY  LAYERS  TO  A FLAT  SURFACE 


Figure  1 


EFFECTS  OF  SURFACE  TEMPERATURE  AND  PRESSURE 
GRADIENT  ON  TRANSITION 
1.61 


RECOVERY  TEMPERATURE 


Figure  2 
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TRANSITION  REYNOLDS  NUMBER 


EFFECT  OF  ANGLE  OF  ATTACK  ON  TRANSITION 
M - 3.5 , Ty^  « Tqq 


Figure  3 


EFFECT  OF  ROUGHNESS  ON  TRANSITION 
OGIVE-  CYLINDER 
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Figure  L 


EFFECT  OF  BLUNTNESS  ON  HEAT  TRANSFER  TO 
CIRCULAR  CYLINDERS 

M = 9.8,  Tt=2200°R,  Tw  = 530“R 
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EFFECT  OF  SWEEP  ON  HEAT  TRANSFER  TO 
CIRCULAR  CYLINDERS 

EXPERIMENT 

Tw 

M "'0  T 

o 9.8  0.315  X lo3  0.24 
O 9.8  2.10  X 103  0.24 
A 6.9  1.30  X 10®  0.48-0.84 


STAGNATION  THEORY ^ 

(for  =0.24) 

Tf 

_] 1 1 1 I I I i_ 

10  20  30  40  50  60  70  80 

ANGLE  OF  SWEEP,  A ,DEG 

Figure  8 


AERODYBAMIC  HEATING  OF  ROCKET-POWHffiD  RESEARCH 
VEHICLES  AT  HYPEE^SONIC  SPEEDS 
Ry  Robert  0.  Pi  land 
Langley  Aeronautical  Laboratory 


SUMMARY 


Skin  ten5)erature  measurements  have  been  obtained  on  two  free- flight 
research  vehicles;  measurements  were  made  up  to  Mach  numbers  of  in 
one  case  and  up  to  10.4  in  the  other.  On  the  first  model  (M  = 5-4), 
temperature  measurements  were  obtained  at  nine  stations  (between  6.5 
and  29  inches)  along  the  15°  conical  nose.  The  tengjerature  distribution 
along  the  nose,  at  a Mach  number  of  5*4,  indicated  transition  to  have 
occurred  at  a Reynolds  number  of  about  9 X 10^.  The  theories  of  Van 
Driest  for  laminar  and  turbulent  flow  proved  adequate  for  predicting 
the  skin  ten5)erature  histories  for  laminar  and  tiirbulent  stations, 
respectively. 


A skin  temperature  history  was  obtained  at  a single  station 
(26.6  inches  from  tip)  on  a fineness-ratio-5  Karman  nose  shape  to  a 
Mach  number  of  10.4.  The  peak  skin  tenqjerature  of  1,200°  F occurred 
shortly  after  the  time  of  peak  Mach  n\imber  and  calculations  indicate 
that  at  this  time  the  convective  heat  transfer  to  the  model  was  being 
balanced  by  radiative  heat  transfer  away  from  the  model.  The  theory  of 
Van  Driest  was  used  in  calculating  a skin  tengjerature  and  appeared 
adequate  up  to  a Mach  number  of  about  6.  Above  this  value,  there  is 
some  divergence  between  calculated  and  measured  data,  possibly  due  to  the 
existence  of  other  than  turbulent  flow  over  the  measuring  station. 


INTRODUCTION 


f- 


It  is  well  known  that  the  problem  of  aerodynamic  heating  becomes 
more  severe  with  increasing  Mach  number.  In  order  to  determine  just 
what  heating  conditions  will  be  encountered  at  higher  Mach  numbers, 
research  vehicles  are  being  flight  tested,  at  present,  to  Mach  numbers 
as  high  as  10.4. 


The  purpose  of  this  paper  is  to  present  and  discuss  skin  temperature 
measurements  from  two  flight  tests.  Ten^jerature  measurements  were  obtained 
to  a Mach  number  of  5*4  on  the  first  flight  and  to  a Mach  number  of  10.4 
on  the  second  flight. 


M I ) 


SYMB0I5 


M Mach  number 

E Reynolds  number 

To  static  temperature^  degrees  Rankine 

T skin  temperature^  degrees  Faiirenheit 

Z length  on  vhich  Reynolds  number  calculation  is  based 

RESULTS  AND  DISCUSSION 


Figure  1 presents  the  variation  of  static  temperature^  Mach  niimber^ 
altitude;  and  Reynolds  number  per  foot  with  flight  time  for  a three- 
stage  vehicle  which  had  a 15^  total  angle  conical  nose. 

Figure  2 presents  the  variation  of  skin  temperature  with  time  meas- 
ured at  a distance  of  29  inches  from  the  nose  tip.  The  nose  cone  was 
constructed  of  0.027-inch- thick  Inconel.  The  maximum  measured  tempera- 
ture is  seen  to  be  1,000^  F;  at  which  time  (23.7  seconds)  the  vehicle 
is  at  a Mach  number  of  * 

A temperature  history  has  been  calculated  using  the  turbulent  theory 
of  Van  Driest  (ref.  l)  applying  a conversion  factor  to  make  it  applicable 
to  the  cone  (ref.  2).  Turbulent  flow  was  assumed  to  exist  from  the  nose 
tip;  and  the  recovery  factor  used  in  calculating  the  adiabatic  wall 

temperature  was  assumed  equal  to  the  cube  root  of  the  Prandtl  number  Pr 
based  on  skin  temperature  (ref.  2).  The  ratio  of  specific  heats  7 was 
taken  equal  to  The  calculated  temperature  history  is  indicated  by 

the  symbols  in  figure  2 and  is  seen  to  be  in  good  agreement  with  the 
measured  temperature  history. 

In  addition  to  the  temperatures  measured  at  station  29^  measurements 
were  also  made  at  eight  other  stations  along  the  same  15^  cone.  Figure  5 
presents  the  variation  of  skin  temperature  along  the  nose  cone  at  a par- 
ticular time  during  the  flight.  The  flight  time  considered  is  25. 7 sec- 
onds at  vhich  time  the  Mach  number  is  "the  Reynolds  number  per 

foot  is  9*8  X 10^.  The  measured  temperature  is  indicated  by  the  solid 
line  and  the  ticks  on  this  curve  and  along  the  center  line  of  the  cone 
indicate  the  stations  at  which  the  temper atiire  measurements  were  made. 
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The  shape  of  the  measured  curve  indicates  regions  of  laminar,  transi- 
tional, and  at  least  the  early  stages  of  turbulent  flow.  The  abrupt 
change  in  slope  of  the  tengjerature  curve  indicates  that  transition  from 

laminar  flow  began  at  a Reynolds  number  of  about  9 x lO^.  it  is  inter- 

o?^Sno^^  ^ flight  time  of  only  25.7  seconds,  a difference 

ol  500  F exists  between  laminar-station  and  turbulent-station  tempera- 
ture measurements. 


The  lower  broken  line  in  figure  5 indicates  ten5)eratures  calculated 
^ing  the  laMn^  theory  of  Van  Driest  (ref.  3),  applying  a conversion 
factor  to  make  it  applicable  to  the  cone  (ref.  2).  The  recovery  factor 
was  assumed  equal  to  the  square  root  of  the  Prandtl  number  (ref.  2). 

Fair  agree^nt  is  seen  to  exist  between  the  measured  and  calculated  data 
at  the  stations  where  the  laminar  flow  is  believed  to  exist. 

• broken  line  in  figure  3 indicates  temperatures  calculated 

turbulent  theo:^  of  Van  Driest  as  described  previously.  Toward 
e end  of  the  cone  (station  29),  where  it  is  believed  turbulent  flow 
exists,  the  agreement  between  the  measured  and  calculated  data  is  quite 

^OOQ.  • 


, . consider  tenperature  measurements  to  a Mach  number  of  lO.lf 

o„_„^ned  during  the  flight  test  of  a four-stage  vehicle,  which  is  des- 
crxDed  in  reference  k* 

+ i presents  the  variation  of  static  tenperature,  Mach  number 

the  test' vSicle^^°Tb^  number  at  the  tenperature  measuring  station,  for' 
were  Se  ;•  ^°se  shape  on  which  the  tenperature  measurements 

a fineness-ratio-5  Karm&  nose  shape  whose  tip  was  modi- 

thlck  ? A of  0.032-inch- 

‘ ^ presented  in  figSe  J Sd 

ITse  tZ  i^eas^ing  station  is  shown  to  be  26.6  inches  S?  of  Se 

in  oP  skin  tenperature  with  time  is  also  presented 

If  1^1  ? indicated  by  the  solid  line.  A peak  tenpera^Sf 

At  thi?°+iL'"%r®?  reached  just  after  peak  Mach  number, 

the  SL  + f stiii  considerably  higher  than 

neik  ie^rature,  and  considering  only  convective  heat  transfer  a 
^^  tenperature  would  not  have  been  expected  until  a later  flight  time. 

^ convectivTheat 

ZTflL  Z .Z""  i"  radiative  heat  transfer 

toS^  ^ ^ consider  the  tenperature  his- 

tory calculated  using  the  turbulent  theoiy  of  Van  Driest  fref  1 1 fnn  « 

t^t  seconds,  a time  which  correspLds 

vain  about  6.  At  this  point  the  measured  and  calculated 

es  iverge  and  at  the  time  of  peak  measured  tenperature  the  calculated 


curve  is  still  rising  rapidly.  However,  if  transition  to  laminar  flow 
is  arbitrarily  assumed  to  occur  at  a Reynolds  number  of  5 X 10^ 
laminar  heat-transfer  coefficients  are  used,  the  points  indicated  by 
the  solid  square  symbols  are  obtained.  The  inference  is  that  laminar 
flow  must  have  actually  existed  on  the  model  at  this  time  of  peak  temper- 
ature. Calculations  are  also  presented  considering  flat-plate  theory; 
these  are  indicated  by  the  circular  symbols.  At  the  higher  temperatures, 
the  agreement  between  the  flat-plate  calculations  and  the  measured  data 
is  better  than  the  calculations  for  the  cone;  this  is  probably  fortuitous 
and  may  be  due  to  the  existence  of  transitional  rather  than  turbulent 
flow  over  the  measuring  station  for  some  time  interval  prior  to  time  of 
peak  temperature.  The  primary  purpose  of  making  the  flat-plate  calcu- 
lations was  to  determine  the  difference  in  estimated  maximum  temperature 
occasioned  by  using  the  simpler  flat-plate  procedure.  The  difference 
is  seen  to  be  about  I5  percent. 


CONCLUDING  REMARKS 


The  following  observations  are  made  from  the  data  presented  here: 

1.  Free-flight  skin- temperature  measurements  have  indicated 
transition  to  occur  on  a conical  nose  at  a Reynolds  number  of 

about  9 X 10^  at  a Mach  number  of 

2.  The  theories  of  Van  Driest  for  turbulent  and  laminar  heat- 
transfer  coefficients  appear  adequate  for  calculating  skin  temperatiire 
histories  to  Mach  numbers  on  the  order  of  6. 

5.  Radiative  heat  transfer  at  Mach  numbers  of  10  can  play  an 
important  role  in  the  detennination  of  peak  skin  temperature. 
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UP  TO  M = 5.4 


To,"R  M 
600  6 

400  4 

200  2 

0 0 


I 


f- 8.5"  PI  AM. 
1 


86'- 


"T 

15.6"  DIAM. 


Figure  1 


^ ■ . 


MEASURED  AND  CALCULATED  TEMPERATURE  HISTORY 
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FLIGHT  CONDITIONS  FOR  MODEL  TESTED  UP  TO  M=  10.4 


Figure  4 


MEASURED  AND  CALCULATED  TEMPERATURE  HSTORY  TO  A MACH  NUMBER 
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TENSILE  PROPERTIES  OP  SOME  SHEET  MATERIALS  UNDER 
RAPID-HEATING  CONDITIONS 


By  George  J.  Heimerl  and  John  E.  Inge 
Langley  Aeronautical  Laboratory 

SUMMARY 


Results  are  presented  of  some  rapid-heating  tests  of  some  sheet 
materials  - 7075-T6  and  2024-T5  (formerly  755-T6  and  245-T3,  respectively) 
alumnum  ^loys.  Inconel,  and  RS-120  titanium  alloy  - which  are  part  of 
an  Investigation  of  a number  of  structural  materials.  The  materials  were 
tested  at  temperature  rates  from  0.2°  F to  100°  P per  second  under 
constant-load  conditions.  Yield  and  rupture  temperatures,  obtained  under 
rapid- heating  conditions,  are  compared  with  the  tensile  properties  obtained 
under  constant-temperature  conditions  for  l/2-hour  exposure.  Yield  and 
rupture  stresses  are  found  to  increase  approximately  in  proportion  to  the 
log  of  the  temperature  rate  except  where  effects  such  as  aging  altered  the 
results.  Master  curves  are  presented  for  the  determination  of  yield  anH 
rupture  stresses  and  temperatures,  which  are  based  upon  the  use  of  a 
temperatiore-rate  parameter  derived  from  the  data. 


INTRODUCTION 


Conparatively  little  is  known  about  the  properties  of  materials 
under  rapid-heating  conditions  except  for  fairly  recent  tests  of  vari- 
ous materials  by  some  investigators  at  temperature  rates  of  hundreds 
of  degrees  or  more  per  second  (for  example,  refs.  1 to  5).  This  paper 
■will  cover  some  results  of  rapid-heating  tests  at  relatively  slow  tenper- 
ature  rates  up  to  100°  F per  second  for  some  sheet  materials  - 7075-T6 
and  2024-T5  aluminum  alloys.  Inconel,  and  RS-120  titanium  alloy  - which 
are  part  of  an  investigation  of  a number  of  structural  materials  at  the 
Langley  Laboratory. 
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The  rapid-heating  test  is  a new  kind  of  test  and  differs  from  the 
conventional  stress-strain  test.  In  the  rapid-heating  test,  the  load 
is  held  constant.  The  material  is  then  heated  at  a constant  temperature 
rate  until  failure  occurs.  In  the  stress-strain  test,  on  the  other  hand, 
the  temperature  is  held  constant.  After  the  material  has  been  heated 
1/2  hour  or  more  at  the  test  temperature,  the  load  is  then  applied  until 
failtue  takes  place,  bating  was  accomplished  in  the  rapid-heating  tests 
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by  passing  an  electric  ciirrent  through  the  specimen  in  such  a manner 
as  to  obtain  a constant  temperature  rate.  Autographic  strain  and 
temperature -time  records  vere  obtained^  and  yield  and  rupture  tempera- 
tures were  determined  for  each  test. 


TEST  RESULTS 


The  strain -temperature  histories  for  the  tests  of  7075-^6  aluminum 
alloy  under  rapid-heating  conditions  are  shown  in  figure  1.  In  this 
figure  the  strains^  which  include  the  elastic,  thermal,  and  plastic 
strains,  are  plotted  against  the  instantaneous  temperatures  for  each 
test  at  the  different  stress  levels  and  temperature  rates.  These  rates 
varied  from  about  0.2^  F to  100^  F per  second  - a factor  of  about  500. 

The  outstanding  characteristic  of  these  tests  for  this  material  is  the 
regular  family  of  curves  obtained  at  each  stress  level  for  the  different 
temperature  rates  when  the  material  becomes  plastic.  As  long  as  the 
material  remains  elastic,  however,  a single  curve  is  obtained  at  each 
stress  level  regardless  of  temperature  rate.  This  single  curve  coincides 
with  the  calculated  thermal -expans  ion  and  change -in-elastic -modulus  curve 
for  the  stress  level.  The  extensions  of  these  calciilated  elastic  curves 
are  shown  by  the  dashed  lines.  A thermal-expajision  CTorve  is  also  shown 
in  figure  1 which  was  obtained  for  the  material  after  it  had  been 
repeatedly  heated  and  cooled  until  the  same  curve  was  obtained  on  both 
heating  and  cooling.  Yield  temperatures  at  which  0.2-percent  plastic 
flow  occur  are  indicated  by  the  tick  marks;  yield  temperatiores  Increase 
with  the  temperature  rate  in  a very  consistent  manner. 

Figure  2 shows  the  logarithmic  nat*ure  of  this  increase  in  yield 
as  well  as  in  rupture  temperatures  for  this  material.  The  temperature 
rate  is  given  by  a logarithmic  scale.  The  curves  are  faired  through 
the  test  points  and  show  that  both  yield  and  rupture  temperatures 
increase  approximately  in  proportion  to  the  log  of  the  temperature  rate. 
This  condition  was  also  found  to  be  the  case  for  the  other  materials 
with  certain  specific  exceptions,  some  of  which  will  now  be  illustrated. 

Figure  5 shows  the  effect  of  aging  on  the  results  for  2024-T5  aluni- 
nun  alloy  at  50  ksl.  In  this  instance,  all  the  test  ciirves  go  more  or 
less  together  up  to  yield,  after  which  the  individual  c-urves  fall  into 
the  normal  pattern.  Rupture  temperatures  follow  a logarithmic  relation 
but  yield  temperatures  do  not. 

Another  example  of  the  effect  of  aging  is  shown  in  figure  4 for 
RS-120  titanium  alloy  at  75  ksi.  In  this  case,  the  test  results  follow 
the  usual  pattern  up  to  yield,  but  at  hi^er  ten5)eratures  the  order  of 
the  curves  is  almost  completely  reversed.  This  behavior  was  not  expected 
for  this  material  in  the  stabilized  annealed  condition. 
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The  last  example  (fig.  5)  illustrates  the  unstable  nature  of  the 
plastic  flow  obtained  in  the  tests  of  Inconel  at  28  ksi  under  rapid- 
heating  conditions.  Here,  abrupt  plastic  flow  occurs  after  intervals 
of  more  or  less  elastic  action.  In  spite  of  this  erratic  behavior,  yield 
temperatures  appear  to  increase  in  regular  fashion;  this  irregular 
behavior  continued  until  near  rupture.  This  type  of  action  is  associated 
with  the  development  of  Luder’s  lines. 


COMPARISON  OF  RAPID-HEATING  AND  STRESS-STRAIN  TESTS 


Altho\agh  rapid-heating  and  stress-strain  tests  are  two  distinctly 
different  kinds  of  tests,  con^jarisons  can  be  made  between  results  of 
such  tests  on  the  basis  of  yield  and  rupture  or  ultimate  stresses  at 
different  temperatures.  The  comparative  results  for  the  yield  stress 
for  the  al-uminum  alloys  are  shown  in  figure  6.  The  results  of  the 
rapid-heating  tests  are  given  by  the  solid  lines  for  arbitrary  tempera- 
ture rates  from  0.2®  F to  100®  F per  second.  The  dashed  lines  give  the 
tensile  yield  stress  (O. 2-percent  offset)  for  l/2-hour  exposure  obtained 
from  the  stress— strain  test.  The  main  result  to  be  noted  here  is  that 
the  yield  stress  under  rapid-heating  conditions  may  be  appreciably 
greater  or  about  the  same  at  & given  tenperature  as  that  obtained  from 
the  stress— strain  test  for  1/2-hour  exposure,  depending  on  the  tempera- 
tiire  rate  and  the  material.  For  the  rapid-heating  tests,  the  effect 
of  increase  in  tejiperature  rate  levels  off  markedly  for  rates  above 
about  60®  F per  second. 

A comparison  of  the  rapid-heating  and  stress-strain  results  for 
these  same  materials  for  rupture  and  ultimate  stress  is  given  in  fig- 
ure 7-  The  compgirisons  are  very  similar  to  those  found  for  the  yield 
shown  in  figure  6.  Rupture  temperatures,  however,  run  from  20®  F to 
60®  F hi^er  than  those  for  yield.  As  in  the  case  of  yield,  the  increase 
in  rupture  stress  becomes  very  small  for  temperature  rates  above  60®  F 
to  100®  F per  second.  Similar  comparisons  between  rapid-heating  anii 

results  for  Inconel  and  RS— 120  titanium  alloy  have  not  been 

conpleted. 


MASTER  YIELD  AND  RUPTURE  CURVES 


A temperature -rate  parameter  was  derived  from  the  data,  which  was 
based  upon  the  logarithmic  relationship  between  yield  anH  rupture  tem- 
peratures and  the  tenperatxjre  rate  previously  shown.  With  this  param- 
eter, it  was  found  possible  to  reduce  the  resiolts  of  the  rapid-heating 
tests  to  a single  or  master  curve  in  plots  of  stress  against  the 
parameter. 


# 


The  correlation  of  the  data  with  the  master  curves  for  the  two 
aluminum  alloys  is  shown  in  figure  8.  In  this  parameter T applies 
either  to  the  yield  or  mpture  tenrperature  in  and  h is  the  tempera- 
ture rate  in  per  second j the  additional  numbers  in  the  numerator  and 
denominator  are  temperatures  and  temperature -rate  constants , respec- 
tively. The  validity  of  the  parameter  is  shown  by  the  correlation^ of 
the  data  with  the  master  curves.  Very  good  correlations  were  obtained 
in  general  for  yield  for  both  materials  and  fairly  good  correlation 
for  rupture.  Yield  and  rupture  temperatures,  calcTolated  by  means  of 
the  master  curve  and  the  parameter  for  the  different  stress  levels, 
are  in  very  close  agreement  with  the  test  values,  especially  for  the 
7075 aluminum  alloy. 

Figure  9 shows  the  correlation  of  the  test  points  with  the  master 
curves  for  yield  and  rupture  for  Inconel  and  RS-120  titanium  alloy. 

Good  correlations  were  obtained  for  yield  for  Inconel  and  the  titanium 
alloy  except  at  50  ksi  for  the  latter  where  the  parameter  does  not  hold. 
Fairly  good  correlation  was  obtained  for  rupture  for  these  materials 
except  in  the  regions  where  aging  affected  the  results. 


CONCLUDING  REMARKS 


Although  the  rapid-heating  tests  for  some  of  the  materials  have  not 
been  completed,  the  results  obtained  so  far  indicate,  in  general,  that 
yield  and  rupture  temperatures  increase  logarithmically  with  temperature 
rates  below  100^  F per  second  except  for  certain  regions  or  stress  levels 
for  some  of  the  materials.  This  increase  levels  off  markedly  for  tempera- 
ture rates  from  about  60^  F to  100^  F per  second.  Under  rapid-heating 
conditions,  materials  may  be  stronger  than  indicated  by  conventional 
tensile  data  for  l/2-hour  exposure,  but  the  relative  strength  varies 
with  the  temperature  rate  and  the  material.  At  the  present  time,  no 
theory  is  available  for  the  complex  transient  behavior  of  materials 
\inder  rapid-heating  conditions.  The  use  of  master  yield  and  rupture 
curves,  however,  employing  a suitable  temperature -rate  parameter,  affords 
a possible  convenient  method  for  determining  yield  and  rupture  stresses 
and  temperatures  for  different  temperature  rates.  In  any  case,  adequate 
data  are  required  for  each  material  in  order  to  establish  such  curves 
and  the  limitations  of  the  parameter. 
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STRAIN -TEMPERATURE  CURVES  FOR  7075-T6 
ALUMINUM  ALLOY 


Figure  1 


YIELD  AND  RUPTURE  TEMP  FOR  7075 -T6 


Figure  2 


Figure  ^4- 


UNSTABLE  PLASTIC  FLOW  OF  INCONEL  AT  28  KSI 


Figure  5 


COMPARISON  OF  RAPID-HEATING  AND  STRESS-STRAIN 
RESULTS  FOR  YIELD 


Figure  6 


COMPARISON  OF  RAPID- HEATING  AND  STRESS-STRAIN 
RESULTS  FOR  RUPTURE  AND  ULTIMATE 
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MASTER  CURVES  FOR  YIELD  AND  RUPTURE 
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PRELIMINARY  INVESTIGATION  OF  THE  CCMPRESSIVE 


STRENGTH  AND  CREEP  LIFETIME  OF  2024-T5  (FORMERLY  24S-T5) 
ALUMINIW-ALLOY  PLATES  AT  ELEVATED  TIMPERATURES 
By  Eldon  E.  Matha\iser  and  William  D.  Deveikis 
Langley  Aeronautical  Laboratory 

SUNMARY 


The  results  of  elevated-temperature  compressive  strength  and  creep 
tests  of  2024-T5  (formerly  2^-T5)  aluminum-alloy  plates  supported  in 
V-grooves  are  presented.  For  determining  elevated- temperature  strength, 
where  creep  effects  are  negligible,  a relation  previously  developed  for 
predicting  plate  compressive  strength  at  room  temperature  was  satisfac- 
tory. Creep-lifetime  results  are  presented  for  the  plates  in  the  form 
of  master  creep-lifetime  ctirves  by  using  a time-temperat\are  parameter 
that  is  convenient  for  summarizing  tensile  creep-rupture  data.  A com- 
parison is  made  between  tensile  and  compressive  creep  lifetime  for  the 
plates,  and  the  magnitude  by  which  the  design  stress  is  decreased  becavise 
of  material  creep  and  loss  of  strength  due  to  exposure  at  elevated  tem- 
peratures is  indicated. 


INTRODUCTION 


Since  plates  are  one  of  the  most  important  load-carrying  components 
in  the  structure  of  aircraft,  knowledge  of  the  elevated- temperature 
strength  and  creep  behavior  is  becoming  increasingly  important.  At  the 
present  time  very  little  published  information  is  available  on  the  experi- 
mental maximum  strength  of  plates  at  elevated  temperatirres  (ref.  1),  and 
no  data  have  been  found  on  experimental  creep  behavior  of  such  members. 

In  order  to  obtain  such  information,  the  National  Advisory  Committee  for 
Aeronautics  has  recently  made  an  experimental  study  of  both  compressive 
strength  and  creep  lifetime  of  2024-T5  alijminum-alloy  plates  at  elevated 
temperatures . 


In  this  investigation,  the  \anloaded  edges  of  the  plates  were  sup- 
ported in  V-grooves.  This  type  of  support  was  used  because  room- 
temperature  strength  tests  of  plates  supported  in  V-grooves  showed  good 
correlation  with  experimental  plate  strengths  obtained  from  stiffened 
panel  and  box-beam  tests.  Width-thickness  ratios  ranging  from  20  to  6o 
were  investigated.  A hydraulic  testing  machine  was  used  to  apply  load  in 
the  compressive-strength  te|^HH^|H|gj|^  creep  tests  a constant  dead 
load  was  applied. 
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SYMBOLS 


b 

C 

E, 

t 

t 

T- 


SBC 


cr 


R 


"cy 


width,  in. 
constant 

secant  modulus , ksi 

thickness,  in. 
failure  time , hr 

temperature,  °R 

0.2-percent-offset  compressive  yield  stress,  ksi 
average  stress  at  maximum  load,  ksi 
Poisson's  ratio 

RESULTS  AND  DISCUSSION 
Compressive -Strength  Tests 


Test  resiilts . - An  example  of  the  results  that  were  obtained  which 
illustrates  the  behavior  of  the  plates  and  the  material  when  subjected 
to  compressive  loading  is  shown  in  figure  1.  Average  stress  is  plotted 
against  unit  shortening  of  the  plates . Results  are  shown  for  plates 
tested  at  400°  F for  width-thickness  ratios  of  20,  30,  45,  and  60.  The 
material  compressive  stress -strain  curve  is  indicated  by  the  dashed  line. 

For  the  plate  of  width-thickness  ratio  of  20,  the  maximum  stress 
exceeded  the  0.2-percent -off set  compressive  yield  stress  indicated  by 
the  tick  mark  before  collapse  occurred  at  about  0.8-percent  shortening. 
Buckling  and  collapse  of  this  plate  as  well  as  the  plate  of  b/t  = 50 
occurred  almost  simultaneously.  The  plates  of  b/t  = 45  and  60  buckled 
elastically,  and  considerable  shortening  occurred  after  buckling  before 
maximum  load  was  obtained.  Maximum  loads  for  plates  of  b/t  = 50,  45, 
and  60  were  reached  at  approximately  the  same  value  of  unit  shortening, 
in  this  case  about  0.4  percent. 

The  maximum  stresses  obtained  in  these  tests  at  400°  F and  in  simi- 
lar tests  at  other  temperatures  are  shown  in  figure  2.  Average  stress  at 
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maximum  load  is  plotted  against  temperatiare  in  The  curves  represent 

the  predicted  maximum  strength  of  the  plates.  Test  results  are  indicated 
by  the  symbols.  The  method  used  for  determining  plate  strength  will  be 
discussed  later.  Results  are  given  for  width-thickness  ratios  of  20,  50, 
45,  and  60  for  temperatures  ranging  from  room  temperature  to  600^  F. 


All  plates  were  e:3q)Osed  to  the  test  temperature  for  1/2  hour  before 
application  of  load.  Several  plates  of  each  proportion  were  tested  at 
room  temperature  and  400°  F.  The  results  at  these  two  temperatures  give 
an  indication  of  the  scatter  that  can  be  expected  in  the  test  data  at 
the  other  temperatures.  The  increase  in  compressive  strength  produced  by 
artificial  aging  of  the  alumimmi  alloy  accounts  for  the  increased  strength 
of  the  plates  in  the  vicinity  of  400^  F. 


Prediction  of  plate  compressive  strength.-  In  determining  the  plate 
compressive  strength  at  elevated  teniperatures,  use  was  made  of  a relation 
that  has  been  developed  in  a previous  study  for  correlating  plate  com- 
pressive strength  with  material  properties  (ref.  2).  This  relation, 
shown  in  figure  5>  defines  the  average  stress  at  maximum  load  as  follows: 


= c i 

V 1 - ^ 


where  C is  a constant  for  all  materials  at  any  temperature,  the  quan- 
tities within  the  square -root  sign  are  material  properties,  and  the 
remaining  term  is  plate  geometry.  The  secant  mod'ulus  EggQ  and  Poisson’s 

ratio  are  associated  with  the  average  stress  at  ma.yi mum  load.  The 
0.2-percent-offset  compressive  yield  stress  is  indicated  by  the  tick 

mark,  and  t/b  is  th,e  plate  thickness -width  ratio. 

This  plate -compressive -strength  relation  indicates  that,  if  the 
average  stress  at  maximum  load  is  divided  by  the  term  containing  material 
properties  and  if  this  quantity  is  then  plotted  against  the  plate 
thickness-width  ratio,  a straight  line  will  be  obtained.  The  slope  of 
this  line  determines  the  constant  C.  Figure  4 shows  this  type  of  plot 
in  which  the  average  stress  at  maximum  load  divided  by  the  material  param- 
eter is  plotted  against  the  plate  thickness-width  ratio.  Results  obtained 
from  a previous  study  of  room-tenperature  compressive  strength  of  plates 
of  magnesium  alloy,  three  aluminum  alloys,  and  stainless  steel  are  shown 
by  the  solid  symbols.  The  value  of  C (fig.  3)^  determined  from  the  slope 
of  a straight  line  passing  through  the  origin  and  the  solid  symbols,  is 
equal  to  I.5I. 
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Since  the  elevated-temperatiire  plate  compressive  strengths  obtained 
in  the  present  study  and  shown  by  the  open  symbols  in  fig\ire  4 also  lie 
essentially  along  the  same  line,  the  same  value  of  C applies  to  these 
results.  It  thus  appears  that  plate  compressive  strengths  can  be  esti- 
mated satisfactorily  from  the  previous  strength  relation  for  all  materials 
at  either  room  or  elevated  temperatiires . Only  the  material  compressive 
stress-strain  cvtrve  at  the  corresponding  temperature  and  exposure  time  is 
required  in  predicting  the  plate  strength. 


Creep  Tests 

Test  results.-  Creep  test  results  were  obtained  for  temperatiires  of 
400*^,  450°,  and  500°  F.  The  applied  load  in  most  cases  produced  creep 
fallTjre  of  the  plates  within  6 hours  after  loading.  Some  typical  plate 
creep  curves  are  shown  in  figure  5 in  which  unit  shortening  is  plotted 
against  time  in  hours.  These  results  were  obtained  for  plates  of  width- 
thickness  ratio  of  20  e:>q)osed  to  test  temperature  for  I/2  hour  before 
loading.  The  applied  stress  is  shown  for  each  plate,  as  well  as  the 
ratio  of  the  applied  stress  to  the  stress  that  would  produce  immediate 
failure  upon  loading. 

The  applied  stress  for  the  plates  that  failed  within  5 hoirrs  was  a 
substantial  percentage  of  stress  that  would  produce  immediate  failure  at 
400°  F.  The  plate  with  applied  stress  of  51*5  l^si  failed  in  55*8  hours. 

For  the  plates  that  failed  within  5 hours,  constant  or  secondary  creep 
rate  existed  for  only  a small  portion  of  the  plate  lifetime , whereas  the 
plate  with  applied  stress  of  5I.5  ksi  exhibited  constant  creep  rate  for 
approximately  75  percent  of  the  total  lifetime. 

These  creep  test  results  for  b/t  = 20  resemble  the  results  obtained 
for  other  values  of  b/t  at  400*^  F and  for  other  test  temperatures.  Fail- 
ure of  the  plates  occurred  in  most  cases  at  a value  of  shortening  somewhat 
greater  than  the  shortening  obtained  at  maximm  load  in  the  compressive- 
strength  tests.  For  example,  for  the  results  shown  in  figure  5^  failure 
occurred  soon  after  the  shortening  reached  0.8  percent,  which  corresponds 
to  the  shortening  obtained  at  maximum  load  in  the  compressive-strength 
test  for  b/t  = 20  given  in  figure  1. 

The  most  significant  information  obtained  from  the  creep  tests  is  the 
lifetime . Lifetimes  obtained  from  these  tests  and  from  similar  tests  at 
400°  F for  other  values  of  b/t  are  plotted  in  figure  6.  In  this  figure, 
applied  stress  is  plotted  as  open  symbols  for  each  value  of  b/t.  The 
maximum  strength  of  the  plates  determined  from  the  compressive-strength 
tests  is  shown  by  the  solid  symbols  on  the  vertical  axis.  Lines  repre- 
senting an  average  of  the  test  resiilts  have  been  drawn  through  the  data 
for  each  value  of  b/t.  The  relatively  small  amount  of  scatter  in  these 
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data  indicates  that  plate  creep  lifetime  is  not  sensitive  to  initial 
imperfections  since  no  attempt  was  made  to  control  these  imperfections 
in  selecting  the  test  specimens. 


Comparison  between  tensile  and  compressive  creep  lifetime.-  A com- 
parison between  the  tensile -rupture  lifetime  of  2024-T5  aluminum  alloy 
and  the  creep  lifetime  is  made  in  figure  7.  Applied  stress  is  plotted 
against  time.  The  symbols  indicate  creep-lifetime  results  for  plates 
of  b/t  = 20  at  ^50^^  an<^  500^  F.  The  curves  show  tensile  creep- 

rupture  data  for  the  material  obtained  from  the  literature  (for  example, 
see  ref.  5)-  Since  all  test  points  appear  on  or  above  the  corresponding 
tensile  creep-rupture  curves,  it  can  be  noted  that  a plate  of  width- 
thickness  ratio  of  20  will  support  a given  load,  either  tensile  or  com- 
pressive, for  approximately  the  same  time.  The  implication  of  this  result 
is  that  members  such  as  box  beams  having  equal  -thickness  cover  plates  with 
proportions  of  b/t  of  20  will  be  of  balanced  design  in  the  range  from 
400*^  F to  500°  F;  that  is,  the  tension  and  compression  covers  will  have 
approximately  equal  resistance  to  creep  failure.  This  result  has  been 
verified  experimentally  from  creep  tests  of  three  box  beams  tested  at 
575^  F and  ^25^  F (ref.  A).  Two  of  the  beams  failed  in  tension  and  one 
failed  in  compression. 

Master  creep-lifetime  curves.-  Since  the  plate  creep  test  results 
for  b/t  = 20  parallel  tensile  creep -ruptmre  data,  the  use  of  a time- 
temperature  parameter  is  siiggested  for  presenting  all  the  plate  creep- 
lifetime  results.  One  of  the  available  time -temperature  parameters 
(ref.  5)  was  used  for  plotting  the  test  data  as  shown  in  figiire  8. 

Stress  is  plotted  against  the  time -temperature  parameter 

^cr)  >^here  Tj^  is  temperature  in  9R,  I7  is  a material 

constant,  and  t^^,  is  failure  time  in  hours.  The  curve  that  predicts 

tensile  creep  rupture  for  the  material  is  shown  by  the  dashed  line. 

Plate  creep -lifetime  results  obtained  for  three  test  temperatures  and 
four  plate  proportions  are  shown.  The  curves  drawn  throi^gh  the  plate 
creep  data  indicate  an  average  value  of  the  test  results. 

For  b/t  = 20  the  results  appear  near  the  tensile -rupture  curve 
and  again  indicate  that  a plate  of  this  proportion  will  support  a given 
load,  either  tensile  or  compressive,  for  approximately  the  same  time. 

For  the  other  values  of  b/t,  the  plates  will  fail  sooner  in  compression 
than  in  tension.  This  type  of  plot  is  convenient  for  estimating  failure 
time  of  the  plates  for  stress  and  temperature  combinations  within  the 
range  of  the  tests.  The  results  at  one  temperature  overlap  those  obtained 
at  the  other  temperatures  and  thus  interpolation  is  justified. 

Comparison  of  maximum  compressive  stresses  and  creep-failure  stresses. - 
One  additional  result  that  will  be  discussed  concerns  the  compressive 


strength  of  the  plates  after  -a  given  exposure  time  and  the  stresses  that 
will  produce  creep  failure  of  the  plates  in  a corresponding  time.  Such 
a con^arison  is  made  in  figure  9 in  which  stress  is  plotted  against  time 
in  hours . The  square  symbols  indicate  the  experimental  compressive 
strength  of  the  plates  obtained  by  first  exposing  the  specimens  to  the 
test  temperature  for  the  times  shown  in  the  abscissa  and  then  loading  to 
maximum  strength.  The  predicted  compressive  strength  for  a similar  range 
of  exposure  times  is  indicated  by  the  dashed  line.  The  solid  line  drawn 
through  the  circles  indicates  an  average  of  the  plate  creep-lifetime 
results  shown  previously  in  figure  6.  For  this  case,  load  was  applied 
and  maintained  on  the  specimens  until  creep  failure  occurred. 

This  comparison  of  maximum  compressive  stresses  and  creep-failure 
stresses  indicates  the  magnitude  by  which  the  design  stress  is  reduced 
below  the  maximum  strength  because  of  material  creep  for  times  ranging 
up  to  100  hours.  Comparable  results  were  obtained  for  other  values  of 
b/t  and  other  test  temperatures.  Many  materials  do  not  exhibit  marked 
changes  in  compressive  strength  with  exposure  time;  consequently,  results 
such  as  these  may  be  obtained  only  with  aliiminum  ailloys  for  the  tempera- 
ture range  investigated. 


CONCLUDING  REMARKS 


In  summary,  experimental  results  from  elevated -temperature  strength 
and  creep  tests  of  aluminum-alloy  plates  supported  in  V-grooves  have  been 
presented.  A relation  previously  developed  for  predicting  plate  compres- 
sive strength  at  room  temperature  was  satisfactory  for  determining 
elevated-temperature  strength.  The  creep  test  results  indicate  that 
plates  of  width-thickness  ratio  of  20  will  support  a tensile  or  compres- 
sive load  for  approximately  the  same  time  and  that  the  plate  creep- 
lifetime results  for  the  temperature  range  investigated  can  be  presented 
by  using  time -temperature  parameters  that  are  convenient  for  summarizing 
tensile  creep-rupture  data.  In  addition,  a comparison  was  made  to  indi- 
cate the  magnitude  by  which  the  design  stress  is  decreased  in  plates 
because  of  material  creep  and  loss  of  strength  due  to  exposure  at  elevated 
temperature . 
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RELATION  FOR  PREDICTING  PLATE  COMPRESSIVE  STRENGTH 
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CORRELATION  OF  STRENGTH  WITH  MATERIAL  PROPERTIES 
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Figure  k. 


TYPICAL  CREEP  CURVES  FOR  PLATES 
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COMPARISON  OF  TENSILE  AND  PLATE  CREEP  LIFETIME 


Figure  7. 


MASTER  CREEP-LIFETIME  CURVES  FOR  PLATES 


Figure  8. 


SCME  EFFECTS  OF  RAPID  EEATING  ON  BOX  BEAMS 
By  Richard  A.  Pride  and  L.  Ross  Levin 
Langley  Aeronautical  Laboratory 


When  a complex  shell  structure,  such  as  an  aircraft,  is  heated 
rapidly,  a number  of  problems  arise.  The  present  paper  describes  the 
resTolts  of  laboratory  tests  (see  ref.  l)  in  which  specimens  simulating 
wing  structures  were  subjected  to  heating  rates  of  the  order  of  magni- 
tude encountered  in  extreme  aerodynamic  heating  or  in  the  vicinity  of  an 
atomic  explosion.  Heating  rates  up  to  about  100  Btu/sq,  ft/sec  could  be 
achieved  in  the  laboratory  with  radiant- heating  apparatus,  but  it  was 
found  that  the  effects  on  the  specimens  tested  were  essentially  the  same 
when  considerably  lower  heating  rates  were  employed. 

A typical  test  consisted  of  applying  a static  bending  load  on  an 
altiminum  box  beam  to  develop  a predetermined  load  stress  in  the  skin. 

Then,  while  this  bending  load  was  held  constant,  rapid  heating  was 
applied  to  the  skins  until  failure  occurred  or  until  a maximum  skin 
tempCTature  of  600°  F was  reached.  Figure  1 shows  the  large  nonuniform- 
ity in  tenperatiores  that  was  created  at  representative  points  in  a multi- 
web  beam  with  a relatively  thick  skin.  These  tenperatiires  were  reached 
in  5 seconds  with  a skin  heating  rate  of  29  Btu/sq  ft/sec.  As  can  be  seen, 
the  tenperature  of  the  internal  structure  lags  far  behind  the  skin  tem- 
perature and,  consequently,  large  thermal  stresses  result.  When  these 
stresses  reach  sufficient  magnitiide,  thermal  buckling  of  the  skins  occurs, 
as  shown  in  figure  2 which  is  a photograph  of  one  of  the  beams  after  it  ^ 
had  been  exposed  to  rapid  skin  heating.  The  buckles  produced  are  perma- 
nent and  are  of  large  amplitude  even  when  heating  was  terminated  shortly 
after  buckling  occurred. 

To  study  the  effects  of  rapid  heating  on  the  load-carrying  abiliiy 
of  these  beams,  tests  were  mxn  at  three  values  of  bending  load.  Fig- 
ure 3 presents  the  ten5)erature-deflection  history  for  two  of  these  beams 
after  the  bending  load  stresses  had  been  applied.  As  shown  in  the  sche- 
matic diagram,  the  beam  is  loaded  with  a bending  moment  and  then  heated 
^upidly  on  both  skins . Here  the  change  in  tip  deflection  is  plotted 
^Sa^inst  the  average  skin  temperature.  Note  that,  under  constant  load  at 
the  9.8  ksi  level,  as  the  temperature  increases,  a slight  change  in 
deflection  occurs  due  to  the  change  in  material  stiffness.  At  a criti- 
cal value  of  skin  ten5)erature,  the  difference  between  the  skin  tempera- 
ture and  the  internal- structure  temperature  is  large  enough  to  produce 
sufficient  thermal  stress  which,  in  combination  with  the  9.8  ksi  load 
stress,  buckles  the  skin.  A marked  increase  in  beam  deflection  is  then 
evident  with  further  heating.  For  the  22  ksi  load  stress,  a much  smaller 
temperature  difference  between  skin  and  webs  is  required  to  produce  the 


thermal  stress  needed  for  huckling.  The  increase  in  deflection  after 
buckling^  in  both  cases ^ occurs  because  buckling  of  the  compression  skin 
reduces  the  effective  stiffness  of  that  side  of  the  beam  so  that  a st2mic- 
ture  of  unsymmetrical  stiffness  is  created.  When  such  a structure  is 
uniformly  heated  on  both  surfaces^  it  bends  much  like  the  familiar  bime- 
tallic strip.  In  the  case  of  the  beam,  however,  the  bending  is  not  due 
to  different  coefficients  of  expansion  but  is  due  to  unequal  resistance 
of  the  two  skins  to  the  thermal  stresses  being  built  up. 

At  the  higher  load-stress  level,  material  plasticity  in  the  buckled 
skin  introduces  further  dissymmetry  in  stiffness,  and  deflections  occur 
at  an  increasing  rate  as  the  temperature  rises.  At  the  peak  temperature, 
heating  was  terminated;  but  because  of  the  high  stress  level  and  tempera- 
t\u’e,  22  ksi  and  5H^  F,  respectively,  failure  occurred  due  to  material 
creep  before  the  beam  cooled  down.  At  the  lower  stress  level,  failure  did 
not  occur  although  enough  plastic  deformation  of  the  buckled  skin  evi- 
dently took  place  to  leave  a permanent  set  in  bending. 

An  irr5)ortant  conclusion  to  be  drawn  from  rapid-heating  tests  of  this 
type  is  that  the  occurrence  of  thermal  buckling  in  primary  structures  will 
lead  to  large  distortions  which  will  increase  -under  constant  external 
loads.  It  becomes  important,  therefore,  to  be  able  to  predict  the  com- 
binations of  thermal  stress  and  load  stress  which  will  cause  buckling  of 
a given  structural  component. 

Figure  4 presents  a buckling  interaction  relation  for  these  beams. 

The  average  temperatiare  difference  between  skin  and  webs  required  to 
cause  buckling  is  plotted  against  applied  load  stresses,  and  a buckling 
interaction  c-urve  can  be  drawn.  Combinations  of  temperat-ure  difference 
and  load  stress  which  lie  below  the  curve  will  not  produce  buckling,  and 
the  combinations  above  the  c-urve  will  result  in  a buckled  struct-ure.  It 
can  be  seen  that,  for  this  particular  structure,  large  nonuniformities 
in  temperature  cannot  be  tolerated  at  any  load- stress  level.  The  curve 
is  calc-ulated  from  the  equation  given  in  figure  4,  This  equation  was 
derived  from  a sinp)lified  buckling  analysis  which  assumes  that  average 
values  of  thermal  stress  in  the  skin  can  be  superposed  on  the  load  stress. 
In  the  equation,  is  the  skin  buckling  stress,  and  the  com- 

pressive stress  in  the  skin  produced  by  the  applied  bending  moment.  The 
coefficient  of  thermal  expansion  is  a and  Eg  is  the  material  mod-ulus 

of  the  skin  which  varies  with  temperature.  The  term  EgA3/EyAy  is  the 
ratio  of  the  axial  stiffness  of  the  skin  and  webs.  Similar  curves  can 
be  calc-ulated  for  any  other  beam  proportion,  and  the  shape  of  the  curve 
will  vary  somewhat,  depending  upon  the  changes  in  beam  material  proper- 
ties with  stress  and  temperature. 

The  validity  of  this  simplified  analysis  is  borne  out  by  the  results 
of  the  rapid-heating  tests  of  beams  statically  loaded  in  bending  to 
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different  stress  levels.  The  average  teniperatures  in  skins  and  wehs 
which  resulted  in  "buckling  were  measured  and  these  ten5>erature  differ- 
ences are  represented  hy  the  circles  in  figure  4.  The  agreement  with 
the  temperature  predictions  is  as  good  as  with  the  room- temperature 
prediction. 


With  regard  to  the  ultimate  strength  of  the  heams  under  rapid- 
heating conditions,  failures  occurred  ty  compressive  crippling  of  the 
skin.  Good  agreement  was  found  between  experimental  failing  stresses 
and  those  calculated  "by  taJdLng  into  accoimt  the  loss  in  material  proper- 
ties at  the  elevated  temperatures.  To  obtain  the  best  agreement  it  was 
necessary  to  take  into  account  the  rate  at  which  properties  are  lost 
when  the  material  is  rapidly  heated.  Although  thermal  stresses  had  a 
profottnd  influence  on  the  buckling  loads,  no  failiires  occurred  xintil 
temperatiires  had  been  reached  at  which  a strength  calculation  woTild  pre- 
dict failure  with  no  consideration  of  thermal  stress.  Therefore,  it  was 
concluded  that  thermal  stress  produced  no  measurable  effect  on  the  \ilti- 
mate  strength  of  these  beams. 


Althou^  hi^  skin  temperatures  cannot  be  avoided  during  exposxire 
to  extreme  heating  conditions,  some  relief  from  the  effect  of  tempera- 
ture gradients  can  be  obtained  thro\igh  redesign  of  the  internal  struc- 
ture of  the  thick- skin  type  of  construction.  Such  a structure  would  per- 
mit expansion  of  the  heated  skin  without  large  build-^ps  in  thermal 
stress.  Figure  5 shows  one  type  of  structure  which  permits  nearly  free 
expansion  of  the  cover  skins.  With  the  skin  attached  to  corrugated  webs 
at  the  crests  of  the  corrugations,  very  little  restraint  is  offered  to 
In-plane  movements  of  the  skin.  Only  slightly  greater  restraint  would 
exist  if  continuous  connection  angles  of  small  cross-sectional  area  were 
used  in  place  of  clips,  and  structural  efficiency  comparable  to  the  best 
conventional  miultiweb  construction  could  be  obtained. 


In  figure  6,  the  behavior  of  a corrugated-web  beam  under  a rapid- 
heating test  at  constant  load  is  compared  with  one  of  the  channel-web 
beams  previously  discussed.  Again,  change  in  tip  deflection  is  plotted 
against  average  skin  temperature.  These  two  tests  were  run  with  the 
same  load- stress  level  and  nearly  identical  heating  rates.  The 
corrugated-web  beam  was  fabricated  to  be  nominally  the  same  as  the 
channel-web  beam,  with  the  channel  webs  replaced  by  equal-weight  corru- 
gated webs  at  the  same  web  spacing.  No  evidence  of  buckling  was  detected 
in  the  corrugated-web  beam  prior  to  failure.  As  a result,  the  change  in 
deflection  at  a given  skin  temperature  was  much  less  than  for  the 
channel- web  beam  which  had  buckled  at  this  point.  The  deflection  which 
did  occur  could  be  accounted  for  by  the  changes  in  material  stiffness 
with  temperat\are . Failure  again  occurred  by  compressive  crippling  of 
the  skin  due  to  loss  of  material  properties. 
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Thus,  by  redesigning  internal  structiore  to  permit  expansion  of  the 
hot  skins,  thermal  stresses  resulting  from  large  temperature  gradients 
in  wings  can  be  adlevlated.  With  thermal  stresses  alleviated,  the  rate 
of  heating  to  a temperature  is  no  longer  detrimental  to  the  structure, 
and  buckling  and  maximum  strength  become  merely  functions  of  the  mater- 
ial properties  at  temperature. 


Rapid- heating  tests  similar  to  those  conducted  on  thick- skin  con- 
struction also  have  been  made  on  beams  simulating  thin-skln — stringer-rib 
construction.  At  heating  rates  comparable  to  those  used  for  the  thick- 
skin  beams,  skin  temperatures  approaching  the  melting  temperature  of  the 
material  were  encoxmtered.  For  such  a construction,  softening  or  melting 
of  the  thin  skin  overshadowed  the  other  effects,  such  as  thermal  buckling 
and  beam  deflections.  Although  the  skin  shielded  the  primary  Internal 
structure  from  the  heat,  the  major  factor  leading  to  failtire  for  the 
thin- skin  construction  was  found  to  be  the  extreme  skin  temperature 
encountered. 


In  STimmary,  this  paper  has  discussed  some  of  the  effects  which  occur 
when  beams  simulating  thick-skin  wing  structures  ane  subjected  to  rapid 
skin  heating.  Large  deflections  were  noted  with  heating  after  buckling, 
due  to  the  dissymmetry  of  the  buckled  beam.  A simplified  buckling  analy- 
sis was  presented  which  predicts  the  combinations  of  temperature  differ- 
ence and  load  stress  required  to  cause  buckling.  Thermal  stresses 
appeared  to  have  no  measurable  effect  on  the  ultimate  strength  of  these 
beams.  By  redesign  of  the  internal  structure  to  permit  expansion  of  the 
skins,  thermal  stresses  were  alleviated  and  the  rate  of  heating  was  no 
longer  detrimental  to  skin  buckling.  Similar  tests  on  thin-skln  con- 
struction Indicated  that,  while  thermal  buckling  did  occ\or,  the  major 
factor  leading  to  bending  failures  was  the  extreme  skin  temperature 
encountered. 
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BEHAVIOR  OF  A CAHTIIirVER  PLATE  URDiK 
RAPID-HEATENG  COHDITIONS 
jEy  Louis  F.  Vosieen  and  Kenneth  E.  Fuller 
Langley  Aeronautical  Laboratory 


SUMMARY 


Tests  of  a cantilever  plate  have  shovn  that  the  midplane  stresses 
imposed  by  a nonuniform  tenperature  distribution  can  effectively  reduce 
the  stiffness  of  the  plate.  This  reduction  in  stiffness  is  reflected 
in  the  increased  deformation  caused  by  the  action  of  a constant  applied 
torque  and  also  in  the  reduction  of  the  natural  frequency  of  vibration 
of  the  first  two  modes  of  the  plate.  By  using  small-deflection  theory 
and  by  eniploying  energy  methods,  the  effect  of  nonttniform  heating  on 
the  plate  stiffness  was  calculated.  The  theory  predicts  the  general 
effects  of  the  thermal  stresses  but  is  inadequate  when  the  deformations 
become  large.  An  extension  of  the  analysis  to  account  properly  for 
large  deflections  is  expected  to  give  more  satisfactory  results  near 
critical  temperature. 


INTRODTJCTION 


One  of  the  structiu'al  problems  produced  by  nonuniform  heating  is 
a change  in  the  effective  stiffness  of  the  structure  caused  by  thennal 
stresses.  This  change  in  stiffness  is  not  associated  with  a change  in 
the  material  properties  but  depends  on  the  state  of  stress  and  may  occur 
at  stress  levels  well  below  those  necessary  to  produce  buckling.  A 
reduction  in  stiffness  produced  by  thermal  stresses  induced  by  aerodynamic 
heating  has  been  cited  as  a key  factor  in  the  flutter  of  some  wing  struc- 
tures described  in  references  1 and  2. 


SYMBOLS 


■^0 


temperature,  °F 
tairperatirre  of  midchord,  °F 


VOS' 


difference  in  temperature  between  longitudinal  edge  and  midchord. 
Op 

chordwise  coordinate  measured  from  midchord  line 

spanwise  coordinate  measured  from  root 

plate  span,  in. 

plate  half  chord,  in. 

deflection,  in. 

natural  frequency,  cps 

room-temperature  natural  frequency,  cps 

arbitrary  exponent 
Young’s  modiolus,  psi 

arbitrary  coefficient  of  stress  function 
stress  function 

coefficient  of  thermal  expansion,  

in.-  F 

arhitrary  coefficients  of  deflection  function 

tip  rotation,  deg 
strain  energy,  in-lb 

strain  energy  due  to  thermal  expansion,  in-lb 
potential  energy  of  bending,  in-lb 
energy  due  to  midplane  stresses,  in-lb 

kinetic  energy  of  vibration,  in-lb 


potential  energy  due  to  external  load,  in-lb 
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DISCUSSION 


The  type  of  tec^erature  distribution  produced  by  the  aerodynamic 
heating  of  a thin  missile  wing  is  shown  in  figure  1.  This  figure  (given 
in  ref.  3)  shows  the  variation  in  temperature  across  the  chord  for  a 
solid  double-wedge  airfoil  immediately  following  a 1 g acceleration  to 
Mach  number  4 at  50,000  feet.  The  temperatures  on  the  surface  arid  at 
the  midplane  are  shown.  Such  a ten5>erature  distribution  produces  com- 
pressive stresses  near  the  leading  and  trailing  edges  and  tension  in 
the  central  part  of  the  wing.  The  effect  of  these  stresses  is  a reduc- 
tion in  the  stiffness  of  the  structure  that  may  be  observed  as  an 
increased  deformation  under  load,  or  as  a reduction  in  natural  frequency. 
Laboratory  demonstrations  have  shown  how  the  natural  frequency  of  a 
simplified  wing  structure  can  be  effectively  reduced  by  the  nonuniform 
temperature  distribution  associated  with  rapid  heating.  No  quantitative 
data  exist,  however,  which  relate  changes  in  frequency,  and  hence  effec- 
tive stiffness,  to  tenperature  distribution.  The  project  to  be  discussed 
in  this  paper  was  devised  to  satisfy  part  of  this  need. 

An  arrangement  was  selected  that  required  a simple  test  setup  and 
which  could  be  analyzed  theoretically  with  relative  eaae.  The  test 
arrangement  used  and  shown  in  figure  2 was  a cantilever  aluminum-alloy 
plate  l/4  inch  thick  and  20  inches  square.  A nonuniform  temperature 
distribution,  resanbling  that  encountered  in  aerodynamic  heating,  was 
produced  by  rapidly  heating  the  longitudinal  edges  with  carbon-rod 
radiators.  The  tanperature  distribution  along  the  span  of  the  plate  was 
constant  except  for  a sli^t  decrease  toward  the  tip.  Figure  3 shows 
the  temperature  histories. 

In  this  figure,  tenperature  in  degrees  Fahrenheit  is  plotted  against 
time  in  seconds  for  the  edge  and  midchord.  Heat  was  applied  to  the  plate 
for  about  l6  seconds.  During  this  time,  the  edge  temperature  rises  almost 
linearly  to  315°  F at  the  peak  of  the  heating  cycle.  When  the  heating 
stops,  the  temperature  drops  quickly  and  slowly  levels  off  as  the  plate 
cools.  The  variation  in  tenperature  across  the  chord  has  been  shown  in 
figure  2 for  a time  in  the  heating  cycle  (lO  seconds),  at  the  time  of 
maximum  edge  tenperature  (l6.5  seconds),  and  during  cooling  (30  seconds). 
These  distributions  show  that  the  temperature  remains  relatively  low  over 
the  center  half  of  the  plate  but  rises  sharply  near  the  heated  edges. 

The  plate  was  tested  under  a variety  of  heating  and  loading  con- 
ditions, and  the  data  which  will  be  presented  represent  the  resiilts  of 
some  of  the  more  significant  tests  on  this  plate.  Two  investigations 
were  made  to  determine  the  effect  of  the  nonuniform  temperature  distri- 
bution on  the  stiffness.  First,  the  deformations  of  the  plate  due  to 
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■thermal  s'tresses  were  ob'tained  for  various  load  condi'tions.  Second,  "the 
changes  in  natural  frequency  of  vibration  diiring  heating  were  investigated. 


Deformations 

Figure  4 shows  the  tip-ro-tation  histories.  The  angle  of  rotation 
of  the  tip  in  degrees  is  plotted  against  time  in  seconds  for  heating  with 
no  external  load  and  for  heating  with  applied  torques  of  kOO  inch-pounds 
in  each  direction.  In  each  case,  the  plate  deformed  by  rotating  torsion- 
ally  about  the  midchord  line.  Note  -that  the  plate  underwent  an  appreciable 
deformation  without  the  application  of  an  external  load.  This  thermal 
buckling  of  the  plate  may  be  a significant  factor  in  the  control  of  mis- 
siles having  solid  fins. 

The  plate  rotated  in  the  same  direction  regardless  of  whether  heat 
was  applied  symmetrically  or  on  either  edge  because  of  an  initial  twist. 

The  increased  deformations,  which  occurred  when  a constant  torque  was 
applied  in  the  same  direction  as  the  initial  twist,  indicate  an  approx- 
imate superposition  of  the  deformation  Induced  by  the  thermal  stresses 
on  the  initial  static  deflection.  When  the  torque  was  applied  in  the 
opposite  direction,  the  plate  twisted  in  the  direction  of  the  applied 
torque,  but  the  maximum  twist  was  slightly  less. 


Heating  Effects  on  Natural  Frequency 

It  is  difficult  to  detect  the  frequency  changes  of  the  plate  under 
transient  heating  conditions  because  of  the  time  required  to  establish 
resonance.  For  this  reason,  the  present  investigation  has  so  far  been 
limited  to  the  first  bending  and  first  torsion  modes  Inasmuch  as  a fre- 
quency history  could  be  obtained  for  these  two  modes  by  striking  the 
plate  at  regular  intervals  during  the  test. 

Figure  5 shows  how  the  frequencies  of  the  first  two  modes  varied 
dixring  the  test.  Here,  frequency  of  vibration  in  cycles  per  second  is 
plotted  against  time  in  seconds  for  the  first  bending  and  first  torsion 
modes.  The  first  bending  frequency  decreased  from  19  cycles  per  second 
to  15  cycles  per  second  at  the  point  of  maximum  temperature  gradxent. 

This  is  a 21 -percent  reduction  in  frequency.  The  first  torsion  frequency 
begins  at  48  cycles  per  second  and  drops  to  a minimixn  of  50  cycles  per 
second  - a reduction  in  natural  frequency  of  about  35  percent.  ^ the 
plate  cools,  both  frequencies  return  to  their  original  values.  The  small 
irregularity  which  occurs  at  the  peak  of  the  heating  cycle  has  been 
observed  in  all  the  first-torsion-mode  tests,  but  as  yet  its  cause  has 
not  been  determined. 


Small-Deflection  Theory 


As  a first  approach  to  predicting  the  changes  measured  in  these 
tests,  small -deflection  theory  has  been  used.  The  analytical  approach 
is  a combination  of  the  energy  methods  used  to  solve  buckling  and  vibra- 
tional problons.  The  method  xised  is  outlined  in  figure  6,  Th«^  teng)er- 
ature  is  assumed  to  be  constant  through  the  thickness  of  the  plate  and 
along  the  span;  the  distribution  across  the  chord  is  a;^roximated  by  a 
simple  power  law,  which  involves  the  edge-to-midchord  ten^ieratxire  differ- 
ence AT  and  the  power  j required  to  describe  the  measxnred  chordwise 
temperature  distribution.  The  power  7,  \diich  varies  driring  the  test, 
determines  how  sharply  the  tei5)erature  rises  near  the  edge  of  the  plate. 
In  order  to  find  how  7 varied,  a curve  of  the  form  given  was  fitted 
to  the  experimental  tenq)eratxire  distribution  at  various  times.  At  the 
start  of  the  test,  7 was  very  large  but  decreased  to  7 = 4 at  the 
peak  temperature  and  continued  to  drop  to  about  7 = 2 at  the  end  of 
the  test. 

Thermal  stresses  were  obtained  from  a simple  stress  function  (see 
ref.  4),  and  deflections  were  represented  by  a power  series.  The  coo5)le- 
mentary  energy,  used  to  evaluate  the  coefficient  of  the  stress  function, 
consists  of  the  usual  strain-energy  e^qsression  plus  terms  which  account 
for  the  strain  energy  due  to  the  thermal  expansion  of  the  plate  (ref,  5). 

The  change  in  energy  during  deflection  consists  of  the  potential 
energy  due  to  bending,  the  energy  ixqjosed  by  midplane  t-hormnl  stresses, 
the  kinetic  energy  of  vibration,  and  the  potential  energy  resulting  frcm 
any  externally  applied  load  - in  this  case  a torque.  (See  refs.  6,  7, 
and  8.) 


Comparison  of  Calculated  and  Measured  Results 


A comparison  of  the  calculated  and  measured  effect  of  the  temper- 
ature gradient  on  the  torsional  stiffness  for  the  case  of  no  vibration 
is  shown  in  figure  7.  Here  the  tip  rotation  in  degrees  has  been  plotted 
against  the  edge-to-center  taiqjerature  difference  in  degrees  Fahr- 

enheit for  an  applied  torque  of  400  inch -pounds.  Curves  are  shown  for 
the  periods  of  heating  (or  increasing  AT)  and  cooling  (or  decreasing  at). 
The  small-deflection  theory  gives  a reasonable  approximation  of  the 
reduction  in  stiffness  about  halfway  to  the  buckling  tenq)erature.  Above 
this  point,  however,  the  theory  indicates  that  the  plate  deflections 
would  increase  more  rapidly  than  actually  occurs. 


Figure  8 compares  the  results  of  the  calculations  with  test  results 
when  there  are  no  external  loads  and  the  plate  is  vibrating  in  the  first 
torsion  mode.  In  this  figure,  the  frequency  in  cycles  per  second  is 
plotted  against  tanperature  difference  between  the  edge  and  the  midchord 


line  for  the  periods  of  increasing  and  decreasing  AT,  The  small -deflection 
theory  again  approximates  niimrY  about  halfway  to  the 
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critical  buckling  temperature.  Above  this  value,  the  theory  again  over- 
estimates the  change.  This  disagreement  occurs  because  the  deflections 
have  become  large  and  the  small -deflection  theory  is  no  longer  valid. ^ 

When  the  analysis  is  extended  to  include  the  effects  of  large  deflections, 
more  satisfactory  agreement  is  expected  at  the  critical  AT. 

Figure  9 shows  a similar  con^jarison  of  measured  and  calculated  fre- 
quency as  a function  of  time.  The  ratio  of  reduced  frequency  to  room- 
temperature  frequency  is  plotted  against  time  in  seconds.  The  calculated 
curve  Indicates  that  the  theoretical  critical -buckling  temperature  differ- 
ential is  reached  in  about  15  seconds.  The  small -deflection  theory  pre- 
dicts that  the  plate  would  have  lost  all  its  stiffness  at  this  point,  but 
this  is  not  the  actual  case.  Since  stiffness  is  proportional  to  the  square 
of  the  frequency,  the  decrease  obtained  indicates  that  only  about  half  of 
the  stiffness  was  lost  as  a resiilt  of  the  induced  thermal  stresses.  As 
the  plate  cools  and  the  temperature  difference  becomes  less  th^  half  that 
required  for  buckling,  the  theory  is  again  in  fair  agreement  with  the  test 
results . 


% 


CONCLUDING  REMARKS 


Tests  of  a cantilever  plate  have  shown  that  the  midplane  stresses 
imposed  by  a nonuniform  temperature  distribution  can  effectively  reduce 
the  stiffness  of  the  plate.  This  reduction  in  stiffness  is  reflected  in 
the  Increased  deformation  caused  by  the  action  of  a constant  applied 
torque  and  also  in  the  reduction  of  the  natural  frequency  of  vibration 
of  the  first  two  modes  of  the  plate.  Ey  using  small -deflection  theory 
and  by  employing  energy  methods,  the  effect  of  nonuniform  heating  on 
the  plate  stiffness  was  calculated.  The  theory  predicts  the  general 
effects  of  the  thermal  stresses  but  is  inadequate  when  the  deformations 
become  large.  An  extension  of  the  analysis  to  account  properly  for 
large  deflections  is  expected  to  give  more  satisfactory  results  near  the 
critical  temperatiu’e . 
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CHORDWISE  TEMPERATURE  DISTRIBUTION 

AEROOYNAMICALLY  HEATED  AIRFOIL 


Figure  1 
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Figure  5 
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COMPARISON  OF  FREQUENCY  CHANGES 
FIRST  TORSION  MODE 


SOME  DESIGN  IMPLICATIONS  OF  THE  EFFECTS 
OF  AERODYNAMIC  HEATING 
Hy  Richard  R.  Heldenfels 
Langley  Aeronautical  Laboratory 

INTRODUCTION 


Previous  papers  at  this  conference  and  others  in  the  recent  liter- 
ature (for  exanple,  ref.  l)  have  discussed  the  various  structiiral  effects 
of  aerodynamic  heating.  These  papers  have  made  it  clear  that  the  resulting 
stinictural  design  problems  are  numerous,  complex,  and  so  severe  that 
the  performance  capabilities  of  high-speed  aircraft  may  be  greatly- 
restricted.  A more  optimistic  view  of  the  situation,  however,  indicates 
that  the  severity  of  most  of  these  problems  is  often  overemphasized. 

The  purpose  of  this  paper  is  to  take  a brief  look  at  the  effect  of  -two 
problems,  creep  and  thermal  buckling,  on  the  design  of  aircraft  struc- 
tures and  to  gi-ve  some  consideration  to  the  use  of  insulation  as  a means 
of  alleviating  the  effects  of  aerodynamic  heating. 


CREEP 


The  creep  of  aircraft  structures  at  elevated  temperature  is  often 
assumed  to  be  a very  in5)ortant  problem.  Its  iirportance,  however,  Vi»s 
not  been  established,  and  before  accepting  it  as  a major  problem,  its 
significance  in  aircraft  design  should  be  examined. 

Creep  is  a primary  design  criterion  in  much  high-teii5)erature 
machinery,  such  as  heat  exchangers  and  gas  turbines,  but  in  this  type 
of  equipment  the  material  must  withstand  the  combined  design  tempera- 
tures and  loads  for  long  periods  of  time.  The  usual  aircraft  structure 
on  the  other  hand  is  subjected  to  a variety  of  loads  that  occur  under 
varying  temperature  conditions. 

The  relationship  be -tween  load  and  time  typical  of  present-day  air- 
craft is  shown  in  figure  1,  where  the  load  ratio  n/nL  is  plotted 

against  the  percentage  of  total  flight  time  spent  above  that  load  ratio. 
The  load  ratio  is  the  actual  load  n di-ylded  by  the  design  limit 
load  nj^.  The  solid  line  is  for  a fighter-type  airplane  and  the  dashed 

line  for  a boraiber  type.  This  figure  was  prepared  from  existing  gus-t- 
loads  data  (ref.  2)  and  the  generalized  maneuver  load  curves  presented 


in  reference  5»  The  time  spent  at  the  low  Load  ratios  for  each  type  ^ 

is  primarily  the  result  of  gusts ^ and  that  at  the  higher  loads  is  prima^ 
rily  due  to  maneuvers*  Hote  that  percent  time  is  plotted  on  a logarith- 
mic scale  and  that  most  of  the  total  time  is  spent  at  low  load  ratios^ 
about  90  percent  of  the  time  for  the  fighter  and  99*9  percent  for  the 
bomber. 

The  foregoing  results  were  from  airplanes  in  flight  at  speeds  below 
sonic.  It  is  a matter  of  conjecture  what  similar  relations  will  be  for 
supersonic  aircraft^  but  it  seems  reasonable  to  assume  that  the  load- 
tirae  relations  will  not  be  substantially  different  from  those  shown  in 
figure  1.  It  is  significant^  then^  that  high-speed  aircraft  will  spend 
a -very  small  percentage  of  their  lifetime  at  loads  near  the  design  limit 
load  where  creep  is  most  likely  to  be  important.  In  addition^  these 
high  loads  will  not  necessarily  occur  in  conjunction  with  high 
temperat\ires . 

The  uncertainties  that  exist  in  the  expected  loads  and  the  limited 
data  available  on  cyclic  and  intermittent  creep  make  a detailed  analysis 
of  the  effect  of  creep  on  structural  weight  impractical  at  present^  but 
some  approximate  indications  can  be  obtained  as  follows: 

Let  all  the  loads  be  represented  by  only  two  load  levels^  a low 
level  representative  of  most  of  the  flight  time  (for  example,  about 
0.2  load  ratio  for  90  percent  of  the  life  of  the  fighter)  and  then 
assume,  very  conservatively,  that  the  remainder  of  the  life  is  spent  at  ^ 

the  design  limit  load.  The  lower  load  level  then  makes  an  insignificant 
contribution  to  the  creep  of  the  structure.  The  lower  load  level  is 
more  important  for  the  bomber  than  for  the  fighter  because  it  is  a 
larger  percentage  of  the  design  load  and  because  the  bomber  would  have 
a longer  expected  lifetime,  but  still  the  lower  load  ratio  makes  only  a 
small  contribution.  For  either  case,  the  effect  of  creep  on  structural 
weight  can  be  estimated  very  conservatively  by  fixing  a lifetime  of 
100  hours  at  temperature  and  limit  load  combined.  Results  of  such  an 
analysis  are  shown  in  figure  2,  where  the  weight  required  to  support  a 
given  constant  tensile  load  is  plotted  against  temperature  for  three 
structural  materials  and  for  two  design  criteria.  The  solid  curves 
indicate  the  weight  required  when  the  criterion  is  the  ultimate  tensile 
strength^  the  dashed  lines  give  the  weight  required  when  creep  rupture 
at  limit  load  is  used.  The  three  materials  selected  for  this  analysis, 

2024-T3  (formerly  24S-T5)  aluminum  alloy,  RC-150A  titanium  alloy,  and 
Inconel  X cover  the  temperature  range  in  which  metals  are  useable.  The 
stainless  steels  generally  fall  between  RC-130A  and  Inconel  X,  but  ik 

nearer  RC-I50A. 

Consider  first  the  aluminum  alloy.  The  weight  required  to  support 
the  load  on  the  basis  of  ultimate  tensile  strength  1^  times  the  design 

limit  load  is  given  by  the  weight  required  to  meet  the 


A 


creep  criterion  - failure  after  100  hours  at  teinperattire  and  limit  load  - 
is  given  by  the  dashed  line.  Since  the  creep  criterion  requires  less 
weight  than  the  strength  criterion  throughout  the  temperature  range  of 
the  aluminum  alloy,  creep  is  not  a design  problem  for  this  material. 

A similar  situation  exists  for  Inconel  X for  most  of  the  temperature 
range,  but  for  temperatures  above  1200°  F creep  requires  more  weight 
than  ultimate  strength.  Creep  thus  becomes  inportant  for  Inconel  X 
structures  only  in  the  temperature  range  where  strength  is  decreasing 
rapidly  with  increasing  temperature.  For  the  titanium  alloy,  creep 
becomes  a design  problem  at  temperatures  above  500°  F.  Note  that  above 
the  temperature  where  creep  becomes  important,  the'  weight  regiiired  by 
the  creep  criterion  increases  rapidly  with  temperature,  and  design 
efficiency  would  best  be  obtained  by  conversion  to  a material  for  which 
creep  would  not  be  a problem.  This  particular  titanium  alloy  has  poor 
creep  characteristics J others  are  better  in  creep  than  RC-150A,  but 
they  have  less  tensile  strength.  Further  development  of  titanium  alloys 
will  probably  Improve  this  situation. 

Since  the  creep  criterion  used  in  this  analysis  usually  required 
less  weight  than  the  ultimate  strength  criterion,  it  appears  that  creep 
may  have  little  effect  on  aircraft  structural  design.  In  those  cases 
where  creep  is  a significant  factor,  conversion  to  another  material  will 
be  desirable  in  the  interest  of  structural  efficiency  and  the  task  of 
designing  for  creep  will  be  avoided.  The  results  presented  were  obtained 
with  a veiy  conservative  estimate  of  the  load-temperature-timie  experience 
of  the  structure.  If  something  less  than  100  hours  had  been  used  for  the 
lifetime,  creep  would  appear  to  be  even  less  important. 

The  importance  of  creep  is  also  influenced  by  the  type  of  creep 
criterion  used,  and  other  factors  such  as  the  permanent  deformations 
due  to  creep  and  the  effect  of  creep  on  ultimate  strength  should  be 
considered,  but  indications  are  that  these  will  be  secondary  design 
considerations.  Creep  failure  was  used  as  a design  criterion  in  this 
analysis  because  of  its  obvious  significance.  A prescribed  amount  of 
permanent  creep  deformation  could  have  been  used,  but  the  validity  of 
such  a criterion  applied  to  an  aircraft  structure  is  extremely  doubtful. 
This  doubt  arises  from  investigations  of  the  creep  behavior  of  aluminum- 
alloy  structural  elements  and  box  beams  coupled  with  the  expected  load- 
temperat\ire-time  experiences  of  aircraft  structures.  Creep  may  also 
affect  the  ultimate  strength  of  the  structure,  but  some  exploratory  tests 
on  aluminum- allqy  plates  and  box  beams  indicate  that  in  many  cases  this 
effect  will  be  negligible. 

To  summarize  the  remarks  on  creep,  it  appears  that  in  general  creep 
may  not  be  a primary  factor  in  the  design  of  high-speed  aircraft  because 
of  the  character  of  the  relationships  between  loads,  temperatures,  and 
time.  Some  materials  are  much  more  susceptible  to  creep  than  others; 
thus,  in  some  cases  a change  in  materials  may  be  necessary  in  order  to 
avoid  creep  problems. 
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THERMAL  BUCKLING 


« 


Thermal  buckling  promises  to  be  the  most  serious  problem  associated 
with  the  transient  aspects  of  aerodynamic  heating.  Previous  speakers 
have  shown  how  thermal  buckling  had  an  adverse  effect  on  the  stiffness 
of  beams  and  how  thermal  stresses  less  than  those  required  for  buckling 
reduced  the  stiffness  of  a cantilever  plate.  In  reference  4,  some  flutter 
incited  by  aerodynamic  heating  and  thermal  stresses  is  discussed;  this 
work  is  now  reviewed  in  connection  with  more  recent  tests. 

Motion  pictures  of  a test  of  a multiweb  wing  structure  (identical 
to  model  MW-1  of  ref.  4)  in  a Mach  niunber  2 blowdown  jet  at  sea  level 
showed  that  the  model  remained  stationary  for  most  of  the  test,  but 
after  the  aerodynamic  heating  took  effect,  the  model  began  to  flutter 
without  any  evidence  of  buckling.  The  model  fluttered  for  about  6 sec- 
onds before  the  rivets  flew  out  and  general  destruction  began.  High- 
speed motion  pictures  showed  that  the  flutter  involved  distortion  of 
the  airfoil  section  into  an  S-shape. 

From  the  first  tests  of  this  type,  it  was  concluded  that  flutter 
started  after  the  model  skin  buckled.  However,  in  other  tests  of  similar 
models  flutter  was  obtained  without  buckling,  and  the  concept  of  reduced 
stiffness  resulting  from  thermal  stresses  has  been  used  to  explain  these 
results.  It  is  thus  possible  for  thermal  stresses  lower  than  those 
required  for  buckling  to  induce  dangerous  aeroelastic  effects.  This 
situation  is  not  so  serious  as  it  seems,  however,  since  test  results 
show  that  small  changes  in  the  stiffness  of  a shell  structure,  such  as 
the  addition  of  a rib  or  two,  prevented  flutter  without  much  increase 
in  weight.  Thus,  careful  design  can  prevent  most  such  failures.  The 
use  of  internal  construction  that  minimizes  thermal  stresses  may  be 
required  in  some  cases,  but  there  are  a wide  variety  of  flight  conditions 
in  which  more  conventional  designs  can  be  used  without  danger  of  thermal 
buckling. 

Figure  3 shows  some  combinations  of  dimensions  of  a simplified  steel 
multlweb  beam  that  make  the  structure  subject  to  thermal  buckling  (thermal 
stress  aip  equal  to  buckling  stress  cJqi-)  under  symmetrical  aerodynamic 

heating  conditions.  The  distance  between  webs  (on  a logarithmic  scale) 
is  plotted  against  Mach  number  for  three  altitudes  (sea  level,  50^000  feet, 
and  100,000  feet).  For  web  spacings  above  a solid  line,  thermal  buckling 
of  the  skin  will  occur,  while  below  the  solid  line,  buckling  will  not 
occur. 

A low  level  of  thermal  stress  may  be  required  to  prevent  critical 
changes  in  aeroelastic  characteristics  or  to  prevent  buckling  in  the 
presence  of  wing  bending  loads.  Present  knowledge  does  not  permit  an 


estimate  of  the  aeroelastic  effects  of  a given  thermal  stress  distribu- 
tion or  of  the  level  of  thermal  stress  that  may  be  tolerated^  but  an 
assumption  that  thermal  stresses  only  10  percent  of  those  required  for 
buckling  may  be  permissible  appears  reasonable.  The  dash- line  curves 
give  the  web  spacings  corresponding  to  this  10-percent  condition. 

The  web  spacings  that  would  be  used  for  an  efficient  load-carrying 
structure  would  be  around  2 to  5 inches  j thus  such  a structure  would  be 
in  no  danger  of  buckling  due  to  heating  alone,  but  a low  level  of  thermal 
stress  could  not  be  attained  in  this  structure  at  Mach  niimbers  above  3 
without  very  closely  spaced  webs. 

This  chart  is  based  on  several  approximations  and  a simplified 
structure  and  thus  indicates  only  the  approximate  combinations  of 
dimensions  and  flight  conditions  that  will  produce  buckling  of  one 
series  of  beams.  Similar  charts  are  easily  prepared  for  other  con- 
figurations, but  an  actual  design  should  be  checked  by  a more  exact 
analysis. 

In  summarizing  the  remarks  on  thermal  buckling,  the  present  state 
of  knowledge  indicates  that  thermal  buckling  should  be  prevented.  In 
many  cases  thermal  stresses  far  below  the  buckling  point  may  be  required 
to  avoid  dangerous  aeroelastic  effects.  The  proper  location  of  internal 
meinbers  may  prevent  fail\ires  without  imdue  weight  penalties  under  maxy 
flight  conditions,  but  special  types  of  internal  structure  that  minimize 
thermal  stresses  will  be  necessary  when  severe  aerodynamic  heating  is 
encountered. 


INSUIATION 


Having  discussed  two  of  the  problems  resulting  from  aerodynamic 
heating,  consideration  is  now  given  to  one  of  the  ways  of  alleviating 
heating  effects,  namely,  insulating  the  structure.  One  of  the  many 
probable  uses  of  insulation  is  to  extend  the  aerodynamic  heating  con- 
ditions under  which  aluminum  alloys  are  useful  structural  materials. 
Figure  4 presents  results  to  show  the  effect  of  insulation  on  the 
temperature  history  of  a 0.10- inch- thick  skin  of  aluminxim  alloy. 

Temperature  T is  plotted  against  time  in  minutes  for  an  instan- 
taneous acceleration  to  a Mach  number  of  ^4-  at  an  altitude  H of 
50,000  feet.  The  temperature  history  of  the  uninsulated  skin  is  shown 
by  the  upper  solid  line  and  the  effect  of  0.1  inch  of  insulation  such 
as  rock  wool  or  asbestos  (thermal  conductivity  0,03  Btu  per  ft-hr-op) 
is  shown  hy  the  lower  solid  line.  The  temperature  of  the  outer  surface 
of  the  insulation  is  given  by  the  dashed  line.  For  this  flight  con- 
dition the  aluminum  alone  would  quickly  reach  a ternperatvcre  at  which 


its  strength  had  vanished,  while  a relatively  thin  layer  of  insulation 
holds  the  temperature  down  for  several  minutes. 

This  is  a very  beneficial  result  insofar  as  the  structure  is  con- 
cerned, but  this  benefit  has  been  obtained  by  transferring  difficult 
design  problems  to  the  insulation.  The  temperature  of  the  heated  sur- 
face of  the  insulation  rises  very  quickly  to  a value  near  the  equilibrivmi 
temperature  Tg^^  (which  is  assumed  equal  to  the  adiabatic  wall  temper- 
ature Tg;y^)  and  thereafter  changes  very  slowly.  The  insulation  must  thus 

withstand  high  temperatures  and  large  temperature  differences  which  will 
require  special  design  techniques  for  the  construction  and  attachment 
of  such  a protective  coating. 

The  fact  that  the  surface  ten5)erature  of  the  insulation  closely 
approximates  the  equilibrium  temperature  permits  considerable  simpli- 
fication of  the  relation  between  the  insulation  required  and  the  flight 
condition.  By  neglecting  the  specific  heat  of  the  insulation  and  assuming 
that  the  temperature  of  the  outer  surface  of  the  insulation  is  the 
equilibrium  temperature,  a conservative  estimate  of  the  required  thickness 
of  insulation  can  be  obtained  as  shown  in  figure  5.  The  required  thick- 
ness is  plotted  against  surface  temperature  for  0.10-inch-thick  skin  of 
aluminum  that  rises  from  zero  to  200^  F in  the  times  indicated.  Each 
of  the  curves  is  for  a particular  value  of  the  time  required  for  the 
structure  to  reach  200^  F and  the  thermal  conductivity  of  the  insulation 
is  assumed  invariant  with  teirperature . This  figure  shows  that  high 
equilibrium  temperatures  and  long  flight  times  require  very  thick  layers 
of  insulation,  thicknesses  that  are  impractical  for  many  parts  of  the 
aircraft  such  as  thin  wings  or  control  surfaces. 

The  situation  improves  somewhat  for  heavier  structures  since  the 
same  curves  apply  to  other  thicknesses  of  aluminum  skin.  For  example, 
if  the  thickness  of  the  skin  is  doubled,  the  time  during  which  the  insu- 
lation is  effective  will  also  be  doubled  or  the  required  insulation 
thickness  will  be  cut  in  half.  The  required  thickness  is  substantially 
reduced  if  the  skin  is  allowed  to  go  to  higher  temperatures,  but  for 
this  case  the  relationship  is  not  so  simple.  Higher  skin  temperatures 
would  necessitate  another  structural  material  and  lead  to  considerations 
of  structural  efficiency. 

The  thicknesses  indicated  in  figure  5 rather  large  and  somewhat 
discouraging^  however,  another  approach  to  the  insulation  problem  that 
can  result  in  lower  heat  transfer,  less  thickness,  and  possibly  lighter 
weight  is  the  use  of  radiation  shields. 

Average  heat  transfer  through  two  types  of  insulators  is  shown 
in  figure  6 as  a function  of  the  surface  equilibrium  temperature.  The 
solid  lines  are  for  two  thicknesses  Z of  the  previously  discussed  bulk 
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insulation  such  as  rock  wool  or  asbestos.  The  dashed  lines  are  for  a 
single  radiation  shield  at  two  values  of  emissivity  e.  The  radiation 
shield  would  consist  of  a thin  sheet  of  n^tal  supported  a short  distance 
away  from  the  outer  surface  of  the  structure.  The  aerodynamic  surface 
of  the  shield  would  be  a black-body  radiator  (high  emissivity)  to  keep 
surface  temperature  low^  but  the  inner  surface  of  the  shield  and  outer 
surface  of  the  structure  would  be  very  bright  (low  emissivity)  to  minimize 
radiant-heat  exchange.  Some  low- conductivity  supporting  structure,  such 
as  a honeycomb  core,  would  be  needed  between  them  but  in  this  analysis, 
the  heat  transferred  by  this  supporting  structure  and  the  air  between 
shield  and  structure  has  been  neglected.  The  emissivity  of  0.1  is  about 
the  upper  limit  for  most  shiny  metals  while  the  value  of  0.02  can  be 
attained  only  with  special  coatings  such  £ls  gold  or  silver  plate. 

The  average  heat  flow  plotted  is  the  average  rate  at  which  the 
insulators  transfer  heat  to  the  structure  while  the  structure  rises 
from  0®  to  200®  F.  The  conditions  considered  are  similar  to  those  in 
figure  5,  but  by  plotting  average  heat  flow,  all  combinations  of  time 
and  heat  capacity  of  the  structural  material  are  included.  Where  two 
curves  cross,  the  insulators  are  exactly  equivalent  for  the  conditions 
considered.  At  other  points,  the  lowest  curve  indicates  the  best  insu- 
lator. The  curves  show  that  the  radiation  shield  provides  excellent 
protection  at  the  lower  ten^jeratiires,  but  becomes  increasingly  inefficient 
as  the  teiz^)erature  increases.  The  heat  flow  through  the  shield  can  be 
further  reduced  by  using  several  of  them,  for  example,  five  shields  of 
0.1  emissivity  would  transfer  about  the  same  amount  of  heat  as  the  single 
0.02  shield,  but  the  added  coii^lication  of  multiple  shield  arrangements 
might  prove  to  be  i!i5)ractical. 

An  effective  radiation  shield  requires  bright  siirfaces  that  are 
attainable  only  with  metals  at  moderate  teiTQ)eratures ; thus  this  approach 
would  probably  be  limited  to  teir5>eratures  below  about  I500®  F.  Above 
this  teii5)erature,  a type  of  bulk  insulation  suitable  for  high  temperature 
use  would  be  required.  For  some  applications,  such  as  protection  of 
occupants,  a combination  of  insulation,  radiation  shields,  and  cooling 
may  provide  the  most  efficient  combination. 

The  results  presented  indicate  that  insulation  provides  a suitable 
way  to  alleviate  the  effects  of  aerodynamic  heating  on  the  primary  struc- 
ture under  certain  flight  conditions.  These  gains  can  be  attained,  how- 
ever, only  by  creation  of  many  difficult  problems  associated  with  the 
design,  fabrication,  and  installation  of  the  protective  coatings. 


CONCLUDING  REMARKS 


The  problems  of  creep  and  thermal  buckling  have  been  discussed  in 
an  effort  to  indicate  their  design  of  high-speed  aircraft. 
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The  results  have  shown  that  creep  may  not  be  a significant  factor^  but 
thermal  buckling  may  have  a substantial  effect  on  the  structural  design. 
Consideration  has  also  been  given  to  the  use  of  insulation  for  the  alle- 
viation of  heating  effects;  such  an  approach  has  merit  under  certain 
conditions  but  poses  many  new  design  problems. 

The  results  presented  are  based  on  the  limited  existing  infomiation 
on  the  structural  problems  of  aerodynamic  heating.  The  picture  may 
change  as  more  research  results  become  available,  but  the  design  problems 
undoubtedly  will  be  eased  as  knowledge  increases.  It  was  not  intended 
to  convey  the  impression  that  aerodynaml.c  heating  problems  are  easily 
overcome,  but  merely  to  indicate  how  careful  design  can  solve  some  of 
them. 
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SUMMARY  OF  RECENT  THEORETICAX  AND  EXPERIMENTAL 


WORK  ON  BOX-BEAM  VIBRATIONS 
By  John  M.  Hedgepeth 
langley  Aeronautical  Laboratory 


SUMMARY 


A discussion  of  various  secondary  effects  which  have  an  iD5)ortant 
influence  on  the  vibration  characteristics  of  box  beams  is  presented. 
Means  of  incorporating  these  effects  in  vibration  analyses  of  actual 
built-iq)  box  beams  are  discussed.  Comparisons  with  experiment  are 
given;  good  agreement  between  theory  and  experiment  is  obtained  when 
the  secondary  effects  are  included. 


INTRODUCTION 


The  need  of  accurate  vibration  modes  and  frequencies  of  aircraft 
I ^ is  well  recognized.  The  reliability  of  a flutter-speed  calculation, 

j * for  exan5>le,  is  intimately  related  to  the  accuracy  of  the  vibration 

! modes  and  frequencies  - especially  the  frequencies  - used  in  the 

analysis.  Furthermore,  these  modes  and  frequencies  are  often  viseful 
in  the  analysis  of  other  dynamic  problems,  such  as  landing  impact  and 
gust  loads. 

The  purpose  of  this  paper  is  to  summarize  the  results  of  research 
into  the  vibration  characteristics  of  one  of  the  main  types  of  aircraft 
structures  - the  box  beam.  Most  of  the  information  to  be  discussed  is 
recent;  scane  of  it  is  old  and  is  included  in  order  to  present  a 
congjlete  story. 

I 

i 


DISCUSSION 


Shown  in  figure  1 is  a drawing  of  a typical  box  beam  which  may  be 
thou^t  of  as  being  the  main  load-carrying  structure  of  a wing.  It  is 
composed  of  covers  built  up  of  sheet  stiffened  by  stringers,  and  spars 
made  up  of  flanges  connected  by  webs.  There  are  usually  a number  of 
ribs  to  provide  cross-sectional  stiffness. 


HEDGFJPETM 


The  vibration  analyses  of  beams  like  the  one  shown  in  figure  1 
ordinarily  have  used  elementary  beam  bending  and  torsion  theory.  The 
accuracy  obtained  from  elementary  theory  was  considered  to  be  good 
enough  for  long  beams.  However,  it  is  known  that,  in  the  deformation 
of  box  beams,  certain  secondary  effects  arise  which  are  not  taken  into 
account  in  the  elementary  theory.  These  secondary  effects  can  have  an 
important  influence  on  the  vibration  characteristics  of  box  beams, 
particularly  when  the  higher  modes  are  desired. 

Tn  bending  vibrations,  the  secondary  effects  that  are  generally 
recognized  are  transverse  shear,  shear  lag,  and  longitudinal  (rotary) 
Inertia.  Transverse  shear  arises  from  the  fact  that  shear  deflections 
of  the  box  occur  under  load  because  of  the  finite  shear  stiffness  of 
the  webs.  These  shear  deflections  are  in  addition  to  the  bending 
deflections  considered  in  the  elementary  theory.  Shear  lag  is  caused 
by  the  finite  shear  stiffness  of  the  covers  which  permits  the  direct- 
stress-carrying  material  in  the  middle  of  the  cover  to  carry  less  than 
its  full  share  of  the  load.  Both  of  these  effects  tend  to  reduce  the 
apparent  stiffness  of  the  box  and,  hence,  to  reduce  the  natural  fre- 
quencies. Longitudinal  inertia  arises  from  the  fact  that,  when  the 
beam  vibrates,  inertia  forces  are  developed  because  of  accelerations 
in  the  longitudinal  direction.  This  effect  - which  is  often  called 
rotary  inertia  in  the  bending  problem  - is  of  course  not  included  in 
the  elementary  theory  and  tends  to  reduce  the  nat\iral  frequencies. 

The  quantitative  influence  of  these  effects  on  the  bending  fre- 
quencies of  vibration  of  uniform,  thin-walled  box  beams  was  investigated 
by  Budiansky  and  Kruszewski  (ref.  l) . Reference  1 shows  that  the  effects 
of  transverse  shear  snid  shear  lag  are  of  comparable  magnitude  and  can  be 
quite  important,  particularly  for  short  beams.  On  the  other  hand,  the 
effect  of  longitudinal  inertia  is  negligible  for  the  shallow  box  beams 
that  are  typical  of  aircraft  wing  construction. 

For  torsional  vibrations,  the  secondary  effects  that  are  generally 
recognized  are  restraint  of  warping  and  longitudinal  inertia.  When  a 
beam  is  twisted,  the  cross  sections  tend  to  distort  out  of  their  own 
plane  or  to  warp.  In  the  elementary  theory,  this  warping  is  allowed  to 
occur  without  restraint.  However,  if  the  warping  varies  along  the 
length,  as  it  does  in  a vibration  mode,  direct  stresses  are  created  in 
the  longitudinal  direction  which  act  to  restrain  the  warping.  The 
effect  of  this  restraint  of  warping  is  to  make  the  beam  stiffer  than 
it  would  be  otherwise  and,  consequently,  to  raise  the  natural  frequency. 
This  warping  motion  also  causes  Inertia  forces  in  the  longitudinal 
direction.  This  longitudinal  inertia  effect  is  not  included  in  the 
elementary  theory. 

The  quantitative  influence  of  these  secondary  effects  on  the  tor- 
sional frequencies  of  uniform,  thin-walled  box  beams  was  investigated 
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by  Kruszewslci  and  Kordes  (ref.  2)  . Reference  2 shows  that  the  effect 
of  restraint  of  warping  coiild  be  appreciable  for  short  beams  althou^ 
the  effects  are  not  so  pronounced  as  those  incurred  in  the  bending  case. 
The  effect  of  longitudinal  inertia  was  unimportant  for  practical  box 
beams. 

Before  considering  the  influence  of  these  secondary  effects  on  the 
bending  and  torsion  frequencies  of  some  actual  test  specimens,  it  is 
desirable  to  discuss  how  the  effects  of  transverse  sheeir,  shear  lag, 
and  restraint  of  warping  can  be  incorporated  in  vibration  analyses  of 
actual  box  beams.  The  resvilts  in  references  1 gind  2 were  obtained  for 
highly  idealized  beams  for  which  exact  solutions  were  possible.  In  an 
actual  box  beam,  exact  solutions  are  not  feasible  and  some  sort  of 
simplified  structure  must  be  used. 

The  cross  section  of  the  box  beam  shown  in  figure  2 contains  a 
large  number  of  elements  - stringers,  flanges,  and  the  sheet  joining 
them.  If  all  of  these  elements  were  treated  separ-ately  in  an  analysis, 
the  calculation  job  would  be  overwhelming.  By  lun5)ing  the  properties 
of  these  elements,  however,  the  effects  of  transverse  shear  and  shear 
lag  can  be  obtained  without  an  inordinate  amount  of  labor.  . The 
transverse-shear  effect  can  be  included  sinq)ly  by  allowing  the  webs 
to  have  shear  flexibility.  The  shear-lag  effect  can  be  duplicated  by 
using  the  substitute-stringer  idealization  shown  in  figure  2.  Th*» 
direct-stress-carrying  areas  in  the  webs  and  flanges  are  concentrated 
at  the  comers;  the  direct-stress-carrying  areas  in  the  covers  are 
concentrated  as  so-called  substitute  stringers.  By  properly  locating 
the  substitute  stringers,  it  is  possible  to  obtain  frequencies  within 
a couple  of  percent  of  those  predicted  by  more  refined  theories.  Th^ 
use  of  the  substitute-stringer  idealization  has  been  investigated  in 
reference  5-  For  the  torsion  problem,  the  so-called  four-flange  box 
is  useful  in  obtaining  frequencies.  In  this  idealization  the  direct- 
stress -carrying  areas  in  both  the  covers  and  the  webs  are  concentrated 
at  the  corners.  The  four-flange  box  does  a good  job  of  duplicating 
the  effect  of  restrained  warping  on  torsional  vibrations.  It  might  be 
mentioned  that  the  substitute-stringer  box  can  also  be  used  for 
torsional  vibrations  with  comparable  success.  This  is  fortunate  since, 
in  most  actual  box  beams,  bending  and  torsion  will  couple  and  the 
idealization  used  should  be  capable  of  taking  all  secondary  effects 
into  account . 

Sinplifying  the  cross  section  of  the  box  beam  is  only  part  of  what 
is  necessary  to  achieve  a practical  vibration  analysis.  For  a non- 
uniform.  box  beam,  further  simplifications  must  be  made  as  to  the 
behavior  in  the  spamd.se  direction.  One  approach  is  to  break  up  the 
beam  into  a number  of  bays  and  to  calculate  influence  coefficients. 
These  influence  coefficients  then  provide  a basis  for  the  vibration 
analysis.  (See,  for  example,  ref.  4.)  Calculations  have  been  made  to 
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determine  the  numher  of  bays  necessary  to  obtain  accurate  frequencies - 
The  results  indicate  that,  in  order  to  obtain  the  first  three  symmetrical 
bending  and  torsion  frequencies  of  a free-free  box  beam^  it  is  necessary 
to  use  about  eight  bays  on  the  half  span. 

An  experimental  vibration-test  investigation  has  been  conducted  in 
order  to  check  the  accuracy  of  methods  of  computing  natural  modes  and 
frequencies.  Tests  have  been  carried  out  on  two  structiares  - one  a 
large-scale  built-up  box  beam  and  the  other  a somewhat  smaller^  hollow 
rectangular  tube. 

Consider  first  the  built-up  box  beam.  In  figure  5 is  shown  a photo- 
graph of  the  vibration- test  setup  used  to  determine  its  naturaf  modes 
and  frequencies  experimentally.  The  beam  was  20  feet  long,  l8  inches 
wide,  and  5 inches  deep.  The  aspect  ratio  was  about  15*  The  beam  was 
hung  from  the  gallows  and  was  vibrated  horizontally.  In  this  way  an 
essentially  free-free  condition  was  attained.  The  beam  was  vibrated  by 
means  of  four  electromagnetic  shakers  attached  at  the  corners.  Power 
was  supplied  by  the  M-G  set  and  controlled  at  the  left-hand  cabinet  in 
figure  5*  Pickups  were  mouinted  on  the  beam  and  were  used  to  sense  the 
motion;  their  output  was  recorded  at  the  right-hand  cabinet. 

The  vibration  frequencies  of  this  beam  are  given  in  table  I.  In 
the  table,  for  simplicity,  only  symmetrical  bending  frequencies  and  anti- 
symmetrical  torsion  frequencies  have  been  sho^m;  the  anti symmetrical 
bending  and  symmetrical  torsion  frequencies  follow  the  same  trends.  For 
both  the  bending  and  torsion,  the  frequencies  in  the  first  column  were 
obtained  experimentally;  the  frequencies  in  the  second  column  were  calcu- 
lated by  elementary  theory.  The  frequencies  including  the  secondary 
effects  are  given  in  the  last  colxmin.  The  word  "exact"  has  been  used 
for  these  frequencies  for  want  of  a better  term.  By  comparing  experiment 
and  elementary  theory,  it  can  be  seen  that  the  elementary  theory  is 
acciorate  enough  for  the  torsion  modes  and  for  the  first  bending  mode. 

For  the  higher  bending  modes,  however,  the  situation  is  different. 

Errors  varying  from  20  percent  in  the  second  mode  to  "JO  percent  in  the 
fourth  mode  are  experienced.  When  the  secondary  effects  are  Included, 
however,  the  agreement  is  considerably  improved.  By  looking  at  the 
bending  modes,  it  can  be  seen  that  the  large  reductions  in  frequency^ 
due  to  transverse  shear  and  shear  lag  have  brought  the  calculations  into 
satisfactory  agreement  with  the  experiment.  It  might  be  mentioned  that 
transverse  shear  and  shear  lag  were  about  equally  responsible  for  this 
reduction.  For  the  torsion  modes,  inclusion  of  the  smaller  effect  of 
restraint  of  warping  has  helped  for  the  first  two  modes  and  hurt  for  the 
third.  Even  for  this  third  anti  symmetrical  torsion  mode  - which  is  the 
twelfth  mode  of  the  beam  - the  error  is  only  6 percent. 

The  built-up  box  beam  which  has  been  discussed  had  a large  amount 
of  internal  stiffening  in  the  form  of  stringers  and  bulkheads.  The  other 


specimen  - a hollow  rectangular  tuhe  - was  considerahly  simpler  and  was 
tested  for  the  purpose  of  checking  theories  before  the  vibration  equip- 
ment necessaiy  for  testing  large-scale  built-up  structures  was  obtained. 
The  results  for  this  hollow  rectangular  tube  which  is  shown  in  figure  4 
serve  to  illustrate  an  effect  which  may  be  iiiQ>ortant  for  box  beams  with 
little  internal  stiffening.  This  tube  was  approximately  8 feet  long, 

7 inches  wide,  and  2 inches  deep.  The  aspect  ratio  was  about  l4.  It 
was  made  by  welding  l/4-inch  plates  together  along  the  corners. 

The  results  of  vibration  tests  are  given  in  table  II.  Again  in 
this  table  only  the  symmetrical  bending  frequencies  and  antisymmetrical 
torsion  frequencies  are  presented.  Along  with  the  experimental  fre- 
quencies are  given  the  "e^^ct"  calculated  frequencies  for  which  the 
secondary  effects  of  transverse  shear,  shear  lag,  and  restraint  of 
warping  have  been  included.  For  the  first  two  symmetrical  bending  modes, 
the  "exact"  frequencies  are  fairly  good;  for  the  rest  of  the  modes  shown 
here,  however,  the  errors  are  large  - esi>ecially  for  the  torsion  modes. 

The  reason  for  these  large  discrepancies  is  tied  up  with  the  occurrence 
of  large  cross-sectional  distortions  which  were  not  taken  into  account 
in  the  calculations.  Bie  nature  of  these  distortions  is  illustrated  in 
figure  5- 

When  a box  is  imdergoing  a bending  vibration,  the  inertia  forces 
tend  to  bend  the  covers  and  webs  in  a manner  like  that  shown  at  the  top 
of  figure  5-  This  distortion,  in  turn,  causes  additional  inertia  forces 
which  tend  to  raise  the  effective  mass  of  the  beam  and  lower  the  fre- 
quency. For  torsional  vibrations  there  occurs  a similar  bending  of  the 
webs  and  covers.  More  ln^ortantly,  however,  the  cross  section  undergoes 
an  overall  shear.  Both  of  these  effects  tend  to  raise  the  effective 
mass  moment  of  inertia  and,  hence,  to  lower  the  torsional  frequencies. 

In  an  ordinary  box,  the  presence  of  stiffening  members,  such  as  stringers 
and  ribs  or  bulkheads,  tends  to  prevent  these  cross-sectional  distortions. 
In  the  tuhe,  however,  there  were  no  such  stiffeners,  and  the  frequencies 
were  therefore  greatly  reduced. 

It  should  be  mentioned  that  one  of  the  present  trends  in  structiiral 
design  is  in  the  direction  of  eliminating  stringers  and  bulkheads  and 
letting  the  skin  carry  most  of  the  load.  Therefore,  this  effect  of  cross- 
sectional  flexibility  may  indeed  become  in5>ortant  for  actual  box  beams, 
jxist  as  it  is  for  the  hollow  tube. 

Stiodies  of  the  effects  of  cross-sectional  distortions  on  the  bending 
and  torsional  frequencies  of  box  beams  have  been  carried  out.  The  effect 
of  the  local  bending  of  the  covers  and  webs  has  been  presented  in  refer- 
ence 5i  an  analysis  of  the  effect  of  the  overall  shear  of  the  cross- 
section  has  also  been  performed.  Results  of  applying  the  corrections 
indicated  by  these  studies  to  the  frequencies  of  the  ho3JLow  tube  are 
shown  by  the  frequencies  in  the  last  column  of  table  II  for  both 
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symmetrical  bending  and  antisymmetrical  torsion.  The  agreement  vith 
experiment  is  now  satisfactory  for  all  the  bending  modes.  The  agree- 
ment for  the  torsional  modes  is  surprisingly  good  considering  the  large 
effects  taken  into  account  by  the  approximate  correction. 


« 


I 


CONCLUDING  REMAEKS 


Frcm  the  comparisons  between  theory  and  experiment  that  have  been 
discussed  for  the  box  beams,  it  can  be  concluded  that  the  secondary 
effects  of  transverse  shear  and  shear  lag  can  have  an  important  influ- 
ence on  the  bending  vibrations  of  box  beams.  This  is  true  even  for 
long  beams  if  the  hi^er  modes  are  desired.  The  effect  of  restraint  of 
warping  on  the  torsional  modes  is  not  nearly  so  important.  The  effects 
of  cross-sectional  distortion  can  be  quite  large  unless  stiffening 
members  are  used  to  minimize  the  distortion.  In  any  event,  the  methods 
developed  for  taking  all  these  effects  into  account  are  very  successful. 
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TABLE  I 

FREQUENCIES  OF  BUILT-UP  BOX 

SYMMETRICAL  BENDING  ANTISYMMETRICAL  TORSION 


MODE 

EXP. 

CPS 

ELEM., 

CPS 

“EXACT”. 

CPS 

MODE  EXP, 
CPS 

ELEM., 

CPS 

“EXACT” 

CPS 

1 

18.! 

18.4 

18.0 

1 64.7 

63,0 

63.3 

2 

84.7 

10 1.0 

86.4 

2 194.0 

189.0 

194.0 

3 

176.0 

247.0 

181.0 

3 31 3.0 

315.0 

332.0 

4 

271.0 

458.0 

285.0 

TABLE  n 

FREQUENCIES  OF  HOLLOW  TUBE 


SYMMETRICAL  BENDING  ANTISYMMETRICAL  TORSION 


MODE 

EXP, 

CPS 

"EXACT” 

CPS 

CORR., 

CPS 

MODE 

EXP, 

CPS 

"EXACT” 

CPS 

CORR., 

CPS 

1 

68.7 

70.2 

70.2 

1 

301.0 

377.0 

316.0 

2 

342,0 

348,0 

328.0 

2 

455.0 

1133,0 

485.0 

3 

572.0 

761.0 

586.0 

3 

648.0 

191 1.0 

705.0 

• • 
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COMPARISON  BETWEEN  THEORETICAL  AND  EXPERIMENTAL  STRESSES 
IN  CIRCULAR  SEMIMONOCOQUE  CYLINDERS 
WITH  RECTANGULAR  CUTOUTS 
By  Harvey  G.  McCcmb,  Jr.,  and  Emmet  F.  Low,  Jr. 
Langley  Aeronautical  Laboratory 


INTRODUCTION 


In  an  effort  to  provide  better  procedures  for  estimating  the  stresses 
about  doors,  windows,  and  other  openings  in  airplane  fuselages,  a method 
of  stress  analysis  has  been  developed  for  handling  cutouts  in  circular 
semimonocoque  cylinders  - a type  of  structure  which  approximates  many 
large  fuselages.  This  method  of  analysis  was  described  in  detail  in  ref- 
erence 1.  Calculations  have  now  been  carried  out  which  enable  direct 
comparisons  to  be  made  between  this  theory  and  test  resxilts.  The  theory 
is  summarized  and  a few  comparisons  between  theoretical  stresses  and  the 
results  of  tests  conducted  at  the  Langley  Aeronautical  Laboratory  are 
presented. 


THEORY 


A typical  structure  of  the  type  for  which  this  theory  was  developed 
is  shown  in  figure  1.  It  consists  of  a thin-walled  circular  cylinder 
stiffened  by  rings  circumferentially  and  by  stringers  in  the  axi a1  direc- 
tion. The  rings  and  stringers  divide  the  shell  or  skin  into  rectangxilsir 
panels  which  are  called  shear  panels.  The  cutout  is  rectangular;  it 
removes  a number  of  shear  panels  and  interrupts  the  corresponding 
stringers.  The  theory  can  be  used  for  any  external  loading  where  the 
stress  distribution  in  the  cylinder  without  a cutout  is  known.  Some  of 
these  loadings  are  illustrated  in  figure  1;  for  instance,  torque,  bending, 
shear,  and  axial  load  are  show. 


In  the  development  of  the  theory  it  has  been  assumed  that  this 
stiffened  shell  is  viniform  and  relatively  long  in  comparison  with  the 
length  of  the  cutout.  It  is  ailso  assumed  that  the  skin  takes  al  1 the 
shear  stresses  and  the  stringers  carry  all  direct  stresses  - two  assump- 
tions which  are  usually  made  in  the  stress  analysis  of  stiffened  shell 
structures.  A fiarther  assumption  is  that  the  shear  stress  is  constant 
within  a given  shear  panel  and  represents  the  average  shear  within  that 
panel . 
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It  is  common  practice  in  fuselage  analysis  to  assume  that  the  rings 
do  not  deform  in  their  own  planes.  However,  in  the  present  theory  the 
bending  flexibility  of  the  rings  in  their  own  planes  has  been  talcen  into 
account;  and,  as  will  be  seen,  this  factor  is  important  in  the  calcula- 
tion of  stresses  about  cutouts. 

The  fundamental  idea  of  the  method  of  analysis  is  that  the  stress 
distribution  in  a stiffened  cylinder  with  a cutout  can  be  represented 
as  a superposition  of  two  stress  fields  - the  stresses  which  would  exist 
in  the  structure  if  it  did  not  have  a cutout  and  the  stress  perturbations 
which  arise  because  of  the  cutout.  Certain  so-called  perturbation  stress 
distributions  can  be  superposed  on  the  stresses  in  the  cylinder  without 
a cutout  in  such  a manner  as  to  annihilate  the  effects  of  that  portion  of 
the  cylinder  which  would  lie  within  the  cutout. 

In  general,  three  kinds  of  perturbation  stress  distributions  are 
sufficient  to  handle  rectangular  cutouts  in  circular  semimonocoque  cyl- 
inders. These  perturbation  stress  distributions  are  the  stresses  asso- 
ciated with  the  three  loadings  shown  in  figure  2.  These  loadings,  called 
perturbation  loads,  are  imposed  on  a uniform  stiffened  cylinder  infinite 
in  length.  The  concentrated  perturbation  load  consists  of  a concentrated 
force  applied  to  one  stringer  of  the  shell  at  its  intersection  with  a 
ring.  The  shear  perturbation  load  consists  of  uniformly  distributed 
forces  applied  to  the  portions  of  stringers  and  rings  which  border  one 
shear  panel  of  the  cylinder  as  shown  in  the  upper  right-hand  sketch  of 
figure  2.  The  distributed  perturbation  load  consists  of  a single  uni- 
formly distributed  force  applied  to  a portion  of  one  stringer  extending 
between  two  adjacent  rings. 

The  most  difficult  part  of  the  analysis,  that  of  finding  the  shear 
flows  and  stringer  loads  due  to  these  perturbation  loads,  has  been  done 
mathematically,  and  the  results  can  be  presented  in  talr^lar  form.  With 
the  help  of  such  tables,  the  analysis  of  a cylinder  w i a cutout  is  not 
difficult.  The  calculation  of  the  necessary  tables  i a wide  range  of 
structural  properties  has  been  carried  out  on  an  IIM  c aT*d-Programmed 
Electronic  Calculator  and  the  results  are  given  in  reference  2. 

The  theory  is  sufficiently  versatile  to  account  for  the  effects  of 
shear  and  stringer  reinforcement  about  the  cutout  without  any  essential 
increase  in  difficulty  in  the  analysis.  On  the  other  hand,  this  theory 
does  not  appear  to  be  entirely  suitable  for  taking  into  consideration 
fuselage  pressurization.  The  axial  component  of  internal  pressure  can 
be  handled  satisfactorily.  However,  in  the  idealization  on  which  the  ^ 

theory  is  based,  circumferential  loads  in  the  skin  are  lumped  into  the 
rings;  therefore,  a detailed  calculation  of  the  redistribution  about  a 
cutout  of  hoop  stresses  arising  from  pressurization  is  beyond  the  scope 
of  this  theory. 
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TESTS 


A test  program  was  carried  out  at  the  Langley  Aeronautical  Laboratory 
to  provide  data  for  checking  methods  of  stress  analysis.  Figure  5 illus- 
trates the  specimen  which  was  tested.  The  test  cylinder  was  cantilevered 
from  the  backstop  and  it  could  be  loaded  in  various  ways  at  the  free  end. 
Extensive  testing  was  done  on  this  specimen  under  several  loading  condi- 
tions and  with  successively  larger  cutout  sizes.  Strain  measurements 
were  made  in  the  vicinity  of  the  cutout  with  resistance  wire  strain  gages. 


COMPARISONS 


Numerous  comparisons  have  been  made  between  theory  and  test,  and  a 
few  of  these  are  shown  in  figures  5^  and  6.  In  figure  4,  there  is  shown 
a corapsirison  between  calculated  and  e3q>erimental  shear  stresses  in  the  net 
section  of  a cylinder  under  torque  loading.  The  sketch  in  the  upper  right- 
hand  comer  of  the  figure  is  a cross  section  through  the  cutout.  The  cut- 
out extends  around  90°  of  the  circumference.  The  circles  are  test  points 
measured  by  strain  gages  located  at  the  center  of  successive  shear  peinels 
in  the  circumferential  direction.  The  dashed  line  represents  the  shear 
stress  which  would  occur  if  the  cutout  did  not  exist  - calculated  from 
elementary  torsion  theory.  The  broken  stepwise  line  is  the  theoretical 
resiat  if  the  deformations  of  the  rings  are  neglected,  that  is,  if  the 
rings  are  considered  to  be  rigid  - a common  practice  in  fuselage  analysis. 
The  solid  stepwise  line  represents  the  theoretical  shear  stresses  when 
the  bending  flexibility  of  the  rings  in  their  own  planes  is  taken  into 
account.  The  theoretical  curves  are  drawn  in  the  step  fashion  because 
in  the  theory  the  shear  is  assumed  to  be  constant  between  stringers.  The 
abrupt  jumps  occur  at  the  stringer  locations  where  theoretically  there 
exists  a sudden  change  in  shear  stress.  It  is  seen  that  there  is  good 
agreement  between  the  flexible -ring  theory  and  the  test  points.  When  the 
flexibility  of  the  rings  is  neglected,  the  effect  of  the  cutout  is  carried 
too  far  around  the  cylinder.  The  influence  of  ring  flexibility  on  the 
shear  stresses  shown  in  this  figure  is  rather  typicEil  of  eill  the  shear 
comparisons  which  have  been  made  in  that  the  sharp  stress  peaks  and  high 
gradients  are  more  accurately  defined  and  the  disturbance  due  to  the  cut- 
out decays  more  rapidly. 


In  figure  5 is  shown  stringer  stresses  at  the  ring  bordering  the  cut- 
out in  the  structure  of  figure  4.  The  loading  condition  again  is  torque. 
The  circles  are  test  points.  The  broken  line  is  the  theoretical  result 
when  ring  deformations  are  neglected,  and  the  solid  line  shows  theoretical 


results  when  ring  bending  flexibility  is  accounted  for.  If  there  were  no 
cutout  in  the  structure,  the  stringer  stresses  would  be  zero  under  this 
loading  condition.  Again,  there  is  good  agreement  between  experiment  and 
the  flexible -ring  theoiy. 


Another  loading  condition  is  represented  in  figure  6 which  also 
illustrates  some  effects  of  cutout  size.  In  figure  6 are  represented 
stresses  in  a cantilevered  cylinder  loaded  at  the  tip  hy  a shear  load 
as  indicated  by  the  arrow  in  the  sketch  at  the  upper  right.  If  the  cut- 
out is  a fuselage  side  door  located  aft  of  the  wing,  this  loading  condi- 
tion is  caused  by  a down  load  on  the  tail.  The  stresses  that  are  plotted 
are  shears  in  the  net  section.  The  measured  stresses  indicated  by  squares 
and  circles  are  obtained  from  strain  gages  located  in  the  center  of^the 
shear  panels,  as  before.  The  squares  are  for  a cutout  extending  ^0 
around  the  circumference  of  the  cylinder  and  the  circles  are  for  a^ 

90°  cutout.  Both  of  the  theoretical  curves  are  the  result  of  flexible- 
ring  theory.  It  is  seen  that  increasing  the  size  of  the  cutout  along 
the  circimiference  increased  the  concentration  of  shear  stress  at  the 
cutout,  but  had  little  influence  on  the  shears  on  the  other  side  of  the 
cylinder  - l80°  from  the  cutout  center  line. 


CONCLUDING  REMAEKS 


Many  other  comparisons  have  been  made  between  the  theory  and  experi- 
ments carried  out  at  the  Langley  Aeronautical  Laboratory,  and  satisfactory 
agreement  similar  to  that  illustrated  in  the  preceding  figures  is 
exhibited.  It  appears,  therefore,  that  a relatively  simple,  rational 
method  for  estimating  the  stresses  about  cutouts  in  circular  semimonocoque 
cylinders  under  many  loading  conditions  is  now  available. 
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DEFLECTION  ANALYSIS  OF  LOW-ASPECT-EATIO  WINGS 
By  J.  Lyell  Sanders,  Jr.,  and  Manuel  Stein 
Langley  Aeronautical  Laboratory 


INTROEUCTION 


One  iniportant  structural  problem  brought  on  by  the  advent  of  the 
low- aspect-ratio  wing  is  the  development  of  an  adequate  load-deflection 
analysis  for  use  in  predicting  the  static  and  dynamic  aeroelastic 
behavior  of  the  airplane.  It  is  generally  recognized  that  simple-beam 
theory  is  inadequate  for  the  analysis  of  delta  wings.  On  the  other  hand, 
any  brute-force  methods  for  attacking  such  a complicated  structure 
woiold  involve  so  much  computing  that  it  would  be  inpractical . Any  prac- 
tical analytical  method  must  be  a reasonable  compromise  between  accuracy 
and  amoTint  of  work.  Since  the  amount  of  work  involved  is  'likely  to  be 
large  in  any  case,  the  method  should  present  a well-organized  procedure 
starting  from  raw  data  readily  available  to  the  engineer  and  it  should 
also  be  tailored  to  take  advantage  of  high-speed  automatic  computers. 
Several  analytical  approaches  to  the  solution  of  the  problem  have  been 
set  forth  within  the  last  three  years  in  papers  by  Schuerch,  Levy,  and 
Williams,  all  of  them  based  on  the  analysis  of  an  idealized  structure. 
(See  refs.  1 to  5.)  Other  people  have  investigated  the  possibilities 
of  analog  methods,  but  these  will  not  be  discussed  in  this  paper. 


DISCUSSION 


In  the  so-called  "wide  beam"  theory  proposed  by  Schuerch,  the  wing 
is  idealized  into  a bundle  of  alternating  beams  and  torsion  tubes  tied 
together  with  rigid  ribs  (fig.  l) . In  this  theory  a system  of  ordinary 
differential  equations  analogous  to  the  simple-beam  equations  is  written 
from  the  conditions  of  equilibrim  at  each  chordwise  section.  The  theory 
is  a generalization  of  simple-beam  theory  that  takes  approximate  account 
of  the  important  effects  of  low  aspect  ratio. 

Levy,  and  also  later  Schuerch,  has  presented  a method  in  which  the 
wing  is  broken  down  into  a gridwork  of  interlocking  beams  representing 
the  bending  stiffness  of  the  spars,  ribs,  and  sheet  plus  a system  of  tor- 
sion boxes  representing  the  shear  resistance  of  the  sheet  (fig.  2). 

The  deflections  under  load  of  the  structure  as  a whole  can  be  found  from 
the  load-deflection  characteristics  of  the  various  components  together 
with  the  requirement  that  the  distortions  of  the  components  be  compatible 
when  fitted  together. 


In  either  of  these  two  idealizations  the  shear- carrying  capacity 
and  direct- stress-carrying  capacity  of  the  sheet  are  separated  as  is 
often  done  in  the  analysis  of  semimonocoque  structures.  However^  the 
approximation  can  only  he  expected  to  he  accurate  when  the  covers  are 
thin.  Williams  has  introduced  a method  appropriate  for  wings  with 
thick  skin  and  numerous  light  internal  stiffeners.  The  theory  is  essen- 
tially a modified  plate  theory  and  Williams  has  outlined  a systematic 
method  for  solving  the  appropriate  equations  hy  making  use  of  automatic 
computers . 

Roughly  speaking,  the  relation  of  the  methods  introduced  hy  Schuerch, 
Levy,  and  Williams  to  the  method  to  he  discussed  in  this  paper  is  that 
whereas  they  siirplified  the  problem  hy  idealizing  the  structure,  the 
method  of  this  paper  analyzes  the  real  structirre  hut  assimes  that  it 
deforms  in  an  idealized  way.  The  success  of  the  method  depends  on  the 
possibility  of  choosing  simple  yet  accurate  expressions  to  approximate 
the  displacements  of  the  material  points  of  the  structirre  under  the 
expected  loads. 

The  choice  made  was  motivated  hy  the  plate-like  appearance  of  a 
delta  wing.  The  displacements  of  all  points  are  assumed  to  he  given  in 
terms  of  the  deflection  of  a neutral  surface  (fig,  3)*  As  a further 
approximation  it  is  assumed  that  the  chords  defonn  into  parabolas.  This 
assunption  was  successfully  used  in  a theory  for  the  analysis  of  solid 
cantilevered  delta  wings  developed  hy  Relssner  and  Stein  (see  refs.  4 and 
5)  a few  years  ago  and  there  is  reason  to  believe  it  will  he  successful 
for  built-up  wings  also,  provided  there  is  s-ufflclent  restraint  to  pre- 
vent large  chordwise  bending.  Therefore,  the  deflection  of  the  neutral 
siorface  is  assumed  to  he  given  in  terms  of  the  equation 

w = 00 + y0i(^)  + 

where  0q,  0^,  and  02  are  arbitrary  functions  of  x. 

It  is  assumed  that  normals  to  the  neutral  surface  remain  normal  dur- 
ing deformationj  hence,  the  strains  and  also  the  strain  energies  of  all 
the  component  parts  of  the  wing  are  completely  determined  in  terms  of  w. 

Before  the  method  is  outlined  in  detail,  the  final  results  will  be 
anticipated.  In  the  first  place,  a particularly  convenient  way  in  which 
to  present  the  load-deflection  characteristics  of  a wing  is  in  the  form 
of  a matrix  of  influence  coefficients,  A set  of  influence  coefficients 
gives  the  deflection  at  a chosen  niomber  of  reference  points  on  the  wing 
due  to  ■unit  loads  at  these  reference  points.  Of  course,  the  influence 
coefficients  depend  on  how  the  wing  is  assumed  to  be  supported  whether  it 
is  cantilevered,  supported  at  a number  of  fixed  points,  or  attached  to  a 


flexible  fuselage.  Since  there  are  so  many  possible  kinds  of  support, 
it  woiild  be  difficult  to  set  up  a standard  procedure  for  finding  influ- 
ence coefficients  unless  it  is  possible  to  choose  a standard  kind  of 
•support.  Fortunately,  this  tiirns  out  to  be  the  case.  Once  influence 
coefficients  are  found  with  respect  to  the  standard  kind  of  support, 
they  can  be  modified  in  a simple  way  to  give  the  influence  coefficients 
for  any  other  kind  of  support.  Usually  two  sets  of  influence  coef- 
ficients are  found,  namely,  those  for  symmetric  deflections  and  those 
for  antisymmetric  deflections. 

The  kinds  of  supports  chosen  in  these  two  cases  are  shown  in  fig- 
;are  k.  From  a practical  viewpoint  these  supports  look  rather  artificial, 
but  these  choices  were  motivated  by  a desire  for  mathematical  simplicity. 
In  the  symmetric  case  the  wing  is  clamped  at  the  middle  of  the  trailing 
edge.  In  the  antisymmetric  case  the  wing  is  simply  supported  at  two 
symmetrically  placed  points  along  the  trailing  edge  and  at  one  point 
along  the  center  line. 

In  order  to  find  an  appropriate  set  of  equilibrium  equations  in 
which  the  unknowns  are  0q,  02.j  02^  principle  of  mini  mum  poten- 

tial energy  is  used.  The  strain  energy  of  the  whole  wing  is  found  by 
adding  up  the  strain  energies  of  all  the  conponents.  The  energy  of  the 
covers  is  foTind  as  though  they  were  the  face  plates  of  a sandwich  plate 
and  the  energies  of  the  ribs  and  spars  are  obtained  from  the  standard 
formula  for  the  energy  of  a bent  beam.  In  these  expressions  all  deriv- 
atives are  approximated  by  standard  difference  forms  and  the  integra- 
tions are  replaced  by  finite  sums  according  to  the  trapezoidal  rule. 

Thus,  the  final  expression  for  the  total  potential  energy  of  the  wing 
involves  the  unknown  values  of  0q,  0^_,  and  02  at  a number  of 

equally  spaced  stations  along  the  span  and  also  certain  coefficients  or 
section  properties  at  discrete  stations  together  with  terms  arising  from 
the  loads. 


Minimizing  the  potential  energy  with  respect  to  the  unknown  values 
01^  02  at  the  station  points  leads  to  a set  of  linear 

algebraic  equations  which  can  be  written  in  the  following  matrix  form; 
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or 

[A]  [0]  = [p]  (It) 

The  p's  on  the  right  of  equations  (l)  are  generalized  loads  derived  from 
the  potential  energy  of  the  loads.  For  p\uT>oses  of  application,  the  rather 
involved  derivation  that  leads  to  this  equation  need  not  he  repeated.  The 

form  of  the  matrix  W has  heen  worked  out  in  the  symmetric  and  anti- 
symmetric cases  for  arbitrary  arrangement  of  the  internal  structure  of  the 
wing. 


For  exanqale,  the  submatrix  in  the  symmetric  case  is  given 

by  the  following  equation: 

where  is  a purely  numerical  matrix  and  ji)J  * transpose 


of 


pi 


2 -2  1 
1-2  1 


1 -2 
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(3) 


The  matrices  within  parentheses  (eq.  (2))  depend  on  the  properties  of  the 
wing.  The  matrix  JaJ  is  a diagonal  matrix  where  the  elements  are  given 

by  the  integral  from  the  trailing  edge  to  leading  edge,  at  a given  sta- 
tion n along  the  span,  of  the  stiffness  D of  the  covers  considered  as 
an  air-filled  sandwich  plate: 
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The  stiffness  matrix  of  a typical  span  entering  into  the 

summation  is  shown  below: 


[Ps]  " 


|Ps,0 


=s,l 


(6) 


where 


>,n  = (Els)n 


(7) 


The  elements  depend  on  the  stiffness  of  the  spars  at  the  station  points 
along  the  span.  (Elg)j^  is  the  stiffness  of  the  sth  span  at  station  n 

and  ctg  is  the  angle  of  sweep  of  that  spar.  The  other  submatrices  in 
W are  formed  in  a similar  way  but  are  slightly  more  complicated. 

The  hardest  part  of  the  conputation  comes  in  inverting  the 
matrix  [A].  However,  the  operation  can  be  done  with  the  help  of  commonly 
available  automatic  computing  machines.  Once  this  is  acconplished  the 
generalized  deflections  0 are  given  in  terms  of  the  generalized  loads  p 
as  shown 


m = [^]-"  w (8) 

The  problem  is  essentially  solved  at  this  point.  From  here  it  is  an  easy 
step  to  get  the  final  matrix  of  influence  coefficients.  The  required  set 
of  influence  coefficients  are 


[g]  = [e]'  [a]-i  [e]  (9) 

where  is  a matrix  which  converts  generalized  loads  into  concentrated 

loads  and  generalized  displacements  into  displacements  at  particular 
points.  The  matrix  [H^  depends  on  the  coordinates  of  the  chosen  refer- 
ence points  on  the  plan  form  of  the  wing. 


CONCLUDING  REMARKS 


A sinrple  procedure  has  been  worked  oixt  for  finding  symmebric  or 
antisymmetric  influence  coefficients  for  the  wing  attached  to  a flexible 
fuselage  by  using  the  basic  sets  of  influence  coefficients  resulting  from 
the  present  method.  The  only  additional  information  needed  is  a set  of 
Influence  coefficients  for  the  fuselage  with  the  points  of  attachment  as 
reference  points. 

The  application  of  the  method  is  more  or  less  cut  and  dried  and  the 
results,  being  in  the  form  of  influence  coefficients,  are  handy  for  sub- 
sequent calculations.  The  computations  Involved  are  arranged  such  as  to 
mnVp  efficient  use  of  automatic  computing  machines. 

A rather  thorovigh  test  program  to  obtain  experimental  influence  coef- 
ficients, modes,  and  frequencies  of  a typical  delta  wing  built  up  of  ribs, 
spars,  and  covers  is  being  undertaken  and  comparisons  between  the  test 
results  and  the  predictions  of  several  theories  including  the  present  one 
will  be  made. 
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EXPERBffiNTAL  AMALYBIS  OF  MULTICELL  WINGS 
BY  MEANS  OF  ELASTIC  MODELS 
By  George  ¥,  Zender 
Langley  Aeronautical  Laboratory 


SIMIAEY 


The  stresses  and  deflections  of  a plastic  model  of  a delta  multicell 
wing  are  presented  and  con^pared  with  theoretical  results  obtained  by  the 
use  of  the  Cal— Tech  analog  conputer.  The  ccoparison  indicates  that  valu- 
able information  may  be  obtained  for  experimental  structural  analyses 
frcm  tests  of  plastic  models. 


INTRODUCTION 


The  problems  associated  with  low  aspect  ratio  and  high  sweep  have 
introduced  difficulties  which  require  extensive  theoretical  analyses 
and  the  use  of  intricate  automatic  ccmputing  machines  in  the  structural 
analysis  of  aircraft  wings.  Such  conpli cations  introduce  considerable 
theoretical  •uncertainty  and  increase  the  danands  for  experimental  e-val- 
uation of  the  structure,  A method  of  experimental  analysis  which  boj; 
been  ^^seful  in  the  past  involves  the  testing  of  scaled  models  made  of 
plastic.  Such  a method  has  been  -used  by  Redshaw  a-nd  Palmer  (ref.  l)  to 
obtain  results  directly  applicable  to  a full-scale  aircraft,  whereas 
other  investigators  have  ob-tained  information  useful  in  the  analysis  of 
various  conponents  of  the  structure.  Nevertheless,  the  plastic-model 
approach  is  often  rejected  because  of  the  peculiar  properties  of  the 
plastic  material.  Hie  National  Advisory  Committee  for  Aeronautics 
made  some  tests  using  plastic  models,  and  it  is  the  purpose  of  this 
paper  to  show  the  methods  which  were  enployed  to  account  for  the  pecu- 
liarities of  the  material  and  to  present  some  of  the  results  which  have 
been  obtained. 


DISCUSSION  OF  TECHNIQUES 


Considerable  information  on  the  properties  of  thermoplastic  materials 
has  been  published  by  manufacturers.  In  general,  such  data  Indicate  that 
for  experimental  purposes  the  tenperature  should  be  relatively  low  and 
closely  controlled,  and  the  humidity  should  be  maintained  reasonably 
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constant.  In  addition,  the  material  experiences  creep  when  subjected  to 
stress  and  the  severity  of  the  creep  is  dependent  upon  the  stress  level. 

An  exairple  of  the  type  of  results  which  are  obtained  from  a struc- 
t\jre  made  of  one  of  the  thermoplastic  materials  is  shown  in  figure  1. 

The  model  in  this  case  is  a cantilever  box  beam  constructed  “ inch 

Plexiglas  I-A  sheet,  has  a 2-inch  width  and  depth,  is  20  inches  long,  and 
has  ribs  located  every  2 Inches  along  the  length.  The  beam  was  tested  in 
bending  in  an  air-conditioned  room  at  a temperature  of  68°  F . The  strain 
near  the  root  was  obtained  on  the  tensile  side  of  the  beam,  and  a time 
history  of  the  strain  at  three  stress  levels  is  shown.  The  circles  show 
the  strains  for  the  lowest  stress  level  when  the  stress  at  the  gage 
location  was  235  psi.  After  15  minutes  the  load  was  removed,  and  the 
gradual  tendency  of  the  beam  to  relieve  itself  of  strain  is  shown.  The 
cycle  was  repeated  for  stress  levels  of  705  Psi  and  9^  psl,  and  it  is 
noted  that  more  time  Is  required  for  the  beam  to  relieve  Itself  of 
strain  as  the  stress  level  is  increased. 

For  experimental  work  it  would  be  desirable  to  avoid  stresses  of 
the  magnitudes  shown  by  the  vipper  ciirve  in  figure  1 since  the  strain 
does  not  reach  a constant  level.  Tests  are  sometimes  performed  at  such 
levels  by  waiting  several  minutes  after  loading  before  taking  measure- 
ments in  order  to  avoid  the  region  of  the  primary  effects  of  creep,  and 
then  unloading  to  permit  the  struct\ire  to  relieve  Itself  of  strain  before 
proceeding  to  the  next  loading.  In  most  cases,  however,  it  is  possible 
to  limit  the  maximimi  stresses  to  lower  stress  levels  than  those  shown 
by  the  upper  curves  of  figure  1 emd  to  perform  the  test  in  the  maimer 
shown  in  figure  2.  In  this  test  the  beam  was  loaded  at  small  stress 
increments  of  l62  psi  without  unloading  the  beam  between  successive 
loadings.  It  is  noted  that  essentially  constant  strains  were  obtained 
except  for  the  648  and  8l0  psl  stress  levels.  Therefore,  if  it  were 
possible  to  limit  the  maximum  stresses  to  about  500  psi,  it  would  appear 
permissible  to  perform  the  tests  without  unloading  between  successive 
loadings.  The  modulus  of  elasticity  necessary  for  converting  strains  to 
stresses  may  be  obtained  from  tests  of  an  elementary  beam,  such  as  the 
beam  shown  in  figures  1 and  2,  constructed  from  samples  of  the  same 
sheet  material  ^lsed  in  the  plastic  model. 


COMPARISON  OF  EXPERIMENTAL  AND  ANALOG  RESULTS 


By  using  the  experience  gained  from  the  tests  of  the  simple  box 
beam  presented  in  the  first  two  figures,  a plastic  delta-wing  model  was 
constructed  and  tested.  The  design  selected  was  one  analyzed  theoreti- 
cally by  MacNeal  and  Benscoter  (ref.  2)  with  the  use  of  the  Cal -Tech 
analog  conputer.  The  idealized  structure  analyzed  by  the  analog  computer 


was  ‘believed  closely  representative  of  the  actual  structure;  however, 
no  experimental  verification  had  been  obtained  and  it  was  possible  that 
such  information  might  be  provided  by  a plastic-model  test.  The  plan 
form  of  the  delta  wing  and  the  stresses  obtained  are  shown  in  figure  3, 

The  wing  as  analyzed  by  the  analog  con5>uter  has  a 90-inch  semispan 
and  an  80-inch-chord  line  at  the  root.  The  leading  edge  sweeps  back  at 
^5°  and  the  wing  has  a biconvex  cross  section.  The  maximum  thickness  is 
a constant  5 inches  in  the  carry-through  section  and  tapers  frcsn  5 inches 
at  the  root-chord  line  to  2 inches  at  the  tip.  The  cover  thickness  is 
0.l6  inch  and  the  interior  of  the  wing  is  broken  up  into  cells  by 
0.ll4- inch-thick  spars  and  ribs.  The  wing  is  supported  along  the  root- 
chord  line  indicated  by  the  solid  line.  The  plastic  model  was  constructed 
to  three-eighths  the  scale  of  these  dimensions  and  was  made  of  Plexiglas 
I-A  sheet  material.  The  stresses  obtained  on  the  plastic  model  were  made 
conparable  with  the  analog-conputer  stresses  by  means  of  a similarity 
factor  determined  from  the  scale  factor  of  the  models.  The  results  are 
shown  for  three  loading  cases:  a tip  load  at  the  trailing  edge,  a tip 

load  at  the  leading  edge,  and  a torque  loading  at  the  tip.  The  plastic - 
model  stresses  along  the  root-chord  line  shown  by  the  test  points  agree 
well  with  the  analog-computer  stresses  shown  by  the  curves  for  each  of 
the  loading  cases. 

Figure  4 shows  the  deflections  of  the  wing  for  the  same  three 
loadings.  The  deflections  are  shown  for  three  spanwise  locations  as 
identified  by  the  three  types  of  test  points.  Again,  the  agreement  of 
the  results  is  good,  which  Indicates  that  most  likely  both  the  plastic- 
model  results  and  the  analog-cocputer  results  are  correct  for  this  par- 
ticular design. 


CONCLUDING  EMARKS 


One  distinct  advantage  which  favors  the  plastic-model  approach  is 
that  models  may  be  constructed  very  similar  to  the  actual  design,  whereas, 
in  most  theoretical  structural  analyses,  an  idealized  or  s\ibstltute  struc- 
ture is  assumed  in.  order  to  simplify  the  mathematics.  In  the  case  of  the 
relatively  sinple  delta  design  presented  here,  the  idealized  or  substitute 
structure  analyzed  by  the  analog  canputer  was  accurately  representative  of 
the  actual  structure.  In  practice,  however,  many  cases  exist  where  the 
proper  idealization  of  the  actual  structure  for  theoretical  purposes  is 
uncertain.  In  such  cases,  the  behavior  of  the  structure  might  be  obtained 
from  tests  of  plastic  models . It  is  believed  that  a more  general  use  of 
plastic  models  for  experimental  structural  analyses  could  contribute 
valuable  information  for  some  of  the  problems  now  associated  with  aircraft 
structures . 
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EFFECT  OF  RIVETED- JOINT  GEOMfcJJiHY  ON  STRENGTH 


OF  STIFFENED  PLATES  IE  COMPRESSION 
By  James  P.  Peterson  and  Joseph  W.  Semonian 
Langley  Aeronautical  Laboratory 


Although  rivets  are  used  extensively  to  fasten  the  wehs  and  stringers 
to  the  congjression  cover  of  aircraft  vings,  no  generally  accepted  method 
exists  for  determining  the  pitch  and  diameter  of  these  rivets.  In  order 
to  provide  a solution  to  this  problem,  the  NACA  has,  in  recent  years, 
tested  a large  number  of  short  compression  panels  to  study  the  variation 
of  panel  strength  with  changes  in  riveting.  At  various  times  as  data 
were  accumulated,  design  criteria  based  on  an  evalmtion  of  the  data  were 
published.  (See,  for  example,  ref.  1.)  The  use  of  these  criteria  gener- 
ally produces  conservative  designs  and  in  some  cases  overly  conservative 
designs.  More  recently,  these  data  have  been  reevaluated,  and  a method 
for  designing  the  rivets  in  the  compression  cover  of  aircraft  wings  that 
is  easy  to  apply  and  gives  good  correlation  with  experiment  has  been 
developed.  This  paper  reviews  some  aspects  of  recent  studies;  the  details 
of  the  studies  are  given  in  reference  2. 

In  order  to  understand  the  method,  it  is  helpful  to  have  a concept 
of  the  various  local  modes  of  failure  of  sheet -stringer  panels  in  com- 
pression or  multiweb  beams  in  bending.  These  modes  are  illustrated  in 
figure  1 where  a c\irve  of  failing  stress  for  a given  panel  is  plotted 
against  rivet  pitch  — the  only  structural  dimension  being  varied.  Below 
the  curve  are  photographs  of  three  panels  that  have  been  tested  to  fail- 
ure in  conpression.  Each  photograph  represents  a distinct  and  different 
mode  of  failure;  the  names  of  the  modes  are  labeled  above  the  curve. 

When  the  rivet  pitch  is  small,  the  panel  buckles  in  the  local  mode; 
this  mode  is  characterized  by  consecutive  in-then-out  buckles  as  one  pro- 
gresses either  across  or  up  and  down  the  panel.  The  panel  fails  as  a 
resxilt  of  the  growth  of  the  local  buckles,  and  such  failures  are  referred 
to  as  failure  by  local  crippling  or  failiare  in  the  local  mode.  These 
failures  occur  at  the  highest  stress  level  attainable  in  riveted  struc- 
tures that  are  short  enough  so  that  the  column  bending  mode  can  be 
neglected,  yet  long  enou^  so  that  the  various  local  modes  can  form  freely 
without  end  effects.  The  curve  of  stress  against  pitch  is  drawn  horizon- 
tal for  this  mode,  indicating  that  the  failing  stress  is  relatively  inde- 
pendent of  riveting  as  long  as  the  riveting  is  adequate  to  force  fail\ire 
in  the  local  mode.  Consequently  it  is  particularly  Informative  to  know 
the  riveting  required  to  force  failure  in  the  local  mode;  any  additional 
riveting  is  useless  unless  it  is  needed  to  satisfy  some  other  design 
criterion  such  as  shear  strength. 
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On  the  next  section  of  the  curve,  wrinkling  or  forced-crippling- 
type  instability  occiars.  This  type  of  instability  is  characterized  by 
troughs  and  crests  extending  across  the  cover,  and  failixre  results  when 
the  cover  crushes  or  lifts  away  from  the  Z-stringers  or  channel  webs  that 
support  it.  The  wrinkling  mode  has  often  been  mistaken  for  the  next  mode 
shown  in  the  figure  — the  interrivet  mode.  The  interrivet  mode  becomes 
the  predominant  mode  when  the  rivet  pitch  is  approximately  equal  to  the 
length  of  the  buckles  in  the  wrinkling  mode  so  that  the  cover  separates 
from  the  stringers  or  webs  between  rivets.  In  the  wrinkling  mode  there 
is  no  separation  between  the  cover  and  its  supporting  members;  the 
flanges  of  the  supporting  members  follow  the  cover  contour  as  the  buckles 
grow  until  just  prior  to  failure.  At  failure,  there  may  or  may  not  be 
a separation,  depending  upon  the  riveting  and  the  panel  proportions  as 
well  as  the  amount  of  shortening  to  which  the  panel  is  subjected. 

Methods  of  analysis  of  the  wrinkling  mode  were  first  developed  for 
multiweb  beams  in  bending  and  are  reported  in  reference  3«  These  methods 
have  been  extended  to  include  sheet- stringer  panels  in  compression  and 
have  developed  to  the  extent  that  they  can  now  be  used  to  predict  the 
strength  of  multiweb  beams  and  sheet- stringer  panels  quite  accurately. 

(See  ref.  2.)  The  strength  of  these  structures  is  highly  dependent  upon 
the  flexibility  of  the  riveted  attachment  between  the  cover  and  the  webs 
of  the  Z-stringers  or  channel  webs  that  support  the  cover.  That  is,  if 
the  attachment  is  flexible,  it  is  easy  for  the  troughs  and  crests  to  form 
and  grow,  and  as  a consequence  they  will  form  and  grow  at  a low  stress 
level.  The  analysis  makes  use  of  a new  dimension,  termed  "the  effective 
rivet  offset,"  which  is  a measure  of  the  flexibility  of  the  riveted 
attachment.  Figure  2 illustrates  some  of  the  more  important  struct\jral 
dimensions  that  influence  the  flexibility  of  the  riveted  attachment;  they 
are  the  geometric  rivet  offset  Iq,  the  rivet  pitch,  and  the  rivet  diam- 
eter. The  effective  rivet  offset  f can  be  considered  to  be  a corrected 
or  effective  value  of  the  geometric  offset  Iq.  It  has  been  evaluated 

enq)irically  in  terms  of  the  dimensions  shown  in  figure  2 from  a large  num- 
ber of  tests  on  sheet- stringer  panels  and  multlweb  beams.  Figure  5 shows 
values  of  the  effective  rivet  offset  f divided  by  the  web  thickness 
plotted  against  the  ratio  of  pitch  to  diameter  of  the  attachment  rivets 
for  various  values  of  the  geometric  rivet  offset  divided  by  the  web  thick- 
ness. It  was  found  that  changes  in  the  attachment  flexibility  resulting 
from  changes  in  the  pitch  and  diameter  of  the  rivets  could  be  accounted 
for  by  changes  in  the  single  rivet  parameter  pltch/dlameter,  making  the 
simple  presentation  shown  in  figure  3 possible.  The  only  way  that  the 
rivet  pitch,  diameter,  and  location  enter  strength  calculations  is  through 
the  value  of  effective  rivet  offset  f obtained  from  this  figure.  That 
value  is  valid  only  if  the  rivets  satisfy  an  additional  simple  tensile 
strength  criterion  that  has  been  developed  and  is  given  by  formula  (ll) 
of  reference  2.  If  the  rivets  do  not  satisfy  the  strength  criterion,  a 
rivet  failure  will  occur  in  place  of  a panel  failure.  The  strength  cri- 
terion is  relatively  easy  to  satisfy  and  will  not  determine  the  size  and 


spacing  of  rivets  for  most  designs,  indicating  that  the  stiffness  of  the 
attachment  governs  tlie  design  rather  than  the  rivet  strength.  This  may 
seem  contrary  to  experience  for  many  observers  but  actually  it  is  not. 

The  rivet  failxires  observed  in  most  cases  actually  occvit  after  the  struc- 
t\ire  has  reached  maximum  load  in  the  wrinkling  mode. 

Figure  5 does  not  illustrate  very  effectively  the  changes  in  struc- 
tural strength  associated  with  changes  in  the  various  riveting  parameters. 
Two  additional  figures  vhich  better  Illustrate  these  changes  have  been 
prepared.  They  were  prepared  using  figure  3 as  a design  chart.  The 
first  of  these  figures  (fig.  presents  curves  of  stress  against 
riveting  geometry  somewhat  similar  to  figure  1,  except  the  Interrivet- 
mode  section  of  the  curve  is  omitted.  The  curves  are  drawn  for  the 
7075-T6  (formerly  75S-T6)  aluminum- alloy  panel  whose  dimensions  are  indi- 
cated in  the  figure.  The  top  c\irve  of  figure  ^4-  represents  the  panel  with 
a rivet  offset  of  5 veb  thicknesses.  This  offset  is  representative  of 
design  practices  where  the  designer  is  consciously  attenipting  to  keep  the 
offset  small.  As  the  rivets  are  spaced  closer  together,  the  strength  of 

the  panel  increases  until  the  rivets  are  spaced  at  6i  diameters.  This 

riveting  is  adequate  to  force  failure  in  the  local  mode,  and  a further 
decrease  in  rivet  spacing  does  not  result  in  an  increase  in  failing  stress. 
The  curve  representing  the  panel  with  an  offset  of  7 web  thicknesses  indi- 
cates that  increasing  the  offset  by  2 web  thicknesses  makes  an  appreciable 
reduction  in  failing  stress  at  any  given  rivet  spacing  and  indicates  that 
with  the  increase  in  offset  it  takes  a rivet  pitch  of  k diameters  to 
obtain  the  local  crippling  strength  of  the  panel.  With  an  offset  of 
9 web  thicknesses,  it  is  inpossible  to  obtain  the  local  crippling  strength 
of  the  panel.  The  curves  are  stopped  at  a pitch  of  2 diameters  because,  at 
this  pitch,  rivet  heads  normally  touch  one  another. 

Consider  the  sketch  of  the  panel  in  figure  k and  imagine  a series 
of  panels  obtained  by  changing  the  distance  between  stringers  bg.  As 

the  stringer  spacing  is  made  smaller  and  smaller,  the  panel  will  fall 
at  higher  and  hi^er  stresses.  The  riveting  required  to  force  local 
crippling  of  the  panel  will  also  change  with  changes  in  stringer  spacing, 
and  figure  5 shows  the  riveting  required  to  force  local  crippling  of  such 
a series  of  panels  with  a rivet  offset  of  5 web  thicknesses.  The 
riveting  required  to  force  a local- crippling  failure  for  the  panel  repre- 
sented by  the  top  curve  in  figure  t is  indicated  in  figure  5 at  a value 

of  bg^g  of  40  and  a pitch-diameter  ratio  of  6^.  It  will  be  noted 

that  as  t»g/tg  is  decreased  and  the  panel  becomes  stronger,  the  rivet 

pitch  required  to  force  local  crippling  goes  from  about  7 diameters  at 
bg/bg  = 50  to  3 diameters  at  bg/tg  = 20.  Shown  for  comparison  is  the 

cvtrve  for  similar  2024-T3  (formerly  2^S-T3)  alviminum-alloy  panels.  Here 
again,  in  going  from  the  weaker  2024 -T3  aluminum-alloy  panels  to  the 


stronger  7075-T6  aluminum- alloy  panels,  closer  riveting  is  required  to 
force  a local- crippling  fallirre.  The  curves  in  this  figure  are  drawn 
for  a relatively  small  rivet  offset.  Had  a larger  off set  been  used,  the 
values  of  the  pitch-diameter  ratio  required  would  have  been  considerably 
less. 


In  summary,  a method  of  strength  analysis  of  structual  components 
such  as  short  sheet-stringer  panels  in  compression  and  multiweb  beams  in 
bending  has  been  developed.  The  method  is  simple  to  apply  and  takes  into 
accomit  the  effect  that  the  riveted  attachments  between  the  plate  and  its 
supporting  members  have  on  the  strength  of  the  structure.  The  use  of  the 
method  permits  the  influence  of  rivet  pitch,  diameter,  and  location  on 
structural  strength  to  be  calculated. 
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MDnMJM-VffilGHT  STRUCTURES  FOR  WINGS  OF 


GIVEN  STRENGTH  AND  STIFFNESS 
By  B.  Walter  Rosen  and  Roger  A.  Anderson 
Langley  Aeronautical  Laboratory 


Efficiency  diagrams  derived  on  a strength-weight  basis  for  certain 
ccmponents  of  a wing  structxire  are  in  common  use,  althoiogh  they  are  in 
many  cases  not  directly  applicable  in  the  determination  of  minimum-weight 
wing  design.  The  purpose  of  this  report  is  to  define  a type  of  structural 
efficiency  diagram  which  considers  the  entire  compression  structure  of  a 
wing  and  permits  the  determination  of  the  mlxilmum- weight  design  that  sat- 
isfies both  strength  and  stiffness  requirements.  The  use  of  the  diagram 
is  demonstrated  by  several  weight  comparisons. 

A ccanmon  type  of  strength  efficiency  diagram  is  illustrated  in  fig- 
ure 1.  A plot  of  this  type  is  used  to  show  the  efficiency  with  which 
plates  supported  at  width  b can  transmit  a compressive  load  per 
inch  P^.  As  in  all  efficiency  charts,  a measure  of  weight  is  plotted 

against  a parameter  which  incorporates  the  design  conditions  for  the 
structure.  Here,  failing  stress  is  plotted  logarithmically  against  the 
plate  structural  index  Pq^b.  For  a plate,  stress  is  inversely  propor- 
tional to  weight. 

The  curve  for  flat  plates  of  7075-T6  (formerly  75S-T6)  alimiinum  alloy 
which  will  be  used  as  the  reference  material  in  the  comparisons  to  follow 
is  presented.  If  plates  of  this  material  are  integrally  stiffened  to 
improve  their  resistance  to  buckling,  this  efficiency  can  be  Improved  as 
is  shown  by  this  curve  for  integrally  stiffened  waffle  plates.  The  curve 
of  equivalent  stress,  or  maximm  load  divided  by  the  average  cross- 
sectional  area,  against  the  structural  index  indicates  the  resulting 
weight  saving.  The  distance  between  the  arrows  represents  a 10-percent 
weight  change  at  any  point  on  the  logarithmic  plot.  Both  of  these  ciirves 
are  for  plates  made  of  an  efficient  material  for  low-temperature 
application. 

For  elevated-temperature  applications,  other  materials  must  be  used 
and  the  diagram  of  figure  1 can  be  used  to  indicate  the  plate  efficiency 
of  these  materials.  Thus,  the  lowest  curve  is  for  a heat  treated 
SAE  steel  plate  at  600°  F.  Maximimi  average  stress  has  been  multi- 

plied by  the  ratio  of  densities  of  aluminum  and  steel  to  yield  an  equiv- 
alent stress  for  a direct  weight  comparison  with  these  alumlntmi-alloy 
plates.  The  increased  stiffness  of  steel  is  offset  by  the  increased 
density,  res\ilting  in  the  large  weight  increases  indicated  by  this  dia- 
gram for  plates  at  elevated  temperatures. 
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Wlien  the  efficiency  of  plate  elements  of  a structure  is  viewed  in 
this  manner,  indicated  changes  in  structural  weight  tend  to  he  exaggerated 
because  resistance  to  buckling  is  the  onli-  consideration.  The  usefulness 
of  this  plot  lies  in  the  fact  that  qualitative  effects  of  basic  changes 
are  immediately  apparent.  However,  the  weight  change  of  a wing  structure 
which  resiilts  from  these  differences  in  plate  efficiency  will  be  influenced 
by  the  type  of  structure  in  which  the  plate  is  used.  This  will  be  shown 
by  comparison  with  the  structiiral  efficiency  analysis  of  multiweb  wing 
construction. 

A maximum  strength  analysis  of  mialtiweb  design  under  a bending  moment 
has  been  made  and  has  been  substantiated  by  n\mierous  tests  of  fabricated 
multiweb  beams. 

The  webs  are  of  the  minimum  thickness  required  to  prevent  failure 
under  the  crushing  loads  resulting  from  beam  bending  and  to  prevent  desta- 
bilization of  the  cover  due  to  web  buckling.  The  results  of  the  analysis 
are  shown  in  figure  2.  Again  a measure  of  weight  has  been  plotted  against 
a measure  of  loading  intensity.  These  efficiency  curves  show  the  solid- 
ity as  a fimction  of  the  structural  index  Mj^^H^.  The  design 

bending  moment  per  chord wise  inch  is  Mi,  and  H is  the  wing  depth.  The 
index,  then,  incorporates  the  design  conditions  for  strength  \mder  a 
bending  moment.  The  symbol  Aj^  is  the  average  cross-sectional  area  per 

chordwise  inch  of  the  compression  skin  and  supporting  members.  The  solid- 
ity is  the  ratio  of  area  of  compression  and  support  material  to  total 
cross-sectional  area  of  the  structural  box;  the  lower  the  value,  the  less 
the  weight.  Stress  is  not  an  adequate  measure  of  efficiency  for  this 
structure . 

In  order  to  lend  perspective  to  this  diagram  (fig.  2)  the  weight  of 
a fictitious  structure  consisting  of  two  unsupported  cover  skins  acting 
at  the  compressive  yield  stress  has  been  calculated  and  is  given  by  the 
line  labeled  "MAX.  EFF.".  Actual  structures  will  be  of  greater  weight 
than  such  a structure  because; 

(1)  Cover  skins  for  most  proportions  have  maximimi  stresses  below  the 

yield  stress  because  of  local  instability. 

(2)  Web  material  is  needed  to  support  the  covers. 

Wing  stiffness  requirements  are  usually  met  by  specifying  a minimum 
skin  gauge;  therefore,  skin  thickness  is  treated  as  a primary  variable. 
Each  of  the  curves  in  figure  2 is  for  a different  ratio  of  wing  depth  to 
skin  thickness.  Low  values  of  H^tg  correspond  to  shallow  thick-skin 

wings;  high  values,  to  deep  or  thin-skin  wings.  For  given  design  condi- 
tions, each  curve  represents  a different  skin  thickness  tg.  Along  one 
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curve  of  constant  tg,  the  deviation  from  a horizontal  line  represents 

the  weight  increase  resulting  from  increasing  weh  weight  required  to  sta- 
bilize the  covers  to  higher  stresses. 

For  each  loading  intensity,  there  is  one  skin  thickness  that  yields 
minimum  wei^t.  The  curve  of  optimum  skin  thicknesses  is  the  lower  enve- 
lope to  these  CTirves  and  it  represents  minim\jm  structural  weight  from  a 
strength  viewpoint  alone.  This  envelope  curve  is  essentially  what  has 
been  calculated  by  previous  investigators  of  the  strength-weight  problem 
(for  example,  ref.  1).  Fig'jre  2 shows,  in  addition,  weight  changes 
resulting  from  changes  in  skin  thickness  dictated  by  wing  stiffness 
requirements . 

In  most  regions  of  the  chart,  increasing  skin  thickness  ^that  is, 
decreasing  H^tg^  results  in  increased  weight.  For  such  proportions  the 

minimum  skin  thickness  that  meets  stiffness  requirements  will  be  the  most 
efficient  one  that  can  be  used.  It  is  of  interest  to  note  however  that, 
in  certain  regions,  increasing  skin  thickness  results  in  decreased  weight. 
In  such  ranges,  the  envelope  value  of  skin  thickness  will  be  most  effi- 
cient for  stiffness  as  well  as  strength. 

The  structural  proportions  corresponding  to  each  point  on  these 
curves  can  be  determined  readily  with  the  aid  of  a simple  auxiliary  dia- 
gram. The  cui*ves  as  presented  are  utilized  in  much  the  same  manner  as 
the  commonly  used  plate  efficiency  plot  (fig.  l);  that  is,  for: 

(1)  Determining  minimum  weight  for  given  design  conditions 

(2)  Determining  weight  penalties  associated  with  the  use  of  non- 

optimimi  proportions 

(3)  Comparing  the  weight  of  this  type  of  wing  construction  to  ainy 

other. 

The  latter  application  is  illustrated  in  figure  3 using  the  same 
materials  for  comparison  that  were  used  on  the  plate  efficiency  chart 
(fig.  1).  The  solid-line  curves  in  figure  3 are  taken  from  figure  2 and 
are  presented  for  several  H^tg  values.  The  arrows  again  indicate  a 

10- percent  weight  change. 

One  type  of  construction  considered  for  comparison  utilizes  the 
aforementioned  \raffle  plates  of  7075-T6  alimlnum  as  cover  skins  of  a 
multiweb  wing.  This  results  in  decreased  weight  in  certain  design  ranges 
as  shown  by  the  long-dashed-line  curves.  The  torsional  stiffness  of  the 
waffle  cover  beams  is  the  same  as  that  of  the  solid  cover  beams  of  the 
H/tg  values  shown.  Waffle  covers  permit  increased  web  spacing  for  a 
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given  cover  load.  This  permits  the  weh  material  to  satisfy  more  effi- 
ciently the  buckling  and  crushing  requirements.  As  wing  depth  increases, 
webs  become  a greater  portion  of  the  total  structirre  and  the  savings  in 
web  weight  result  in  an  increasingly  larger  saving  in  overall  wing  weight 
as  shown  by  the  larger  gap  between  the  curves  for  H^tg  of  50  as  com- 
pared to  those  for  H^tg  of  50.  It  is  seen  that  the  weight  savings  indi- 
cated by  the  plate  efficiency  chart  (fig.  1)  are  difficult  to  achieve. 

Next  consider  a structure  made  of  the  previously  discussed  steel  for 
use  at  600°  F.  The  short-dashed-line  curves  represent  optimum  steel 
multlweb  beams  having  the  same  torsional  stiffness  as  room-temperat\ire 
7075-T6  beams  with  the  H^tg  values  indicated.  Thus,  there  is  roughly 

a factor  of  3 between  the  skin  thicknesses  associated  with  corresponding 
curves.  The  solidity  values  for  the  steel  wings  take  into  accomt  the 
density  difference  so  that  this  is  a direct  weight  comparison.  For  the 
deep  steel  wings,  buckling  is  more  of  a problem  than  for  the  corresponding 
alnmimiTn-al  1 ny  wings.  Hence,  more  webs  are  required  at  a given  loading 
intensity  and  they  cause  the  rapid  increase  in  weight  shown.  These  weight 
^.ifferences  are  of  the  same  order  of  magnitude  as  those  shown  on  the  plate 
efficiency  chart.  For  the  shallow  thick-skin  beams,  however,  buckling  is 
not  as  serious  a problem  and  web  weight  is  a small  portion  of  total  weight. 
Thus,  for  high-speed  aircraft  with  severe  stiffness  requirements,  the 
indicated  weight  differences  between  steel  wings  at  600°  F and  alumln\mi- 
alloy  wings  of  the  same  stiffness  at  room  temperature  are  rather  small 
for  a large  range  of  index  values. 

So  far,  the  efficiency  of  several  types  of  multiweb  wing  construc- 
tion has  been  considered.  It  is  also  of  interest  to  determine  the  ranges 
for  efficient  use  of  mxiltiweb  construction  as  compared  with  skin-stringer- 
rib  construction.  For  this  purpose,  the  extensive  test  aata  available 
for  stiffened  panels  have  been  used  to  determine  optimum  proportions  of 
skin-stringer  wings.  The  effects  of  varying  each  of  the  panel  dimensions 
have  been  considered.  The  skin-stringer-rib  efficiency  chart  resulting 
from  these  computations  is  shown  in  figure  4.  The  parameters  are  the 
same  as  those  used  in  the  multiweb  efficiency  study.  Skin  thickness  is 
a primary  variable  as  before  and,  in  addition,  rib  weight  must  be  explic- 
itly considered.  Hence,  rib  spacing  as  well  as  stiffener  size  and  spacing 
have  been  optimized.  The  results  indicate  that,  from  a maximum-strength 
viewpoint,  there  is  no  envelope  to  the  curves  and  thin-skin  construction 
is  always  most  efficient,  neglecting  shear-lag  effects.  Hence,  torsional 
stiffness  requirements  will  govern  the  cover-skin  thickness. 

The  band  associated  with  the  H^tg  value  of  30  represents  typical 
variations  resulting  from  assumed  rib  weight.  These  particular  compu- 
tations assumed  rib  weight  to  be  a simple  function  of  the  amount  of  mate- 
rial in  the  compression  panel.  The  value  of  va.s  varied  from  0.2 

to  0.4  where  t_  is  the  rib  thickness  of  an  equivalent  flat-sheet  rib 
K 


• • 

• • • 


5 


• • 
• • 


• • 


and  t is  the  average  or  smeared  out  thickness  of  the  compression  panel. 
Thus  doubling  the  rih  thickness  causes  approximately  a 10-percent  change 
in  overall  weight. 

Figure  5 shows  the  weight  comparison  between  high-strength  aluminum- 
alloy  multiweb  and  panel-type  constructions.  Solid-line  curves  are  for 
multiwebs  and  dashed-line  curves  for  skin- stringer  wings.  For  deep  wings, 
as  would  be  expected,  panels  show  higher  efficiency  than  multiweb  wings. 
For  about  an  H^tg  value  of  it  . is  seen  that  the  two  types  could  be 

used  with  essentially  the  same  structural  efficiency.  In  this  region, 
the  choice  of  construction  will  be  influenced  by  various  production  con- 
siderations. For  shallow  thick-skin  wings,  multiweb  construction  is 
most  efficient. 

The  comparisons  presented  demonstrate  that  an  efficiency  analysis 
must  consider  the  entire  compression  structure  of  a wing  including  both 
strength  and  stiffness  requirements.  The  establishment  of  optimum  pro- 
portion ciirves  such  as  those  of  figure  2 over  the  complete  range  of  the 
design  parameters  permits  a rather  simple  evaluation  of  minimum-weight 
design  and  of  the  effects  on  structural  weight  of  any  deviations  there- 
from, idiether  such  deviations  be  in  the  form  of  changed  dimensions,  dif- 
ferent materials,  or  other  types  of  construction. 
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EFFICIENCY  CURVES 
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Figiire  1 


EFFICIENCY  CURVES 
7075-T6  MULTIWEB  WINGS 


Figure  2 


MINIMUM-WEIGHT  COMPARISONS 
MULTIWEB  WINGS 


Figure  3 


EFFICIENCY  CURVES 
7075-T6  SKIN-STRINGER  WINGS 
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COMPARISON  OF  MULTIWEB  AND 
SKIN-STRINGER  WING  EFFICIENCY 

MULT  I WEB 


Figure  5 
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SOME  OBSERVATIONS  ON  LOSS  OF  STATIC 
STRENGTH  DUE  TO  FATIGUE  CRACKS 
By  Walter  lUg  and  Herbert  F.  Hardrath 
Langley  Aerona\itical  Laboratory 


SUMMARI 


Static  tensile  tests  were  performed  on  sin5)le  notched  specimens  con- 
taining fatigue  cracks.  Foior  types  of  aluminum  alloys  were  investigated: 
2024-T5  (formerly  24S-25)  and  7075-T6  (formerly  T5S-T6)  in  sheet  form, 
and  202l^-Tl^■  (formerly  2l<-S-T4)  and  7075-T6  (formerly  75S-T6)  in  extruded 
form.  The  cracked  specimens  were  tested  statically  under  four  conditions: 
vmnodified  and  with  reduced  eccentricity  of  loading  by  three  methods. 
Results  of  static  tests  on  C-Jf6  wings  containing  fatigue  cracks  are  also 
reported. 

It  was  found  that  the  static  strength  of  7075  alminiim  alloy  was 
scmewhat  more  sensitive  to  fatigue  cracks  than  was  that  of  2024  niiimirmm 
alloy.  There  was  little  difference  between  the  behavior  of  extnaded  nnrt 
sheet  material  in  the  same  alloy.  In  cases  where  the  eccentricity  of 
loading  was  minimized,  the  effective  stress-concentration  factor  for  a 
fatigue  crack  at  static  failure  was  approximately  1.53.  The  bullt-t^) 
wing  structure  was  found  to  have  somewhat  better  strength  properties 
than  single -element  parts  for  two  reasons:  (l)  the  adjoining  structviral 

elements  provided  restraints  which  minimized  the  eccentricity  of  loading 
on  the  falling  section,  and  (2)  the  load  was  probably  redistributed 
among  the  varioiis  elements  during  progressive  failure  in  the  wing. 


INTRODUCTION 


One  problan  of  extreme  practical  interest  which  arises  as  the  result 
of  the  formation  of  a fatigue  crack  of  finite  size  is  the  prediction  of 
the  static  strength  of  a member  containing  such  a crack.  Certain  failures 
of  aircraft  in  service  and  a very  limited  laboratory  Investigation  indi- 
cated very  serious  loss  of  static  strength  due  to  rtivlI  1 fatigue  cracks. 
Other  than  this.  Information  pertinent  to  this  problem  in  aircraft  struc- 
tural materials  is  very  sketchy. 


In  order  to  provide  such  information,  the  Structures  Research 
Division  of  the  Langley  Aeronauticsil  Laboratory  has  begun  a systematic 
study  of  loss  of  static  strength  due  to  fatigue  cracks  in  simple  speci- 
mens. Figure  1 shows  the  configuration  of  the  specimens  used  in  this 
inve  s t igation . 


AH  DRA  I'H 


TESTS  MD  SPECIMENS 


The  specimens  were 
12  inches  between  grips 


2i 


inches  wide  and  they  had  a free  length  of 

Two  semicircular  notches  with  a " inch  radius 

o 


were  used  to  aid  crack  initiation.  The  net  width  in  the  test  section 
was  1.5  inches.  Four  materials  were  tested;  2024  and  7075  aluminum 
alloys  in  both  sheet  and  extruded  forms. 


The  sheet  material  was  O.O75  inch  thick  and  the  extruded  material 
was  0.125  inch  thick.  The  specimens  were  subjected  to  repeated  axial 
tensile  loads  producing  average  net  section  stresses  not  greater  than 
55,000  pounds  per  square  inch.  At  least  100,000  cycles  were  required  to 
produce  cracks  of  the  desired  length.  The  cracks  were  measured  prior  to 
static  test  with  the  aid  of  a toolmaker's  microscope.  Inspection  of  the 
surface  after  failure  revealed  a sharp  contrast  between  fatigue-cracked 
and  statically  failed  sections  and  indicated  that  the  cracks  had  been 
measured  with  less  than  1-percent  error.  More  elaborate  methods  of 
checking  crack  depths  were,  therefore,  not  used.  The  specimens  were 
then  subjected  to  static  test  to  determine  the  remaining  static  tensile 
strength.  The  maximum  tensile  load  was  reached  after  necking  occurred 
at  the  ends  of  the  cracks  but  before  the  crack  lengths  increased  to  a 
noticeable  extent.  Since  the  crack  proceeded  from  only  one  side  of  a 
specimen  in  nearly  all  cases,  the  static  load  was  eccentric  with  respect 
to  the  remaining  material.  The  effect  of  this  eccentricity  on  the 
restilts  will  be  discussed  subsequently. 


EESULTS  MD  DISCUSSION 


Figure  2 presents  some  of  the  results  obtained  in  tests  of  7075“"^ 
sheet  specimens.  The  ordinate  is  the  static  strength  of  a cracked  sped 
men  expressed  as  a percentage  of  the  static  strength  of  an  uncracked 
specimen.  The  abscissa  is  the  percent  of  the  original  axea  remaining. 
The  dashed  line  represents  the  strength  of  a cracked  specimen  based  on 
the  assumption  that  the  loss  of  strength  is  equal  to  the  loss  of  area. 
The  symbols  represent  test  points.  The  loss  of  static  strength  was 
found  to  be  much  greater  than  the  loss  of  area  over  the  complete  range 
of  the  tests.  The  effect  is  most  marked  in  the  early  stages  of  crack 
growth.  For  Instance,  when  the  net  section  was  reduced  to  90  percent, 
the  strength  was  reduced  to  50  percent. 

A similar  plot  (fig.  5)  presents  a comparison  between  results  of 
tests  on  2024-T4  and  7075-^6  extrusions.  The  curve  for  7075"^^ 
essentially  the  same  as  that  shown  previously  for  7075“^  sheetj  simi- 
larly, the  curve  for  the  2024-T3  sheet  is  essentially  the  same  as  that 
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for  extrusion  shown  in  figure  5,  The  strength  of  the  202h  materials 
appears  to  have  been  reduced  somewhat  less  than  the  strength  of  the  7075* 

In  contrast  to  these  tests  on  sinple  specimens,  the  Loads  Calibration 
Section  of  the  Langley  Aeronautical  Laboratory  has  performed  static  tests 
of  C-l|-6  wings  which  were  subjected  to  fatigue  loading  until  varying 
amounts  of  tension  material  had  been  tested  to  failure.  The  results  of 
these  tests  are  presented  in  figure  If.  In  this  case  the  static  strength 
of  the  wing  containing  no  fatigue  cracks  is  the  strength  of  the  wing  as 
estimated  for  a tensile  failure.  One  specimen,  containing  a crack  which 
removed  3 percent  of  the  tension  material  in  the  critical  cross  section, 
failed  by  buckling  of  the  con5)ression  cover  at  a load  8 percent  lower 
than  that  predicted  for  tensile  failure  in  a new  wing.  The  remaining 
specimens  failed  in  tension,  and  for  cracks  penetrating  less  than  50  per- 
cent of  the  material,  the  reduction  in  strength  is  approximately  eq^ual 
to  that  which  would  be  predicted  by  loss  of  area  alone.  These  results 
contrast  sharply  with  the  results  of  tests  on  sin^jle  specimens  previously 
described. 


In  figure  h,  the  points  with  tails  represent  cases  where  the  crack 
penetrated  one  or  more  spar  caps  or  their  connections  during  the  fatigue 
loading.  This  large  loss  of  primary  structural  material  causes  a large 
increase  in  the  eccentricity  of  loading  and  a large  decrease  in  the  wing- 
secti.on  properties.  When  such  radical  structural  changes  are  considered, 
the  large  deviations  of  the  C-46  wings  containing  cracks  which  penetrated 
less  than  50  percent,  from  predictions  based  on  a simple  analysis  such  as 
represented  by  the  dashed  line,  are  probably  expected. 

Two  inportant  differences  in  test  conditions  appear  to  be  among  the 
factors  responsible  for  the  greater  strength  of  the  C-k6  wings  containing 
cracks  less  than  50  percent.  First,  in  the  sinple  specimens  the  fatigue 
crack  was  almost  always  initiated  on  only  one  side  of  the  specimen  and 
this  crack  generally  grew  during  the  static  test.  The  resulting  eccen- 
tricity of  loading  undoubtedly  contributed  to  the  reduction  In  the  static 
strength.  For  small  cracks  in  the  C-46  wing,  the  eccentricity  of  loading 
on  the  failing  section  is  minimized  by  a very  large  effective  moment  of 
inertia  to  resist  bending  in  the  plane  of  the  coverj  therefore  somewhat 
better  strength  might  be  expected.  Second,  in  the  case  of  the  C-46  wing 
with  small  cracks,  whenever  a given  element  fails,  the  load  it  carried 
may  be  shared  by  other  elements  which  do  not  contain  fatigue  cracks. 
Depending  upon  the  relative  stiffnesses  of  the  various  elements,  the 
remaining  parts  may  carry  more  load  than  they  were  carrying  previously. 

In  the  sin5)le  specimens,  the  stress  is  shifted  to  the  neighboring  mate- 
rial, but  a very  high  stress  concentration  as  a result  of  the  crack  is 
still  present. 


The  effect  of  eccentricity  of  loading  in  sinple  specimens  was 
studied  by  modifying  specimen^jont^^ggfatigue  cracks  in  such  a way 
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that  the  bending  stress  on  the  failing  section  was  at  least  partially 
eliminated.  This  was  accQD5)lished  in  three  ways  as  shown  in  figure  5. 

The  first  sketch  of  the  figure  shows  an  unmodified  specimen  con- 
taining a fatigue  crack.  In  the  specimens  illustrated  by  the  second 
sketch,  material  was  r^oved  from  the  cracked  side  of  the  specimens  so 
that  the  depth  of  the  crack  was  eq.\jal  to  the  depth  of  the  notch  on  the 
other  side.  The  third  sketch  illustrates  those  specimens  in  which  a 
cut  was  made  with  a fine  jeweler's  saw  to  simulate  a crack  on  the  side 
opposite  the  fatigue  crack,  and  finally  the  fourth  sketch  shows  the 
specimens  shortened  to  inches  between  the  grips  Instead  of  12  inches 
as  in  the  other  specimens. 

The  results  for  20214— T5  sheet  are  shown  in  figure  6.  The  circles 
in  this  figure  represent  tests  on  unmodified  specimens,  and  the  triangles, 
sq.uaxes,  and  diamonds  represent  tests  in  which  the  specimens  were  modi- 
fied in  the  aforesaid  three  ways  to  reduce  the  eccentricity  of  loading 
and  thereby  the  bending  stress  on  the  failing  section.  The  results  of 
these  three  series  of  tests  are  essentially  the  same  and  show  a signi- 
ficant improvement  in  strength  over  most  of  the  range  of  the  tests. 

The  dashed  line  was  computed  on  the  as  sunlit  ion  that  the  stress  on  the 
failing  section  was  75  percent  of  the  original  ultimate  tensile  strength. 
In  other  words,  it  appears  that  the  effective  stress-concentration  factor 
of  a fatigue  crack  at  static  failure  was  about  1.53*  The  greater  reduc- 
tion of  strength  for  the  unmodified  specimens  was  evidently  due  to  the 
bending  stresses  set  up  by  unsymmetrlcal  loading.  This  eccentricity  was 
less  important  for  small  cracks  than  for  large  ones,  and  the  tests  indi- 
cated eq_uivalent  strengths  for  the  small  cracks. 


SUMMARY  OF  RESULTS 


Although  the  tests  performed  to  date  are  not  sufficient  to  arrive 
at  definite  relationships  for  loss  of  static  strength,  the  following 
qualitative  conclusions  seem  justified.  The  static  strength  of  7075 
aluminttm  alloy  was  somewhat  more  sensitive  to  fatigue  cracks  than  was 
that  of  2024  aluminum  alloy.  There  was  little  difference  between  the 
behavior  of  extruded  and  sheet  material  in  the  same  alloy.  In  cases 
where  the  eccentricity  of  loading  was  minimized,  the  effective  stress 
concentration  for  a fatigue  crack  under  static  load  was  approximately  1.33  • 
A conplex  structure  is  likely  to  have  somewhat  better  strength  properties 
than  single -element  parts  for  two  reasons:  (l)  the  adjoining  structural 

elements  usually  provide  restraints  which  minimize  eccentricity  of  loading 
on  the  failing  section,  and  (2)  the  load  is  probably  redistributed  among 
the  various  elements  during  progressive  failures. 


TYPICAL  SPECIMEN 


Figure  1 


EFFECT  OF  FATIGUE  CRACKS  ON  STATIC  STRENGTH 
7075-T6  SHEET 
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Figure  2 
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EFFECT  OF  FATIGUE  CRACKS  ON  STATIC  STRENGTH 

2024-T4  AND  7075“T6  EXTRUSIONS 
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Figure  3 


EFFECT  OF  FATIGUE  CRACKS  ON  STATIC  STRENGTH 
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Figure  4 


Figure  5 


EFFECT  OF  FATIGUE  CRACKS 
ON  STATIC  STRENGTH 
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Figure  6 


PRELIMINAKy  INVESTIGATION  OF  THE  FAILURE  OF 


PRESSURIZED  STIFFENED  CYLINDERS 
By  NoitIs  F.  Dow  and  Roger  W.  Peters 
Langley  Aeronautical  Laboratory 


INTRODUCTION 


The  failures  of  pressurized  fuselages  that  have  occurred  have  varied 
in  character  from  rather  minor  rupture  to  catastrophic  explosion  (ref.  1). 
The  factors  which  influence  the  seriousness  of  the  failure  aire  being 
investigated  in  the  Langley  structures  research  laboratory.  Various 
structural  configurations  and  loading  conditions  are  being  tested  in  an 
effort  to  determine  which  are  conducive  to  mild  failure  on  the  one  hand 
and  explosive  failure  on  the  other. 


SYMBOLS 


Ar 

L 

P 

R 

ts 

^cr 

•^Hoop 


p 

minimum  cross-sectional  area  of  ring,  in.*^ 

ring  spacing,  in. 

internal  pressure,  ksi 

radius  of  cylinder,  in. 

skin  thickness,  in. 

maximum  length  of  crack  that  can  be  tolerated  before  explosive 
failure  of  cylinder  occurs,  in. 

simple  hoop  tension  stress  in  skin,  pR/tg,  ksi 


TEST  SPECIMENS 


Two  cylinder  configurations  (fig.  l)  approximately  representative 
of  l/U-scale  models  of  fuselage  construction  have  been  studied  so  far. 

The  cylinders  are  identical  except  for  skin  gages  and  ring  spacings  - 
0.012-inch  skin  thickness  and  7* 5-inch  ring  spacing  on  the  first  cylinder 
and  0.040-inch  skin  thickness  and  15-inch  ring  spacing  on  the  second 
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cylinder.  The  rings  are  0.051“inch  spun  Z-sections^  inches  deep, 

notched  for  the  20  longitudinal  Z-section  stringers  to  have  a ring  cross- 
sectional  area  Ar  above  the  notch  of  O.O63  square  inch.  The  longitudi- 
nals are  0.040-inch-thick  extrusions  having  a web-width — thickness  ratio 


of  12i  and  an  outstanding  ratio  of  flange  width  to  web  height  of  0.4. 

The  cross-sectional  area  of  the  longitudinals  is  0.045  square  inch.  All 
material  is  2024-T5  or  2024-T4  (formerly  24S-T3  and  24S-T4,  respectively) 
aluminum  alloy. 


The  proportions  described  were  chosen  for  investigation  on  the 
basis  of  the  elementary  consideration  illustrated  in  figures  2 and  3- 


DESIGN  CONSIDERATIONS  FOR  TEST  SPECIMENS 


Analysis  of  the  failure  of  pressurized  cylinders  on  the  most  ele- 
mentary possible  basis  suggested  that,  if  a crack  opens  up  in  the  skin 
of  a cylinder,  it  must  grow  to  some  critical  proportion  of  the  distance 
between  rings  6cr/L  before  explosive  propagation  of  the  crack  occurs. 
According  to  this  highly  simplified  analysis,  the  critical  crack  length 
varies  from  zero,  when  the  hoop  tension  in  the  skin  is  equal  to  the 
ultimate  strength  of  the  material,  to  a length  equal  to  the  ring  spacing 
at  the  stress  at  which  the  rings  alone  have  sufficient  area  to  carry  the 
hoop-tension  load.  Thus,  at 
of  70  ksl. 


or 


= 1,  for  an  ultimate  tensile  strength 


pRL 

Ar 


= TO 


(1) 


pR 

4s 


(2) 


If  a linear  variation  with  stress  from  5cr/4  = 0 to  &cr/^  ~ ^ 

is  assumed,  the  critical  crack  length  depends  directly  upon  the  rein- 
forcement ratio,  that  is,  the  ratio  of  cross-sectional  area  in  the 
rings  Ar  to  the  associated  skin  area  Ltg.  Thus,  the  critical  crack 
length  at  a given  hoop  stress  is  longer  for  a large  value  of  AR/Ltg 
than  for  a small  value  of  the  reinforcement  ratio;  hence,  the  cylinder 
with  the  large  value  of  AR/Ltg  is  less  prone  to  explosive  failure. 


Because  this  analysis  is  oversimplified,  the  plotted  straight- 
line  relationship  (fig.  2)  for  critical  crack  length  should  perhaps  be 
regarded  as  an  Tipper  limit  or  maximum  value  which  can  never  actually  be 
achieved.  Such  factors  as  bulging  of  skin  between  rings  and  local  stress 
concentrations  probably  tend  to  reduce  the  length  of  crack  that  can  be 
tolerated  appreciably  below  that  given  by  the  strai^t-line  relationship. 

A rigorous  analysis  of  the  stress  distribution  along  the  cracked  skin  is 
required  to  establish  a true  critical -crack-length  criterion. 

However,  because  the  end  points  - that  is,  when  the  critical  crack 
length  to  ring  spacing  ratio  is  equal  to  one  - represent  rings  of  heavy 
enough  cross  section  to  carry  the  entire  hoop-tension  load  by  themselves 
with  the  skin  cracked  over  the  full  bay  length;  in  that  case,  this  singrli- 
fied  analysis  may  come  into  better  agreement  with  more  rigorous  analysis. 

With  these  end  points  (see  fig.  2)  as  a criterion,  for  example,  for 
a hoop  tensile  stress  much  above  7 ksi,  the  cylinder  with  the  0.040-inch 
skin  thickness  is  in  danger  of  having  a short  critical  crack  length  and 
hence  is  in  danger  of  explosive  failure,  whereas  for  a hoop  tensile  stress 
appreciably  less  than  40  ksi,  the  cylinder  with  the  0.012-inch  skin  thick- 
ness should  be  unlikely  to  explode  even  if  the  crack  grows  over  the  full 
distance  between  the  rings. 

With  hoop  tension  plotted  against  the  reinforcement  ratio  (fig.  3) 
as  given  by  the  end  points  of  the  curves  of  figure  2,  this  criterion 
thus  roughly  sTiggests  that  there  may  be  a boundary  between  regions  of 
slow  and  explosive  crack  propagation.  The  boTuidary,  drawn  in  figure  3, 
being  just  a crossplot  of  the  end  points  of  figure  2 represents  the  ring 
area  required  at  any  hoop  tension  to  carry  the  entire  hoop-tension  load 
with  the  skin  cracked  along  the  entire  bay  length,  as  calculated  from 
equation  (2). 

In  order  to  investigate  whether  the  regions  of  slow  and  explosive 
crack  growth  shown  in  figure  3 exist,  cylinders  of  the  proportions  previ- 
ously described  were  built  and  tested  at  identical  values  of  hoop  tension 
as  indicated  by  the  x point  representative  of  the  thick-skinned  cylinder 
and  tlK  circle  point  representative  of  the  thin-skinned  cylinder. 


DESCEIPTION  OF  TESTS 


The  tests  were  run  in  the  combined  load  testing  machine  of  the 
Langley  structures  research  laboratory  as  shown  in  figure  if. 

Internal  pressure  was  supplied  from  a hydraulic  puinping  Tonit  and 
held  constant  throughout  the  test.  A cycling  device  was  fitted  to  the 
torsion  loading  congronent  to  apply  cyclic  shear  at  the  2-inch  square 


cutout  in  the  center  of  the  cylinder  and  thus  induce  a fatigue  crack  in 
the  skin. 


In  the  test  of  the  0.012-inch  cylinder,  the  internal  pressure  was 
held  constant  at  the  value  required  to  give  a hoop  tensile  stress  of 
20  ksi.  A cyclic  torsion  loading  of  ±210  inch-kips  was  applied,  and 
the  first  crack  was  induced  at  the  upper  left-hand  corner  of  the  cutout 
after  28l  load  cycles.  (See  fig.  5-)  As  the  crack  gradually  grew,  more 
and  more  oil  was  pumped  into  the  cylinder  to  maintain  the  internal  pres- 
sure constant.  Eventually  cracks  opened  up  at  all  four  corners  of  the 
cutout  and  grew  to  such  a size  that,  at  maximum  pumping  capacity,  pres- 
s-ure  could  not  be  maintained;  and  the  test  was  terminated  after  528  load 
cycles. 


In  the  test  on  the  cylinder  with  the  0.0^0-inch  skin  at  the  same 
hoop  stress  of  20  ksi,  the  applied  torsion  was  ±820  inch-kips  in  order 
to  produce  stress  conditions  similar  to  those  existing  in  the  thinner 
skin  cylinder  under  a torque  of  210  inch-kips.  Again  the  crack  started 
at  the  upper  left-hand  corner  of  the  cutout.  (See  fig.  6. ) The  number 
of  cycles  before  cracking  in  this  case  was  I56.  The  crack  grew  rapidly 
with  succeeding  load  cycles,  but  before  it  had  progressed  very  far  the 
cylinder  exploded.  Explosion  occurred  at  zero  applied  torsion  load 


after  1^7^  load  cycles. 
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RESULTS  AMD  CONCLUDING  DISCUSSION 


Tests  of  two  cylinders  subjected  to  nearly  identical  stress  condi- 
tions and  constructed  with  identical  internal  reinforcing  stmcture 
except  for  ring  spacing  revealed  very  different  characteristics  as 
regards  crack  growth  for  the  two  specimens.  As  predicted  by  the  simple 
criterion  used  for  the  design  of  the  test  specimens,  the  thick-skinned 
cylinder  exploded  and  the  crack  in  thin-skin  cylinders  grew  in  a less 
destructive  manner.  Thus,  it  has  been  established  that  regions  of  slow 
as  well  as  explosive  crack  growth  exist  for  pressiirized  stiffened 
cylinders . 

Further  testing  will  be  required  to  clarify  the  factors  which 
determine  the  boundary  between  safe  and  unsafe  conditions  for  pres- 
surized cylinders  to  determine  accurately  where  the  boundary  lies  and 
to  determine  the  range  of  usefulness  of  such  a simplified  criterion  as 
that  used  herein.  That  the  range  of  application  of  this  criterion  must 
be  limited  to  some  extent  is  clear  since  it  obviously  does  not  apply, 
for  example,  to  completely  unstiffened  cylinders.  The  primary  objec- 
tives of  the  present  study  are  to  establish  the  relative  importance  of 
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• the  various  factors  involved  in  the  failure  of  pressurized  cylinders 

aind  to  determine  ways  - possibly  similar  to  the  method  of  this  paper  - 
of  evaluating  whether  a given  design  is  in  a safe  or  unsafe  region. 
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REGIONS  OF  SLOW  AND  EXPLOSIVE  CRACK  GROWTH 
2024-T3  STIFFENED  CYLINDERS 
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TEST  ARRANGEMENT  FOR  PRESSURIZED  CYLINDERS 


0 


GROWTH  OF  CRACK  IN  CYLINDER 
WITH  0.012-INCH  SKIN  THICKNESS 


GROWTH  OF  CRACK  IN  CYLINDER 
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